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CHAPTER 1 
INTRODUCTION 


This chapter introduces the handbook. Rocket systems are presented in two broad classes: military 
rocket systems and research rocket systems. Military rocket systems are discussed in terms of their 
application in a battle environment. Research rocket systems are discussed in terms of the application 
to provide the means of placing data gathering equipment into a desired environment. Operational 
modes for the rocket systems are described. Finally, brief descriptions of the remaining chapters and the 
appendices are given. 

1-1 PURPOSE OF HANDBOOK 

Aerodynamically stabilized free rockets offer relatively simple, reliable, small, low-cost means for 
delivering payloads and, when great accuracy is not required, are often the optimum systems. This 
handbook provides engineering design information and data for such rockets. Primarily, this hand¬ 
book is intended to cover the conceptual and preliminary design phases; however, reference is made to 
the technical approaches and computer programs required for the system development phase. The 
material includes operational and interface requirements as they influence the design of the total wea¬ 
pon system. The handbook provides 

1. The preliminary design engineer with specific design information and data useful in the rapid 
response situations required of preliminary design activities 

2. The specialist in each technical area an introduction to the other disciplines in terms of data 
requirements and trade-off studies that must be performed. 

Free flight rockets are those rockets that do not have an in-flight guidance system; they are aimed, 
guided, or directed by the launching device. These launchers usually have a launching rail or tube to 
provide initial direction to the rocket. Free flight rockets are of two basic kinds—spin stabilized and 
aerodynamically stabilized. The spin stabilized rocket, as the name implies, depends upon a high rate 
of spin and resulting gyroscopic moments to oppose disturbances. The aerodynamically stabilized 
rocket depends upon aerodynamic forces on the body and fins to oppose disturbing forces. The aero¬ 
dynamically stabilized rocket generally employs some spin to minimize dispersion caused by nonsym- 
metrical body characteristics (body asymmetries, fin misalignment, thrust misalignment, etc.). The 
data and concepts presented in this handbook are limited to aerodynamically stabilized free flight 
rockets. 

1-2 CLASSES OF FREE FLIGHT ROCKETS 

For the purposes of this handbook, rockets are discussed as either military rocket systems or research 
rocket systems. 

1-2.1 MILITARY ROCKET SYSTEMS 
1-2.1.1 General 

In general, military rockets are used to deliver some form of destructive warhead or other military 
payload such as smoke canisters or electronic beacons to a target. There are some exceptions, which 
will be discussed as logistic rockets. The types of military rockets most frequently used are described in 
the paragraphs that follow. 

1-2.1.2 Field Artillery 

Field artillery rocket systems are used in the same manner as artillery gun systems. They have 
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medium- and long-range capabilities and vary in size from small to very large rockets requiring heavy 
equipment for handling and loading. Indirect fire is the primary function of most artillery rocket 
systems. Examples of free flight field artillery rockets are Multiple Launch Rocket System (MLRS), 
HONEST JOHN, and LITTLE JOHN shown in Lig. 1-1. 

1-2.1.3 Infantry 

Infantry rocket systems are generally man-portable, direct-fire weapons usually smaller than field 
artillery rockets. Antitank rockets are the most common infantry rocket systems. They are designed to 
be carried by the individual soldier and fired from the shoulder. Many special factors must be consid¬ 
ered in such systems because the man and rocket are in such close proximity. The weapon must be 
light yet effective, and must be safe to handle and fire without endangering the user. Simplicity of 
operation is also a requirement of infantry systems. Examples of free flight infantry rockets are the 
LAW and VIPER shown in Eig. 1-2. 

1-2.1.4 Air Defense 

Air defense rocket systems are used primarily to protect the ground soldier and/or land areas from 
attack by enemy aircraft. Unlike air defense missiles, which are guided to enable the missile to 
maneuver, air defense free rockets are fired into an area in which the aircraft is or is expected to be. 
Sufficient numbers are fired to produce a lethal pattern. An example of a free flight air defense rocket 
is the LOKI shown in Eig. 1-1. 

1-2.1.5 Armor 

Rocket systems used by the armored forces are, in many instances, the same as those used by the 
infantry. The tank, armed with a direct-firing gun or rocket system, is the primary weapon fo the 
armored elements. Because tank weapons are used against may types of targets, a tank will carry 
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Figure 1-2. Examples of Small Free Flight Rockets 

1-2.1.6 Aviation 

Rocket systems are mounted on and fired from fixed- and rotary-wing aircraft, usually for close 
support of the ground soldier. The rockets may also be used for the defense of the attack aircraft. 
Design of airborne rockets is complicated by the fact that these rockets are fired from an elevated 
platform that is unstable and, in many instances, moving rapidly. Many additional factors must be 
considered in the design of aircraft rocket systems to permit the tactical performance desired without 
endangering the aircraft or crew. An example of a free flight aviation rocket is the 2.75-in. rocket 
shown in Fig. 1-2. 

1-2.1.7 Logistic 

The development of logistic rockets has not been significant to date. The role of the logistic rocket is 
to provide a fast, direct method of delivering supplies to a specified point. In concept, the payload, 
instead of being a destructive mechanism, is ammunition, medical, or other supply items. The payload 
separates and parachutes to the ground at the destination. An example of a logistic rocket is the 
LOBBER shown in Fig. 1-1. 

1-2.1.8 Other 

There are military applications of free flight rockets in addition to those just described. These 
include 

1. Tactical meteorological rockets for obtaining data necessary in artillery fire control 

2. Rockets for delivery of some type of electronic equipment to a specific point to mark a location 
or to transmit intelligence 

3. Rockets that produce smoke or other means of spotting or obscuring a target. 
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1-2.2 RESEARCH ROCKET SYSTEMS 
1-2.2.1 General 

Research rockets have the same general group of components as military rocket systems; the notable 
difference is the payload. Research rockets usually are designed to accomplish a mission from which 
technical data will be obtained. The purpose of the data is to further the understanding of some 
scientific discipline or phenomena. In this role, the payload becomes a device to gather data. Evalua¬ 
tion of the gathered data is often done at a later date. It may be necessary to recover the payload, 
thereby making a recovery system necessary. Means to prevent payload damage or destruction must be 
designed into the rocket system. 

1-2.2.2 Meteorological 

Aerodynamically stabilized free flight rocket systems are used to place sensing devices at various 
altitudes. Data providing information about the air, winds, temperature, radiation, and atmospheric 
moisture content of the Earth and other phenomena are obtained for use by the researcher. An example 
of a meteorological rocket is the WASP shown in Fig. 1-1. 

1-2.2.3 High-Altitude Sounding 

High-altitude sounding rockets are used to obtain specific information at altitudes ranging to several 
hundred miles above the surface of the Earth. These rocket systems and most meteorological rocket 
systems fly near vertical trajectories. The principal design goal for this type rocket is efficient attain¬ 
ment of altitude. The BLUE SCOUT JR. rocket shown in Fig. 1-3 is an example of a high-altitude 
sounding rocket. 

1-2.2.4 Satellites 

Aerodynamically stabilized free flight rockets may be- used to place a payload into Earth orbit. 
Rocket systems capable of placing a payload in orbit are usually multistage. Design and analysis of 
multistage rocket systems are not addressed in this handbook. The first stage and perhaps the second 
stage operate as unguided free rockets. The later stages are guided to permit maneuvering to attain the 
desired orbital path. The unguided phase of flight places the vehicle at some altitude from which the 
orbital phase can be initiated. The use of unguided rocket systems for the lower phases of flight can 
result in considerable savings in guidance hardware when very precise positioning is not required. The 
SCOUT shown in Fig. 1-3 is an example of a rocket capable of placing a satellite into orbit. 

1-2.2.5 Dispensing 

Dispensing rocket systems dispense materials—either for research or military purposes-at some 
point in the trajectory of the rocket. Examples are chaff-dispensing rockets, leaflet-dispensing rockets, 
smoke-dispensing rockets, and rockets to disseminate crystals of various substances for cloud seeding to 
induce rain. The chaff dispensers are used to put large quantities of very small metallic wires or strips 
in an area at some height above the ground. Leaflet rockets are used to deliver propaganda leaflets to 
areas not accessible from the ground. Although not in general use, cloud seeding rockets have been 
proposed, e.g., a rocket to dispense small pellets of dry ice into fog banks for fog removal over airports 
and similar areas. The rocket offers the advantage of delivering materials quickly, and its intrusion 
cannot be easily detected. The LOBBER shown in Fig. 1-1 can be used as a dispensing rocket. 

1-3 OPERATIONAL MODES 
1-3.1 GENERAL 

Aerodynamically stabilized free flight rockets may be designed for use in a number of ways. It is not 
the purpose of this handbook to discuss all the uses of rockets, but to present the most common uses of 
military systems. Accordingly, the paragraphs that follow will briefly describe the modes normally 
used for military rocket systems. Classification by operational mode is normal military practice and 
also provides a useful alternative and supplement to the classifications used in par. 1-2. 
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1-3.2 SURFACE TO SURFACE 

Surface-to-surface aerodynamically stabilized free flight rockets are launched from a point on the 
surface of the Earth to a target also on the surface. Most artillery, infantry, and armor rocket systems 
are used in this mode. They can range from small shoulder-fired rocket systems to large rockets fired 
from launchers requiring heavy transport equipment. 

1-3.3 SURFACE TO AIR 

Surface-to-air rockets are usually employed in the defense of ground troops or equipment. The 
rocket is launched from the surface against an airborne target—e.g., a manned aircraft, an unmanned 
drone, another rocket or missile, or simply a point in space. Air defense, meteorological, high-altitude 
sounding, and dispensing rocket systems operate in this mode. 

1-3.4 AIR TO SURFACE 

Air-to-surface rocket systems are used for suppressive fire over areas and to deny the enemy a specific 
position. Air-to-surface rockets are fired from fixed-wing or rotary-wing aircraft, usually from low 
altitudes because of accuracy limitations, and usually are relatively short range. 

1-3.5 UNDERWATER LAUNCH 

Rocket systems have been built to be fired from beneath the water and to continue flight after 
emerging into the atmosphere. The design considerations after entry into the atmosphere are similar to 
any other atmospheric rocket. This handbook will only address the atmospheric phase of rocket flight. 
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1-3.6 SURFACE OR AIR TO UNDERWATER 

These systems are fired from the air or surface, experience a phase of atmospheric flight, enter the 
water, and continue through the water to the target. A rocket of this type must be designed for travel 
through the atmosphere and through the water. This handbook will only address design considera¬ 
tions for the atmospheric phase of flight. 


1-4 GENERAL ROCKET SYSTEM DESCRIPTION 

A rocket system is made up of a number of subsystems, or elements, each of which performs a 
function necessary to the successful performance of the system. In general, the system is composed of 
three main elements—i.e., rocket, launcher, and fire control equipment. Each of these elements is, in 
turn, composed of subelements or components. This handbook will discuss the rocket in considerable 
detail and will discuss the other elements only insofar as they interact with the rocket. The reader 
should consult other handbooks for the details of the other system elements. 

The basic components of an aerodynamically stabilized free flight rocket area are a payload or war¬ 
head, a propulsion motor, and an airframe. The airframe provides structural rigidity and the physical 
envelope for the internal components. The airframe shape is also important in determining the flight 
dynamic characteristic of the rocket. A typical rocket configuration and its components are shown in 
Fig. 1-4. The functions and major characteristics of each component will be discussed in Chapter 2. 


Fins 



Umbilical 

Figure 1-4. Typical Free Flight Rocket Configuration 


1-5 OVERVIEW OF CONTENT OF THE HANDBOOK 

The applications of this handbook are limited to atmospheric flight of aerodynamically stabilized 
free flight rockets employing solid propellant motors. The handbook is organized into chapters subse¬ 
quently described, that are each self-contained and applicable to a particular technical area. Concep¬ 
tual and system design phases of development are discussed in some detail, but the primary emphasis is 
on the preliminary design phase. The technical areas are System Design, Performance, Accuracy, Aero¬ 
dynamics, Propulsion, Structures, Heat Transfer, Launcher Considerations, Atmospheric Considera¬ 
tions, and Computer Programs. A synopsis of these chapters follows: 

1. Chapter 2, "System Design", introduces the system design process and illustrates the type of 
data inputs and outputs for each of the engineering disciplines. 

2. Chapter 3, "Performance", presents data describing the performance of various design concepts. 
Material is provided which will permit consideration of trade-offs to maximize range for a given mass 
or optimize mass for a given range. 

3. Chapter 4, "Accuracy", presents data pertinent to estimating the accuracy of a given concept. 
Launch, powered flight, and ballistic phase errors are considered. The effects that errors during each of 
the flight phases have on impact dispersion are presented. 
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4. Chapter 5, "Aerodynamics", presents design curves, equations, and data that will permit the 
prediction of stability and drag characteristics for commonly used aerodynamic bodies or combinations 
of bodies, including various types of fins and other stabilizing devices. 

5. Chapter 6, "Propulsion", presents concepts and data necessary to predict propulsion system 
performance, as well as important considerations in conceptual and preliminary design. 

6. Chapter 7, "Structures", presents data and methods pertinent to structural design, mass estimat¬ 
ing techniques for preliminary design considerations, and heat transfer considerations. 

7. Chapter 8, "Launcher Considerations", discusses launchers and delineates interfaces and inter¬ 
actions between the launcher and the rocket. Constraints placed on the launcher by the rocket system 
requirements are also discussed. 

Three appendixes—located at the rear of the handbook—are included to assist the designer, namely: 

1. Appendix A, "Atmospheric Considerations", presents climatological information pertinent to 
free flight rocket design. 

2. Appendix B, "Computer Programs", presents a brief description of representative computer 
programs that can be used in the design of aerodynamically stabilized free flight rockets. 

3. Appendix C, "Heat Transfer Equations", presents calculation methods for conductive and con¬ 
vective heat flow. 
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CHAPTER 2 
SYSTEM DESIGN 


This chapter- describes the process of designing an aerodynamically stabilized free rocket. The acqui¬ 
sition process for development of a rocket system is discussed briefly. The emphasis is on the concept 
selection and preliminary design. The system validation phase is discussed since this effort is involved 
in the testing and verification of hardware through prototype development and testing. Production 
engineering, manufacturing, and deployment are mentioned briefly. 


2-1 GENERAL 

This handbook, which is primarily intended for conceptual and preliminary design, divides system 
design into three phases: (1) concept selection, (2) preliminary design, ant! (3) systems validation. The 
Department of Defense (DoD) acquisition process for weapon systems, as defined by DoD Directives 
(Refs. 1 through 4), is essentially the same for all branches of service. In general, this acquisition 
process involves a conceptual phase, a validation phase, a full-scale development phase, and a produc¬ 
tion and deployment phase. 

The concept selection and preliminary design activities described in this handbook are encompassed 
by the conceptual phase in the DoD acquisition process; the described system validation phase activi¬ 
ties correspond to the validation phase of the DoD acquisition process. However, the full-scale devel¬ 
opment phase and the production and deployment phase of the DoD acquisition process are not 
emphasized. The terminology used is that commonly employed by engineers to define the technical 
activities involved in a system design. Fig. 2-1 depicts the three phases of activities discussed in this 
chapter. The feedback shown for each of the three blocks is to emphasize the iterative nature of the 
technical activities involved in the system design process. Fig. 2-1 is discussed further in the paragraphs 
that follow. 

2-1.1 CONCEPT SELECTION PHASE 

The concept selection phase begins with the identification of a needed mission or operational 
requirement or the identification of new technology; it usually ends with the submission and approval 
of the Justification of Major System New Starts (JMSNS). The JMSNS is the official document used to 
describe the mission and to justify the initiation of a new major system acquisition. The major activi¬ 
ties of concept selection are studies performed to establish system or component constraints, parametric 
trade-off studies for selection of candidate integrated systems, and system concept definitions. For 
example, component constraints may require the rocket to operate with an existing piece of equip¬ 
ment, to be man rated and shoulder mounted, or to fit on a specific rocket launcher. The parametric 
studies may include accuracy requirements for kill, guided versus unguided, warhead lethality versus 
dispersion, size of warhead, propellant selection, propellant design, operational range, type of target, 
accuracy, fire control technique selection, etc. The concept selection phase ends 

1. When the mission and performance envelopes are adequately defined 

2. When the system is deemed to be technically feasible and capable of achieving the stated objec¬ 
tives within reasonable cost and schedule constraints 

3. When the military objectives, technical requirements, and economic costs are determined to be 
sound, reasonable, and well defined 

4. When the JMSNS document, to allow the study to progress into preliminary design, is 
approved. 
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Mission 

Requirements 



Figure 2-1. System Design Phases 
2-1.2 PRELIMINARY DESIGN PHASE 

Preliminary design phase activities begin with the output of the concept selection phse and end 
with the creation of fuctional baseline specifications. All interfaces between the rocket and other 
equipment should have been defined at the end of preliminary design. The advanced development 
studies begin during the preliminary design phase. Activities in this phase include trade-off studies and 
breadboarding for key subsystems and components to show feasibility and to demonstrate capability. 
For systems exceeding spedified levels of development cost, an official required document called Letter 
of Agreement (LOA) is prepared by the combat developer, corrdinated with the material developer, 
and submitted through official channels to support further development work. The preliminary design 
phase is a highly iterative process with activities performed either simultaneously or sequentially. This 
phase requires a continuous system integration effort to provide updated requirements and data inter¬ 
faces to all technical disciplines and design efforts involved. The preliminary design system integration 
effort compares and makes trade-offs between the known altermatives, determines the status of technol¬ 
ogy for each alternative, evaluates the environmental impact of each alternative, and recommends 
specific actions that should be followed to meet the required capablity. Usually, the task of exploring 
and identifying alternative system concepts is made into a competitive activity to facilitate the selection 
of the best possible solutions from industry, the academic community, and Government sources, 
including foreign developments. The validation and updating of the JMSNS includes initiating and 
conduction studies that involve system analysis trade-offs, cost-effectiveness, and evaluation of techni¬ 
cal approaches. A primary objective of the preliminary design effort is to compare alternative system 
design approaches before selection of the single approach that best meets the need. The preliminary 
design data are basic to the accomplishment of parallel support studies such as risk assessment, cost 
estimates, utility analysis, and energy effictiveness studies. Government sources usually are involved in 
the technical and cost risk assessment and trade-off analysis studies as state-of-the-art experts. Part of 
the preliminary design activities usually are performed as parallel advanced development efforts by 
competing industrial and Government sources. 

Major design or technological uncertainties are identified during preliminary design for further 
investigation during the system design (validation) phase. Planning for testing to eliminate these 
uncertainties begins during preliminary design. Estimated test costs, schedules, and facility support 
requirements are also and output of the preliminary design phase. 

Production feasibility assessments, producibility problems, production processes, tolling develop¬ 
ments, production tests, and demonstrations identified during preliminary design are evaluated to 
determine overall production risk, production cost, and schedule impacts. This assessment is used to 
identify prototype tests and demonstrations that must be performed in the system development phase. 

The functional baseline (program baseline requirement) is established by the end of the preliminary 
design phase and includes broad system performance objectives and operational concept, a logistic 

concept, and cost estimates. The system specification defines the technical portion of the baseline. 

2-1.3 SYSTEM VALIDATION 

Activities performed in the system validation phase include a definition of the program charac¬ 
teristics—i.e., performance, cost, and schedule. These parameters are validated and refined through 
extensive study and analysis, hardware development, or prototype testing. The quantity and level of 
prototype and hardware validation depend on the nature of the program and the risks and trade-offs 
involved. 


2-2 




MIL-HDBK-762(MI) 


The end objective of the system validation phase is to determine whether to proceed with full-scale 
development. The ultimate goal of the system development phase, in which the development is to be 
performed (usually by a contractor), is to establish firm and realistic equipment performance specifica¬ 
tions that meet the operational and support requirements. 

The test hardware produced during this phase is usually produced by other than production 
methods and probably is a prototype in form. Although qualification testing is performed in the 
full-scale development phase, the testing performed at this point should be conducted to check the 
design for functional performance. Development, test, and evaluation of training simulators, test 
equipment, tools, and other support equipment parallel the development of system prototypes. 

The baseline design requirement is established during the system development phase and is the basis 
for detailed design and development of the system during the full-scale development phase. This base¬ 
line incorporates the technological approaches developed to satisfy the objectives in the functional 
baseline (program requirements). During the system development phase, these objectives are translated 
into system segment, subsystem, and configuration items (CIs) performance requirements and decision 
constraints. 

The system validation phase should produce a more precise and detailed definition of the systtvn as 
the functional baseline grows into the design requirements baseline. Documentation resulting from the 
system development phase should include the following technical reports: 

1. System engineering studies and analysis information 

2. Updated system specification 

3. Detailed specifications for prime item equipment, real property facility items, computer pro¬ 
grams, and critical identifiable engineering components 

4. Data requirements or recommendations. 

System end-items or components requiring hardware proofing are identified in the system develop¬ 
ment phase. Prototypes of systems or components requiring hardware proofing also are produced and 
tested in the system development phase. Development prototypes produced will vary from a breadboard 
of a system or subsystem to complete flying prototypes. 

A major effort in the system validation phase is performing trade-off studies to ensure that a config¬ 
uration being defined for full-scale development addresses tactical needs and is the best possible bal¬ 
ance among total costs, schedule, and operational effectiveness. 

A document called the Required Operational Capability (ROC) is written during the system valida¬ 
tion phase. The ROC is the requirement document that supports the work to be undertaken in the 
full-scale engineering development effort. The remainder of this chapter addresses the various techni¬ 
cal activities, data requirements, and data interfaces involved in the system design of an aerodynami- 
cally stabilized free rocket. 

2-2 REQUIREMENTS 

The development of any new rocket system begins with a specific requirement the user believes must 

be met, i.e., requirements start with the definition of some mission objective by the user. Mission 

objectives can be stated in a wide variety of terms and even in very broad terms. For example, a need 
may start simply as the desire to provide the infantry with some defense against armor. The statement 
of this mission objective could be very broad—provide a weapon that is transportable by an infantry¬ 
man and capable of destroying armor at a particular range. The ability to place a particular payload at 
a point at specified ranges within certain accuracy requirements is another example of a broad mission 
objective. The general requirements to meet some particular need establish broad requirements on the 
rocket system. The broad requirements then are the genesis of more detailed requirements, i.e., 

1. Operational requirements to meet a broad mission objective usually hav the effect of placing 
more detailed requirements on the system. 

2. Compatibility with other systems and subsystems places additional restraints on a system. 

3. Weight and size usually are physical constraints imposed upon a system. 

4. Performance objectives place certain requirements on a system that are incompatible with the 
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physical requirements of weight and size. Thus compromises must be made. 

5. Safety factors influence system design. 

6. Reliability and maintainability must be given serious consideration. 

7. Environmental factors, such as temperature and humidity operating ranges, place requirements 
on system design. 

8. Finally, costs—development, production, and operating and support-placr additional con¬ 
straints on system design. 

Thus, detailed design requirements are the result of the many general requirements placed on the 
rocket system. The final design of the system to achieve the overall mission objective is the result of 
trade-offs among requirements. The remainder of this chapter discusses trade-off and design studies to 
be performed in the system design of an aerodynamically stabilized free rocket. 

2-3 CONCEPT SELECTION 

Concept selection is the process of identifying a system or systems that have a reasonable chance of 
satisfying the user's needs. The selection of a concept can be as simple as identifying an existing system 
that meets the user requirements. However, the usual case requires that a complete, new system be 
designed or at least that some of the system components be redesigned to meet the new requirements. 
The process of designing a new or imposed system usually evolves from either the determination of a 
need or the development of new technology that allows previously established needs to be met. Fig. 2-2 
depicts the steps and information flow for the concept selection phase activities. User needs enter the 
system as general requirements. Data on the capabilities of existing systems are an input to be com¬ 
pared to the general requirements. The technology base information-originating from industrial 
and/or Government sources-consists of inputs on state of the art in component and system designs. 
The comparison of mission needs and the technology base will yield information on the feasibility}' of 
developing a new rocket system to meet the general requirements. Mission objectives and system 
and/or components constraints that meet the user's general requirements are developed during the 
concept selection process. The mission objectives and system and or component requirements and 
constraints are then used in the parametric trade-off study. By using the results of the analyses per¬ 
formed, the selection of a concept or concepts is made. The concept selection process also will identify 
technology areas that require improvement or further development to meet the requirements. Estimates 
will be made of the costs and times required to develop this required new or upgraded technology, and 
attendant risks will be identified. Information on costs and times required to develop new or upgraded 
technology then is compared to mission needs to determine whether the new system can be developed 
within the time frame required and be cost effective. This comparison could result in changes in 
mission objectives and the repetition of the concept selection process. The process of concept selection 
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Figure 2-2. Concept Selection Phase Activities 
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is iterative in nature and is a continual process until timing, cost, and technology are properly bal¬ 
anced to meet the mission needs as defined by the user. 

The mission objectives development in the concept selection phase are usually the result of closely 
examining the needs as determined by the user and intelligence sources, and refining these needs into 
technically feasible and definable objectives. The constraint development, parametric studies, and sys¬ 
tem selection process are discussed in more detail in the paragraphs that follow. 

2-3.1 COMPONENT CONSTRAINTS 

Constraints are imposed on a free flight rocket due to its use, lethality requirements, and method of 
launch. A man-launched direct fire free rocket must be small. A rocket launched from a slow speed 
rotary-wing aircraft may require a special design to provide stability at low speeds. Coverage of area 
targets and suppressive fire against personnel may be provided by high velocity fragmentation and 
blast, flechette, and white phosphorus smoke warheads. The desired effect against wheeled vehicles, 
parked aircraft, materiel targets, bunkers, and light armored vehicles may be provided by high-velocity 
fragmentation and high explosive antitank (HEAT) warheads. To defeat a tank, it may be necessary 
that the rocket impact at an angle nearly normal to the surface and near the center of a tank. Another 
type of constraint is that the propellant be essentially smokeless to minimize visual and infrared (IR) 
signatures. 

Helicopter fired rockets have the constraint that the thrust profile must be staged or must progres¬ 
sively increase as the rocket moves away from the launcher. Low thrust levels at launch reduce the 
launcher motion on subsequent firings in a ripple fire mode, and the increased thrust levels are 
required during the boost period to reduce dispersion. 

Thus the mission and operational environments place constraints on the rocket system. For exam¬ 
ple, if the same rocket is to defeat different target types, it may be desirable to have several types of 
warheads available. The operational utility of having several types of warheads then is constrained by 
the logistic problems of providing the various type warheads. 

Mobility and transportability requirements of the system will place constraints on the physical 
dimensions of the rocket. The rocket will be required to fit within prescribed physical dimensions. 
Mass restrictions determined by the mode of transport certainly place constraints on the rocket. A 
rocket to be transported by man must meet the mass lifting limits and portability criteria of Military 
Standard (MIL-STD) 1472. 

2-3.2 PARAMETRIC STUDIES 

2-3.2.1 General 

Parametric studies and trade-offs conducted during the concept selection phase are discussed in this 
paragraph. The mission objectives and constraints on system and component characteristics will, in 
most cases, define the class of rocket required and the operational mode, e.g., a military versus a 
research rocket. Military use for the rocket—such as air defense, artillery, or antiarmor-is determined 
from the mission objectives. Further, the mission objective establishes the type of launcher required 
and defines the target kill requirements. First-cut payload or warhead sizing usually is based on the 
characteristics of the target; however, first-cut propulsion system siztn,g can be made by using (1) range 
considerations and (2) payload mass and vehicle propulsion to structure mass fractions from similar 
rockets. Accuracy requirements determine whether the rocket is guided or unguided. 

The determination of performance parameters is a necessary first step in designing a rocket. This 
step defines the relationship between the performance requirements and physical characteristics of the 
rocket. The parametric study results will show the sensitivity of the physical parameters of the rocket 
to variations in performance requirements, propulsion system characteristics, aerodynamic characteris¬ 
tics, and energy management techniques. Studies that need to be performed after the performance 
trade-off study include aerodynamic characteristics, warhead sizing, structural analysis, and accuracy. 

Based on a knowledge of similar rockets, an experienced design engineer can estimate sufficient 
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parameters to determine, in an iterative manner, the rocket performance and propulsion requirements. 
Chapter 3 presents data that can be used to provide estimates of propulsion system sizing. 

The parameters that are sized or considered in the performance trade-off studies involve aerodynamic 
and propulsion considerations as well as performance interactions. The perfomrance type parameters 
that are determined in these studies are payload mass, burnout velocity, range, time of flight, and 
launch angle. Determination of these performance patameters requires knowledge of aerodynamic 
characteristics, primarily drag, as a function of length, diameter, nose shape, and stabilizing surfaces. 

Propulsion-type parameters identified in the performance calculations are specific impulse, motor 
propellant mass fraction, total impulse, burning time, and thrust to initial rocket mass ratio. 

The aerodynamic design of a rocket involves trade-off studies of small variation in component per¬ 
formance for different candidate comfigurations. The aerodynamic design goal is to select an integrated 
rocket configuration that provides tailored aerodynamic stability and lowest drag consistent with other 
design constraints to achieve minimum dispersion and maximum range performance. To estimate the 
aerodynamic stability characteristic for different configurations, it is necessary to know the aerody¬ 
namic coefficients of each major rocket component and interference relationships between the compo¬ 
nents. The aerodynamic trade-off studies are defined in detail in Chapter 5. The aerodynamicist must 
know how to combine these component coefficients to arrive at values for the complete configurations. 

2-3.2.2 Motors 

The primary function of the rocket motor is to accelerate the rocket with its payload to the required 
velocity to achieve the desired flight range. In the conceptual phase, the initial effort to define the 
rocket motor is directed toward establishing nominal values—those which meet the user and opera¬ 
tional requirements and restraints—for all essential parameters. For instance, if limitations are given 
for impulse, chamber pressure, burning time, size, and mass, then a set of advantage values can be derived 
for motor physical design characteristics, propellant ballistic mass flow, and other properties. 

Often in the comceptual phase the performance characteristics of solid propellant rocket motors are 
scaled from motors with similar characteristics. The parameters suitable for scaling or simple calcula¬ 
tions are rocket thrust, nozzle throat or exit area, motor mass, specific impulse, total impulse, chamber 
pressure, burning rate, and burn duration. 

2-3.2.3 Warheads 

Warhead trade-off studies involve many factors and considerstions. For example, there are trade-offs 
between warhead weight and overall rocket weight, and trade-offs between warhead types for various 
target mixes. Reload and or resupply situations also will influence the types of launchers and person¬ 
nel handling requirements in warhead trade-off studies. Other trade-offs will address the problem of 
packaging various available ordnance into allowable physical dimensions to establish the most effec¬ 
tive configuration from a target kell probability point of view. These studies consider rocket delivery 
accuracy, warhead lethality, and target vulnerability to determine the size, number, and type of war¬ 
head required. 

The specific type of warheads wused in the trade-off studies will depend on the target characteristics 
and the kill effectiveness of the various warheads against the targets. The types of warheads that would 
be considered are blast fragmentation, kinetic energy peretrators, shaped charge, self-forging grag- 
ments, and duel purpose. Each type of submunition can be considered as a warhead and trade-offs 
made to determine the type required. 

2-3.2.4 Error Sources 

Accurate free flight rocket systems are achieved by either reducing the magnitude of the error source 
or the sensitivity of the rocket to the error. The most significant error sources influencing the accuracy 
of free flight rockets are malaim, mallaunch, total impulse reproducibility, thrust misalignment, 
dynamic unbalance, surface wind, ballistic coefficient, air density, and ballistic wind. 

The dispersions for these error sources are calculated using a 6-degree-of-freedom (DOF) and a point- 
mass trajectory program. After error free baseline trajectory is established, each error source is usually 
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considered independently in preliminary design studies to determine the contribution to dispersion 
due to that error. The dispersions for the various error sources are then root sum squared, and the 
circular error probable (CEP) is calculated for a particular rocket design. It should be recognized that 
in some cases error sources are interdependent and cannot be root sum squared. The error source 
trade-off studies will show the relative merit of competing aerodynamic tailoring techniques for reduc¬ 
tion of dispersion during the burn phase. The accuracy studies will also identify the important error 
sources. The error analysis trade-off studies coupled with warhead lethality studies can provide data for 
use in the cost-effectiveness studies. The dispersion sensitivities to error sources determined in the error 
analysis studies also provide input to the design of a rocket system. Monte Carlo methods can be used 
to provide data for system accuracy analysis and are often used when the assumptions for calculating 
miss by applying the root-sum-squared method to individual errors are invalid. 

2-3.3 SYSTEM SELECTION 

The system selection process consists of applying the given requirements and constraints (boundary 
conditions) to the parametric trade-off studies and selecting the concept(s) that best meets the user and 
operational requirements. 

The concept selection process will include all technical disciplines necessary to establish the interac¬ 
tion between rocket components, and the interaction between rocket components and the environment 
to ascertain that rocket user and operational requirements are met. The rocket system selection process 
begins with performance parametric trade-off studies. These studies establish the interaction-with 
certain rocket aerodynamic factors and propulsion parameters—of payload mass, burnout velocity, 
range, time of flight, and launch angle. 

The parametric studies provide information for the selection of the proper aerodynamic shape, 
thrust energy management, total impulse, warhead type(s), and fin deployment. The class of rocket 
needed and its operational mode are primarily determined by user needs and mission objectives. The 
parametric trade-off studies will determine whether accuracy requirements are comparable with a free 
rocket. Launcher considerations are influenced by the rocket class, accuracy requirements, and opera¬ 
tional mode. The launcher, in turn, initially influences the rocket drag because of shoes, sabots, spin 
lugs, umbilical, etc. Operational environments also place constraints on the launcher type considered 
for the system. 

The system selection process should result in the definition of a rocket system concept(s) that has a 
high probability of meeting the mission objectives and operational effectiveness criteria. New technol¬ 
ogy development requirements are identified, and the time frame for meeting the development 
requirements is established. Estimates of system development costs and life cycle costs also are made. 
Einally, system effectiveness studies are made to determine the overall cost-effectiveness of the selected 
concept(s). 

Data of the type described in this paragraph are used in deciding whether to proceed into the pre¬ 
liminary design phase. 

2-4 PRELIMINARY DESIGN 

The development of a new rocket system proposed in the conceptual design phase reaches a formal 
status with the start of the preliminary design phase. The JMSNS has now been prepared and received 
appropriate approval. The output of the conceptual design phase is available to start the preliminary 
design. The mission objectives and requirements developed in the conceptual design phase provide the 
basis for starting the preliminary design, and the concept(s) selected for further analysis is refined and 
analyzed in the preliminary design phase. All information and data developed in the conceptual design 
phase are input data to the preliminary design phase. 

Eig. 2-3 depicts the technical activities that take place in the preliminary design phase. Subsystems 
are designed and optimized in an iterative fashion. The results of the parametric studies and trade-offs 
are used in the subsystem design and, in conjunction with the mission objectives, are amalgamated 
into an overall system design. The system design is then translated into a set of specifications, interface 
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Concepts 



Figure 2-3. Preliminary Design Phase Activities 

control documents, and design drawings from which the prototype or engineering development can 
proceed. Fig. 2-3 illustrates a system integration function that accepts inputs and provides feedback to 
all the other activities. The system integration function is illustrated this way to stress the importance 
of information exchange among the activities, and it is assigned this strong role to stress the impor¬ 
tance of maintaining balance and a single sense of purpose for the other activities. System integration 
also provides the interface with other activities involved in the development of auxiliary devices. 

The preliminary design phase explores alternative system concepts to evaluate the effects of various 
trade-offs in minimizing the major design and technological uncertainties. A test and evaluation plan 
is developed at the end of the preliminary design phase for use during the system design phase. Testing 
is pm-formed during the system validation phase to verify that all major uncertainties identified during 
the preliminary design phase have been eliminated. 

The preliminary design phase concept selection process is an iterative process. Further detail on each 
of the preliminary design activities is provided in the paragraphs that follow. 

2.4-1 PAYLOAD 

The class of rocket and the operational mode largely determine the type payload required for an 
aerodynamically stabilized free rocket. The payload for most military rockets is a warhead. A general 
description of a warhead was presented in par. 1-4.2 and will not be repeated here. This paragraph 
briefly defines the engineering analyses and trade-off studies involved in the preliminary design of a 
warhead. The detailed mission objectives will define the function of the warhead. Questions to be 
resolved before detailed warhead design begins include type of target(s), hardness of target(s), rocket 
accuracy, and number of rockets expendable per target. Probability of kill for a particular target is a 
consideration in establishing the requirements for the warhead. Probability of kill analysis involves 
target vulnerability studies and detailed information on the destructive effects of the warheads. Proba- 
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bility of kill assessments and velnerability analysis are beyond the scope of this handbook but are 
presented in other handbooks in the Engineering Handbook series. The remainder of this paragraph 
will discuss the warhead kill mechanisms, performance characteristics, physical characteristics, and 
sating, arming, and fuzing. Each of these items will be discussed in general terms. The reader should 
consult Refs. 5 through 13 for detailed analysis techniques and parametric data. 

2-4.1.1 Kill Mechanism 

A rocket for artillery or infantry use may have a requirement for a variety of warheads. The need may 
be to destroy a point tar-get, e.g., a tank, or provide wide area coverage for the neutralization or sup¬ 
pression of area targets consisting of personnel and unarmored materiel. The kill mechanism 
employed will depend on the target characteristics, system delivery errors, range, mission, etc. 

Blast fragmentation warheads and submunitions are employed against targets such as perso]]ncl; 
supply dumps; ammunition dumps; petroleum, oil, and lubricant dumps; groups of buildings; and 
other soft materials. The lethal effect is provided by thousands of small high velocity fragments. 

Warheads with small arrow- or dart-like elements (flechettes) have some advantages over unitary 
blast/fragmentation warheads in use against personnel provided the spray angle can be concentrated 
onto the target such that a larger portion of the fragments (flechettes) is more effectively used, i.e., 
more hits. 

Penetration-type warheads must have sufficient energy to pierce a target. One technique for achiev¬ 
ing the required momentum is to accelerate a slender warhead to a hypersonic velocity with a blunt 
rocket. The warhead separates from the rocket at motor burnout because of the greater ballistic coeffi¬ 
cient of the warhead. Once the warhead impacts the target—depending on the warhead-the kill 
mechanism will result from blast, fragments, spall, penetration, or a combination of these effects. 

Self-forging fragment warheads and shaped-charge warheads are used to neutralize tanks and other 
armored targets. The warheads penetrate the armor and scatter high velocity metal particles that affect 
the occupants, ammunition, fuel, etc. 

Warheads can be designed to contain various chemical agents. The function of the warhead will 
differ depending, for example, on whether the chemical agent employed has a lethal effect or only a 
disabling effect. 

2-4.1.2 Performance Characteristics 

A rigorous system analysis to establish performance characteristics for a warhead requires a detailed 
knowledge of certain parameters, namely, functioning mode, delivery accuracy, fuzing system errors 
and correlation, target vulnerability considerations, and detailed warhead performance characteristics 
and fragmentation properties. If this information is not available, warhead kill-studies are conducted 
on a lethal area basis alone. Assumptions made for the area studies are dispersal full-cone angle, shape 
and drag factors, angle of fall, velocity at burst, and burst height. Lethal area computations for all 
rounds are made on the basis of a uniform hit density across the target width at all ranges. The lethal 
area for a single warhead is obtained from test data. An analysis is then performed to evaluate the 
fraction of warheads or submunitions which will impact inside a circular target from multiple rocket 
firings. All rockets are assumed to be aimed at the center of the target. The number of rockets required 
to achieve the desired damage or casualty effect is then calculated by using predetermined data on 
target hardness, target density, blast overpressure, and the number of fragments expected in a given 
area from the rocket warhead. 

The percent of casualties and damage effect will increase both (1) as the ratio of the target radius to 
the effective kill radius is decreased and (2) as the ratio of the CEP error distance to the effective kill 
radius is decreased. 

2-4.1.3 Physical Characteristics 

The physical characteristics of a warhead will vary depending on its intended target and on the 
rocket delivering the warhead. The external shell of the warhead is designed to provide the aerody¬ 
namic and structural properties needed for performance, accuracy, launching flight dynamics, and 
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handling of the overall rocket. The internal physical characteristics depend upon the type of 
warhead—i.e., whether the warhead or submunition is a high explosive, a flechette, a chemical, a 
penetrating, self-forging or shaped-charge type, and on the fuze type. 

2-4.1.4 Safing, Arming, and Fuzing 

The safing, arming, and fuzing of a warhead are functions that must be performed properly or the 
effectiveness of the total rocket can be drastically degraded. Safing is the process that makes the war¬ 
head and rocket sfe to handle—i.e., the warhead is prevented from a unwanted detonation caused by 
storage, handling, launching, and other considerations, arming is the process of preparing the war¬ 
head for detonation. During arming, the safing functions are neutralized and the warhead is prepared 
for detonation upon receiving the proper signal from the fuze. Safing and arming are functions 
designed into the fuze. 

Fuzes can be super quick, delay, proximity, etc. The super quick (point-detonating) fuze initiates the 
explosive charge immediately upon striking an object. a proximity fuze, which activates when the 
warhead passes near the target, can be used for in-flight fuzing; this type of fuze function when the 
warhead passes whing some predetermined distance of the target. Delay fuzes provide a delay after 
target impact before the warhead is detonated. Often this is done to give the warhead time to penetrate 
the target before exploding. Delay fuzes may use the burning characteristics of primer cord to create a 
delay or use a mechanical device that requires a specific period of time to initiate. Electronic time 
delays can be created by the charging or discharging time constant in resistive and capacitive networks. 
Timers created by integraged circuit technology can be very small lightweight. Either electronic or 
mechanical timers can produce delay times that allow detonation of the warhead at some specified time 
after the occurrance of a particular event. Whatever method is used, the amount of delay time should be 
known, repeatable, and reiable. See Refs. 14 through 19 for fuze design information. 

2-4.2 PROPULSION 

This paragraph introduces the parameters, engineering analyses, and design processes involved in 
the preliminary design of propulsion systems for an aerodynamically stabilized free rocket. A solid 
propellant motor is used for a number of reasons to propel aerodynamically stabilized free rockets. 
Solid propellants are safer to handle, cheaper to buy, simpler to use, storable for longer periods, and 
more reliable in the operational environment. 

The parameters to be determined in the preliminary design include propellant masss (total impulse), 
propellant mass consumption rate (thrust profile), combustion pressure and temperature, the ratio of 
propellant surface area to nozzle throat area, and nozzle expansion ratio. These parameters usually are 
determined through trade-off studies at both the motor and system levels. Analyses are perfomed to 
develop methods of obtaining the desired thrust versus time profiles. The obtaining of an axisymmet- 
ric thrust vector and repeatable burnout weights ad velocities are problems to be solved in the prelimi¬ 
nary design phase. See Refs. 20 and 21 for propulsion data 

2-4.2.1 Propulsion Energy Management 

Energy management techniques can be used to (1) reduce the rocket dispersion sensitivity to the 
boost phase and ballistic phase error sources and (2) reduce the error source value and the sensitivity of 
the rocket to these error sources. Some energy management techniques that have been used to impart 
propulsive energy to a rocket system are boost, boost-sustain, staged boost, and shaped thrust-profiles. 

Once ignited, a solid rocket motor ususaly burns continuously until all propellant is expended. 
Shaping of the propellant is the motor case creates various burn areas as a function of the amount of 
propellant remaining. The burning characteristics are termed progressive, neutral, or regressive 
depending upon whether the burning area increases, remains constant, or decreases with time, respec¬ 
tively. Thus it is possible to shape the thrust profile through the geometric configuraation of the 
propellant. 

The boost-sustain approach consists of an initial, high thrust of the booster motor which is followed 
by either a constant or varying sustaining thrust of lesser magnitude. The boost or boost-sustain energy 
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management techniques are used in most military aerodynamicaly stabilized free flight rockets. 
Sour-ding rockets sometimes use the staged boost method of energy management. 

Aerodynamically stabilized free rockets require high thrust and high acceleration during the boost 
phase to minimize dispersion. Plumes from underexpanded motor exhausts induce boundary layer 
separation; the net effect on aerodynamic characteristics is a reduction in the static stability margin. 
Considerate ion should be given to plume effects on the aerodynamic characteristics in order to prevent 
instabilities. However, the desirable situation to reduce sensitivity to wind is to have a rocket very near 
to neutral stability. The results published in Ref. 22 show how plume effects call be beneficially used 
to tailor static margin. 

A boost-sustain configuration can reduce dispersion due to all ballistic phase error sources if the 
sustainer thrust matches the ballistic drag variation. The maximum to minimum thrust ratio required 
to reproduce this thrust variation is on the order of 10 or more. This variation in thrust is not within 
the present state of the art of solid rocket motors without significant system level trade-offs. This 
energy management technique loses its potential advantage in accuracy over a boost-only configura¬ 
tion because of this constraint, and the added error sources of sustainer total impulse, thrust level 
variation, and increased base drag during sustainer operation. Based on Ref. 23, the boost-sustain 
configuration does not reduce dispersion over that for a boost-only configuration due to state-of-the-art 
performance constraints placed on the boost-sustain motor. 

2-4.2.2 Motor Design 

2-4.2.2.1 Motor Physical Characteristics 

A solid propellant rocket is made up of two major components-a loaded motor case assembly and a 
nozzle assembly. The motor case assembly consists of a head closure, cylinder, propellant, liner or 
inhibitor, insulation, aft closure, slivers, and igniter. A nozzle normally is composed of a convergent 
section, a throat, and an expansion section. Nozzles are designed to provide the proper expansion ratio 
depending upon the flight regime of operation (see Ref. 21). Nozzles for operation at sea level are 
different from nozzles for high altitude operation. If the rocket is to operate over a mixed flight regime 
(sea level and high altitude), the nozzle is designed to obtain the best compromise in overall 
performance. 

Motor cases may be made of a medium alloy steel, a hardened alloy steel, a maraging steel, titanium, 
aluminum, or composites. Life cycle costs are important considerations in the choice of a motor case. 
Chapter 6 provides more detail of the physical characteristics of a rocket motor. 

2-4.2.2.2 Performance Characteristics 

The rocket performance characteristics are determined primarily by the motor performance, specifi¬ 
cally by the propellant performance characteristics. For an aerodynamically stabilized free rocket to 
function properly it is important that the motor performance be predictable and repeatable. Minimiz¬ 
ing variations in total impulse (the integral of the thrust with respect to time) and specific impulse (the 
impulse developed in burning one unit of propellant mass) are of fundamental importance in most 
rocket motor applications. Variation in impulse is typically the second or third largest source of range 
dispersion error in free flight rockets. Sources that contribute to impulse variation are burning rate 
variation, throat area variation, grain asymmetry, propellant mass variation, grain temperature, sur¬ 
face area variations, etc. (Ref. 24). 

A rocket motor preliminary designer's usual goal, which is to select a propellant with the highest 
value of specific impulse and specific mass, is not as important for free flight rockets as obtaining a 
formulation that provides reproducibility of specefic impulse and specific mass. The major source of 
specific impulse variation can be reduced by reducing burning rate variations. It is shown in Ref. 25 
that the composite propellant burning rate reproducibility was far superior to the other propellant 
families. Care should be taken in the preliminary design to select propellants that have burning rates 
as consistent as possible for the expected operational environment. Motor case, propellant grain, and 
nozzle variations produce variations in nozzle performance, propellant symmetry (thrust misalign- 
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ment), or propellant surface area (combustion pressure)—all of which also affect overall propulsion 
reproducibility. 

2-4.2.2.3 Propellants 

Two types of propellants have been used in solid propellant rockets—double base propellants and 
heterogeneous composite propellants. Recent propellant technology development incorporates aspects 
of these two propellant types into a new heterogeneous propellant that employs an energetic binder. A 
double base propellant is a homogeneous, plastic, solid monopropellant comprised of three principal 
ingredients—a polymer, an oxidizer-plasticizer, and a fuel plasticizer. The heterogeneous composite 
propellants also have three principle ingredients—a fuel that is an organic polymer called binder; a 
finely powdered oxidizer; and additives for catalyzing the combustion process, increasing the density, 
incrasing the specific impulse, improving physical properties, and increasing storage life. Considera¬ 
tions in the coice of type of propellant to use include exhaust plume smoke, impulse reproducibility, 
type of case insert needed, and cost. Free rockets are usually produced in large quantity; therefore, life 

cycle costs are an important consideration in the selection of a propellant. 

2-4.3 AERODYNAMICS 

The aerodynamic design of a rocket involves the study of the effect of variations in components on 
the dynamics, accuracy, and performance of the different candidate configurations. The aerodynamic 
design goal is to select an integrated rocket configuration that provides stable flight with minimum 
drag while it maintains insensitivity to outside disturbances. To determine the aerodynamic drag and 
stability characteristics for different configurations, it is necessary to estimate the aerodynamic coeffi¬ 
cients of each major rocket component and each interference between components. The aerodynamicist 
must know how to combine these component coefficients to arrive at values for the complete configu¬ 
ration. The remainder of this paragraph will discuss methodology for estimating drag, calculating 
stability, and determining the effects of nonlinear aerodynamics. Each of these subjects will be dis¬ 
cussed in general terms. The reader should refer to Chapter 5, "Aerodynamics", and Ref. 26 for more 
detailed discussions. 

2-4.3.1 Drag 

Drag forces on an aerodynamic surface are fundamentally the result of the horizontal components of 
the normal and tangential forces transitted from the air to the body. Estimation of drag for free 
rockets can be restricted to zero-lift because the rocket follows a ballistic path. The total drag on the 
rocket is the summation of wave drag, skin-fiction drag, and base drag. Wave drag is the result of 
pressure forces acting normal to all surfaces except teh base. Skin-friction drag is the result of viscous 
forces acting tangential to the surfaces. Base drag is produced by pressure forces acting normal to the 
base. Each drag force is discussed in teh paragraphs that follow. 

The aerodynamic drag of the complete rocket is the most important foactor affecting accuracy and 
performance during the sustain the ballistic flight phases. Minimizing drag, for example, is more 
important for an indirect fire rocket since the sustain and or ballistic flight times are much greater 
than those of the boost phase. 

2-4.3.1.1 Wave Drag 

Wave drag is present on the rocket nose, the afterbody (boattail or flare), and the fins or other 
stabilizing surfaces. Nose wave-drag is influences primarily by the fineness ratio, nose shape, and 
Mach number. For preliminary design estimates, the family of nose shapes-of-interest for free rocket is 
bounded by cones and ogives. Data on these basic shapes are given in Chapter 5 and 7. 

Various techiques can be used to reduce the drag on a rocket vehicle in flight. For example, if the 
exit diameter of the rocket nozzle is smaller than the body-cylinder diameter, the afterbody of the rocket 
may be tapered to form a boattail to reduce the base drag. This technique, however, increases the wave 
drag on the configuration. Therefore, an optimum boattail configuration results from balancing the 
increase in wave drag with the reduction of base drag. 

Flared afterbodies are used sometimes to provide inherent restoring moments for which precise sta- 
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bility margin control is required. The drag on flares, however, is higher than the drag on fins giving 
equivalent stabilization. The wave drag on fins is slight compared to the total rocket drag, and it is 
influenced strongly by the thickness-to-chord ratio and sectional shape. 

2-4.3.1.2 Skin-Friction Drag 

Friction drag results from the boundary layer airflow over the rocket surface. Shear stress is imposed 
on the external surface of rockets due to the velocity gradient in the boundary layer. The magnitude of 
this shear stress is a function of the position of transition from laminar to turbulent flow, and, there¬ 
fore, it is Reynolds number and Mach number dependent. Correlation of experimental data and analyt¬ 
ical techniques has shown that the skin-friction coefficient for bodies of revolution is approximately 
73% higher for laminar flow and 17% higher for turbulent flow than that on a flat plate (Ref. 27). The 
aerodynamicist must make appropriate transformations to available data to account for body shape. 

2-4.3.1.3 Base Drag 

The base drag is caused by the pressure forces resulting from airflow separation at rearward-facing 
steps such as body bases and fin trailing edges. The geometry of the rearward-facing step and the 
properties of the boundary layer approaching the step affect the drag. 

2-4.3.2 Stability 

Static stability is defined as the condition in which a disturbance of the system creates forces or 
restoring moments in the proper sense to drive the system toward equilibrium at zero angle of attack. If 
the subsequent motion finally restores the equilibrium, the system is termed dynamically stable. How¬ 
ever, if the motion—although starting the system brick toward the initial equilibrium, never restores 
equilibrium-the system is termed dynamically unstable. The natural frequency of the system is pro¬ 
portional to the restoring moments anti inversely proportional to the inertia. 

For a rocket to possess flight stability, a restoring moment must be produced when the longitudinal 
axis of the rocket is rotated away from the flight direction, i.e., when an angle of attack exists. This 
flight stability is achieved in aerodynamically stabilized free rockets by designing the external con¬ 
figuration so that the center of pressure of aerodynamicaatvx)(i}mamic forces acting normal to the longitudinal axis is 
located aft of the center of gravity. When the center of pressure is aft of the center of gravity, the rocket 
is said to be statically stable. 

The degre of aerodynamic stability, or the static margin requirement, varies with the desired accu¬ 
racy of each rocket and the design approach. For example, a rocket designed for minimum dispersion 
during powered free flight requires special tailoring of the static margin over the expected Mach 
number regime; however, a high-acceleration rocket, which achieves most of its velocity prior to release 
from the launcher, only has a requirment that the stability margin remains within certain upper and 
lower bounds. The width of this stability band is governed primarily by the requirement to maintain a 
suitable spread between roll and pitch-yaw frequencies. 

2-4.3.3 Nonlinear Aerodynamics 

The aerodynamicist must consider nonlinear aeridynamic forces and moments under certain situa¬ 
tions. The basic aerodynamic coefficients of a free flight rocket design are nonlinear when very high 
thrust levels exist during boost. The resulting plumes are underexpanded at the nozzle exit and con¬ 
tinue to expand until they are 1.5 to 2.0 missile diameters in size. These plumes can cause nonsymmet- 
rical flow separation that changes the center of pressure location and results in a loss of stability. The 
degree of nonlinearity is also a function of the angle-of-attack magnitude. Nonlinear aerodynamics can 
increase the dispersion errors caused by crosswinds. If the nonlinear effects cause side forces and 
moments greater than those predicted by linearized aerodynamics, the dispersions cause by the cross- 
wind can be larger than anticipated. Nonlinear normal force and pitching moment test data can be 
used to provide better estimates of the effects. If computer simulations are used, actual coefficients as 
functions of angle of attack and Mach number can be input into the simulation. 

Nonlinear aerodynamics are also introduced if a fin is damaged or tom off during flight. The nonlin¬ 
ear aerodynamic coefficients have to be determined from wind-tunnel or free flight testing for each 
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configuration considered. Primarily, there is a need for nonlinear data for range safety analyses, but 
this tipic is not addressed since it is not of great concern in preliminary design. 

2-4.4 DYNAMICS 

Dynamic consideration involved in the preliminary design of an aerodynamically stabilized free 
flight rocket can be divided into problems encountered in two phases of the operation, i.e., launch 
phase at the flight phase of a rocket system. The motions of the launcher and/or rocket are calculated 
according to Newton's laws by equation the forces and moments acting on these systems to the result¬ 
ing system response. The dynamic response during the launch phase considers teh coupled transient 
dynamic response behavior of the launcher, the rocket system, and the time dependent constraints 
between teh rocket and the launcher. 

Calculation of the dynamic response to the system is called simulation. Rocket simulations are most 
commonly performed using 2-, 3-, or 6-DOF. A DOF is a coordinate along which a rocket may trans¬ 
late (range, altitude, or crossrante) or aout which it may rotate (pitch, yaw, or roll). Sumulations 
using various combinations or all of the DOF are useful during each phase of rocket design and 
development. Par. 4-5 contains information about the equations used to simulate rockets and the use of 
such simulation in accuracy computation and estimation. 

Tip-off rates and other paramters definging the initial state of the reocket are used in accuracy calcu¬ 
lations. Simulations often ae used to define the initial state of the rocket at the time it leaves the 
launcher. These simulations vary in complexity, dependign upon the degree of accuracy desired and 
the sophistication of the launcher. The more precise simulations consider the flexibility effects of the 
launcher and the rocket. 

The dynamic motion of a rocket in free flight is determined by the propulsive forces supplied by the 
motor, the force due to gravity, the inertia characteristics of the rocket, and the aerodynamic forces. 
The flight dynamic calculations are called trajectory analysis. See Refs. 28 and 29 for additional infor¬ 
mation on trajectories. 

This paragraph will address the use of trajectory analysis to calculate dispersions and the accuracy of 
a free flight rocket. The dispersion of a rocket to a particular parameter is determined by first finding 
the trajectory for an undisturbed rocket. Next, a disturbance (error source) is inserted into the trajectory 
calculations, and a new trajectory is calculated. Chapter 4, "Accuracy", presents data—given error 
source values—useful in calculating dispersions. The dispersions fro the various error sources are then 
root sum squared to determine the CEP for the free flight rocket system. Error contributors can be 
grouped as precision (random) errors or bias errors. Precision errors are those associated with the 
desigh of a rocket and vary randomly from round-to-round. Bias errors are rocket errors created by the 
bias of an outside influence, such as the atmosphere, and they tend to remain constant for all rounds 
fired over a short period of time. 

Design (precision) error include the categories of mallaunch, malaim, thrust misalignment, total 
impulse variation, static margin variation, and ballistic coefficient variation. Bias errors include, but 
are not limited to, the categories of surface wind, ballistic wind, and ballistic air density variations. 

2-4.4.1 Accuracy Trade-Offs 

Accuracy trade-offs are addressed in terms of the errors associated with the various rocket component 
designs (precision errors) and the errors associated with the environment (bias errors). Precision errors 
include those of the propulsion system, launcher, stabilizing devices, spin methods, and manufactur¬ 
ing tolerance buildup. Cross products of inertia (dynamic unbalance) contribute to errors in spinning 
rockets. Bias errors include errors in the assumed winds and atmospheric density. 

Propulsion accuracy trade-offs are discussed in par. 2-42. Chapter 6 presents a detailed description of 
propulsion system design and trade-off considerations. There are primarily three precision errors asso¬ 
ciated with motor design and manufacture—total impulse variation, thrust misalignment, and ballistic 
coefficient variation. A discussion of each error follows: 

1. Total Impulse Variation. The total impulse variation results from the failure of a rocket motor 
to deliver a specified total impulse under flight conditions. This failure results from variations in one 
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or more of the following parameters: total loaded propellant, propellant specific impulse, and specific 
impulse due to physical quantities such as nozzle throat diameter. Total impulse variations cause 
velocity errors at burnout, resulting in range errors at warhead event or impact. 

2. Thrust Misalignment. Thrust misalignment is defined as the failure of the thrust vector to pass 
through the rocket center of mass. This condition is caused primarily by nozzle eccentricities or ther¬ 
mal bow in the motor case and the displacement of the center of mass away from the rocket centerline. 
The error from thrust misalignment is inversely proportional to the static stability margin; it is also a 
function of the transverse radius of gyration. If axial spin is employed to reduce thrust misalignment 
error, the error is reduced as the axial spin velocity increases. The optimum axial spin must be deter¬ 
mined for each design. Thrust misalignment causes an angular variation about the nominal velocity 
vector of the rocket which contributes to both range and deflection errors. 

3. Ballistic Coefficient Variation. Ballistic coefficient variations, which cause perturbation in the 
coast phase trajectory, can be attributed to three factors: external shape variations, induced drag 
changes, and nonrepeatable rocket mass. 

Causes that produce these variations are 

a. External shape variations caused by inaccuracies resulting from manufacturing, or damage 
in assembly or handling 

b. Induced drag changes caused primarily by variation in fin-to-body alignment, rocket body 
bow, and roll-yaw coupling resulting in different angle-of-attack histories 

c. Nonrepeatable rocket mass due primarily to inaccuracies resulting from manufacturing 
errors in inert parts as well as variations in residual propellant slivers. 

The ballistic coefficient variation also contributes to the range error. 

Launcher accuracy trade-off studies include the firing platform, suspension system, rocket spin rate, 
nontip-off versus tip-off, firing rate, aim system, and motor exhaust gas impingement on the launcher. 
The details of these trade-off studies are included in Chapter 9. The errors associated with the launcher 
are malaim and mallaunch. 

Aiming errors are deviations between the intended launch direction and the actual launch direction. 
This angular variation can result from surveying errors, laying and sighting equipment errors, firing 
table errors, and computational errors. This error source contributes to both range and deflection 
errors. The effects of rocket-launcher interaction result in a transverse angular velocity of the rocket at 
launch and cause angular variation about the nominal velocity vector. Also, when the rocket is spun 
on the launcher and is constrained to it, dynamic unbalance results in a mallaunch effect that increases 
with an increasing spin rate. Dynamic unbalance is the angular difference between the geometric axis 
of the rocket and its principal longitudinal axis of inertia. Thus dynamic unbalance, when the rocket 
is spun, results in angular variation (coning) about the nominal velocity vector of the rocket; this 
variation contributes to both range and deflection errors. 

The aerodynamic stability of a rocket is the measure of its ability to align itself with the relative 
wind. The greater the stability margin designed into the rocket, the faster it will attempt to weather¬ 
cock into the wind. Therefore, trade-offs are made between stability and accuracy. Various physical 
elements contribute to the static stability. The detailed stability trade-off studies performed for design 
of a free rocket are included in Chapter 5. 

One of the more effectite methods of controlling rocket dispersion caused by thrust misalignment is 
to spin the rocket so that the spin rate of the system remains more or less constant during the burning 
period. Trajectory errors caused by thrust misalignment are inversely proportional to the spin rate. For 
most rocket systems, little reduction in errors can be achieved for rates greater than 20 revolutions per 
second (rps). The principal objection to spinning the rocket before launch is the increase in launcher 
complexity; prespinning also increases the errors caused by the dynamic unbalance of the rocket. 
Trade-off studies must be performed to balance the launcher requirements and the free flight rocket 
requirements to achieve the error reduction and improved accuracy desired. Types of spinning devices 
to be considered include the autospin device (Ref. 30), a radial propulsion spin motor (Ref. 23), a 
motor nozzle spin vane (Ref. 31), various belt-driven launcher spinning devices, and an eroding spin 
turbine. 
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Manufacturing tolerances should be considered during the preliminary design phase because (1) 
tolerances that are too tight result in high manufacturing costs, and (2) manufacturing tolerance build¬ 
up can create rockets with asymmetries in internal mass distribution and external configuration. Inter¬ 
nal mass distribution asymmetries produce center-of-gravity offsets, whereas external configuration 
asymmetries can cause aerodynamic force unbalance. Center-of-gravity offsets and aerodynamic force 
imbalance both produce moments that cause aerodynamic angle of attack. Rockets flying at angles of 
attack have higher drag, thus performance losses. The offset center of gravity causes coning in a spin¬ 
ning vehicle. Therefore, trade-offs must be made between manufacturing tolerances and manufactur¬ 
ing costs. 

Two of the major contributor-s to artillery-type free flight rocket dispersion are ballistic wind and 
atmospheric density variations. The errors due to these sources are greatest during ballistic flight. Drag 
reduction reduces the sensitivity to atmospheric density. Variations, and improved or updated meteoro¬ 
logical data can provide information for firing table corrections in the artillery rocket system. The 
wind sensitivity during the boost phase can be reduced by tailoring the static margin. Wind and den¬ 
sity trade-off studies are performed to desensitize the rocket to these effects during launch and ballistic 
flight. 

Error budgets are usually established for particular components and system errors. A typical error 
budget will include one-sigma component error values and burnout angular errors for range and 
deflection for several error sources. These sources are usually malaim, mallaunch, thrust misalign¬ 
ment, surface wind, total impulse, ballistic coefficient, density, and ballistic wind. Based on these data, 
a CEP in meters and roils is calculated. Table 24, Ref. 23, presents several error budgets for different 
ranges and different age meteorological data. 

Table 2-1 is presented to illustrate a typical error budget for an artillery rocket. 


TABLE 2-1. ERROR BUDGET EXAMPLE 



One-Sigma Component 
Error V'alues 

Burnout Angular 
Enors 

Range x 

12.21 km 

Range x 

11.65 km 




Range, 

Deflection, 

Range 

Deflection 

Range 

Deflection 

Type Error 

Range 

Deflection 

mrad 

mrad 

Error, m 

Error, m 

Ei ror, m 

Error, m 

Malaim 

0..5 mrad 

0.5 mrad 



38 

6 

32 

7.3 

Mallaunch 

5 mrad s 

5 mrad/s 

1.9 

1.9 

111 

21 

122 

27 

Thrust 









1 c '1 1 1 mi in^ti 1 

IVl 

Q ^ Iili iici 

0 3 lillild 

1.9 

1.9 

HI 

21 

122 

27 

Surface Wind 

1.789 m s 

1.789 m s 

0.5 

0.5 

1 

5 

6 

7 

Total Impulse 

0.2% 

0 



51 

0 

17 

0 

Ballistic 









Coefficient 

0.71% 

0 



29 

0 

11 

0 

Density 

1% 

0 

1 



39 

0 

55 

0 

Ballistic Wind 

1.18 m s 

1.18 m s 



27 

19 

11 

29 

Root Sum Scpiare 





220.5 

39.7 

198.6 

49 

CEP, m 





1.5 

3.2 

14.5.7 

CEP. mrad 





12.5 


9.9 


2-4.4.2 Dynamic Loads 

Dynamic loads are the result of accelerations of the rocket, which can arise from a number of exter¬ 
nal or internal forces acting upon the vehicle. Some typical acceleration- or disturbance-producing 
quantities are shock, thrust, acoustics, handling, aerodynamic forces, and launcher-induced accelera¬ 
tions. The shock environment may be produced by one or more of the following events: truck transpor¬ 
tation; rail transportation; ship transportation; handling during transit, including drops; propulsion 
unit ignition, boost-sustain transition, and shutdown; fin opening or abrupt stabilizing surface area 
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change; operation of mechanical or electroexplosive devices; and rail launch tip-off. High-intensity 
acoustic-producing events occur during free or powered flight and the firing of adjacent rockets. 

2-4.4.3 Rocket Vibrational and Bending Considerations 

Vibration and bending of the rocket may be caused by either external forces and moments or induced 
by accelerations. Sources of disturbances which can produce bending are transportation by truck, rail, 
ship, and aircraft; handling or transfer operations; launcher operations; launch-to-target sources such 
as turbulent boundary layer, propulsion unit, rotating devices; and any unusual protrusion into the 
airflow. Simplified solutions of the equations of motion are available for the flexible launcher and 
rocket interaction problem, for example. Ref. 32. Detailed vibration studies often involve finite element 
modeling and usually are deferred to the advanced development phase. The information needed to 
develop a finite element model often is not available until the advanced development phase. 

2-4.5 STRUCTURES 

The rocket structure provides a specific external shape, a protective envelope, and a platform for the 
delivery of a payload to a target. The structure must be designed with minimum mass and sufficient 
strength to withstand ground handling, launch, and flight loads. Producibility and aerodynamic heat¬ 
ing are also considerations in structural design. 

The strength of a structure depends upon the physical and mechanical properties of the materials 
and the geometric configurations of the structural members. The proportional limit, elastic limit, yield 
point, ultimate strength, modulus of elasticity, ductility, anti hardness are the significant material 
properties considered in the preliminary design. 

The physical dimensions, moments of inertia, and cross-sectional area are the significant geometric 
factors of the structural members. 

2-4.5.1 Materials 

The structural engineer must not only be concerned with the elastic constants, yield and breaking 
strength, and fatigue characteristics but also the temperature, creep and plasticity, notch sensitivity, 
moisture, and dielectric characteristics of the materials. The compatibility of dissimilar materials that 
are physically connected must be considered because materials with different coefficients of expansion 
could produce undesirable stresses; also the problem of gait'anic corrosion of metals exists. Rockets 
require a broad spectrum of materials ranging from explosives, propellants, metals, to plastics— 
however, this paragraph will address only the load-carrying, structural materials. The main load¬ 
carrying structures for a rocket are the rocket case and motor case. 

Rocket motor cases frequently have been made of high strength steels. These materials have high 
yield and ultimate strength, are not notch sensitive, and are elastic. They can be cycled to 75% of full 

load several times without hoop strength failure, and they have been proven to be safe for man- 

launched rocket applications. However, steel cases are heavy, and therefore, structural designers also 

have used aluminum and composites. Several rockets using other materials have been designed; for 

example, the VIPER motor case is made of a composite material with an 8-mil aluminum liner. The 
aluminum liner is included to eliminate gas leaks and to provide a moisture barrier for the combustion 
chamber. The PERSHING II motor case is another example; it is made of Kevlar®. Special aluminum 
alloys have been developed which have high yield and ultimate strength in the 620 to 685 MPa range. 
However, these materials are relatively notch sensitive and brittle. The composite motor cases offer 
high strength to mass properties. However, proof test procedures and environmental protection must 
be considered before these materials are selected for use in structural components. 

2-4.5.2 Structural Sizing 

The structural designer must develop loads and moment data in order to calculate the stresses and 
deformations sustained by candidate materials. The equations used for calculating the stresses and 
deformations of rocket and motor cases are those applicable to unreinforced thin shells. The detailed 
stress and deformation calculations for rocket structures are provided in Chapter 7. 
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2-4.5.3 Mass and Balance. 

The mass and balance calculations performed are mass and center-of-gravity estimation, pitch iner¬ 
tia, and roll inertia. The equations for evaluating the volumes of typical reccket sections are presented 
in Chapter 7. The volumes are calculted for homogeneous sections, and the masses are then calculated 
by multiplying by assumed densities. Equations for calculating the center-of-gravity location also are 
provided by Chapter 7. For convenience, these locations are identified as rocket station numbers, i.e., 
distance from the nose tip. The location of the center of gravity of the complete configuration can be 
estimated by summing moments of the section masses about the nose tip and dividing by the total 
rocket mass. Thi pitch and roll inertias fo the rocket are calculated by similar methods. 


2-4.6 HEAT TRANSFER 

The depth of heat transfer analysis performed in the preliminary design phase of an aerodynamically 
stabilized free rocket is highly dependent upon the type of rocket. Some rockets may require consider¬ 
able heat transfer analysis, wheras for others extrapolation from similar rocket may suffice. The 
description of analyses and studies in this paragraph covers those analyses for a completely new rocket 
vehicle design. Details for carrying out the analysis are described in Chapter 8, "Heat Transfer". Tra¬ 
jectory and configuration data are required to define aerodynamic heating. Velocity, attitude, and 
altitude data versus time; configuration data; and a selected heating rate option are the usual inputs to 
an aerodynamic heating rate program such as the one given i nRef. 33. A heating rate indicator pro¬ 
gram will calculate the integrated aerodynamic heating rate versus trajectory time for any point on the 
conceptual body. The integrated heating rates for various designs provide the designer with data to use 
in the preliminary design process. 

During the preliminary design phase, system component temperatures are calculated by using 
closed-form solutions of the general energy equation. The internal heat transfer solutions are obtained 
by applying the aeroheating boundary conditions to known exponential form Laplace solutions given 
in Ref. 34 or to temperature response chart solutions given in Ref. 35. 

The rocket motor case must case must meet structural load requirements while bing heated both internally 
and externally. Calculation of internal heating requires knowledge of the combustion gaseous equili¬ 
brium composition and flow rate for the expected conbustion chamber pressure and termperature con¬ 
ditions. The exposed propellant grain surface and downstream flow restriction areas determine the 
chamber pressure. Propellant composition determines the equilibrium termerature. For the prelimi¬ 
nary design phase, chamber conditions can be estimated from previous similar rockets or test pro¬ 
grams. Rocket duct and nozzle propellant gas flow solutions to the momentum equation are obtained 
by useing ideal gas flow relationships. There relationships involve duct area change, energy subtraction 
from and addition to the flow, momentum loss, mass addition to or subtraction from the flow, or 
combinations of these changes in the form of influence factors (Ref. 36). Once the combustion chamber 
pressure and temperature time histories are known, the convection coefficients in the rocket ducting 
and nozzle can be calculated by using Bartz's relationship given in Ref 37. The heat transfer from the 
combustion chamber to the rocket skin can be calculated by using relatively simple computer pro¬ 
grams, such as the on in Ref. 38, that couple a one-dimensional surface ablator analysis to backup 
layers of nonablative materials. This analysis accounts for both the ablative heating on the combution 
chamber side and the aerodynamic heating on the rocket mold line side. 

Design analysis includes determining the effect of the rocket on the launcher, e.g., is the launcher 
purely structural or a shoulder-fired weapon. The heat effects of the launcher ususally result from 
plume impingement. Plume temperature and velocity flow fields must be defined before the plume 
impingement heating calculations can be performed. Flow field solutions must be provided for both 
the gaseous and condensed phase. Computer programs are available for calculating the gaseous flow 
field through the nozzle and into the atmosphere. No simple methods are available for calculating the 
condensed phase trajectories resulting from a body being submerged in a rocket plume. Convective and 
radiative heat transfer contributions from both the gaseous and condensed phase must be included in 
the analysis. The convective heat transfer between the gaseous phase and structure is dependent on the 
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gas recovery temperature and convection conductance values. The conductance values can be calcu¬ 
lated by using standard relationships for different shapes. The convective heat transfer between the 
condensed phase and the structure is characterized in terms of accommodation coefficients that express 
the ratio of particle impingement heating to the energy content of the particle. The particle heating, 
including contributions from both the thermal and kinetic energy fluxes, is computed based on the 
particle trajectory data. 

2-4.7 PERFORMANCE ESTIMATES 

The determination of performance parameters is a necessary first step in the preliminary design of a 
rocket system. Performance trade-off studies are made to determine the sensitivity of the physical 
parameters to variations in performance requirements, aerodynamic drag and static margin tailoring, 
and propulsion energy management techniques. The performance calculations are used to size the 
overall dimensions. 

The parameters that are considered in this evaluation can be divided into three categories: 

1. Factors associated with performance-such as payload, velocity, range, altitude, time of flight, 
and launch angle 

2. Factors associated with the propulsion system—such as energy management technique, specific 
impulse, thrust, burning time, and propellant mass fraction 

3. E-actors affecting aerodynamics—such as shape, stabilization devices, length, and diameter. 

The performance factors, with the exception of launch angle and time of flight, usually are fixed for 
the solution of a given problem. 

Determination or selection of optimum values of the propulsion-system variables is called energy 
management. Energy management determines the thrust magnitude for the boost and sustainer phases, 
and also considers the duration of coast periods. The objective of energy management is to deposit the 
payload at the target with a minimum expenditure of propellant while meeting accuracy and cost 
goals. 

Drag is of main concern for aerodynamic sizing of a free flight rocket. The drag and its resultant 
effect on the ballistic coefficient have a direct effect upon the ballistic trajectory flown by a rocket using 
a particular energy management system. 

Performance parameters provide data relating performance to physical characteristics. Mass is the 
principal physical characteristic of concern to the rocket designer, although such physical characteris¬ 
tics as length, diameter, or volume may sometimes be limiting factors also, e.g., in considering 
transportability. 

The reader is referred to Chapter 3, "Performance", for detail on estimating performance. 

2-4.8 SUBSYSTEM DESIGN OPTIMIZATION 

The preliminary design phase is a highly iterative process with actitities performed either simul¬ 
taneously or sequentially to meet the user need requirements. The primary objective of the preliminary 
design effort is to compare all competing alternative subsystem design approaches that best meet the 
needs for an integrated system. Subsystem design optimization is the process by which the proper 
trade-offs among the physical parameters, the accuracy requirements, the manufacturing tolerances, 
the interfaces between rocket and other equipment, life cycle cost, and the technology availability to 
achieve mission objectives are made. The name usually assigned to this function is system integration. 
Par. 2-4.10 presents in some detail the process used to coordinate the activities just described. 

2-4.9 AUXILIARY DEVICES 

Auxiliary devices are used in aerodynamically stabilized free rocket systems. The requirement for 
these devices is defined in the preliminary design phase. Although they are necessary for its operation, 
these devices are not considered a part of the primary rocket system. 

2-4.9.1 Wind and Density Measuring Devices 

Major contributors to the dispersion of artillery-type free flight rockets are ballistic wind and atmos¬ 
pheric density errors. This is particularly true for medium and long-range rockets. These two error 
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sources and their effects on the trjectory are discussed in Chapter 4, "Accuracy". Also discussed in that 
chapter are methods that can be used to desensitize the rocket to these error sources. Ballistic winds and 
atmospheric density are quantities that produce bias-type errors, i.e., if the correct values were known, 
one could compensate by changing the launch conditions. Obviously, more current and more accurate 
meterorological data can reduce the bias errors. A new upper atmosphere sounding system named the 
Field Artillery Meteorological Acquisition System (FAMAS) has been developed to replace the 
AN/GMD-1 Rawin set which has been in use for over 20 yr. The FAMAS system in automated and 
provedes a digital readout after the sounding equipment in launched. The system will automatically 
acquire and track the flight equipment, handle and process the received meteorological intelligence, 
compute the various meteorological messages, and send the data to user elements. 

2-4.9.2 Temperature Control Devices 

Temperature control problems can orrucr while the rocket is on the launcher and during flight. For 
example, a rocket component may be so sensitive to temperature that its performance is seriously 
degraded above and below some limiting temperature range, and failures can occur if temperatures are 
not kept within some specified range. Some parts generate heat internally which must be dissipated to 
the external evironment. These environments can be quite severe; thus it is sometimes necessary to 
proved auxiliary devices to effect the heat transfers. 

Various temperature control devices are available for handling these situations. For example, a local¬ 
ized over-temperature problem can be handled with a change of phase material that melts above a 
certain threshold temperature; insulation can be used to protect warheads and fuxed from aeordynamic 
heating; thermal batteries can be used to supply electrical power for heating various components; and 
thermoelectric devices used in combination with thermal bvatteries can cool components. The specific 
temperature control device used will depend on the component limit temperature, the available sink 
temperature, the amount of heat to be removed, available energy sources for adding removing heat, 
and the duration of the critical temperature situation. 

2-4.9.3 Firing and Firing Control Equipment 

Rocket motors can be fired with pyrotechnic igniters, pyrogenic ignition systems, squibs, and igniter 
safe-arm mechanisms. The main components of a rocket motor igniter are the primary initiating 
device, the main ignition charge, and the case. The operational requirements are a driver in determin¬ 
ing the firing mechanism. The firing mechanism and the propellant must function together to achieve 
proper motor ignition. The paragraphs that follow briefly describe some of the firing mechanisms and 
systems. 

In pyrotechnic igniters, the main ignition charge consists of a mixture of metallic fuel and an 
oxidizer, which is designed to react chemically and produce heat. Organic binders that also function as 
fuel frequently are added to metal-oxidant mixtures to maintain intimate contact between the powered 
fuel and oxidizer. These mixtures are used in the form of pressed pellets, as sheet coatings, and as loose 
powders. 

The pyrogenic ignition system can either be mounted at the head end of the motor or on the aft end 
nozzle adapter with its exhaust gases directed across the propellant surface, or it can be mounted as 
part of the launching equipment at the nozzle end. 

Hypergolic ignition is achieved when at least two materials are brought together physically, and 
spontaneous ignition occurs upon their contact. In solid rockets, hypergolic ignition has been demon¬ 
strated by using a composite propellant as one of the reactants and a powerful gaseous oxidizer, such 
as chlorine trifluoride, as the other reactant. 

An electric igniter-squib, or initiator, contains one or more resistance wires called bridge wires 
which are surrounded by readily ignitable pyrotechnics or primary explosives. The bridge wire is 
heated by an electric current to ignite the heat-sensitive explosive. 

Requirements sometimes specify that a safe-arm device be used in the ignition systems. There are 
two basic approaches for a safe-arm dm'ice: (1) an electric block that will not permit current to be 
supplied to the squibs or initiators, and (2) a mechanical block that usually is a barrier across the face 


2-20 



MIL-HDBK-762(MI) 


of the squibs or initiators. The electrical and mechanical blocks often are incorporated into a single 
mechanism. 

2-4.9.4 Fuze Setting Equipment 

Every rocket warhead has a safe and arm, and fuze setting system. The rocket may be launched by a 
remote management system that sets the fuze in the warhead and activates the rocket igniters. Fuzes can 
be super quick, time delay, or proximity. 

The electronic time fuze is one of the more accurate delay fuzes available; it can be set to initiate the 
detonation process at any time after a specific event. It can also be designed for remote setting. 

2-4.9.5 Shipping Containers 

The rocket shipping container must be designed to absorb shock; isolate the rocket from rain, hail, 
sand, and dust; and insulate the rocket from diurnal temperature variations. Some shipping containers 
also serve as part of the launch system. See Ref. 39 for information on container design. 

2-4.9.6 Other Devices Unique to a Given System 

Other devices unique to a given system may be a laying and aiming system; target acquisition, 
discrimination, tracking, and engagement systems; etc. 

2-4.10 SYSTEM INTEGRATION 

The preliminary design phase requires continuous system integration effort to provide updated 
requirements and to maintain interfaces on a daily basis with all technological disciplines and design 
areas involved. System integration during this phase expedites the exchange of data among the differ¬ 
ent disciplines and design areas. This is to insure that all subsystems and components intermesh phys¬ 
ically and functionally in an acceptable manner. The system integration process also must consider- 
component performance, reliability, availability, and maintainability Manufacturing techniques and 
life cycle costs are also of concern to the engineers involved in system integration. Each of these areas is 
discussed in the paragraphs that follow. 

2-4.10.1 Performance 

The system integration process continuously compares the updated performance characteristics and 
the design requirements of the rocket components to those required to satisfy the mission need. 

The warhead performance requirement may be antipersonnel and have a specified kill probability 
within a certain area. Other interfaces could create an updated design requirement that a certain size 
wire bundle be carried through the warhead section or that the warhead skin carry the structural loads 
in a certain manner. 

The propulsion performance requirement may be that the propellant provide a progressive thrust in 
a manner that minimizes low velocity crosswind-induced dispersions at the warhead delivery point. A 
design requirement may be that a rocket motor or auxiliary device impart a spin rate to the rocket 
while it is still on the launcher. 

Aerodynamic performance often requires that trade-offs be made between the shape of the warhead 
and drag characteristics. Static margin tailoring and fin design require trade-offs. The types of fins and 
the launcher sometimes pose compatibility problems. The rocket and launcher interface must be con¬ 
sidered when defining the drag. 

An accuracy performance requirement may be that the CEP of the rocket be no greater than 300 m at 
a 30-km range. From a total system integration design standpoint, the accuracy of a rocket can be 
improved by using a better meteorological data sounding system such as FAMAS as is discussed in par. 
2-4.9. Thus, the use of the FAMAS system could be an accuracy design requirement. 

It may be required that the rocket structure be formed to minimize thrust misalignment, i.e., a 
performance requirement. A design requirement would be the imposed load distribution for handling, 
launch, and flight. Cost for manufacture must be considered in the structure design. 

A requirement that impacts on heat transfer studies is the rocket thermal protection system require¬ 
ments. A design requirement may be that the motor case structure be maintained below some specified 
temperature. 


2-21 



MIL-HDBK-762(MI) 


The system integration engineer must trade off the individual discipline or subsystem requirements 
with that of the rocket mission. He nust keep in mind that the important performance requirements 
are those associated with payload, velocity, range, altitude, time of flight, and launch angle. 

2-4.10.2 Reliability 

A reliability assurance program must be established and maintained in accordance with military 
standards such as MIL-STD-790 for electronics. The systems engineer must not only be concerned with 
whether a component will perform satisfactorily but also whether the component has a satisfactory 
reliability history. A reliability failure analysis must be performed on each component. Government 
supplied parts, reiability data are beneficial in this analysis. Once component reliability is established, 
the reliability engineer must determine whether the differnet components of a subsystem are compati¬ 
ble. He must determine whether materials are dissimilar, whether stress concentrations are created by 
different materials having different doefficients of thermal expansion, etc. Once a reliable subsystem 
has been configured, the reliability engineers must evaluate the interplay amont the different subsys¬ 
tems to perform a total system reliability analysis. 

2-4.10.3 Cost 

A life cycle cost-effectiveness analysis models a total weapon system for a specified life cycle in terms 
of logistics, ammunition, training, personnel, and costs. The total recket system next would be 
deployed against a specified battle scenario in a computer-simulated battle. Then a quantities of 
diferent types of rockets and associated equipment are adjusted until the battle is won-i.e., all targets 
have been attacked or a specified number destroyed. In this manner a parameter can be varied within 
the weapon system, the system adjucted to be successful, and the total cost determined. This is a life 
cycle cost analysis that could be applied in preliminary design to a total weapon system; however, all 
types of cost studies are necessary from the time the component selection process begins, until the total 
system selection process is completed. Cost and performance versus quality assurance are trade-offs 
made at each level of weapon system design. These cost studies not only apply to the design of systems 
but also to the verification of that system through an enviromental quality assurance program. 
2-4.10.4 Availability Data 

Literature searches must be performed to gather information on the availability of the different types 
of systems which are bing considered. Contracts made through use of vendors' supplier lists are also 
good sources of availability data. The system engineer must continue to evaluate his proposed system 
until he is certain that it will be state of the art and producible within the time frame of his contract. 

2-4.10.5 Manufacturing Considerations 

The system engineer must consider manufacturing processes from the forming, assembly, and cost- 
effectiveness standpoints. He may machine, spin, shear, form, stamp, deep draw, tube draw, roll bend, 
host extrude, cold extrude, hydrostatically extrude, or expand the part in the forming process. He may 
assemble the parts by using rivets, quick disconnects, or an array of welding and brazing process. 
Available processes are arc, electron beam, tungsten inert gas, and plasma welding; or vacuum, hydro¬ 
gen, inert gas, and retort hydrogen atmosphere brazing. Ref. 40 provides information on producibility 

From a cost-effectiveness and minimum weight standpoint, the substitution of advanced composite 
for metals must be considered. This is particularly true for large, nonload-carrying structural members. 
Generally speaking, epoxy graphite composites, although light in weight and relatively easy to pro¬ 
cess, are costly. The system engineer must constantly monitor advancements completed by materials 
laboratories such as the Air Force Materials Laboratory at Wright Patterson Air Force Base. Refs. 41 
through 44 provide useful information on composites. 

2-4.11 SPECIFICATIONS 

The functional baseline (baseline of program requirements) and interface control specifications are 
established by the end of the preliminary design phase. The functional baseline includes broad system 
performace objectives, an operational concept, a logistic concept, and cost estimates. The system 
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specification defines the technical portion of the baseline program requirements. An interface control 
specification establishes the physical, functional, safety, inspection, and test interfaces among rocket 
components, and between the rocket and launcher subsystem. 

2-5 SYSTEM VALIDATION 

The system validation phase serves to validate and refine program characteristics through extensive 
study and analysis, prototype hardware development, and prototypte testing. The objective of this 
phase is to establish firm and realistic performance specifications that impose the operational and 
support requirements. Hardware that will meet the functional and performance requirements is 
defined and designed during this phase. Prototype models are fabricated and tested to verify the ability 
of the system to meet these requirements. 

Fig. 2-4 depicts the technical activities that take place in the system validation phase. The prelini- 
nary design functional requirement baseline is translated into a design requirement baseline during 
system validation phase. The functional baseline during this phase is redefined in terms of perfor¬ 
mance requirements, decision constraints, and physical configurations. The parametric trade-off stud¬ 
ies performed during the preliminary design phase are refined further. These studies lead into the 
demonstration and validation of concept tests and studies. These tests and studies are performed to 
insure that a configuration being defined for the full-scale development phase meets the updated mis¬ 
sion needs and is the best possible balance among the alternatives, considering total cost, schedule, and 
operational effectiveness. The quantity and level of prototype modeling and hardware validation per¬ 
formed during the validation phase depend on the nature of the program and the risks and trade-offs 
involved. It must be remembered that the hardware tested in this phase is produced by other than 
production methods. Testing is performed to determine whether a design is functional and meets 
performance requirements. Complete qualification testing is performed in the full-scale development 
phase. 

Overall program office management activity increases in the system validation phase. Usually at the 
time of the system validation phase, a somewhat definitive contract has been written. New data, the 
results of technology studies, test results, or changing needs may alter the functional requirements 
defined as output of the preliminary design. Any changes in the requirements placed on a weapon 
supplier must be coordinated through official channels. Thus program office management must coor¬ 
dinate its changing requirements through the contract organization. 


Functional 

Requirements 

Baseline 



Figure 2-4. System Validation Phase Activities 
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2-5.1 DESIGN AND DOCUMENTATION 

The process involed in developing any design consists of four steps, i.e., 

1. Program requirements translated into functional requirements. 

2. Functions analyzed and translated into requirements for design, facilities, personnel training, 
and prodedural data. 

3. Requirements integrated into contract end items, training course, and procedural publications. 

4. System and design engineering trade-off studies to determine requirements and design approach. 
The process is a method for defining the system on a total basis so that the design will reflect require¬ 
ments for hardware, software, and personnel in an integrated fashion. It provides the source require¬ 
ment data for the development of specifications, test plans, and procedures. It also provides the backup 
data required to define, contract, design, develop, produce, install, check, and test the system. 

2.5.1.1 Detailed Hardware Design 

Detailed hardware design proceeds after the functional and performance requirements are defined. 
The functional and performance spedifications with the interface constraints set the bounds for the 
detailed hardware design. The detailed design must meet specific functioal and performance require¬ 
ments, interface properly with the rest of the system, and meet the physical constraints. Environmental 
contraints also impact the hardware design and must be considered. The design for equipment for 
military use also must meet several standardized spedifications. Thes spedifications serve to standard¬ 
ize drawings and otherwise assist in maintaining proper relationships between engineering and manu¬ 
facturing data and the manufactured configuration items. The reader is cautioned to refer to the proper 
military standards and specifications for standards and practices applicable to hardware design and 
documentation. Examples of standard practices and specifications are 

1. Engineering drawings and associated lists will be prepared in accordance with Spedification 
MIL-D-1000. 

2. Drawing practices will follow MIL-STD-100. 

The weapon supplier is required to submit drawings that comply with the standards and practices of 
the user. The configuration management function is responsible for the quality control of drawings. 
Engineering drawings will provide complete information to assure design integrity relative to inter¬ 
changeability and replaceability by showing detail and assembly information, material identification, 
critical reference points, lines or surfaces, including related dimensions and tolerances, plus delinea¬ 
tion of c ritical surfaces. Configuration mansgement also establishes a document control system to 
record, release, and maintain document usage data to assure adequate and accurate records for effective 
baseline control. 

2-5.1.2 Weights and Balances 

The weight and balance calculations performed are mass and center-of-gravity estimation, and pitch 
and roll inertias. The weight and balance calculations performed in the system validation phase will 
be similar to those performed in the preliminary design phase but in much greater detail. The reader is 
referred to Chapter 7 for more details on this analysis. 

2-5.1.3 Fabrication Drawings 

Detailed drawings and fabrication (assembly) drawings were discussed in par. 2-5.1.1. 

2-5.1.4 Specifications 

Specifications are written to accomplish a number of objectives, i.e., 

1. Define the functional and performatnce requirements. 

2. Define the physical dimensions. 

3. Define interfaces with other equipment. 

4. Specify testing to demonstrate reliability and maintainability. 

5. Provide definitive documentation on contractural items. 

The allocated baseline specifications are developed in the preliminary design, updated, and further 
defined during the system validation phase. The specifications incorporate the technological ap- 
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preaches developed to satisfy the objectives in the functional baseline (baseline of program require¬ 
ments). The allocated specification, defined in Ref. 45, is a document intended primarily for use in 
procurement. Ref. 45 clearly and accurately describes the essential technical requirements for items, 
materials, or services, including the procedures by which it will be determined that the requirements 
have been met. Specifications for items and materials may also contain preservation packaging, pack¬ 
ing, and marking requirements. 

Specifications for procurement should state only the actual minimum needs of the Government. 
They should describe the supplies and services in a manner that will encourage maximum competition 
and eliminate, insofar as possible, any restrictive features that might limit acceptable offers. 

The specification should state the necessary requirements—description, systems, design materials, 
performance characteristics, processes, reliability, workmanship, etc. —to obtain the product for which 
the specification is prepared. The requirements shall represent the actual minimum practical needs of 
the Government to satisfy the intended use and application. The specification should include quality 
assurance provisions, including examinations and tests to be performed, to determine that the item or 
service to be offered for acceptance conforms to the design requirements. 

2-5.2 TESTING 

Testing is performed in the system validation phase to determine whether the design meets the 
functional and performance requirements. Included in the reliability testing is that performed on 
components subjected to some environmental or dynamic cycling. Testing programs are structured to 
verify technical approaches, resolve technical risks, verify interface compatibility, validate producibil- 
ity through hardware proofing, and to assess the impact of the environment on reliability and perfor¬ 
mance. System validation testing includes static or laboratory-type tests, ballistic range tests, wind- 
tunnel-scale model tests, and full-scale flight tests. 

2-5.2.1 Types of Tests 

Static tests as discussed here represent those tests that are not flight tests or wind-turmel tests. Static 
testing is conducted to evaluate all rocket components and subsystems and is performed to determine 
or verify system component performance, structural integrity, sensitivity to climatic extremes, mea¬ 
surement techniques, and applicability of analysis techniques used to evaluate data. Tests are also 
performed to provide data for improving and upgrading simulation models. 

For an aerodynamically stabilized free rocket, the rocket motor is one of the more important compo¬ 
nents; therefore, tests are conducted to verify motor performance characteristics. Motor properties, 
either measured or derivable from data obtained during the tests, include burn rate, thrust, specific 
impulse, and the characteristic velocity. Quantities are measured as a function of time to allow defini¬ 
tion of the thrust profile. 

Structural tests are performed on propellant samples to determine their capability to function after 
being stored at specified temperature ranges. Conducted tests include stress-strain modulus, thermal 
conductivity, thermal expansion, density, and burn rate. 

The environmental climatic extreme tests are qualification tests during which the rocket motor is 
subjected to a series of these environments and then fired to evaluate performance characteristics. The 
environmental tests include salt spray, humidity, rain, temperature cycling, acceleration, accelerated 
aging, etc. Refs. 46 through .50 provide worldwide environmental data. In addition to these climatic 
environments, the rocket is submitted to in-service environments such as helicopter, vibration and spin 
rate. After a motor is subjected to these climatic and in-service environments, it may be soaked at an 
extreme temperature and fired. The instrumentation used in these tests includes uniaxial and biaxial 
strain gages, motor pressure transduces, sound level analyzers, and thermistors. 

The measurement techniques used and the analysis performed are inseparable and will be discussed 
as a single item. The propellant and insulation weights are measured before and after the tests. The 
total pressure of the chamber and rocket thrust variations as functions of time are measured during the 
test. By knowing the nozzle throat area, nozzle area ratio, and nozzle half angle before the test and after 
the test, the nozzle mass-flow rate can be obtained by using the measured propellant and inert mass loss 
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data and burn time. since all other parameters are known, the variation of the cahracteristic velocity 
with time is obtained. The specific impulse is determined by dividing the measured thrust by the 
calculated average nozzle mass-flow rate. 

The theoretical rocket thrust, spedifica impulse, and characteristic velocity are calculated. The ratio of 
the measured values to theoretical values provides the designer with the characteristic velocity and 
specific impulse efficiencies. 

The motor case structuarl tests are performed to demonstrate that a motor case design of minimum 
dimensions and material strength will carry a specified pressure without yielding and to demonstrate 
location and type of failure during burst pressure test. Microtensile specimens can be taken from the 
case failure region for use in further determination of the minimum ultimate strength and minimum 
yield strength of the case. These determinations are make in the circumferential and longitudinal 
directions. 

Wind-tunnel tests are perfomed to measure and determine aerodynamic force and moment coeffi¬ 
cients, aerodynamic heating parameters, and heat transfer characteristics. The aerodynamic tests mea¬ 
sure forces, moments, and pressure loads. The aerodynamic heating tests are conducted to measure 
heating rates and recovery temperatures. Heat transfer tests are performed to measure ablation rates and 
temperatures at critical locations throughout the rocket. The aerodynamic force, moment, and derived 
stability data are used in computer simulations of the boost phase and the coast phase. Wind-tunnel 
tests are conducted at subsonic, transonic, supersonic, and hypersonic speeds to cover the entire spec¬ 
trum of flight velocity. Thus no one tunnel can be expected to cover this range, and it may be necessary 
to use several tunnels to establish a complete aerodynamic data base. The tunnels should have a high 
Reynolds number in order to yield reliable data. The models ussed to obtain basic 6-component aerody¬ 
namic data are sized by the facility to be used for the test and can range from 5% of full scale to full 
scale. The model scale must be of sufficient size so that the component parts normally exposed are not 
submerged in the boundary layer of the test model. Coefficeints for forces along, and moments about, 
three orthogonal axes are obtained by using a sting- or strut-support internal force balance. Pressure 
taps can be placed on the model to determine pressures at selected locations. For each Mach number 
tested, the angle of attack of the model in the vertical plane may be varied. Each model configuration 
incorportating tail fins is tested at various roll angles. The force and moment data are reduced to 
coefficient form and plotted versus appropriate a ngle of attack. Those parameters showing nonlinear 
vatiation with angle of attack are noted to further study. The resulting coefficient data are normal 
force, side force, axial force, pitching moment, yawing moment, and rolling moment. Pressure data are 
used in aerodynamic load analysis. 

Flight profiles for some rockets indicate that aerodynamic heating must be considered in the design 
of the external surfaces. Therefore, erodynamic heating tests are conducted for rockets with flight 
regimes that cause significant aerodynamic heating. Wind-tunnel tests are conducted to measure undis¬ 
turbed, interference, and protuberance heating of a rocket. Tests are performed at supersonic and 
hypersonic Mach numbers, and at Reynolds numbers characteristic of severe heating flight regimes. 
The undisturbed heating tests use scale models of the clean body configurations of the entire rocket, 
but interference and protuberance heating tests use scale models of the intire rocket including fins, 
bourrelets, etc. The ratio of the heating measured on the interference and protuberance model to that 
measeured on an undisturbed model, and the calculated clean body heating for the full-scale flight 
rocket are used to calculate total heating rate of the rocket. Heat transfer tests normally are conducted 
wieh a full-scale model that will have an adiabatic wall and heat transfer convection coefficeint equi¬ 
valent to that existing on the rocket at some Mach number and Reynolds number during the flight 
time of interest. Thermographic phosphors and external thermocouples are used to show the natural 
boundary layer transit on these full-scale models. Heat flux gages can be used to verify that the correct 
surface heat flux is simulated at a particular location on the rocket, whereas internal thermocouples 
are used to evaluate system component performance. 

Flight tests are used to verify component and system performance, aerodynamic stability and drag 
characteristics, overall accuracy characteristics of the rocket, structural load, moment and vibration 
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environments, and rocket roll rate. The primary purpose of a flight test program is to obtain engineer¬ 
ing data on the rocket during the launch, boost, and ballistic flight phases, and during flight to 
impact. In addition to evaluating total functional performance of the system, the objective of a flight 
test program may be to gather specific data on velocity and spin rate profiles, rocket and launcher 
interaction, tip-off or nontip-off characteristics, rocket stability, structural integrity of the rocket and 
launcher, detent release, motor performance, fin dynamics, and blast pressure effects of a rocket. Dur¬ 
ing these tests, the rockets are ballasted so that their masses and centers of gravity will simulate the 
tactical weapon. 

The instrumentation used in flight test programs includes everything described under static tests 
plus that required to monitor the flight dynamics of the vehicle. The instrumentation to monitor 
flight dynamics can be an on-board package or a range setup. On-board packages will have inertial 
instrumentation and either a telemetry system or a recording system. Range instrumentation usually 
involves a variety of cameras, radars, and other tracking equipment to record the position and orienta¬ 
tion of the rocket. The decision to use on-board or range instrumentation, or a combination of both, 
varies with the types of rockets, range equipment available, and specific data requirements. 

Flight test programs allow different component configurations to be demonstrated and the best con¬ 
figuration to be verified for use in the final configuration selection process. 

2-5.2.2 Test Plan 

A test—whether a static test, a wind-tunnel test, or a flight-test-should have a specific set of clearly 
defined objectives. These objectives are best accomplished by a carefully planned test. Testing proce¬ 
dures may vary for different types of tests, but the fundamentals of planning, conducting, and analyz¬ 
ing the results of any test are similar. Data required to determine whether the test objective is met must 
be specified. The models or equipment needed to provide test data are then determined, and instrumen¬ 
tation required to measure and record data is identified. The method of reducing and analyzing the 
data is then determined. Once all this information is available, the test plan can be written. The test 
plan is the documentation to support and define the operations to accomplish the test objectives. The 
next paragraph describes the essential contents of a test plan. 

A test plan should include an introduction, a model description, instrumentation requirements, 
operation requirements, data reduction and presentation requirements, a run schedule, and model 
drawings. Each element is discussed further: 

1. Introduction. Presents information about test location, test date, and the objective of the testing 
to be performed. It also names the test engineer and delineates distribution of the test data. 

2. Model Description. Includes a description of the model construction, a reference to the rocket 
configuration represented by the model, and a description of the coordinate system used to identify 
instrumentation. The model description includes dimensional data showing a comparison between 
full-scale rocket dimensions compared to model dimensions. 

3. Instrumentation Description. Delineates the number and types of instrumentation to be used in 
the test program. The locations of all instrumentation on the model are defined by coordinate location 
and by sketches of the model. 

4. Operations. Required sequence of events to conduct the test and the delineation of responsibili¬ 
ties for model preparation, test preparation, instrumentation, test conduction, data reduction, and data 
analysis. Operations includes specifying which instrumentation fits into which data set and describes 
the process of conducting the test. The definition of the test conditions and parameters to be measured 
and recorded is part of operations. Specific data requirements such as photographs are part of the 
operations portion of the test plan. 

5. Data Reduction. Specifics the procedure for transforming the raw instrumentation data into 
useful engineering parameters. Specific algorithms for transforming data are supplied in the test 
organization. Data formats for returning test data to the designer or other ultimate user are specified. 

6. Run Schedule. Includes model geometry and altitude data, tunnel Mach number and Reynolds 
number, and instrumentation set to be used for each test run. The run schedule also defines all runs to 
be performed. 
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7. Model Drawing. Provided for use in manufacturing the models. The drawings spedify material 
requirements, surface finish requirements, machining operations, method of attachment of parts, and 
instrumentation installation processes. 

The conduct of a successful test program requires considerable consideration between the requesting 
organization and the organization conducting the tests. For the user to receive the desired information 
from a test program, it is necessary for him to know the quantities that can be instrumented, the 
accuracy of the data that can be obtained, the test conditions available to obtain the data, and what is 
required of the model or test item. Information exchange or system integration is very important for 
the conduct of a successful test program. 

2-5.3 SYSTEM INTEGRATION 

System integration is an important function in all phases of the development of a rocket system; it is 
to assure compatibility of all elements of the system. All the functions performed in the preliminary 
design phase continue in the system validation phase. Integration and coordination of activities and 
data increase in importance in the system validation phase. This is the phase during which prototype 
hardware is fabricated, testing and final system designs are performed, and manufacturing require¬ 
ments and field support and training needs are defined. During the system validation phase, the system 
design becomes sufficiently firm and detailed; accordingly, changes may be difficult and very costly to 
implement. 

Simulations are used to aid in the integration of the various system components into an overall 
functional system. As subsystems are designed and tested, simulations can be updated to reflect actual 
hardware dynamics and functional responses. The overall system is simulated to assure the ability of 
the system to meet the requirements. 

Costing for the overall system is updated. Life cycle costing is performed to provide data for the 
cost-effectiveness trade-offs performed before commitment to production. Manufacturing processes and 
availability considerations feed into the design. 

Materials for the fabrication of particular items are considered. The cost and availability of mate- 
reals, manufacturing processes, availability of tooling, and reiablility of the finished product all are 
considerations for system integration in the system validation phase. 

The reliability of the system, as expected in the field, is determined in the system validation phase. 
Failure rates for the components, subsystems, and the system are determined and used in life cycle 
costing and overall system effectiveness studies. Maintainability and logistic requirements for support¬ 
ing the system in the field are determined. Training requirements for operation and maintenance are 
defined and furnish information into the life cycle costing studies. 

The configuration management aspects of system integration continue in the system validation 
phase, and additional emphasis is placed on interface and change controls. Any changes to the system 
must be properly cooridated and evaluated to determine the effect on any and all elements of the 
system. The impact of the change of performacne, reliability, producibility, maintainability, cost, etc., 
must be evaluated before any changes can be allowed. 

In summary, the system integration function is very important in the development, manufacture, 
and fielding of a cost-effective rocket system. 
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CHAPTER 3 
PERFORMANCE 


The chapter prevents information for use in determining the free rocket physical characteristics that 
result from mission range and payload requirements. Idealized velocity requirement estimates are pre¬ 
sented in equation form. Also included are equations and figures useful in the estimation of additional 
velocity requirements resulting from aerodynamic drag and gravitationale effects. Data for several classes of 
rockets are presented. 

Figures depicting parametric relationships useful to the performance design function are presented. 
These parametric data are useful in design trade-offs and in establishing limits on some parameters for 
several classes of free rockets. 

A numerical example is presented to illustrate the use of the information and data presented in the 
chapter. 

3-0 LIST OF SYMBOLS 

A , aerodynamic reference area, 

B = m/(CjA,J, ballistic coefficient, kg/m^ 

(Cdi,oA^J, ballistic coefficient immediately after motor burnout, kg/m^ 
Fi 3 /(qAy, aerodynamic drag coefficient, dimensionless 
CDg= instantaneous drag coefficient during rocket flight (boost), dimensionless 
CDgo= aerodynamic drag coefficient immediately after rocket motor burnout, 
dimensionless 

CDc= instantaneous drag coefficient during rocket unpowered flight (coast), 
dimensionless 

(CDb)j,„= aerodynamic drag coefficient immediately before rocket motor burnout, 
dimensionless 

d = aerodynamic reference length, m 
F B = thrust of rocket booster motor, N 
F D = aerodynamic drag force, N 
F s = thrust of rocket sustainer motor, N 

^ “ Fg/ (m^gg), initial acceleration level of rocket, dimensionless 
gg= 9.80665 m/s^ reference acceleration due to gravity 
H = altitude, m 

= maximum altitude of sounding rocket, m 
^ “ Fg / (mgg), rocket motor specific impulse, s 

Ig/Ig^ ratio of sustainer motor total impulse Igto booster motor total impulse Ig, 
dimensionless 

tin this chapter, the specific impulse is defined in the traditional sense, i.e., Fb/( with units newton/(newton/second) or 

second. The equations herein use this definition. In Chapter 6, Lpis defined in a manner consistent with the International System 
of Units (SI). 
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(Igp)g/ (Isp)b= ratio of sustainer motor specific impulse to booster motor specific impulse X 

100 , % 

K = a function accounting for variation of C^, mass, and gravity during boost, kg/ 
mZs^ 

M= Mach number, dimensionless 
m = rocket mass, kg 
m ■ = rocket motor mass flow rate, kg/s 
m = m^ — mp, rocket mass at motor burnout, kg 
mp= mass of usable propellant, kg 

mp,B= payload mass, includes all mass not associated with the rocket motor, kg 
(Usually taken to mean all mass forward of the motor.) 
m„= rocket gross mass at ignition, kg 

PMF = mp/(m(,- mpij, propellant mass fraction, the ratio of propellant mass to the 
mass associated with the motor, dimensionless 
P ,= atmospheric pressure. Pa 
P rocket motor chamber pressure. Pa 

PyP^= ratio of rocket motor chamber pressure to standard atmospheric pressure, 
dimensionless 

Q = my mp,B, growth factor, the ratio of rocket gross mass to payload mass, 
dimensionless 

QE = quadrant elevation angle, measured positive above horizon, deg or rad as noted 
q = pVV2, instantaneous dynamic pressure. Pa 
R = range, m or km 

maximum range, km 

r^ = mp/ (mp— nip), booster mass ratio, the ratio of rocket gross mass to burnout 
mass, dimensionless 
t = time, s 

t^j, = time to altitude, s 
k = rocket motor burn time, s 

= time of rocket motor burnout, s 
tj^p = time of rocket flight termination, s 
t, ° time to target, s 
1 0 " time of rocket ignition, s 
V = velocity, m/s 

Vb= estimate of rocket velocity requirement without drag and gravity losses, m/s 
VByburnout velocity, m/s 

V ideal = golsplri(u) = rocket velocity determined by the ideal velocity equation, m/s 
Vp^^p " total rocket motor propulsive velocity requirement including estimates of drag 
and gravity effects, m/s 

^Vboost= estimate of velocity increment lost to drag during powered flight (boost), m/s 

AVcoast= estimate of velocity increment lost to drag during unpowered flight (coast), m/s 

AVgrav = estimate of velocity increment lost (or gained) due to gravity effects, m/s 
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p = atmospheric density, kg/m^ 

p„= 1.2250 kg/m^ atmospheric density at standard sea-level conditions 

3-1 INTRODUCTION 

Performance in the context of this handbook, and specifically in this chapter, relates to velocity and 
impulse characteristics of the rocket. The analysis and determination of performance requirements 
involve the determination of the velocity and impulse requirements to deliver a given payload to the target 
at a specific range. Accuracy requirements are not considered part of the performance discussions; accuracy 
is the subject of Chapter 4. 

In the design of any rocket, the study of performance parameters is a necessary early step in the trade-off 
studies of the concept because the parametric performance data 

1. Relate the performance to rocket physical characteristics 

2. Serve as the basis for trade-off considerations among competing requirements and characteristics 

3. Show the sensitivity of the rocket physical characteristics to variations in performance requirements, 
propulsion system efficiency), aerodynamic characteristics (primarily drag), and energy management 
technique. 

Flight performance characteristics are developed using the simple, 2-degrees-of-freedom (DOF), trajec¬ 
tory computer programs. The forces acting on the rocket are considered to be thrust, drag, and that due to 
gravity. In addition, the thrust and drag forces are assume-d to be aligned with the instantaneous flight path 
angle. Flight performance data can be determined fairly easily by applying these approximations with 
relatively small computers. The only input data required are the initial mass, propellant consumption 
rate, burn time, thrust history, and drag coefficient versus Mach number. 

Performance trade-off studies generally start with the requirement to deliver a specified payload mass to 
a specified range or altitude. Additional payload requirements that can be imposed include velocity and 
approach angle at the target or other warhead requirements. General operational requirements may 
include a total mass limitation, initial boost thrust limits, and overall length limits. The effects of 
geometry and packaging may also be included in the flight performance analysis. Other data in the form of 
propulsion data, mass-estimating relationships, and sizing methodologies may be required. 

The parametric flight performance data for this chapter have been developed by use of a simple 
computer program. The computer program is described in par. 3-3; a sample methodology for sizing 
rockets is presented in par. 3-9. Other data in this chapter are presented to show the relationships among 
the various rocket motor parameters, rocket mass parameters, and rocket performance. 

The rocket performance and sizing methodology presented in this chapter is meant to be used for 
preliminary design estimations. The methodology allows the relatively rapid assessment of several rocket 
configurations in order to narrow the choice among such configurations. More detailed and precise 
analyses can then proceed on a more limited number of configurational options that are more likely to 
meet system specifications. 

'Die preliminary rocket design effort must be supported by information from several rocket discipline. 
Achievable thrust and specific impulse estimates, reasonable mass densities for typical rocket sections, and 
rough estimates of aerodynamic drag coefficients are required in selecting such rocket parameters as length 
and diameter. These estimates can be found in other chapters of this handbook, from the available rocket 
literature, and from experience. 

Approximation techniques are presented that allow the determination of the propulsive velocity 
requirements. The required propulsive velocity requirement Vp,^p is presented in terms of an ideal 
propulsive velocity requirement Vg. V^is the velocity at motor burnout in the absence of drag and 
gravitational effects. Approximate methods of determining the drag and gravity losses are presented. 
These losses are presented in terms of a velocity requirement due to drag for boostATwy; and coast AIToas;, 
and a gravity requirement AVgrav. The total propulsive requirement is calculated from an equation of the 
form: 
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— Vb + AT boost + Al coasi + Al 


grav 


(3-1) 


where 

Vprop = estimate of total propulsive evlocity requirement including drag and gravity effects, m/s 
VB = velocity requirements neglecting drag and gravity effects, m/s 

Al'boost = velocity increment lost to drag during powered flight (boost), m/s 

Al'uwst = velocity increment lost to drag during unpowered flight (coast), m/s 

Al'f,rav = velocity increment lost (or gained) due to gravity effects, m/s. 

Parametric data and approximation techniques are presented for each of the following types of rockets: 

1. Indirect fire of surface-to-surface artillery rockets 

2. Direct fire rockets of the type normally employed in antitank or similar roles 

3. Sounding rockets that are launched vertically for the purpose of reading extreme altitudes 

4. Surface-to-air rockets for an interceptor role 

5. Air-to-surface rockets launched from aircraft. 

Finally, a numerical example is presented to show how the flight performance requirements are used to 
develop an estimate of the rocket propulsion system and physical sizing. 

3-2 PERFORMANCE PARAMETERS 

The parameters, or variables, that are considered in the evaluation of the flight performance can be 
divided into three major categories: 

1. Those factors such as payload, velocity, range, altitude, time of flight, and launch angle associated 
with performance. 

2. factors such as energy-management technique, specific impulse, thrust, burning time, and propel¬ 
lant mass fraction associated with the propulsion system. 

3. Aerodynamic considerations such as shape, means of stabilization, drag characteristics, diameter, 
and payload density. 

3-2.1 PERFORMANCE FACTORS 

Performance requirements such as delivery of a given payload mass to a specified range are generally 
considered as fixed conditions for the solution of a given problem. Actual performance requirements are 
more involved, e.g., the requirements could be stated in terms of delivering the maximum payload for 
ranges between 10 and 40 km for a launch mass of 90 kg and a total missile length of 5 m. Performance 
requirements in this chapter will be addressed in a simplified form to allow the significance of the 
important variables to be easily demonstrated. 

Mass ratios are of major importance in parametric performance studies and can be considered exchange 
ratios relating basic rocket mass parameters. The mass ratios of interest are 

1. Q = growth factor, ratio of rocket gross mass m„to payload mass, mp,j(mass forward of the motor), 

dimensionless 

2. p= booster mass ratio, ratio of rocket gross mass m„to rocket mass at burnout m^„, dimensionless, 

3-2.2 PROPULSION SYSTEM FACTORS 

The performance factor of interest is the growth factor Q. The propulsion system influences the value of 
Q through the basic propulsive system parameters Igpand PMF where 

Isp= spedific impulse delivered by the rocket motor, s 
PMF = propellant mass fraction, the ratio of usable propellant mass to the mass associated with the 
motor, dimensionless. 
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The growth factor Q is also influenced by the energy management technique. The energy management 
factors are 

1. G = ratio of booster motor thrust F^to rocket takeoff weight m„g„, normalized to the acceler¬ 

ation due to gravity, a measure of boost phase acceleration, dimensionless 

2. Fs/Fb= ratio of sustainer motor thrust Fgto booster motor thrust F^, dimensionless 

3. Ig/I B = ratio of sustainer motor total impulse is to booster motor total impulse Ig, dimension¬ 

less 

4. Time and duration of propulsive force application, s. 

Energy management is the control of the propulsion system variables in terms of boost, sustain, and 
coast modes to meet performance requirements most efficiently. One objective of energy management is to 
minimize the propulsive mass requirements by tailoring the propulsive system to overcome the retarding 
drag and gravity effects. Procedures to determine the energy management parameters, such as boost and 
sustain thrust and their duration, are discussed in this chapter. 

3 - 2.3 AERODYNAMIC CONSIDERATIONS 

Generally, the most significant retarding influence that the propulsive system must overcome is the 
aerodynamic drag effect. Drag effects can increase the propulsive energy requirements by significant 
amounts. As discussed in Chapter 5, the drag force on the rocket is described by the drag coefficient C^,, the 
trajectory dynamic pressure q, and the aerodynamic reference area A^^f. The drag coefficient varies with 
Mach number and generally is described by two curves, a boost or power-on curve COjand a coast or 
power-off curve Cd^-. The parameter for the deceleration influence of drag is the ballistic coefficient B, a 
measure of the ability of a rocket to overcome the drag effect. The larger the value of the ballistic coefficient 
B, the smaller the deceleration influence of drag and the propulsive energy requirements for the rocket. 
The ballistic coefficient B varies with time as a result of mass variations during boost and variations of the 
aerodynamic drag coefficient C^with Mach number. Motor burnout is a significant flight condition for the 
drag deceleration effect because the rocket mass is a minimum and the flight dynamic pressure is generally 
at a maximum; thus the drag force per unit mass is the largest. Accordingly, conditions at burnout are used 
in this chapter to specify the ballistic coefficient of the rocket. Boost effects are described by the ballistic 
coefficient at burnout by using the burnout mass and the power-on drag coefficient at burnout. Coast drag 
effects are described by the burnout mass and the power-off drag coefficient at burnout. 

3-3 APPROXIMATION TECHNIQUES AND APPLICABLE EQUATIONS 

Approximation techniques are available for estimating the velocity requirements and propulsive size 
requirements including the influence of drag and gravity. A discussion of the approximation techniques 
for each type of rocket is described in the paragraphs that follow. 

3-3.1 ESTIMATION OF VELOCITY REQUIREMENT 

The velocity requirement, which includes drag and gravitational effects, is developed in terms of the 
velocity required to achieve a given range or altitude. The approximation techniques include drag losses 
during boost and during coast. The data presented have been developed by integrating the velocity loss 
from parametric trajectory data. These data are applied by using an impulsive velocity summation 
technique to determine the total propulsive requirements. 

The velocity summation technique approach of this chapter is used for estimating all propulsive 
requirements-regardless of whether the rocket is direct-fire, indirect-fire, air defense, etc. The data are 
presented in a maimer which allows consistent application of Eq. 3-1 to all types of rockets. The data also 
are presented in terms of the basic rocket performance parameters of par. 3-2 and other well defined 
parameters such as motor bum time t^. The paragraphs that follow will show how the velocity summation 
technique is applied to the several types of rockets. Par. 3-9 contains a detailed numerical example and also 
presents a methodology for applying the velocity summation technique and determination of the rocket 
performance parameters. 
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3-3.1.1 Indirect Fire Rockets 

Range and velocity relationships as a function of Bj,^and quadrant elevation (QE) for selected indirect 
fire rockets are presented in Figs. 3-l,3-2, and 3-3 for 130-mm, 762-mm, and 321-mm rockets, respectively. 



Figure 3-1. Effect of Burnout Ballistic Coefficient and Burnout Velocity on Range-133-mm 
Rocket 



Figure 3-2. Effect of Burnout Ballistic Coefficient and Burnout Velocity on Range-762-mm 
Rocket 
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Figure 3-3. Effect of Burnout Ballistic Coefficient and Burnout Velocity on Range-321-mm 
Rocket 

These data were generated by use of a simple, 2-DOF computer program. The program contained a US 
Standard atmosphere and gravity as a function of altitude over a flat earth. A more complete discussion of 
equations of motion for a rocket is found in Chapter 4, "Accuracy". From these figures, the burnout 
velocity requirement is shown to be a strong function of the ballistic coefficient immediately after 
burnout. The larger the value of the lower the burnout velocity requirement for a given range. The 
aerodynamic drag coefficient C^for each of the selected rockets is presented in Figs. 3-4 through 3-6, along 
with a line drawing of each rocket. 

The boost velocity requirement, neglecting drag and gravity effects, is given by 



where 

R = range from launcher to target, m 
g^= 9.80665, m/s^ reference acceleration of gravity 
QE = quadrant elevation angle, measured positive above horizontal, rad. 


(3-2) 


This equation is usable for ranges less than .500 km in which a flat earth approximation is acceptable. 
Equations for longer ranges, including an oblate rotating earth, can be obtained from Ref. 1. The burnout 
velocity that would be required in a drag-free environment can be determined from Figs. 3-1 through 3-3 as 


Bb„ approaches infinity. 

The velocity loss AVcoasi,due to drag during the coast phase is developed by the following equation: 
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where 

Bbo = —, kg m- (3-5) 

rOfto '4rc/ 

^Koasi = velocity lost to drag during the coast phasse, m/s 
h„= time of rocket motor burnout, s 

tj^p = time of flight termination due to impact or warhead detonation, s 
C D " instantaneous drag coefficient during coast, dimensionless 
q = instantaneous dynamic pressure. Pa 
= rocket reference area, m" 
mj,^= rocket mass at motor burnout, kg 

Bj,^= rocket ballistic coefficient immediately after rocket motor burnout, kg/m^ 

CDb„= aerodynamic drag coefficient, imme(diately after rocket motor burnout, dimensionless. 

Eq. 3-4 shows ATVoav/ to be the product of the reciprocal of multiplied by the integral of the drag 
coefficient variation from burnout to impact multiplied by the dynamic pressure. The velocity loss during 
coast for the 130-mm rocket is presented in Fig. 3-7. Fig.3-7 shows that a rocket with a burnout ballistic 
coefficient B^^of lO^g/m^will lose approximately half or more of the boost velocity Vj,^as a result of drag. 
This maximum drag loss reduces the range to approximately 70% of the drag-free range. 

An additional velocity loss resulting from drag occurs during boost. The boost velocity loss is described 



Figure 3-4. Drag Coefficient vs Mach Number-HO-mm Rocket 
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Figure 3-5. Drag Coefficient vs Mach Number—762-mm Rocket 

by an equation similar to Eq. 3-3 with the integration limits now being time of ignition t^to time of motor 
burnout The drag coefficient becomes Cd^, i.e., that for the power-on rocket. The drag acceleration 
term (COt^q A^J/m^^is changed to [(CdJ mi,Jf(K). The function K accounts for the variations in C^, 
q, mass, and gravity. Thus AVboost — l/Bbo jfiK)dt. ' The function of K is dependent on t^^and G such that 


= f{Bbo, Gtbo), m/s' 

tbo 


where 

AVb oost — velocity lost to drag during boost, m/s 

G = Fj,/ (m„g„), initial acceleration ratio of the rocket, dimensionless 
h = time of rocket motor ignition, s 
TYtlyo 

B ° - - -= ballistic coefficient immediately after motor burnout, kg/m/ 

(Cds) bo Aref 


(3-6) 


The boost drag loss is presented in Fig. 3-8. The figure shows that a rocket with a burnout ballistic 
coefficient of 3000 kg/m/ an acceleration ratio G of 100, and a motor burn time Fof 1 s will have a velocity 
loss during boost AVboost of 100 m/s. 

The velocity AVgrav lost to gravity during the boost phase may be estimated by 

AVgrav — go(fcsin(QE), m/s (3-7) 


where 

tb= rocket motor burning time, s. 
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Figure 3-6. Drag Coefficient vs Mach Numbr-321-mm Rocket 


The change in the total propulsive velocity requirements due to gravity effects during coast may be 
considered negligible for indirect fire rockets in the ranges of interest. 

The velocity required from the propulsion system for indirect fire rockets is then the summation of the 
no-loss velocity V^and the boost, coast, and gravity velocity losses, i.e., 

Vprop = Vb + M\oas, + ^Vboosl + AfVm. m S. (3-8) 


The calculation of the propulsion system velocity requirement is similar to the method used in Ref. 2, 
which presents working charts for the determination of the propulsive velocity requirements for rockets 
with a range from 15 to 200 km including the infleence of boost and coast drag. 


3-3.1.2 Direct Fire Rockets 

The drag-free boost velocity Vj requirement for direct fire rockets can be estimated from the following 
equation: 


Vb = 


R 


U - {th 2 ) 


, 111 s 


(3-9) 


where 

R = range from launcher to target, m 
t, = estimated or required time to target, s. 

The velocity loss ^l\oasi ' during coast can be estimated from the following equation: 


AVcoas, = VbII — exp[ — po R/(2Bbo)]}, m/s (3-10) 
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Figure 3-7. Coast Drag Velocity Loss-130-mm Indirect Fire Rocket 
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Figure 3-8. Boost Drag Velocity Loss-Indirect Fire Rocket 


where 

V B = no-loss boost velocity from Eq. 3-9, m/s 

= 1.2250 km/m^, atmospheric density at sea level 
R = range traversed during the coast (unpowered) portion of direct fire flight, m. 

The effects of gravity are not insignificant, but a small positive flight path angle can compensate for the 
losses at the ranges usually encountered in direct fire rockets. The boost velocity lossIftooif for typical 
direct fire rockets is presented in Fig. 3-9. 

The propulsive velocity requirement Vp^„p for typical direct fire rockets, neglecting gravity, is 

Vprop = J'b + M\oas: + AJ'toos,, m S. (3-11) 


3-3.1.3 Sounding Rockets 

The drag-free boost velocity requirement V^for a vertically launched rocket is a function of the 
maximum altitude and is given by 

Vb = V 2goHmax , m S (3-12) 


where 

H = maximum altitude to be achieved, m. 

The drag loss ^VToaii during coast is presented in Fig. 3-10. The drag 1 oss^^’^/>ooj/ during boost is 
presented in Fig. 3-11. Eq. 3-7 given an additional loss term A Fj-rav required in the calculation of boost 
velocity which is the velocity loss caused by gravity. 
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Figure 3-9. Boost Drag Velocity Loss-Direct Fire Rocket 

The total propulsive velocity requirement Vp^^p for the sounding rocket is given by 

^ prop — ~h ^J^coast ^t^boosl ~h gravy ITl/s. (3-13) 

3-3.1.4 Surface-To-Air Rockets 

The drag-free boost velocity V^for vertically launched rockets to a given altitude is given by 

Vb = ^ ... ^ m/s (3-14) 

tail + itb/2) 

where 

H = altitude desired, m 

t^i, = estimated or required time to altitude, s. 

The velocity loss AVcoast from drag during coast is presented in Fig. 3-12. The boost velocity loss AVboost 
from drag is presented in Fig. 3-13. The boost velocity loss from gravity is approximated by Eq. 3-7. 

Thus, the total propulsive velocity requirement Vp^„p for surface-to-air rockets may be expressed as 

^ prop — ~h At^coasl A boost Al^gravy ITl/s. (3-15) 

3-3.1.5 Air-To-Surface Rockets 

Air-to-surface rockets are similar to direct fire rockets except they are fired from airplanes or helicopters. 
The altitude of fire for free rockets is generally less than 2 km. The velocity requirement V^for air-to- 
surface rockets can be estimated from the direct fire Eq. 3-9, except that R is now interpreted as the slant 
range from aircraft to target. The velocity loss A during coast can be estimated from Eq. 3-10, where R 
is again interpreted as the coast slant range from aircraft to target. Air-to-surface rockets generally have a 
range of less than 8 km. 
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Figure 3-10. Coast Drag Velocity Loss-Sounding Rocket 
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Burnout Ballistic Coefficient 

Figure 3-11. Boost Drag Velocity Loss-Sounding Rocket 

Although the atmospheric density over the slant range will not be constant, the variation from sea-level 
conditions will not be significant. 

The boost velocity lossAFioost is presented in Fig. 3-13, i.e., the figure for surface-to-air rockets. 
Gravity effects cause a small velocity gain that is a function of the initial negative QE and flight time. 
The gravity velocity gain increment A is approximated by 

AVgrav — gohsin(QE), m/s (3-16) 

where t,= time to target, s. 

The propulsion system velocity requirement including the losses and gains is 

Vprop Vb ^f^coasi Af^iioosJ ^^grav, m/s. (3-17) 

Note that Eq. 3-17 is the velocity requirement when the velocity of the launching aircraft is zero, i.e., a 
hovering helicopter. Any forward velocity of the aircraft would reduce the given by Eq. 3-17. Par 3-8.2 
will point out that the aircraft velocity is negligible for performance estimate purposes in many cases. 
When it is not negligible, factors and influences other than just performance parametric must be 
considered. Other methods for estimating the propulsion system velocity requirements for air-to-surface 
rockets can be obtained from Ref. 3. 

3-3.2 ESTIMATION OF ROCKET MOTOR REQUIREMENTS 

The equations of par. 3-3.1 identified methods of obtaining the propulsive velocity Vp„p required to 
perform the mission requirements. The velocity requirement is a function of the mass of the payload, mass 
of the rocket at burnout, size of the rocket, drag characteristics, and type of trajectory. The mass of the 
rocket at burnout and the size of the rocket may not be known until preliminary mass and sizing trade-offs 
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Figure 3-13. Boost Drag Velocity Loss-Surface-to-Air Rocket 

are performed. An iteration procedure may be required unless the velocity requirements are developed 
parametrically in terms of the burnout ballistic coefficient The paragraphs that follow will develop 
the mass characteristics of the rocket by using the velocity requirement and propulsive system parameters. 
For the purposes of this chapter, rocket mass will be grouped into two major components, i.e., 

1. Payload mass mp^, i.e., all mass forward of the forward motor-closure 

2. Motor mass m^, i.e., all mass aft of the forward motor-closure. 

The relationship between the propulsion system ideal velocity and the rocket gross mass is given by 
the Ideal Velocity Equation 

Videal = golspln - — -, m/s (3-18) 

mo — THp 

or 

Videal = goIsp\n(rb), m/s (3-19) 

where 

Igp = rocket motor specific impulse, s 

m„ = rocket gross mass at ignition, kg 

mp= usable propellant mass of motor, kg 

r^ = m„/(m(,— mp), booster mass ratio, dimensionless. 

The Ideal Velocity Equation relates the burnout velocity of a rocket to specific rocket motor parameters, 
i.e., Ispand r^. Note that gravity and aerodynamic velocity effects are not included, hence the name ideal. 
The propulsive velocity of a multistage rocket can be developed in a manner similar to Eq. 3-19. Ref. 4 
presents the equations for calculating the ideal velocity of a propulsion system for a multiple stage rocket 
system. 

The booster mass ratio r^and the specific impulse Igp determine the ideal burnout velocity of the 
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propulsion system. The ideal burnout velocity is presented in Fig. 3-14 for various values or r(,and I^p. The 
variation in mass of the rocket may be estimated from the propellant consumed by using Eq. 3-21. The 
specific impulse IgpOf the motor is related to the thrust FgOf the rocket booster motor and propellant 



3-18 




MIL-HDBK-762(MI) 


consumption rate m by the following equation: 

Up = FB/{mgo), s* (3-20) 

. where 

m = rrip/tb, kg/s. (3-21) 

Estimates of rocket motor Igpvalues achievable can be obtained from Chapter 6, "Propulsion". Other 
sources for rocket motor Igp values are the rocket literature. The mass of the rocket m at time t may then be 
given by 

m = mo — rht, kg (3-22) 

or, substituting the expression for th from Eq. 3-21, 

m = mo — mpt/tb, kg. (3-23) 

The propellant mass mpis used in defining one figure of merit for the rocket, i.e., propellant mass 
fraction PME. The defining equation for PMP is 

TTfX 

PMF = - ^ — —, dimensionless (3-24) 

mo — mpid 


where 

mp,d = rocket payload mass, kg. 

The payload mass mpj^ including warhead, nose fairing, and supporting structure—is interpreted to 
mean all rocket mass forward of the rocket motor. Thus PMP is the ratio of propellant mass to the 
remaining rocket mass aft of the payload, including fins, motor case, nozzle, and supporting structure. 

A second figure of merit is the growth factor Q, defined as the ratio of the rocket gross mass to the payload 
mass, and is related to the booster mass ratio rj,and the propellant mass fraction PMP by 




mo 

ITXpld 


niPMF) 

\ -rb[\ - (PMF)] ’ 


dimensionless. 


(3-25) 


The name "growth factor" arises from the consideration that this ratio indicates to the rocket designer 
how much his rocket must "grow in mass" to accommodate unit increases in payload mass mp,^. 

Pig. 3-15 presents the relationship among Q, PMP, and Vy^^,/Isp. Note that Vj^^^i/Igpis relatable to pvia 
Eq. 3-19. Therefore, Pig. 3-15 shows the relationship among Q, PMP, and indirectly, r^. 


3-3.3 SUMMARY 

Eqs. 3-18 through 3-25 relate the mass ratios of the rocket and the propellant efficiency Ispto the ideal 
velocity that the motor will impart to the rocket at burnout. The value of the growth factor Q is 
determined from r^and estimates of PMP, and relates the rocket gross mass m^to payload mass mp,^. Since 
the value of mp,^ is generally part of the initial performance requirement, m^ is determined. If values of 
rocket motor booster thrust Ppare known in terms of initial acceleration ratio G, the rocket motor thrust 
values may then be estimated since 

Pp = Gm„g„, N. (3-26) 

The propellant consumption rate rate may be calculated from 

m = Fa/iUpga), kg/s (3-27) 

and the burn time pis 

■ tb = mp/m, s. (3-28) 


See discussion of units for Igpin List of Symbols. 
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From the preceding it is evident that a considerable amount of information is known or determinable 
about the rocket system in terms of a few simple mass parameters. However, the preceding equations are 
only approximations, and the actual defining equations for rockets are more complex than these equa¬ 
tions imply. Nevertheless, the equations are useful in the preliminary design phase. As will be demon¬ 
strated in the numerical example at the end of this chapter, these relationships may be used in the early 
phases of design to establish the approximate values of the important rocket parameters such as Igpand Q. 
These rocket parametric values can be used to determine whether the design requirements are consistent 
with the state of the art. In addition, these approximate values will establish the region of interest for a 
more detailed analysis. 

3-4 PARAMETRIC PERFORMANCE DATA FOR INDIRECT FIRE SYSTEMS 
3-4.1 DELIVERY TECHNIQUES 

The trajectory profile for an unguided surface-to-surface rocket (ballistic rocket) is shaped somewhat 
like a parabola, with an initial QE of between 45 deg and 60 deg for maximum range. Once the rocket is 
designed, range is controlled by the QE—the shorter ranges requiring either lower or higher angles of fire. 
The trade-offs between low and high QE for the shorter ranges are governed by accuracy, warhead effects, 
and tactical requirements. 
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Some large ballistic rockets are launched vertically; however, they require a maneuver to tilt the rocket 
onto a ballistic path. The discussion that follows will be limited to the nonmaneuvering types of rockets. 

Among the methods that have been used to impart propulsive energy to indirect-fire rocket systems are 

1. Boost 

2. Boost/sustain 

3. Staged boost. 

Each method is briefly discussed in the paragraphs that follow. 

In the boost method, the booster motor fires for a portion of the flight time after which there is a coast 
phase to the target. This approach is the least complex of the three and has been used extensively in the 
field of unguided ballistic rockets. 

The boost! sustain method consists of an initial thrust by the booster motor, followed by a sustaining 
thrust of lesser magnitude. Although this approach offers performance advantages over the boost 
approach for some applications, it requires a more complex and costly motor construction. 

In the staged-boost method, the total thrust is delivered by a series of booster motors, each of which is 
jettisoned upon burnout. This is the most efficient means of energy management, but its use is limited to 
those cases for which mass considerations override the cost and reliability penalties of staging, and for 
which the hazards of falling motor cases can be tolerated. The staged-boost approach is most efficient for 
very long-range and extreme velocity applications. As the range increases, the growth factor Q increases. 
An all-boost system would require a larger growth factor than that of the first stage of a staged-boost 
system. This is so because the mpj^of the first stage is the mass of the second stage rocket motor and the 
second stage mp,j. 

3-4.2 PARAMETRIC PERFORMANCE DATA 

The relationship between growth factor and range for an indirect fire rocket system is a function of the 
following parameters: 

QE = launch elevation angle, deg 
Isp= rocket motor specific impulse, s 
PME = propellant mass fraction, dimensionless 

Bbo= burnout ballistic coefficient immediately after burnout, kg/m^ 

G = initial boost acceleration ratio, dimensionless 
Fs/Fb= ratio of sustainer motor to rocket booster motor thrust, dimensionless 
15 / 1 ^= ratio of sustainer motor total impulse to booster motor total impulse, dimensionless. 

The angle at which the rocket must be launched to achieve maximum range is of initial interest to the 
designer. Eig. 3-16 presents the effect of initial acceleration ratio G and growth factor Q on the optimum 
launch angle for an all-boost system with fixed values of Igp, PME, and Bj,^,. Although the data would be 
different if these parameters were varied, the trends of the curve are worth noting. Low G-rockets require 
higher launch angles to achieve maximum range. Higher growth factors Q also require higher launch 
angles (QE) because the Qs are equivalent to longer boost burning times at any given G. Eor a boost/ 
sustain system, as shown in Eig. 3-17, the optimum launch angle will be slightly greater than for an 
all-boost system. As the ratio Eg/Epis decreased and/or the ratio Ig/Ipis increased, an increase in the 
optimum launch angle is indicated. One noteworthy point about Eig. 3-17—and other figures where Eg/Ep 
or Ig/Epare depicted—is that when either ratio is zero, the all-boost case is indicated. 

Eig. 3-18 presents the relationship between Q and range R for an all-boost system with the QE optimized 
and PME, Igp, and Bp^held constant. Note that the lower accelerations permit more efficient energy 
management because they require a lower growth factor for any specified range. In this sense, the selection 
of G is also an energy-management technique. Although Eig. 3-18 is constructed for only one value each of 
Igp, PME, and Bp^, it is indicative of trends. Therefore, we may say that the growth factor Q for a given range 
will be inversely proportional to Igp, PME, and Bp^. The designer would, of course, examine trade-offs 
among these parameters as discussed later in this chapter. Another trend of significance to the designer or 
to the originator of requirements may be noted on Eig. 3-18. Examination of the curve shows that 
significant increases in range can be obtained for relatively minor rocket mass increases. Eor example, a 
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Figure 3-16. Indirect Fire—Roost; Effect of Initial Acceleration Level on Optimum Launch 
Quadrant Elevation 



Figure 3-17. Indirect Fire—Boost/Sustain; Effect of Impulse Ratio on Optimum Launch 
Quadrant Elevation 

growth factor of about Q = 2 is required for a range of 30 km; however, a 25% increase in rocket mass (an 
increase of Q from 2.0 to 2.5) doubles the range to 60 km. 

The relationship between Q and range R for a boost sustain system will be dependent upon the choice 
of sustainer parameters in addition to the parameters discussed for the all-boost system. There is no unique 
method for determining optimum sustainer parameters since the choice will depend upon which charac¬ 
teristics, e.g., mass or accuracy, of the rocket the designer is attempting to optimize. 

The designer has a choice of methods to provide the sustainer impulse. This can be accomplished with 
separate booster and sustainer motors or by one motor with two thrust levels. In the case of separate motors, 
it is possible to achieve high specific impulse with each motor, but the propellant mass fraction of the 
combination is usually lower than for a single motor. In the case of a single motor with two thrust levels, 
the specific impulse of the sustainer motor will be less than that for the booster motor if a constant- 
geometry nozzle is used (due to decreased chamber pressure during the sustainer phase). For this discussion 
it will be assumed that a single motor with two thrust levels and fixed nozzle geometry is used. The 
relationship between the ratio of Fg/Fgand the resulting ratio IglgOf specific impulses is presented in Fig. 
3-19; both ratios are expressed as percent. 
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Figure 3-18. Indirect Fire—Boost; Effect of Range on Growth Factor 



Figure 3-19. Boost/Sustain Engine; Variation of Specific Impulse with Thrust 
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Fig. 3-20 indicates the type of parametric data that should be generated for optimization of sustainer 
parameters when minimizing mass is the primary concern. 

Fig. 3-21 presents the relationship between Q and range R for a boost/sustain system, for which the 
sustainer parameters are assumed to have been fixed by considerations other than minimum mass. A 




Figure 3-21. Indirect Fire-Boost/Sustain; Effect of Range on Growth Factor 
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comparison of these data with the data for the all-boost system will show that there are conditions for 
which the boost/sustain system is heavier than an all-boost system. These conditions are a result of the 
reduction in sustainer specific impulse mentioned earlier. 

The range R versus Q data have been presented for only one value each of Igp, PMF, and It is of 
interest to know the sensitivity of the rocket mass to variations in these parameters. Fig. 3-22 presents the 
effects of Igpand PMF on Q for a specific range, acceleration ratio G, and Fig. 3-23 presents a similar 
trade-off with G and B^^as variables. 

The data presented in the cited figures were not intended to cover every situation. They are an indication 
of trends and serve to illustrate several trade-offs the designer should consider. 



Figure 3-22. Indirect Fire-Boost; Effects of Propellant Mass Fraction on Growth Factor 



Burnout Balli.stic CoelTicicnt kg/m" 


Figure 3-23. Indirect Fire-Boost; Effect of Ballistic Coefficient on Growth Factor 
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3-5 PARAMETRIC PERFORMANCE DATA FOR DIRECT-FIRE SYSTEMS 
3-5.1 DELIVERY TECHNIQUES 

When the free rocket is used as a direct fire weapon, the ballistic trajectory flown is essentially flat. For 
example, a ballistic trajectory with a maximum altitude of 30 m at its apex has about the same range versus 
time relationship as a line-of-sight trajectory for ranges to 5 km. The relationships presented in this 
paragraph may be used for guided, direct fire rockets because the degree of maneuvering is usually small. 

Among the commonly employed energy-management techniques for direct fire rockets are 

1. Boost 

2. Boost/sustain 

3. Boost/coast/sustain. 

The choice here will depend to some extent on the level of performance required and on the intended 
method of use. Considering the method of use, one must determine whether burning outside the launch 
tube can be permitted. In the case of direct fire infantry weapons, this usually cannot be permitted, whereas 
for weapons to be employed on armored vehicles, burning outside the launch tube is no problem aside 
from accuracy considerations. If burning outside the launch tube is permitted, either the boost or the 
boost/sustain approaches will be applicable. However, where burning outside the tube is not permitted, 
the choice is between the boost and the boost/coast/sustain approaches, with the boost approach generally 
limited to low performance systems by the maximum velocity that can be attained within the limitations of 
the tube length and the rocket acceleration. 

Of the three energy-management techniques mentioned, the all-boost technique is the simplest to 
implement. The boost/sustain requires a more complex motor involving the ignition of the sustainer 
propellant after the boost propellant is consumed. The boost coast sustain possesses a similar sustainer 
ignition problem plus an added source of dispersion due to the timing uncertainties associated with the 
coast phase. In most applications, the coast period is short and the technique approaches the boost sustain 
technique as a limit. The major application of the boost coast sustain technique would be in a role in 
which a high impulse is imparted to the rocket within the launch tube, followed by a brief coast period 

during which the rocket is allowed to move away from the launcher. The high performance is achieved by 

the sustainer burn. This technique protects the launcher (infantryman or aircraft) from the effects of the 
rocket plume. 

3-5.2 PARAMETRIC PERFORMANCE DATA 

The relationship among growth factor, range, and time of flight is a function of the following 
parameters: 

Isp= rocket motor specific impulse, s 
PMF = propellant mass fraction, dimensionless 

Bt„= ballistic coefficient immediately after motor burnout, kg/m^ 

G = initial boost acceleration ratio, dimensionless 
Fg/FB= ratio of sustainer motor thrust to booster motor thrust, dimensionless 

Is/Ib= ratio of sustainer motor total impulse to booster motor total impulse, dimensionless. 

Fig. 3-24 presents the relationship among target range, time of flight, and energy-management tech¬ 
nique for a given set of rocket characteristics. The energy-management technique of choice is noted to be 
all boost, i.e., Is/Ib= 0, in cases where a minimum time of flight is desired. This is usually the case for 
aerodynamically stabilized free rockets. It is desirable to concentrate, for the remainder of this discussion, 
on the boost system that has the minimum time of flight. 

Fig. 3-25 presents trade-offs with respect to growth factor Q, time-to-target t„ range R, and boost 
acceleration ratio G. Note that the dashed lines of Fig. 3-25 represent the locus of rocket motor burnout 
points. A performance limit appears to be reached at a growth factor of about 3. Increases beyond this point 
reduce the time of flight by an insignificant amount. Increasing the boost acceleration ratio G reduces the 
time of flight, but decreases the percentage of powered flight. For example, from Fig. 3-25(A) at a growth 
factor of 1.7 and G = 20, the burning distance is about 1.2 km, and 3 km is attained in 7.5s. If G is increased 
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Ratio of Sustainer Motor Impulse to Booster Motor Total Impulse dimensionless 

Figure 3-24. Direct Fire—Boost/Sustain; Effect; of Impulse Ratio on Time to Target 

to 80, Fig. 3-25(C) shows the burning distance is reduced to about 0.5 km, and 3 km is attained in 6.5s. This 
illustration points out another of the choices facing the designer, i.e., the trade-off between time to target 
and percentage of powered flight. 

Once the designer has examined the trade-offs between range and time to target, he may wish to 
determine the effects of various design parameters on the rocket mass (growth factor) for a specified 
performance level. For example. Fig. 3-26 shows the trade-oft among G, and Q for a specified 
performance level of achieving 2 km range in 3s. Fig. 3-27 illustrates the trade-off among PMF, Igp, and Q 
for the same performance level. 

In the preceding subparagraphs an attempt has been made to illustrate the types of trade-offs of concern 
to the designer of direct fire rockets. From the preceding discussion, the following conclusions can be 
drawn: 

1. For minimum time to target, the all-boost system is superior to the boost/sustain system. 

2. The choice of boost acceleration must result from a consideration of the trade-off between time to 
target and the percentage of powered flight desired. 

3. Increasing PMF, Igp, or G results in decreased rocket mass for a given payload weight and 
specified time to target. 

4. Increasing the growth factor beyond about 3.0 results in a negligible performance increase for the 
range of parameters presented. 
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Figure 3-25 (cont'd) 


(cont'd on next page) 
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Figure 3-26. Direct Fire—Boost; Effect of Ballistic Coefficient on Growth Factor 



Figure 3-27. Direct Fire—Boost; Effect of Propellant Mass Fraction on Growth Factor 
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3-6 PARAMETRIC PERFORMANCE DATA FOR SOUNDING ROCKETS 
3-6.1 DELIVERY TECHNIQUES 

Sounding rockets are generally launched at quadrant elevation angles (QE=^ 85 deg) near the vertical. 
To simplify data presentation of the significant parameters, a vertical launch is considered. 

The energy-management techniques that are most commonly used for sounding rockets are 

1. Boost 

2. Staged boost. 

Boost/sustain is seldom used. The all-boost system generally is used for low altitude (under 40 km) 
sounding rockets, and staged boost generally is used for high altitudes (greater than about 90 km). For 
intermediate altitudes, trade-off studies should be made considering cost and reliability. Fig. 3-28 presents 
velocity versus summit altitude relationships for the all-boost sounding rocket. 

The advantages of the all-boost system are simplicity of design and higher reliability. The staged boost 
will out perform the all-boost system at higher altitudes, but suffers from the disadvantage of being more 
complex and potentially less reliable. The dropped stages must also be considered a disadvantage because 
they will also impact the ground. 

3-6.2 PARAMETRIC PERFORMANCE DATA 

The relationship between Q and peak altitude for a sounding rocket is a function of the following 
parameters: 

I s p = rocket motor specific impulse, s 
PMF = propellant mass fraction, dimensionless 
Bb^= ballistic coefficient immediately after motor burnout, kg/m^ 

G = initial boost acceleration ratio, dimensionless 
Fs/Fp= ratio of sustainer motor thrust to booster motor thrust, dimensionless 
I g / Ip" ratio of sustainer motor total impulse to booster motor total impulse, dimensionless. 

In Fig. 3-29 the relationship among Q, energy-management technique G, and peak altitude is presented. 
The boost/sustain approach for a given altitude, would provide a slight reduction in Q. Although Fig. 



Figure 3-28. Effect of Burnout Ballistic Coefficient and Burnout Velocity on Summit 
Altitude—133-mm Rocket 
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Figure 3-29. Sounding Rocket—Boost; Effect of Growth Factor on Summit Altitude 

3-29 presents only one value each of Igp, PMF, and a reduction in any of these parameters will result in an 
increase in the growth factor Q. 

For a given maximum altitude, Q will be inversely proportional to PMF, Igp, and This is shown in 
Figs. 3-30 and 3-31 for peak altitudes of approximately 45 and 75 km. Although these curves depict the 
boost/coast case, the boost/sustain curves would be similar at slightly lower Q. The figures indicate that 
the minimum rocket gross mass m„ results from a high performance motor (high PMF and Igp) and a large 
burnout ballistic coefficient B^^for the same payload mass mpi^—i.e., results in a low Q. 

Parametric performance data for staged-boost sounding rockets can be obtained from Ref. 5. Typical 
performance data for staged-boost sounding rockets are available from Refs. 6 through 8. 

3-7 PARAMETRIC PERFORMANCE DATA FOR SURFACE-TO-AIR ROCKETS 
3-7.1 DELIVERY TECHNIQUES 

The unguided surface-to-air rocket flies a ballistic trajectory and may be launched at any QE angle 
necessary for intercept of the target. Usually, the rocket will be required to attain a given altitude in a given 
time, and, therefore, the ascent is of interest for parametric data presentation. 

Energy-management techniques applicable to surface-to-air rockets are 

1. Boost 

2. Boost/sustain 

3. Staged boost. 

If we consider that minimum time to altitude will be desired for the surface-to-air rocket and that 
achievable accuracy will limit this type of rocket to low altitude application, typically under 9 km, the 
boost approach usually will be the most attractive. For this reason the discussion will be limited to the 
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Sounding Rocket—All Boost 
G = 10 14,000 kg/m^ 



(A) Altitude » 45 km max (B) Altitude * 75 km max 

Figure 3-30. Sounding Rocket—Boost; Effect of Propellant Mass Fraction on Growth Factor 


Sounding Rixket—All Boost 
/, = 250 s PMF = 0.7 



(A) Altitude = 45 km max (B) Altitude = 75 km max 

Figure 3-31. Sounding Rocket—Boost; Effect of Ballistic Coefficient on Growth Factor 
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boost approach. Surface-to-air rockets for greater altitudes, such as those that require minimum flight 
time to attack reentry vehicles, generally use the staged boost approach with very high boost acceleration 
levels. 

The advantages and disadvantages of each energy management technique have been previously dis¬ 
cussed in pars. 3-5.1 and 3-6.1. 

3-7.2 PARAMETRIC PERFORMANCE DATA 

The relationship between growth factor and the time-to-altitude performance requirement is a function 
of the following parameters: 

Isp = rocket motor specific impulse, s 
PMF = propellant mass fraction, dimensionless 

B(,p= ballistic coefficient immediately after motor burnout, kg/m^ 

G = initial boost acceleration ratio, dimensionless. 

Fig. 3-32 presents the relationship between growth factor Q, boost acceleration ratio G, and time to 
altitude t^i,for a target altitude of approximately 6 km. It is noted that an increase in G reduces the t^„ 
significantly. An increase in Q above 5 has little influence on t^„for the range of parameters depicted. 

The trade-off among Igp, PMF, and Q for a specified performance level of approximately 6 km in 5 s is 
given in Fig. 3-33. Fig. 3-34 illustrates the trade-off among Q and G for the same h„. 

From the previous discussion, the following conclusions may be drawn: 

1. Increasing the growth factor above 5 results in a negligible performance increase for the range of 
parameters presented. 

2. Increasing PMF, Igp, and Bg„ results in decreased rocket mass m„for a given payload mass mp,^. 



0 1 2 3 4 5 6 7 

Time to Altitude ^al! ’ ® 

Figure 3-32. Surface to Air—Boost; Effect of Time to Altitude on Growth Factor 
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Figure 3-33. Surface to Air—Boost; Effect of Propellant Mass Fraction on Growth Factor 



Figure 3-34. Surface to Air—Boost; Effect of Ballistic Coefficient on Growth Factor 
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3-8 PARAMETRIC PERFORMANCE DATA FOR AIR-TO-GROUND ROCKETS 
3-8.1 DELIVERY TECHNIQUES 

Air-to-ground rockets are carried by fixed-wing and rotary-wing aircraft and are used to attack ground 
targets generally from low altitudes (generally less than 1 km) in a direct fire mode. Air-to-ground rockets 
are, therefore, very similar to the direct fire type of weapon. The difference is that they can burn both 
outside the launch tube and all the way to the target. Additional differences include the effects of the 
velocity, altitude, and flight path angle QE of the launching aircraft; the details of these effects are 
discussed in par. 3-8.2. 

Limitations to the operational performance exist because of the rocket exhaust effects and other 
disturbances to the launching aircraft. A major concern of the air-to-ground rocket designer is the effect of 
the rocket motor exhaust upon the launching aircraft aerodynamics. This exhaust can be a potential threat 
to the aircraft stability. Par. 9-2.3 discusses the effect of rocket exhaust on launch aircraft in more detail. 

Energy-management techniques include 

1. Boost 

2. Boost/sustain 

3. Staged boost. 

Boost is generally the preferred technique because the range and time requirement usually can be met 
with the boost mode and because this mode has a significant advantage in both cost and simplicity. Other 
advantages and disadvantages were discussed in pars. 3-5.1 and 3-5.2. 

3-8.2 PARAMETRIC PERFORMANCE DATA 

The relationship among the maximum range, rocket release altitude and flight path angle is shown in 
Fig. 3-35. The figure shows that the limiting range is approximately 8 km for direct fire air-to-ground 
rockets at a maximum altitude of release of 600 m. These data are for initial flight path angles QE that are 
zero or negative; lofted trajectories are not considered. The influence of release altitude is significant. 
Increasing the release altitude from 300 m to 600 m almost doubles the range. The influence of the initial 
flight path angle is also important. 



Figure 3-35. Effect of Altitude and Flight Path Angle on Maximum Range 3-37 
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Changing the initial flight path angle by 2.5 deg will change the range by approximately 50%. The 
influence of the initial boost acceleration ratio is also significant. Increasing the initial boost acceleration 
ratio from 40 to 80 increases the range by approximately 100%. The curves presented in Fig. 3-35 are for a 
rocket released from a helicopter with zero forward velocity (hovering); no helicopter downwash is 
included. The influence of the for-ward velocity of the launching aircraft on maximum range is small for 
rockets with Q values greater than 2. The increase in rocket range will be less than 10% for launching 
aircraft traveling with a forward velocity of 100 m s. High-speed aircraft firing air-to-ground rockets 
generally are at altitudes above 1000 m to insure that the aircraft is not hit by the warhead fragments. High 
explosive warhead fragments can reach an altitude of 600 m within 3 s after the warhead has detonated. 
Thus the aircraft trajectory and warhead fragment trajectories must be evaluated when considering 
air-to-surface rockets delivered from high-speed jet aircraft. The influence of aircraft forward velocity is 
only significant for rockets with Q values less than 2 in combination with delivery aircraft speeds around 
200 m/s. Therefore, results are presented for air-to-ground rockets launched with zero initial velocity, i.e., 
simulating launch from a hovering helicopter. 

The influence of maximum range on the Q required is shown in Fig. 3-36 for hovering aircraft. A 
maximum range of 8 km will requires value of Q near 4; a maximum range of 4 km will requires growth 
factor Q of approximately 2.5. 

A comparison of the trajectories for a 3-km range from three release altitudes is shown in Fig. 3-37. This 
figure shows that the times to a given ground range are almost identical and are independent of the release 
altitude. A direct fire trajectory at zero altitude is also shown for comparison at the bottom of the figure. 
Note that the three air-to-ground trajectories compare well with the direct fire trajectory that is at zero 
altitude and has no gravity influence. Despite the fact that the influence of gravity and the launch angle QE 
is to increase the velocity of the air-to-ground rocket, the increased velocity is such that the resulting 



Maximum Range , km 


Figure 3-36. Effect on Maximum Range on Growth Factor 


3-38 



MIL-HDBK-762{MI) 



Range R, km 


Figure 3-37. Effect of Release Altitude and Flight Path Angle on Air-to-Ground Trajectory 

ground range versus time plot is almost identical to the direct fire rocket. Consequently, direct fire 
parametric data are suitable for evaluation of air-to-ground rocket performance characteristics. 

The basic differences between direct fire and air-to-ground rockets are the influence of initial altitude 
and flight path angle on the maximum range attainable. If the range of interest is less than the maximum, 
then direct fire data can be used to evaluate the range and time parameters of air-to-ground rockets. The 
relationship between growth factor and time of flight for ranges less than the maximum are determined by 
Isp= rocket motor specific impulse, s 
PMF = propellant mass fraction, dimensionless 

ballistic coefficient immediately after motor burnout, kg/m^ 

G = initial boost acceleration ratio, dimensionless 
Fs/Fb= ratio of sustainer motor to booster motor thrust, dimensionless 

Is/Ib= ratio of sustainer motor total impulse to booster motor total impulse, dimensionless. 

Fig. 3-38 presents the relationship among target range, time of flight, and energy-management tech¬ 
nique for a given set of rocket characteristics (recall that Ig/Ip = 0 is the all-boost technique). The desired 
energy-management technique is noted to be all-boost where a minimum time of flight is desired. This is 
usually the case for aerodynamically stabilized free rockets. The remainder of this discussion will concen¬ 
trate on the all-boost mode. 

Fig. 3-39 presents the influence of time of flight on growth factor for various initial boost acceleration 
ratios. A time of flight performance limit appears to be reached at a growtly factor of about 3. Increasing the 
growth factor beyond this value does not significantly reduce the time of flight for a range of 3 km. The 
major influence of increasing the initial boost acceleration ratio is to reduce the percentage of powered 
flight along the trajectory. For an initial boost acceleration ratio of 20 and a growth factor of 2.1, the end of 
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Ratio of Sustainer Motor Impulse to Btxjster Motor Total Impulse dimensionless 


Figure 3-38. Air to Ground—Boost/Sustain; Effect of Impulse Ratio on Time to Target 


boost occurs at a 2-km range in 4.5 s (see Fig. 3-39(A)). Burnout occurs at a range of less than 1 km for an 
initial boost acceleration ratio of 80 (see Fig. 3-39(C)). 

The influence of B(,„, Igp, and PMF on Q are shown in Figs. 3-40 and 3-41. Note that reduction in Bj,^Isp, 
and PMF all result in a larger Q. 


3-9 NUMERICAL EXAMPLE 

An indirect fire surface-to-surface rocket preliminary design problem is presented to illustrate the 
iterative steps in developing the propulsion system and physical characteristics to meet the required 
performance. The problem involves determining the rocket system weight characteristics, dimensions, 
and propulsion system parameters which will deliver a given payload mass mp,jto a desired range R. 

The graphs previously cited indicate the complexity of the relationships among the performance 
parameters. These relationships have no closed form solution for a rocket configuration that will satisfy 
all the required relationships and still meet the performance requirements. The only alternative is to 
assume some of the important rocket or motor parameters and to calculate the performance for these 
assumed conditions. The calculated performance data are then compared with the desired values. The 
original assumptions are then modified and the procedure is repeated until the desired results are obtained. 
The accuracy of the original assumptions determines the amount of effort required to reach the final 
solution. 

Fig. 3-42 is a flow diagram illustrating the steps of the design procedure. Block 1 indicates the design 
performance requirements; in this case R and mp^ are specified. Block 2 shows the parameters that are 
being assumed and their values, i.e., the first guess at the design configuration with no losses considered. 
The ideal velocity requirement is calculated in Block 3. The next sequence of blocks (4 through 7) 
illustrates the iterative procedure that must be followed until the initial assumptions are verified. The 
procedure shown for an indirect fire rocket uses the coast drag Al^coasi as the main iteration parameter 
because Al'coasi represents the major additional velocity increment to be included for a typical indirect fire 
rocket. After the iterative process is complete, enough is known about the system to define its performance 
parameters. Estimates of the boost drag AVboost and gravityAU^rav losses can now be made, resulting in final 
improvements in the velocity requirement estimate. 
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Figure 3-40. Air to Ground—Boost; Effect of Ballistic Coefficient on Growth Factor 



Figure 3-41. Air to Ground—Boost; Effect of Propellant Mass Fraction on Growth Factor 
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It is procedurally correct and permissible to include Blocks 8 through 11 in the iteration loop between 
Blocks 6 and 7. However, the accuracy achievable from the graphs and the additional computation 
involved may or may not justify such a change. Factor that would influence such a change in procedure 
would be the rocket parameters themselves, i.e., G, Q, p, PMF, and k; the fire mode, i.e., direct, indirect, 
etc.; and the accuracy required at this stage of the rocket design. The data of this chapter are meant to be 
used in basic sizing, not for precise or exact computation. 

The numerical example that follows outlines the procedure. The results of all calculations are rounded 
to four significant digits. This is consistent with the accuracy of the graphical data used and the accuracy 
implied by this estimating method. 

The procedure of other fire modes is similar to that shown in Fig. 3-42. The designer should select the 
appropriate equations to be used under the guidance of par. 3-3.1. 

EXAMPLE 3-1 (The numbers in parentheses correspond to the steps indicated in Fig. 3-42.): 

(1) The problem assumes the performance requirement is to deliver a 400-kg mass m^yto a 30-km range R. 

(2) Assume: 

QE = 45 deg 
PMF = 0.7 
Igp = 250 s 
go= 9.80665 m/s^ 

(3) By use of the assumed QE = 45 deg. Eq. 3-2 gives the drag-free velocity Vg requirement 


( 4 ) 


(4a) 


Vb = 


30X10^X9J066^ = 542.4 m/s 
sin(2X45°) 


By use of the assumed Isp= 250 s, Eq. 3-19 gives the booster mass ratio r^ 


rp= exp[(542.4/(9.80665X250)] = 1.248. 


(4b) By use of the assumed PMF = 0.7, Eq. 3-25 gives the growth factor Q 

1.248X0.7 ^ 1 

1 - 1.248(1 -0.7) 


Methods for estimating values of PMF are presented in par. 7-4.2.6, "Mass and Size Estimating 
Relationships". 

(4c) By use of Eq. 3-25, the gross mass mds 

m„ = 1.396X400 = 558.4 kg. 

(4d) By use of Eq. 3-24, the usable propellant mass mpis 

mp= 0.7X(558.4 - 400) = 110.9 kg. 

(4e) The burnout mass m(,ds 


m^^ = m^ — nap= 558.4 - 110.9 = 447.5 kg. 

The next step in the procedure requires the calculation of B^^. To do this, Co^^and A^^, must be 
determined or estimated. The rocket diameter maybe specified as a requirement, or a few diameters may be 
assumed and the performance parameters calculated for each. For the purposes of this example, a 0.3048-m 
reference diameter will be assumed. The aerodynamic reference area A,^,is then, by definition. 

Are/ = 7r(0.3048)V4 = 0.07297 ml 
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Chapter 5, "Aerodynamics", discusses considerations relating to rocket nose shape and volume drag 
efficiencies (par. 5-5.1, "Wave Drag") and other data and methods for determining drag. A Co^^of 0.38 will 
be assumed for this example. 

Chapter 7, "Structures", presents methods for estimating the lengths of the payload and motor sections. 
Par. 7-4.2.6, "Mass and Size Estimating Relationships", takes up the sizing problem from the mass 
estimates calculated here. 

(4f) By use of the assumed A,^,and CD(,„, Eq. 3-5 gives the required burnout ballistic coefficient 

B,„= 447.5/(0.38X0.07297) = 1.614X10"kg \ m\ 

(5) Eig. 3-7 allows a refinement to the burnout velocity Vj,^,by giving the drag velocity losses during coast. 
By use of 542.4 m/s and Bj,„= 1.614X10‘‘kg/m^ the drag lossAfAoai/, is about 140 m/s. 

(6) The first iteration of at the required burnout velocity is then 

Vprop =Vb-^ AVcoas, = 542.4 + 140 = 682.4 m/s. 

Repeating Steps 4 through 6 continues the iteration process with V^now being 682.4 m/s as determined by 
Step 6. Therefore, from 
(4a) p= 1.321 
(4b) Q = 1.532 
(4c) m„ = 612.8 kg 
(4d) mp = 149 kg 
(4e) mj,^ = 463.8 kg 
(4f) B,„ = 1.673X10^kg/m/ 

(5) By use of Vi,„= 682.4 m/s and Bj,^ = 1.673X10"kg/m/ Eig. 3-7 gives a drag loss of about 200 m/s. 

(6) The second iteration of Vp,^p at the required burnout velocity is Vp,„p = VgAEfoas/ = 542.4"^ + 200 = 
742.4 m/s. 

(7) Comparing the Vp^^p from this iteration with that from earlier computation shows an increase of some 
9%. The iteration procedure should continue until the current Vp^^p agrees with the Vp,„p obtained in a 
previous iteration. 

Three additional iterations yield the following converged data: 
r,= 1.382 Q = 1.652 m,„= 478.3 kg 

m„= 661 kg mp= 182.7 kg = 258 m/s. 

B,„= 1.725X10^kg/m^ V p,„p = 800 m\s 

(8) The initial acceleration ratio G is assumed to be G = 40. 

(9) The initial thrust Egis calculated from Eq. 3-26 

E3 = 40X9.80665X661 = 2.593X10^N. 

The mass flow rate m is determined from Eq. 3-27 

m = 2.593X10V(250X9.80665) = 105.8 kg/s. 

Erom Eq. 3-28 the motor burn time Cis 

t, = 182.7/105.8 = 1.727 S. 

(10) To determine the drag velocity loss during boost, first form the product GZt^,= 69.08 s. Erom Eig. 3-8, 
using GZC= 69.08 s and B^^ = 1.725X10^kg/m/ the boost drag loss parameter is AVhoosi^th approxi¬ 
mately 10 m/s'. The velocity loss AFftoos/during boost is, therefore, 

AVboos, = 10 m/s^Xl.727 = 17.27 m/s. 


(*Note the use of V^from Step 3, and not Vp^^p of 682.4 in from the previous Step 6.) 
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(11) The velocity loss Al^grav due to gravity during boost is determined from Eq. 3-7 

A^gray = 9.80665X 1.727Xsin45° = 11.98 m/s. 

(12) Finally, the total velocity requirement estimate determined from Eq. 3-8 is 

yprop = 542.4 + 258 + 17.27 + 11.98 = 829.7 m s. 
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CHAPTER 4 
ACCURACY 


Accuracy is defined as the measure of the ability of a rocket system to position the payload at a given 
point at the warhead event. Error sources are defined, discussed, and categorized by flight phase. Methods 
are given for relating the dispersions from the flight phases to errors at the war-head event. General 
consideration is given to and specific methods are presented for reduction of the effects of error sources. 
Simulation of and statistical topics concerning the estimation and calculation of free rocket accuracy are 
presented and include equations of motion, statistical methods, and an example problem. 

4-0 LIST OF SYMBOLS 

A = 7r<i/4, aerodynamic reference area, 

B = m/(CDA^^f), ballistic coefficient, kg\m^ 

Cd = drag/(0.5pV"A^J, aerodynamic drag coefficient, dimensionless 
C m dMt/d[{qd)/{2V)]'K \/{0.5pV^Arefd^^rodYnamic damping moment coefficient, 
dimensionless 

CNa = SFj^/da X \/{0.bpV^Aref), aerodynamic normal force coefficient gradient, rad‘ 

CEP = circular error probable, m 

DEP = deflection error probable, m or mrad 

d = rocket diameter, aerodynamic reference length, m 
F,= CNaa(0.5pr Are/), aerodynamic normal force, N 
F T = thrust, N 

Fx,F y/Fz= external force components along the X-, Y-, and Z-inertial axes, respectively, N 
Fx,Fy,F 2 = external force components along the x-, y-, and z-body-centered axes, 
respectively, N 

Fg,, Fgy, Fg^= force components due to gravity along the x-, y-, and z-body-centered axes, 
respectively, N 

G = G'/go/ acceleration level, g-units 

G' = F^/m, rocket acceleration due to thrust, m/s" 

G'(0) = average rocket acceleration while on launcher, m/s^ 
g„= 9.80665, reference acceleration due to gravity, m/s^ 
h = altitude, m 

I = transverse moment of inertia, kgZm^(For a symmetrical rocket, I = ) 

Igp = specific impulse, s 

Ixx/Iyy/Izz= principal moments of inertia, kg=m^ 

Ixz/Ixy/Iyz= cross-products of inertia, kgZm" 

I'x,I'z= transformation parameters, used to uncouple the rotational equations of 
motion, dimensionless 
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K = constant relating CEP to elliptical distributions, dimensionless. (Alternately, K 

= (CEP)/[0.5(a:. + Oy)] or K = (CEP)/a^„x.) 

K j, Kj = transformation parameters used to uncouple the rotational equations of 
motion, rad/s" 

k = \jl/m, rocket radius of gyration, m 
L = thrust misalignment distance, m 

Is = ddCma^SCsa static margin, distance from CG to point where normal force is 
assumed to act, m 

ti = distance from CG to point of thrust application, m 
M ,, My, = external moments about x-, y-, and z-body-centered axes, respectively, NZm 
m = rocket mass, kg 
rh = mass flow rate, kg/s 

n = number of sample values taken from a universe of statistical values, 
dimensionless 

n , = number of revolutions made by a spinning rocket in the first wavelength of 

yaw; n. = pa/(2TrV) expressed in rad/s; no = p6/V {<p expressed in rev/s 

P = launcher length/a, dimensionless launcher length 
Phit= probability y of hit, dimensionless or % 

PE = probable error 

p= rotational rate of rocket about x-body-centered axis, rad/s or rev/s 
q= rocket angular velocity component about y-body-centered axis, rad/s 
^equiv = pe, equivalent initial angular rate about the y-body-centered axis due to spin 
with dynamic imbalance, rad/s 
QE = quadrant elevation, deg or rad 
R = range, km 
R = maximum range, km 
REP = range error probable, m or mrad 

r = rotational rate of rocket about the z-body-centered axis, rad/s 
booster mass ratio, dimensionless 
Y,= effective radius of a target; used in calculation of Phit, rn 
^ ® “ estimate of universal variance and standard deviation, respectively, computed 

from a sample of statistical values taken from universe of values 
t = Student's t statistic, dimensionless 
t = time, s 

At = time-of-flight error, m 

u = rocket velocity component along x-body-centered axis, m/s 
Up v'2PG'(0)o, ro cket velocity at the end of launcher, m/s 
^ = rocket velocity, m/s 

^B= rocket velocity at end of boost, m/s 
^ 1 “ rocket velocity with respect to inertial earth, m/s 
^ R “ rocket velocity relative to wind, m/s 

V„= velocity of wind with respect to inertial coordinates, m/s 
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V„= rocket initial velocity, m/s 

V = rocket velocity component along y-body-centered axis, m/s 
w = rocket velocity component along z-body-centered axis, m/s 
'W 2 = wind velocity component along z-body-centered axis, m/s 
X = burning distance, m 

X, Y, Z = inertial-coordinate system axes and distances measured in that system, m 
X = component of rocket velocity along the aiming direction, m/s 
AX = range error, m 
X, y, z = body-coordinate system axes 

3c = estimate of universal mean computed from a sample of statistic values taken 
from universe of values 
AY- crossrange (deflection) error, m 
Z = component of rocket velocity normal to the aiming direction, m/s 
AZ = attitude error, m 

a= Tan'(w/u), angle of attack, rad (O' = w/u for linearized equations of motion;Q; 

= (w -H wj/u when wind effect is included.) 
a = confidence level for statistical estimation, dimensionless 
otss = steady state trim angle of attack of rocket with thrust misalignment, rad 
(3 = (dispersion with reduction method) /(dispersion, without method), dispersion 
reduction factor, dimensionless 


y 


tan-1 


V + z^ 


X 


where V 


^/x^~T¥T¥ 


, general expression for rocket 


flight path angle, rad 

yrs = steady state postboost dispersion angle from linearized equations of motion, 
mrad 

A0O, Ai/fo = elevation and azimuth aiming error, respectively, mrad 
6 = elevation aiming angle, rad 

Ad, Axil = errors in rocket pitch and yaw, respectively, which are introduced by any error 
source, mrad 

8 = thrust misalignment angle, mrad 

3/ = aerodynamic misalignment angle, mrad 

€ = dynamic imbalance, angle between rocket geometric and principal inertia axes, 

mrad, (tan(2e) = 2Ixz/{Izz ~ hx) ) 

6 = Euler angle in pitch or rocket pitch angle, rad 
6 = rocket transverse (lateral) rotational rate, rad/s 
do, i(/o = initial aim directions in elevation and azimuth, respectively, deg or rad 
Ado, Aij/o = errors in elevation and azimuth, respectively, mrad 

- aiming quadrant elevation for standard trajectory, deg or rad 
H = mean of a universe of statistical values 
p = atmospheric density, kg/m^ 

a = 27r[2I/(pArefLCNa)f\ yaw oscillation distance (wavelength of yaw), m 
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Od = 

^Dtoi = 

Omax = 
Oopt = 


Orange — 
Otot = 
Ox, Oy = 


^ytot ~ 
2 

0,0 = 

2 

OD,= 

ORi= 

<t> = 

<j> = 
2 . 

X = 




stability parameter 

standard deviation in deflection, m or mrad 
total standard deviation in deflection, m or mrad 
total one-sigma dispersion in deflection, mrad 

larger of the two standard distributions for an elliptical distribution, m 
optimum value of 6 to minimize total dispersion from thrust misalignment and 
boost phase wind, m 

total standard deviation in range, mrad or rad 
total one-sigma dispersion in range, mrad 
standard deviation in range, m or mrad 
total error, m 

standard deviation of impact points in x- and y-directions, respectively, (usually 
range and deflection), m or mrad 

total standard deviation of impact points in x- and y-directions, respectively, m 
or mrad 

variance and standard deviation, respectively, of a universe of statistical values 
variance due to individual error sources in deflection, m or mrad 
variance due to individual error sources in range, m or mrad 
Euler angle in roll or rocket roll angle, rad 

rocket angular velocity component about x-body-centered axis, rad/s 
chi-square statistic 

Euler angle in yaw or rocket yaw angle, rad 
aximuth aiming angle, rad 

aim direction in azimuth for standard trajectory, mrad 


4-1 INTRODUCTION 

Accuracy is the measure of the ability of the rocket system to position the payload at a given point at 
warhead event. Various error sources inherent in the rocket system and external conditions, such as winds, 
cause the payload to disperse from its intended path. To calculate dispersion errors, the actual flight paths 
of the rockets are compared to an idealized trajectory. The error sources are identified and then categorized 
as to whether they are predictable, i.e. , allow compensations to be made, or random. The most significant 
factors that influence the accuracy of free rockets have been identified by extensive comparisons of 
experimental tests and theory. 

This chapter contains a detailed discussion of error sources and the effects of the errors on free rocket 
flight. The error sources are discussed for the prelaunch, launch, boost, and ballistic flight phases. 
Techniques for the reduction of dispersion through control of the error sources and their effects are 
presented. These techniques describe how the designer can compensate for the errors to achieve the level of 
accuracy required by the mission specifications. Both the reduction of the error sources themselves and the 
reduction of rocket sensitivity to error sources are treated. 

The remainder of the chapter deals with topics related to accuracy estimation and calculation. Equa¬ 
tions of motion are presented that enable the designer to analyze error effects on rocket accuracy. Also 
discussed are statistical methods for defining measures of central tendency and dispersion. Einally, a 
sample problem with a sample error budget and calculation for determining the free rocket accuracy is 
included. 
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4-2 ERROR SOURCES 
4-2.1 GENERAL 

For the purpose of this chapter, error source is defined as any device, procedure, or accident of 
assemblage which causes a free rocket to deviate from an ideal, intended trajectory. If a number of free 
rockets of a given type are launched, their impact points will not coincide, but the points will create some 
pattern in the intended target area. This pattern will possess some central tendency point, which is the 
"average" of the impacts, and a measure of the dispersion of the rockets from the average. Methods of 
calculating the central tendency and dispersion of the pattern are presented in par. 4-5.4. The pattern is 
caused by error sources that are discussed in pars. 4-2.2 through 4-2.5. Error sources maybe categorized by 
their effect on the pattern of impact points. In this chapter, they will be categorized as producing either bias 
errors or random (sometimes referred to as precision) errors. Bias errors affect all of the rockets in the same 
manner; consequently, bias errors move the average impact point. Random errors tend to affect the 
dispersion of the rocket pattern but have little effect on the average impact point. Often, individual sources 
of error may be of either the bias or random type, and the designer should assess each source as it applies to 
the rocket system under consideration. 

To aid in further understanding this categorization of errors, the following definitions are useful: 

1. Fixed Bias Errors. Assume that, because of a manufacturing error, the sight for a particular rocket 
launcher is misaligned with the launcher rail. This will result in a center of impact that is not in line with 
the intended direction as established by the sight. This type of error is called a fixed bias error. Fixed bias 
errors will not be considered in this chapter because it is assumed that they can always be discovered, by 
systematic testing, and compensations can be made. 

2. Random Bias Errors. Errors that exist for a specific set of shots fixed at the same elevation and 
deflection setting, such as the misreading of an unchanging wind or the missetting of the quadrant 
elevation (QE) angle, are called random bias errors. Methods will be described for computation of these 
errors; however, in the description of dispersion the errors will not be considered because, when prior 
knowledge of these disturbances exists, correction can be made through such methods as prelaunch 
computation and adjusted aiming. 

3. Random Errors. The computation of these errors is the main topic of pars. 4-2 through 4-4. These 
errors are due to thrust misalignment, mass variations, incomplete compensation for random bias errors, 
and many other causes. 

An informative approach to the description of error sources is to separate the flight of a rocket into 
phases, consider each phase separately, and identify the major contributors to the total error from each 
phase. In each flight phase different forces predominate: therefore, the important parameters change. In 
the paragraphs that follow the important parameters for each phase will be discussed. 

Consideration of the errors in each flight phase separately has two advantages: (1) the equations can be 
simplified by including only the forces that predominate during the phase and (2) the simplified equations 
can be manipulated to provide analytical solutions. The availability of analytical solutions is of great 
benefit to the designer because the effects of the important variables or combinations of variables that 
determine the error call be easily identified. These results can then be combined with computer calcula¬ 
tions that provide the required accuracy. 

The flight of a rocket will be divided into four phases: 

1. Prelaunch Phase. Includes all preparations up to the time of rocket ignition 

2. Launch phase. Includes the time from motor ignition to that point in time at which the rocket and 
launcher are considered to be no longer interacting through mechanical or motor exhaust effects. 

3. Boost Phase. The time during which the rocket is free of the launcher and the propulsion 
system is burning. 

4. Ballistic Phase. Includes that portion of flight from the time of motor burnout to detonation 
(warhead event) that occurs either by impact or other types of fuzing. 

The errors associated with each of these phases are discussed in the paragraphs that follow. 
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4 - 2.2 PRELAUNCH PHASE ERRORS 

When preparing to launch a rocket at a target, the launch angle QE in the vertical plane and the 
azimuth angle under standard conditions must be established first. The term "standard" applies to a 
flight that exists under arbitrarily chosen meteorological, positional, and material conditions. Cor¬ 
rections must then be made to this standard aiming for variations from the standard of the existing 
conditions for a given flight. Both the standard aiming and the corrections generally are obtained from 
a firing table that is a catalog of standard trajectories and corrections for nonstandard conditions. 
These tables are usually cataloged in a fire control computer. For example, the usual rocket firing table 
includes 

1. Pertinent data for the standard trajectories of the rocket 

2. Corrections to the standard aiming to compensate for rotation of the earth 

3. Corrections to the standard launch elevation (QE) to compensate for variations in propellant 
temperature; uninhibited propellant weight; atmospheric pressure, density, and temperature; inert 
weight; and wind 

4. Corrections to the standard aiming azimuth for wind. 

The sources of error in the prelaunch phase can be described us errors in the aiming of the rocket. 
Aiming errors are caused by any combination of the following sources: 

1. Inexact Knowledge of Location of Launcher and Target. These errors may be caused by either 
survey errors or an incorrect map grid determination of the target. This type of error is categorized as a 
bias error because each round will be affected in an identical maimer. 

2. Errors in Positioning Launcher. These errors are sometimes called laying and sighting errors. 
These also are bias errors and result from the inability to level exactly the launcher and from the 
inability to align exactly the launcher along the desired QE and azimuth. 

3 . Incorrect Determination of Trajectory Corrections to be Applied for Nonstandard Flight. This 
bias error can be caused, for example, by inexact knowledge of the true wind azimuth or by the incor¬ 
rect use of the firing tables. 

Although caused by different sources, these errors all result in physical displacement of the launcher 
from the orientation required for the rocket to impact the target. The errors are determined by calculat¬ 
ing the difference between a flight with an error and the standard trajectory at warhead event. 

Fig. 4-1 illustrates the coordinate system and errors at payload disposition. The choice of error 
parameters' AX, AY, and AZ may be any convenient orthogonal set since the error magnitudes are 
usually much less than X. 
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The errors at payload disposition which result from aiming errors of the launcher are 


AY = Aj/tq/?, m 

(4-1) 

AX = (Ado) — 
dd 

,m 

Y = const 

(4-2) 

O 

< 

II 

<1 

,s 

R = const 

(4-3) 

AZ = {Ado) — 
dd 

,m 

t = const 

(4-4) 

A«Ao (^o)std - «Ao . 

mrad 

(4-5) 

A0O = {do)std ~ do , 

mrad 

(4-6) 


where 

Ay = 
AX = 
At - 
AZ = 
R = 
t = 
tj/o = 

( ^o}std 
00 — 
{do)std 

Aipo — 
Ado = 


crossrange (deflection) error, m 
range error, m 
time-of-flight error, s 
altitude error, m 
standard range, km 
time, s 

initial aim direction in azimuth, mrad 

aim direction in azimuth for standard trajectory, mrad 

initial aim direction in elevation, QE, rad 

aim direction in elevation QE for standard trajectory, rad 

azimuth aiming error, mrad 

elevation aiming error, mrad. 


The partial 


derivatives0/?/00, dt/dd, and 0Z/(90will be discussed in more 


detail in par. 
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4-2.3 LAUNCH PHASE ERRORS 

The launch phase begins with the ignition of the rocket and terminates when forces imparted to the 
rocket by the launcher become insignificant. During this flight phase the rocket and launcher can be 
thought of as an interacting system. Asymmetries resulting from manufacture and assembly tolerances 
will cause a rocket to produce forces normal to the intended line of flight. These forces are transmitted 
to the launcher which moves in a manner dictated by its design. Because the launcher cannot 
compensate for all rocket errors, each rocket is launched with some finite velocity normal to the aim 
line and some finite angular rate about a transverse axis. Eurther, if the launching device is attached to 
an aircraft, such as a helicopter, additional transverse angular velocities and angular rates will exist 
which are caused by aircraft-induced motions. These finite velocities and rates are referred to as 
mallaunch; in practice, mallaunch is usually taken to mean only angular rates because they are 
potentially larger sources of error than the translational velocity. Another cause of angular rate at 
launch is a rocket supported in the launcher by devices located fore and aft. As the front device leaves 
its launcher support, gravity will tend to "tip" the rocket downward about the aft support. This effect 
is known as rocket tip-off and is not usually considered a part of the mallaunch effects. 

Eor analysis purposes, launch-phase error effects are reduced to errors in angular rate, translational 
velocity, and changes in speed. The principal sources of rocket errors during launch are 
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1. Acceleration Level. This is a random error whose effect on speed is usually accounted for in the 
boost phase of flight. It is mentioned here because the acceleration level of a rocket determines both the 
magnitude and time history of the forces imparted to the launcher. It can affect launcher motion 
directly through starting shock and nonsteady burning and through the frictional force between the 
rocket and launcher. 

2. Thrust Misalignment. These random errors are depicted in Fig. 4-2. Although angular 
misalignment is depicted, similar disturbances can be caused by the thrust being parallel to the rockot 
longitudinal axis but being displaced radially. 



Figure 4-2. Thrust Misalignment 


3. Static and Dynamic Imbalance. These random errors are caused by the geometric longitudinal 
axis being noncoincident with the principal axis of inertia. Fig. 4-3 shows examples of static and 
dynamic imbalance. The figure shows massless rods, which may be considered to be the geometric axis 
of a rocket, with identical masses fixed at some point off the axis. Spinning either of these rockets 
about the geometric axis will impart unwanted motions to the launcher which lead to mallaunch. 
However, the launcher may be designed so that the inherent motion of it could help compensate for 
this rocket motion. Also, at the instant of release from the launcher, the motion of the spirming rocket 
will be that of a body exhibiting the characteristics of a force-free precession of a rigid body. This 
introduces a second error effect caused by the imbalance which is separate from the induced launcher 
motions. This processional motion is equivalent to an angular velocity at launch. The magnitude of 
this initial angular velocity will be discussed in par. 4-3.3. 



(.A) StatitalJy Irnbalamttl 



(B) Dynamically Imbalancttl 

Figure 4-3. Static and Dynamic Imbalance 
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4. Flexible Rocket. The rocket, not being a perfectly rigid body, will have an angular rate as it 
exits the launcher tube because it is bending and flexing due to launcher and rocket interaction forces. 

4-2.4 BOOST PHASE ERRORS 

Error sources associated with the boost phase of flight can produce errors in the speed of the rocket 
and angular errors in the flight direction. 

The speed change errors are usually random and are characterized by a change from the nominal 
velocity attained at propellant burnout. These errors, which result in an error in the plane of the 
trajectory, are primarily the result of the variability present in the propulsion system. Any variation in 
a parameter that influences the delivered total impulse will obviously result in a different burnout 
velocity for the rocket. These include variations in 

1. Total loaded propellant 

2. Propellant specific impulse due to chemical composition 

3. Specific impulse due to physical quantities, e.g., the ratio of nozzle throat diameter to nozzle 
exit diameter 

4. Inert mass. 

In addition to propulsion system variability effects, the burning time and thrust of solid propellant 
rockets are affected by propellant temperature. Even though the temperature has a negligible effect on 
total impulse, it does affect the burnout velocity because the rocket is then subjected to a different drag 
history. 

Speed change errors are a function of mechanical design, manufacturing control, and propellant 
selection. Angular errors associated with the boost phase of flight are primarily caused by thrust 
misalignment and a wind normal to the intended flight path. Fig. 4-4 illustrates how thrust 
misalignment produces errors during boost. The thrust-induced moment causes the rocket to rotate 
until it is balanced by a stabilizing aerodynamic restoring moment. The rocket then has a component 
of thrust normal to the intended flight path. Because thrust is invariably the largest force acting during 
the boost phase, errors caused by thrust misalignment can be quite large. As was mentioned 
previously, angular and laterally-displaced thrust misalignments would have similar effects, and both 
are random in nature. 


Moment Caused by 6 



Flight Path 



Figure 4-4. Effect of Thrust Misalignment on an Aerodynamically Stable Rocket 
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Depending on its variability and other factors, wind error may be of either the bias or random type. 
An aerodynamically stable free rocket will turn toward the direction from which the wind is blowing. 
Fig. 4-5 illustrates the effect. As with the thrust misalignment error, wind causes a component of thrust 
normal to the intended flight path. 


A/j, due to a 




A steady, constant velocity wind is effectively a bias error, i.e., it will affect identical rockets in the 
same manner. Winds often have a variable component either in magnitude and/or direction which 
produces random-type errors in the rocket flight path. For a rocket launched from an aircraft local 
airflow effects, such as downwash from helicopter blades, are one source of steady and transient winds. 
The effects of steady and transient winds on the unpowered portion of rocket flight will be discussed in 
par. 4-2.5. 

From the preceding discussion it is apparent that the degree of stability of the reocket will be of 
primary importance to the designer. The degree of stability will determine the angle through which 
the missile will turn in response to thrust misalignment or wind. This, in turn, determines the 
magnitude of the thrust component normal to the intended path and the ultimate error. 

The aerodynamic stability of a rocket is the measure of the tendency of the rocket to align itself with 
the relative wind. If an aerodynamically stable rocket in steady flight with no aerodynamic moments 
should be given a disturbance such as a sudden increase in the angle of attack a, the aerodynamic 
forces caused by the disturbance direct the rocket back to its original state. The motion of the rocket 
immediately following the disturbance is generally a sinusoidal oscillation about a lateral axis. One of 
the most important parameters in the study of the behavior of free rockets is the distance the rocket 
travels during one such oscillation. The yaw oscillation distance 6 (Refs. 1 and 2) is related to the 
aerodynamic stability of the rocket by the static margin ts (the moment arm of the corrective 
aerodynamic forces 


a 


27r 


/ 


21 


m 


P^reft'sCs^ 


(4-7) 
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where 


a — yaw oscillation distance or wavelength of yaw, m 
/ = moment of inertia of the rocket about a lateral axis, kgZm^ 
p = atmospheric density, kg/m^ 

A ref ~ aerodynamic reference area, m" 

^ = rocket static margin, m 
Cno — rocket normal force coefficient gradient, rad'. 


Fig. 4-6 illustrates the sign conventions associated with thrust misalignment and static margin 
(arrow tips are pointed in the positive direction). Because 6 depends on the aerodynamic coefficients, 
mass distribution of the rocket, and air density, it is subject to change during flight as the mass, 
velocity, and altitude of the rocket change. 


(pr(»|)()i ti()nal to a) 



Fig. 4-7 shows the variation of 6 and the buildup of angular dispersion for a typical flight. From the 
figure, it is seen that most of the dispersion takes place during the first yaw oscillation. During this 
time, 6 does not change appreciably; this has been found to be generally true. Therefore, the 
dependence of dispersion on 6 is mainly determined by the initial wavelength of yaw. This initial 
value will be used to describe the wavelength of a flight for the remainder of the chapter. As can be 

seen from Fig. 4-6 and Eq. 4-7, the larger the static margin, the more stable the rocket, and the smaller 

the yaw oscillation distance. 

Other sources of error during the boost phase are fin misalignments and aerodynamic variations that 
cause errors in the static margin. Both of these errors, functions of assembly tolerances and mishandling 
of the rocket, are usually of the random type. 

4-2.5 BALLISTIC PHASE ERRORS 

The ballistic phase of rocket flight begins at motor burnout and continues to the warhead event. 
During this phase, the rocket is only under the influence of aerodynamic and gravity forces. 

The aerodynamic forces may be separated into drag forces and those forces acting normal to the 
standard trajectory. If only drag is considered in calculating the standard trajectory, any change in 
either the normal force or the drag force will introduce dispersions at the warhead event. In addition to 

dispersion of the flight path, errors associated with warhead fuzing must also be considered. 

During the ballistic phase, the largest potential error source is normally that caused by winds. Winds 
acting on a free rocket during the ballistic phase generate three perturbing forces that affect the missile 
trajectory (see Fig. 4-8), namely, 

1. Change in Drag Magnitude. Magnitude. Ballistic wind will cause a change in airspeed and, consequently, 
in dynamic pressure and drag force magnitude. 

2. Lift Forces. A change in wind velocity normal to the ballistic flight path will cause an angle of 
attack and, consequently, the development of a lift force. Because this is a transient effect, it is usually 
very small. 
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0 1.0 2.0 3.0 4.0 

Number of Wavelengths of Yaw Traversed 


Figure 4-7. Variation of Angular Dispersion and Wavelength of Yaw During Flight 

3. Change in Drag Direction. In its transient response to a normal wind, a stable missile will be 
oriented at some angle with respect to its zero-wind flight path. The drag force vector still lies along 
the missile axis and, therefore, causes an acceleration in the downwind direction until the missile 
dispersion velocity reaches the wind velocity. This is the predominant force causing ballistic wind 
error. High-altitude winds can reach high velocities; therefore, frequently an attempt is made to 
compensate for the winds in the aiming process. This can be accomplished by the use of data from 
firing tables and some remeasurement of the predominant wind. 

Fig. 4-8 illustrates the effects of transient and steady wind-induced forces. The transient condition 
may be caused by the first entry of the rocket into a steady wind field or by a wind gust of relatively 
short duration compared to the total flight time. The instantaneous action is a force normal to the 
trajectory, resulting from the wind-induced angle of attack a. A stable rocket will then cock into and, 
eventually drift with, the wind. Rotation of the rocket will produce an axial drag component that is 
normal to the intended path. The drag component is in a direction to cause the rocket to drift with the 
wind. 

The standard trajectory assumes some nominal set of atmospheric data such as density; however, the 
atmosphere experienced by a given rocket may be quite different. Atmospheric data for a given site 
changes with the season, time of day, temperature, humidity, and other factors. These effects will cause 
a nonstandard drag history to be experienced by a given rocket. This error effect is usually accounted 
for as an error in atmospheric density and is considered a bias-type error because it affects all rockets in 
a given fire mission in the same manner. 

Fuzing errors result from inaccuracies in the warhead detonation device. With impact fuzing, the 
errors are those associated with the dispersion of the trajectory. There are, however, no errors 
introduced by the fuzing technique itself. 
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(A) Transient Condition 
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Figure 4-8. Effect of Wind on a Ballistic Free Rocket (After Burnout) (Top View) 


With time fuzing, variations in fuze action time introduce errors in addition to those associated with 
the dispersion of the trajectory. The result is additional range and altitude dispersions of the warhead 
at the time of detonation. With altitude fuzing, variations in the altitude sensing device cause error 
effects similar to time fuzing. Fuzing errors usually are considered to be of the random type. 

The remainder of the ballistic phase error sources discussed are considered to be equivalent to 
changes in the standard atmospheric density and to changes in the rocket ballistic coefficient. The 
ballistic coefficient B is a measure of the ability of a ballistic vehicle to overcome the effects of drag. 
The ballistic coefficient B was defined in Chapter 3 to be 


B = 


m 


C d/ 4, ref 


kg/m 


(4-8) 
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where 

B = rocket ballistic coefficient, kg/m^ 
m = rocket mass, kg 

Cd = aerodynamic drag coefficient, dimensionless. 

The error sources that follow usually are grouped into errors in B and usually are considered to be 
random-type errors. This association with B is done so that the errors can be equated to a change in 
either the mass or drag coefficient Cd when compared to those values in the standard trajectory. The 
error sources are 

1. A projectile seldom has an actual drag history exactly like the one used in the calculation of the 
standard trajectory. Inaccuracies inherent in the methods of determining drag-as well as inaccuracies 
resulting from manufacturing and damage in handling—are typical causes of these drag deviations. 

2. Projectiles with fins that have become misaligned or bent as a result of careless handling or 
manufacturing error will cause aerodynamic forces and will result in dispersion. However, fin 
misalignment will also cause a slow spin that will reduce the effect of the error (Ref. 1, p. 60). 

3. Manufacturing tolerances usually cause the projectile c-enter of gravity to be located off the 
longitudinal axis (static imbalance). The aerodynamic forces will then produce a moment resulting in 
an angle of attack. This, in turn, produces a net normal force and a small change in drag along the 
trajectory. 

4. Manufacturing tolerances plus the unavoidable unsymmetric placement of small components 
or uneven propellant burning will result in the inertial spin axis being displaced from the projectile 
centerline (dynamic imbalance). If the rocket is spinning, this will cause the missile to process in a 
coning motion about the velocity vector at some angle of attack. 

5. The trajectory of the projectile during the ballistic phase will approximate a parabolic arc. An 
aerodynamically stable vehicle will attempt to keep its axis aligned with the flight path. However, the 
inherent resistance of the body to rotation (aerodynamic damping) will cause the projectile axis to lag 
behind the changing flight path direction. This phenomenon is called the yaw of repose (Ref. 1, p. 58) 
which causes a small dispersion unaffected by spin. 

6. Variations in the burnout mass due to manufacturing tolerances and unburned propellant are 
additional error sources. 

The preceding paragraphs have identified the major sources of error in each of the defined phases of 
rocket flight. Par. 4-3 will detail the calculation of dispersions caused by these identified error sources. 

4-3 EFFECTS OF ERROR SOURCES 
4-3.1 GENERAL 

Each of the error sources previously described produces dispersions in the rocket at the warhead 
event. For the purpose of this paragraph, dispersion means any deviation of the detonation location 
from the standard trajectory. The dispersions occurring in each flight phase will be presented in terms 
of angular errors Ad and A«/f where possible; therefore, the actual linear dispersion is assumed to 
propagate linearly with range. The total dispersion from all the individual error sources is then 
calculable. The combining of individual dispersions will be discussed in more detail in par. 4-5. 
Accepted practice has been to measure the dispersion in units of milliradians (mrad) which is often 
called roils; mrad will be used in the chapter. 

The angular error of a rocket is obtained by solving the differential equations of motion throughout 
the flight. The equations can be solved on a computer to any desired accuracy. Values are chosen for 
the error sources, and a number of parametric runs are made. The results can then be combined 
statistically as outlined in par. 4-5. 

If symmetry about the longitudinal axis of the rocket is assumed (see Fig. 4-9) so that normal small- 
angle approximations are valid and the gyroscopic effects due to missile roll are omitted, then the 
six-degree-of-freedom equations of motion become decoupled in the vertical and horizontal planes. 
Furthermore, motion in the two planes is identical except for the gravity terms in the vertical plane. 
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Figure 4-9. Definitions of Sign Conventions for Dispersion Equations of Motion 

(The effect of gravity is equivalent to a bias error and will not be considered in these equations.) A 
useful solution of the equations of motion in only one plane can then be obtained. This greatly 
simplifies the study of dispersion while maintaining sufficient accuracy of results for the purposes of 
this paragraph. A more detailed discussion of these equations is found in par. 4-5.3. 

The uncoupled, pitch-plane equations to be solved can be written 


ii = [G'] - 




+ Wz) + [G']6cos^, m/s^ 


2CNa^s 


q + 8jucos(t> 


1 


+ ^ 2 ' 8cos<f), rad/s^ 


(4-9) 


(4-10) 


(4-11) 
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X = u , m/s 
Z = w — ud, m/s 
S = q , rad/s 

<f) — f{t), rad (This is specified by the spin program.) 


(4-12) 

(4-13) 

(4-14) 

(4-15) 


where 


u, w 

q, i 


e 

x,z 

G' 

Cnig 

4 

d 

k 

6 

5 / 

IVz 

y 

p 


components of rocket velocity in direction of x- and z-body-centered axes, respectively, m/s 
components of rocket angular velocity about the y- and x-body-centered axes, respectively, 
rad/s 

rocket pitch angle, rad 
rocket roll angle, rad 

components of rocket velocity along and normal to aiming direction, respectively, m/s 

rocket acceleration due to thrust, m/s^ 

aerodynamic damping moment coefficient, dimensionless 

distance from center of gravity to point of thrust application, m 

reference body diameter, m 

rocket radius of gyration, m 

thrust misalignment angle, rad 

aerodynamic misalignment angle, rad 

component of wind velocity in direction of negative z-body-centered axis, m/s 
rocket flight path angle deviation from reference direction, rad, tany = Z/X (since F = 0) 
atmospheric density, kg/m ^ 
derivative with respect to time. 


For this set of equations 

1. X, Y, Z are the inertial (reference)-coordinate system axes; the X-coordinate is along the 
launcher axis, and the Z-coordinate is normal to X in the vertical plane. 

2. X, y, z are the body-centered coordinate system at the rocket CG; the x-coordinate is directed 
along the longitudinal axis of symmetry. 

The six expressions in square brackets completely specify all the rocket characteristics needed to 
calculate its motion. Threfore, if the rocket motion is tabulated for variations in each of the six 
expressions, the results will be applicable to any configuration for which these expressions are known. 

For Eqs. 4-9 through 4-15, the launcher affects the motion of the rocket only through the initial 
conditions. For convenience a dimensionless expression for the launcher length P will be used 

„ launcher leneih , - i , , 

P = -^— , dimensionless (4-i6) 

o 


Launcher length in this context means the point on the launcher (or in the launch tube) at which 
the rocket is no longer effectively constrained by the launcher, i.e., the distance traveled by the rocket 
before it enters free flight. This distance is usually referred to as effective launcher guided length or end 
of launcher guidance. Also, this expression assumes a rigid launcher and a rigid rocket. The effect of 
launcher length, then, is represented by an initial value of velocity 


Up = V2PG'(0)a , m/s 


(4-17) 
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where 

UP = rocket velocity at end of launcher, m/s 
G'(0) = average rocket acceleration while on launcher, m/s/ 


Throughout this chapter it is important to remember that the parameter P is essentially an initial 
velocity effect, and, unless specifically noted, a perfectly rigid launcher is assumed. 

Examination of the solutions of Eqs. 4-9 through 4-15 for typical rocket systems indicates that only a 
relatively few parameters have first-order effect on the angular dispersion. These are the rocket 
acceleration G'(0), the wavelength of yaw 6, and the dimensionless launcher length P. The burning 
distance X also will have a first-order effect. These equations can now be solved on an analog or digital 
computer and the dispersion at the end of flight determined for any given error source. 

As mentioned previously, a more informative approach for the rocket designer is to consider each 
flight phase separately and to identify the major contributors to dispersion during each phase. This 
representation allows rapid evaluation of the accuracy of the rocket without resorting to the complex 
methods of accounting for ballistic phase errors. 

The rocket equations were solved, using an automatic computer, for the burning phase of flight. 
The angular dispersion jts at the end of the boost phase is approximated by the following expression 
(Ref. 3) 


yrs — 6 — 



{w + IVz), mrad 


(4-18) 


where the values of 6, w, u, q and the aerodynamic parameters are those at burnout; and Jts is deter¬ 
mined by computing lim z which is the steady state, postboost angular dispersion of the 

oo —11 = const 

direction of the velocity. Thus for calculating the effect of the boost-phase errors on dispersion at 
warhead event, yrs naay be treated as an aiming error. Then the missile is assumed to be launched with 
the initial conditions taken from booster burnout for the ballistic phase. 

Par. 4-3.2 will present angular dispersion at flight termination in terms of the defined parameters. 
Eor convenience the rocket acceleration term used will be normalized to gravity, namely, G = G'/g„, 
which is measured in units of g's. 


4-3.2 PRELAUNCH PHASE 

Prelaunch-phase error effects on dispersion can most easily be seen from Eq. 4-18. In effect, an 
aiming error during prelaunch is experienced as an initial value ofO- If no other errors are present, the 
terms involving q, w, and w^in Eq. 4-18 are zero. Erom this, the prelaunch dispersion is 

yTs = 6o, mrad. (4-19) 


4-3.3 LAUNCH PHASE 

Launch-phase error sources were defined and discussed in par. 4-2.3. During the launch phase, the 
rocket is constrained to its intended path by the launcher. Random motion induced by rocket forces 
and torques are controlled by the launcher structure. The phasing of the launcher reactions to these 
forces and torques will determine conditions at the beginning of the boost phase. These conditions are 
separated into three modes of motion, i.e., 

1. Initial angular velocity about a lateral axis 

2. Initial translational velocity normal to the launcher axis 

3. Angular velocity resulting from rocket dynamic imbalance when some form of spin on the 
launcher is used. 

The angular dispersion at flight termination caused by these initial conditions is presented here. 
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The analysis that follows is presented for a rigid launcher and a rigid rocket; however, flexible 
launcher and flexible rocket effects should be included if they contribute significantly to motion at 
launcher release. 

Figs. 4-10(A), (B), and (C) show the angular dispersion caused by an initial angular velocity of 100 
mrad/s for various P values. The launcher length P, the wavelength of yaw 6, and the rocket 



(A) /> - 0 



(B) P = 0.01 

Figure 4-10. Angular Dispersion Due to Initial Angular Rate for Various P Values 

(cont'd on next page) 
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Figure 4-10. (cont'd) 


acceleration level G all have substantial effects on the dispersion. The figures indicate that the 
dispersion is minimized by increasing the launcher length and the acceleration level while keeping the 
aerodynamic stability as high as possible, i.e., a small value of 6. 

Figs. 4-1 1(A), (B), and (C) show the effect of an initial translational velocity of 0.3 m/s, normal to 
the launcher line, on the angular dispersion for various values of P. The figures indicate that the 
launcher length P does not significantly affect the dispersion. An increase in the wavelength of yaw has 
a significant, beneficial effect on rockets with high aerodynamic stability. Increasing the acceleration 
level causes a decrease in the dispersion for all cases considered. Thus the angular dispersioryj-^ due to 
initial translational velocity is minimized by making the rocket acceleration as high as possible and the 
aerodynamic stability low. 

Dynamic imbalance is the result of the longitudinal axis of inertia not being the same as the 
geometric longitudinal axis, i.e., the weight distribution is not uniform about the geometric axis and, 
thereby, displaces the axes a finite amount. When the rocket is spun on the launcher, release of the 
launcher constraints will result in a motion characteristic of the force-free precession of a rigid body 
unless the rocket is spinning about its principal axis of inertia. 

The resulting precessional motion is equivalent to an initial angle velocity at launch. The 
magnitude of this angular velocity is 


qequis^ = pe, rad/s 


(4-20) 


where 

p = rocket spin rate about x-axis of body, rad/s 
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= equivalent initial angular rate about y-axis of body due to spin with dynamic imbalance, 
rad/s 

6 = angle between geometric and principal inertial axes of the rocket, rad. 


After determining the equivalent angular rate by Eq. 4-20, the angular dispersioryr^ can be assessed 
from Fig. 4-10. 



Wavelength of Yaw a, m X 10 ^ 
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(B) P - 0.01 


Figure 4-11. Angular Dispersion Due to Initial Translational Velocity for Various P Values 

(cont'd on next page) 
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Figure 4-11. (cont'd) 

The angular dispersion (see Fig. 4-10) due to dynamic imbalance is minimized by increasing the 
launcher length and the rocket acceleration while maintaining a high level of aerodynamic stability. In 
addition, the dynamic imbalance anglee should be kept as small as possible by careful design and care 
in manufacturing. Also, the lower the spin rate, the less the effect of dynamic imbalance. 

From the discussion of the launch-phase error effects on angular dispersion, conflicting design goals 
are seen to exist among some of the error sources. Note, for example, the conflict in desired stability 
between Figs. 4-10(A) and 4-1 1(A). Other conflicts will become apparent in par. 4-3.4 on the boost 
phase. Par. 4-4 on dispersion reduction techniques contains information on balancing the conflicting 
design requirements. 
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4-3.4 BOOST PHASE 

Angular errors that originate during the boost phase of flight are primarily caused by wind normal 
to the direction of flight and by thrust misalignment. A qualitative description of the effect of wind 
and thrust misalignment was given in par. 4-2.4. Par. 4-3.4, however, presents some quantitative results 
that describe the effects of the important rocket parameters on the angular dispersion caused by these 
same two error sources, i.e. , wind and thrust misalignment. These results can be used for preliminary 
accuracy estimates. 

This paragraph will present results for the nonspinning rocket. Spinning the rocket is effective in 
reducing the dispersion caused by thrust misalignment. Dispersion reduction for thrust misalignment 
is presented in par. 4-4.2. 

Figs. 4-12 and 4-13 show the angular error yrs caused by a 3-m/s wind (u'J normal to the flight path 
of the rocket and by a 0.5-mrad thrust misalignment angle (§’ ), respectively, on a nonrotating rocket for 
various P values. 

Since the wind force on a symmetrical rocket does not depend on the roll orientation, spin does not 
affect the dispersion caused by wind. Therefore, Figs. 4-12(A), (B), and (C) are applicable to a spinning 
rocket system. 

The angular dispersion caused by wind is reduced by keeping the aerodynamic stability as low as 
possible. Fig. 4-12 indicates that launcher length P has very little effect on the wind dispersion, pro¬ 
vided the rocket acceleration is large. 

Refer to Fig. 4-13. The dispersion due to thrust misalignment is reduced by keeping the aerodynamic 
stability as high as possible. The effect of acceleration level is most significant for rockets with low 
stability. The angular dispersion increases with an increasing acceleration level. The effect of launcher 
length is significant under all conditions. Since the launcher is assumed to be perfectly rigid, a long 
launcher would be desired. For a flexible launcher, the length would be tuned to the launcher stiffness 
to give the minimum dispersion. 

4-3.5 BALLISTIC PHASE 

The sources of ballistic-phase error were identified in par. 4-2.5 together with a discussion of the 
numerous and complex ways in which these errors are introduced. Since the ballistic phase of indirect 
fire rockets is usually much longer than the launch and boost phases, an assumption of constant 
aerodynamic and atmospheric conditions is no longer valid. Thus the forces acting on the rocket can 
no longer be considered only a function of the missile attitude, and the velocity-altitude history of the 
rocket becomes increasingly significant. Also small changes in the ballistic coefficient exert an integra¬ 
tive effect along the trajectory and may also cause significant changes in range and deflection. For 
these reasons, dispersion during the ballistic phase is usually developed through parametric data by 
using both standard and perturbed trajectories. The error effects are then linearized with respect to the 
magnitude of the perturbation in a given parameter of interest. This method of accounting for 
ballistic-phase dispersion is demonstrated in par. 4-.5.5 in which figures are presented that depict typi¬ 
cal dispersions in range and deflection for a unit change in ballistic error source. 

For purposes of analysis, the ballistic phase errors are grouped into four independent effects, i.e., 

1. Ballistic winds 

2. Ballistic coefficient 

3. Atmospheric density 

4. Fuzing. 

Ballistic winds and fuzing were discussed in par. 4-2.5. Ballistic coefficient dispersions include all 
effects caused by drag changes and burnout mass. Density dispersions include all effects caused by 
static atmospheric variations. 

The dispersions caused by ballistic-error effects are quite linear with respect to range when depressed 
QE's are used for ranges less than maximum. However, the dispersions increase dramatically when 
lofted trajectories are used because the flight time and total path length are greatly increased, and the 
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Figure 4-12. (cont'd) 

(cont'd on next page) 


4-4 DISPERSION REDUCTION 
4-4.1 GENERAL 

Par. 4-3.3 identified one of the conflicting design requirements on rocket parameters that occur 
when the designer attempts to reduce the dispersion of a given rocket. This paragraph presents 
information pertinent to the reduction of free rocket dispersion. 

Generally, dispersion reduction techniques can be classified into two principal methods. The first 
method is to reduce the magnitude of the error source. This can be accomplished by careful attention 
to manufacture and assembly of the rocket, by protection of the rocket from mishandling in transport 
and use, and by increased attention to launcher design and manufacture. The second method is to 
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Figure 4-12. (cont'd) 


design the rocket to reduce its sensitivity to error source magnitudes. Most of the topics in this 
paragraph fall within this second method. 

Several important considerations that the rocket designer must bear in mind while using the 
techniques and data contained in this chapter are 

1. Attempts to reduce manufacture and assembly tolerances can become prohibitively expensive 
beyond a specific point. The effectiveness of free rockets generally requires firing several at a target; 
therefore, relatively large numbers of rockets must be manufactured. Accordingly, the cost per rocket 
should be an important consideration in the selection of a dispersion reduction technique. 

2. Some of the techniques discussed impose additional complexity on the rocket or launching 
device. This complexity can affect both cost and reliability. 
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Figure 4-13. Angular Dispersion Due to Thrust Misalignment for Various P Values— 
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Figure 4-13. (cont'd) 

3. A proper perspective in the reduction of error sources should be maintained. Complete 
elimination of, or reduction of sensitivity to, only one error source may not appreciably affect the 
overall accuracy of a rocket system; however, moderate reduction of several of the error sources may 
produce better results at less design and manufacturing expense. 

4. Balanced attention should be given to the rocket system bias errors as they relate to the random 
or precision errors. Par. 4-2.1 pointed out that bias errors affect the center of a group of rocket impacts, 
whereas precision errors affect the dispersion of impacts away from the center of the group. Reducing 
precision errors without effective reductions in bias errors would result in grouping rocket impacts 
away from the target area. Efforts to reduce precision error below a given value (dependent on the bias 
errors of the system) would be counterproductive. 

5. Finally, the designer must be aware of the possibility of introducing a source of dispersion 
while attempting to reduce another source of dispersion. As an example, the paragraph on rocket spin 
effects will point out that while spinning a rocket is effective in reducing certain types of errors, very 
high spin rates introduce complex dynamic motion of the rocket, aerodynamic effects, and increasingly 
complex motions of the rocket and/or launcher systems. The paragraphs that follow introduce 
dispersion reduction methods and their effects. 

4-4.2 THE EFFECT OF SPIN 

Par. 4-3 pointed out a conflict on aerodynamic stability and wavelength of yaw caused by winds and 
thrust misalignment. The conflicting requirements on the wavelength of yaw are a result of an attempt 
to decrease two different types of errors by using the same technique, namely, changing the 
aerodynamic stability. The combination of the two error sources resulted in Fig. 4-14 which suggests 
an optimum value of 6. 

However, a different method, i.e., spinning the rocket about its longitudinal axis, for reducing the 
dispersion caused by thrust misalignment is introduced in this paragraph. Rocket spin is effective in 
reducing all errors that are body-fixed—e.g., thrust and fin misalignments, and thrust and CG offsets. 


4-27 



MIL-HDBK-762(MI) 



Figure 4-14. Optimum Wavelength of Yaw for Minimum Total Dispersion 

Fig. 4-15 illustrates the buildup of the dispersion of a nonrotating rocket with a thrust misalignment. 
Because the thrust is applied in an unchanging direction, the dispersion grows steadily with time. Fig. 
4-16 shows the effect of giving the rocket a slow spin about its longitudinal axis. Slow spin is defined 
as a spin during which gyroscopic moments are not yet significant. In this case the direction of the 
thrust changes as the body rotates. The result is a reduction in total angular dispersion. 



Figure 4-15. 


Growth of Angular Dispersion For A Rocket With A Thrust Misalignment and 
No Spin 



Figure 4-16. 


Growth of Angular Dispersion For A Rocket With A Thrust Misalignment and 
Slow Spin 
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Fig. 4-17 shows the variation of the angular dispersion with distance for a typical rocket with and 
without a slow spin. 

Refs. 1 and 2 contain extensive treatments of the effects of spin on dispersion. Many of the analytic 
results presented herein for spin result from these works. 

From these previous figures and discussion, it follows that spin of any kind will have some effect on 
the angular dispersion of a rocket. The rotational motion of the rocket has been shown to be 
characterized by the wavelength of yaw; therefore, it is to be expected that this parameter will have a 
strong influence on the effectiveness of any spin program. 

As was shown in Figs. 4-7 and 4-17, most of the angular dispersion takes place during the first yaw 
oscillation; therefore, the spin motion during this period will have the most influence on the angular 
dispersion. 

If the spin is constant or increasing in the same direction, the error will tend to accumulate because 
the acceleration of the rocket causes the influence of the misalignment to decrease as the rocket 
momentum increases. Therefore, the dispersion occurring in the first half of the spin cycle is not 
completely compensated for during the second half. Accordingly, a uniform spin program will always 
result in some finite error. 

These considerations have led investigators to study nonuniform spin programs with the intention 
of developing techniques that would achieve zero angular dispersion. The simplest program to 
visualize is the instantaneous, 180-deg rotation of the vehicle at some point in the trajectory. The point 
is chosen so that the accumulation of angular dispersion to that point is completely eliminated by 
reversing the direction of the error for the remainder of the flight. This concept has been incorporated 



0 1.0 2.0 4.0 

Number of Wavelengths of Yaw Traversed, dimensionless 

Figure 4-17. Effect of Spin on Buildup of Angular Dispersion Due to Thrust Misalignment 
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into the Spin-Buck Program discussed in par. 4-4.2.4. Several spin programs that have been of interest 
to designers of free rockets are discussed in the paragraphs that follow. 

The amount of dispersion reduction obtained from any given spin program is measured by the 
parameter which is the ratio of the dispersion with a spin program to the dispersion with no spin 
program, i.e.. 


a— (with spin program) , 

p — ^-'-'- , dimensionless 

yrs (no spin) 


(4-21) 


where 

P = dispersion reduction factor, dimensionless. 


Other paragraphs in this chapter indicate values ofjS for several spin programs. The concept of a 
dispersion reduction factor is not limited to spin but may be extended to include any dispersion 
reduction technique. 

Once estimates of are known, the optimum value of 6 (see Fig. 4-14)—which accounts for the 
combined effects of the spin program on thrust misalignment and the effects of winds—can be 
determined. Ref. 4 gives, for short launcher lengths. 


Oopt 




m 


(4-22) 


where 

6 = optimum wavelength of yaw, m 

V „ = wind velocity with respect to inertial coordinates, m/s 
L = thrust misalignment distance, m. 


The dispersion for this value of 6„p,is given by 


_ n/F 

yTs — — 
8 




G'k' 


- i/j 


rad. 


(4-23) 


For the purposes of this chapter the effect of angular thrust misalignment distance L may be esti¬ 
mated by the approximate relationship 


m. (4-24) 

The paragraphs that follow indicate the optimum design depends on yaw oscillation wavelength, 
launching technique, and error source magnitude. To evaluate these items, these paragraphs present a 
more detailed discussion of the errors and the means by which dispersion under varying conditions is 
computed. 

Fig. 4-17 indicated that, with constant spin, thrust misalignment has its greatest effect during the 
first wavelength of yaw but is almost negligible during the remainder of the flight. This observation 
leads to the use of the number of revolutions made by the rocket during this initial wavelength as an 
important spin parameter, no is the number of revolutions that rocket makes during the first wave¬ 
length of yaw. Fig. 4-18 shows the dependence of the dispersion reduction factoron The dashed 
line is the theoretical value taken from methods in Ref. 2. 

Various techniques can be used to achieve spin, but any method used must be capable of spinning 
the rocket without imparting unwanted motions. The importance of spin during the early portion of 
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Number of Revolutions in First Wavelength n„, dimensionless 
Figure 4-18. Effect of Constant Spin on Dispersion Reduction Factor 

flight eliminates aerodynamic fins as a means of obtaining spin since fins are least effective during this 
time. One common method of providing spin is through auxiliary rockets fired in a circumferential 
direction. 

The importance of early spin has led to the development of systems in which spin is accomplished 
while the rocket is still on the launcher. These systems involve many mechanical problems because of 
the difficulties involved in clearing the rocket fins and in releasing the launcher constraints without 
introducing translational or angular motion to the rocket. Further consideration of launcher-associated 
problems is presented in par. 4-4.2.6 and Chapter 8. 

Fig. 4-18—together with Eq. 4-23—shows that the angular dispersion decreases as the number of 
revolutions in the first wavelength increases. On the other hand, the dispersion due to dynamic imbal¬ 
ance increases with spin. These two effects result in an optimum spin rate, beyond which the disper¬ 
sion reduction associated with thrust misalignment is lost to the dynamic imbalance effect. 

4-4.2.1 Constant Spin Rate 

In practice, constant spin is not achieved. The programs referred to as constant spin actually are 
composed of a period of high angular acceleration from spin rockets or from other spin-producing 
technique, followed by a slow deceleration caused by aerodynamic forces on the fins. 

Figs. 4-19(A), (B), and (C)—for the case of constant spin rate—present the effects of rocket accelera¬ 
tion level G, dimensionless launcher length P, and wavelength of yaw 6 on the dispersion reduction 
factor 13. As shown in the figures, the wavelength of yaw has the greatest influence on the dispersion 
reduction. The spin rates used for the constant-spin results are the optimum values for a dynamic axis 
misalignment (dynamic imbalance e) of 0.5 mrad. 
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Figure 4-19. Constant Spin Rate; Various P Values 
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(B) P - 0.01 


Figure 4-19. (cont'd) 


(cont'd on next page) 
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(C) P ~ 0.10 

Figure 4-19. (cont'd) 


4-4.2.2 Constant Acceleration 

The dispersion reduction technique that is the easiest to implement is the constant spin acceleration. 
It can be achieved by canting the nozzles of the rocket motors (if more than one motor is used), by 
placing fins in the rocket exhaust, or by fluting the exhaust nozzle to produce spin of the exhaust 
gases. Unfortunately, due to the slow initial spin, the technique is not as effective as the constant spin. 

Figs. 4-20(A), (B), and (C) present the effects of the rocket variables on the dispersion reduction factor 
for constant spin acceleration. The most significant variable is the wavelength of yaw which should be 
long to minimize the dispersion. 
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Figure 4-20. Constant Spin Acceleration; Various P Values 
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(C) F - 0.10 

Figure 4-20. (cont'd) 


4-4.2.3 Constant Deceleration—Slowly Uniformly Decreasing Spin (SUDS) 

The preceding spin programs always result in some finite dispersion. According to the mathematical 
theory of rocket flight (see Refs. 5, 6, and 7), it is possible to devise spin programs that result in zero 
angular dispersion. One such program is that of a Slowly Uniformly Decreasing Spin (SUDS); another 
is the Spin-Buck program (par. 4-4.2.4). 

The SUDS program begins with an initial spin rate that is followed by a constant deceleration; both 
of these are functions of the rocket parameters. The angular error is very sensitive to changes in the 
spin rate or the deceleration. For this reason it is not possible to achieve zero dispersion in practice. 
Also, the limitations of rocket theory make the zero dispersion result invalid. Figs. 4-21 (A), (B), and (C) 
present the dispersion reduction for SUDS for various P values when the assumptions of the rocket 
theory are removed. 
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Figure 4-21. Slowly Uniformly Decreasing Spin (SUDS) 
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Figure 4-21. (cont'd) 
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4-4.2.4 Spin-Buck 

The Spin-Buck concept is an attempt to eliminate the angular dispersion caused by thrust mis¬ 
alignment by reversing the spin direction of the rocket. By this reversal, the error accumulated prior to 
the reversal should be cancel led by the subsequent error (see Ref. 4). The motivation behind this 
concept can be better understood if we consider the case of a nonrotating rocket with a thrust mis¬ 
alignment. From Fig. 4-17, dispersion builds up rapidly during the first wavelength. If at some instant 
during this buildup the rocket were rotated 180 deg, the thrust misalignment would cause the accumu¬ 
lation of dispersion to reverse direction. With the proper choice of the rotation point, the resultant 
dispersion will be zero. 

Since most of the angular dispersion occurs in a very small portion of the flight, it might be 
expected that the point at which the rotation occurs is very near the launch point. Fig. 4-22 shows how 
the distance for the instantaneous rotation varies with rocket acceleration level and wavelength of yaw. 

From a practical standpoint, one shortcoming of this concept is the high sensitivity of the dispersion 
reduction factor to errors in the buck distance. Fig. 4-23 indicates that, for a rocket acceleration level G 
= 40, an error in the rotation or buck distance of approximately 10% changes the dispersion reduction 
factor 6 from zero to 0.4. 

The Spin-Buck concept is accomplished by firing two banks of spin rockets, one following the other 
and in opposing directions. The net result is similar to the idealized case just discussed. A small 
residual spin is allowed to reduce the effect of any error related to inaccuracies in the system. Field tests 
of the Spin-Buck concept indicate that a dispersion reduction factor of 0.1 is possible. 

4-4.2.5 Very High Spin Rates 

Previous paragraphs have presented information on rockets considered to have a slow spin; however, 
in this paragraph very high spin rates will be considered. When spin is used to reduce other sources of 
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Figure 4-22. Effect of Wavelength of Yaw on Buck Distance for Zero Angular Dispersion 



Figure 4-23. Effect of Buck Distance on Dispersion Reduction 

dispersion, error will be introduced due to dynamic imbalance. This effect can usually be kept small by 
careful design and manufacturing control so that the conflicting requirements can be satisfied without 
introducing a significant amount of dispersion. Spinning the rocket at very high rates increases the 
requirement to reduce dynamic imbalance. Further, the gyroscopic moments introduced by rapid spin¬ 
ning are no longer negligible. The stabilizing effects of the gyroscopic moments can be useful (Ref. 3) 
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to rockets with low stability, i.e., large 6. The gyroscopic effect will introduce a slow precession or drift 
in the trajectory, which can be treated as a bias error and accounted for in aiming. 

Another effect that becomes increasingly important in rapidly spinning finned rockets is the magnus 
forces (Ref. 8). The magnus forces arise from nonlinear aerodynamic effects that produce trajectory 
curvature similar to that of the gyroscopic, effect. Roll resonance is a dynamic phenomenon that occurs 
when the rocket roll frequently is at or near the pitching frequency. Usual practice (Ref. 9) in rocket 
design for a spinning rocket is to operate above the roll resonance frequency and well below the 
significant magnus effect. 

Finally, rocket and launcher interaction is further complicated by high spin rates. The forms trans¬ 
mitted to the launcher by rocket static and dynamic imbalance, and the possibility of resonance 
between launcher and rocket, are both increased. Rocket and launcher mot ion, and structural loading 
are further complicated by rapid spin rates through the higher structural frequencies when the rocket 
or launcher can no longer be considered a perfectly rigid system. 

4-4.2.6 Spin Techniques 

The preceding discussion showed that spin is highly effective in reducing boost-phase dispersions. 
Since dispersions during boost are a significant portion of free rocket total dispersion, a variety of 
techniques have been developed to produce early spin. Chapter 8 contains futher consideration asso¬ 
ciated with some of the spin techniques discussed in the paragraphs that follow. 

4-4.2.6.1 Helical Rails 

This method employs rails constructed in the form of a helix. The rocket is constrained by shoes to 
follow the helix in its departure from the launcher. Rocket acceleration level, and helix length and 
angle determine the spin rate at the end of the rail. 

This is a relatively simple method for inducing spin; however, the disturbances to the launcher are 
relatively large and are caused by the reaction forces that the rail must impart to the rocket. Accord¬ 
ingly, the rails and launcher must be somewhat heavier than those employed with other spin methods 
to absorb the reaction forces without damage. Dynamic imbalance err-m-s are relatively unaffected by 
this spin technique. 

4-4.2.6.2 Spin-on-Straight-Rail (SOSR) 

Although the effects of dynamic imbalance produce undesirable results, prespinning a rocket on a 
rigid launcher before launch is sometimes beneficial. The benefits derived overshadow the ill effects of 
dynamic imbalance sufficiently to justify the inflexible launcher. Thus the rocket is provided with 
bearing systems in which it can rotate while on the launcher and can then be launched along a rail in 
the usual manner. This technique has been termed spin-on-straight-rail (SOSR). Although helical rails 
could be used, they may be undesirable because of length, weight, or other factors. Also the spin rate 
desired may not be attainable with any reasonable rail length and helix angle. However, in the SOSR 
system almost any desired spin rate can be achieved. The spirming method can be an integral part of 
either- the rocket or launcher. The spin mechanism, if it is a part of the rocket, may be a system of 
small rocket motors exhausting tangentially to the longitudinal axis. If the spin mechanism is a part 
of the launcher, it may be electrical, hydraulic, mechanical, or it may use whatever power source is 
most applicable. Power transmission to the rocket may be by belt, gears, or other appropriate means. 

4-4.2.6.3 Spin Motors 

As previously mentioned, small rocket motors may be mounted to produce opposing, tangential 
forces that cause the rocket to spin. This method, while simple, causes the spin motor cases to be 
carried as inert weight for the remainder of the trajectory. The cases may be ejected when burned out; 
however, this feature increases complexity and reduces reliability. 

If multiple boost motors are employed, either the motors or nozzles may be tangentially canted to 
produce the desired spinning motion. 
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4-4.2.6.4 Jet Vanes 

The boost motot exhaust gases may be used to impart spin by inserting vanes into the exhaust 
stream which are canted to the direction of exhaust flow. A similar method is to machine small grooves 
in the nozzle inner surface which also gives a tangential component to the exhaust flow. 

Since solid rocket motor exhaust is highly erosive, nonsymmetric erosion of the jet vanes or fluted 
nozzle will cause additional thrust misalignment effects that are more pronounced in the jet-vane 
method. 

4-4.2.6.5 Canted Fins 

As in the jet-vane method, tangentially canting the rocket fins will produce rocket spin through 
aerodynamic effects. However, fins are not as effective as thrust in producing spin at the lower veloci¬ 
ties that occur early in the launch and boost phases. Thus fins may not produce enough spin in the 
critical fraction of rocket wavelength after launch (see Fig. 4-17). 

The spin profile for a rocket with canted, or misaligned, fins is typically a linear increase in the spin 
rate through maximum dynamic pressure, usually at burnout, followed by an exponential decay in 
spin rate to some steady value commensurate with the rocket velocity. 

Fin cant is an effective method of selecting and maintaining spin during the coast phase of flight. 

4-4.2.6.6 Spin Power Transmission 

This launcher-induced spin method supplies power to spin the rocket before ignition. As mentioned 
in par. 4-4.2.6.2, power to spin the rocket may be applied by belts, gears, or other appropriate means. 
These methods require a relatively more complex launcher and an associated power generation system. 
With these methods the rocket must be mechanically isolated from the launcher in roll as it is in the 
SOSR and prespin automatic dynamic alignment (PADA) techniques. 

4-4.2.6.7 Prespin Automatic Dynamic Alignment (PADA) 

The PADA concept for dispersion reduction differs from those previously discussed in that it is not 
simply a method of spinning the rocket to reduce the effect of thrust misalignment. It is designed to 
reduce errors due to mallaunch, thrust misalignment, and dynamic imbalance. 

Development of the PADA launcher evolved from the desire to launch a rocket with an initial spin 
rate. The problem of bulky launchers, which developed in past attempts to launch spinning rockets, 
was eliminated by mounting the launching shoes on rings attached to the rocket by bearings. The 
dynamic imbalance effect—which normally limits the maximum spin rate—is overcome by a spring 
suspension system. The system is designed so that the natural frequency of the transverse angular 
motion of the rocket on the launcher is consider-ably less than the rocket spin frequency. The result is 
that the rocket dynamic axis aligns itself with the spin axis. Theoretically (Ref. 10), PADA launchers 
can be constructed that will reduce the effect of dynamic imbalance by more than 90% and, possibly, by 
as much as 99%. 

Disadvantages of this system are the increased complexity of such a launcher and the difficulty in 
aiming. 

4-4.2.6.8 Autospin 

This method uses a device in the rocket which spins the warhead in one direction while imparting 
spin of the opposite direction to the remainder of the rocket. This technique requires the warhead to be 
isolated in roll from the rest of the rocket through a bearing or other suitable means. A simple mechan¬ 
ical device, such as a preloaded spring, could be used to produce the required spin. The disadvantages 
of autospin are the limited spin rates achievable and the additional mass of the spin actuation device. 

4-4.3 THE EFFECT OF ACCELERATION LEVEL 

The acceleration level is one of the primary parameters which the rocket designer must consider. 
Chapter 3 provides information on the effect of the acceleration level on rocket performance. This 
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paragraph presents information on the effect of the acceleration level on accuracy. Rocket acceleration 
G' is directly proportional to the thrust of the rocket motor and inversely proportional to rocket mass, 
i.e.. 


G' = F^/m, m/s" 


(4-25) 


where 

F^, = thrust, N 
m = mass, kg. 

Normalized acceleration G will be referred to as the acceleration level of the rocket. Since G is a 
function of thrust, its effect is only experienced during the launch and boost phases. 

During launch, the rocket thrust disturbs the launcher; the magnitude of the disturbance depends on 
the thrust rise time and the launcher frequency response. The launcher, in turn, disturbs the rocket: 
this launcher/rocket inter-action creates a mallaunch. High-G rockets may or may not cause a greater 
mallaunch than low-G rockets, depending on the phasing of thrust. Another factor is that the high-G 
rocket remains on the launcher a shorter time. 

Increasing the acceleration level of the rocket has an effect similar to that of increasing the launcher 
guidance length. That is, the rocket will exit the launcher with a higher velocity as G is increased, or a 
shorter launcher guidance length is required to exit with the same velocity. If the rocket exits the 
launcher into a steady crosswind, the disturbing moment due to the angle of attack will be reduced for 
a rocket with higher velocity. As the rocket velocity increases due to G, the steady state angle of attack 
is further reduced. Accordingly, a high-G rocket will be less sensitive to winds during the boost phase 
if compared to an identical situation with lower acceleration. 

Higher acceleration levels will also impose greater structural load requirements on the rocket and 
launcher. Exhaust plume effects for high thrust (high-G) rockets may also induce violent, nonlinear 
effects that greatly disturb the aerodynamic flow and, consequently, rocket dispersion at burnout. In 
selecting G, the rocket designer must maintain an awareness of the preceding interactions and effects 
to avoid introducing further dispersion sources. 

A further effect of thrust is the jet-damping effect. When a thrusting rocket is rotated about a lateral 
axis, a force is produced in the nozzle which opposes the rotation. Simply stated, the force is produced 
by the momentum of the exhaust gases resisting the change in direction due to rocket rotation. The 
magnitude of the force is proportional to the mass flow rate tn and to the rocket lateral rotation rate Q- 
The jet damping force exerts a stabilizing moment proportional to the distance from the rocket CG to 
the motor nozzle. High thrust (high-G) rockets produce larger jet damping forces. 

Although it is unusual in that it does not introduce spin of any kind, there is another useful disper¬ 
sion reduction technique. The dispersion reduction is accomplished by changing the acceleration his¬ 
tory of the rocket. This can be done with a throttleable rocket motor or with a combination of rocket 
motors. The example considered is a rocket with two levels of acceleration. The thrust level is assumed 
to change instantaneously at some point in flight (Ref. 11). 

How the rocket acceleration history effects angular boost dispersion is not immediately obvious. Ref. 

11 indicates that the dispersion due to various error sources, such as mallaunch and thrust misalign¬ 
ment, is affected differently by the change of acceleration. However, the following description, taken 
from Ref. 11, describes the phenomenon. 

The angular dispersion yrs is found by integrating y with flight time. It can be shown that y is an 
oscillating function whose magnitude varies as the inverse of the square of rocket velocity. Therefore, 
the first half-cycle (when y has one sign) has greater amplitude than the second half-cycle (whenT has 
the opposite sign). The result obtained wheny is integrated over the entire cycle is that the first 
half-cycle dominates the second. If the acceleration is decreased at some time before the second half¬ 
cycle begins, the contribution of the second half-cycle can be increased to offset the first half. 
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Although the variable acceleration technique suffers from the same sensitivity as the Spin-Buck 
technique, it is presented to show that there is a possibility for dispersion reduction without spin. 
Once the dispersion reduction factor P is known, it can be used in the equations of this chapter in an 
identical manner as the j3’s produced by spin. 

Variable acceleration profiles can be accomplished by nozzle chokes or other mechanical means that 
would be relatively complicated and costly. Most free rockets are propelled by solid fuel motors; there¬ 
fore, throttleable motor performance by variable fuel injection methods is not possible as it would be 
for liquid propelled rockets. 

Changes in the acceleration level for solid propellant motors can be accomplished by casting sepa¬ 
rate propellant/oxidizer mixtures, one inside the other. For example, a high thrust propellant could be 
cast inside a lower thrust propellant. The physical size and shape of the first propellant would enable 
it to be consumed at the point of the required acceleration reduction, and the second propellant would 
be ignited by the first. 

4-4.4 THE EFFECT OF AERODYNAMIC STABILITY 

As was discussed and shown in previous paragraphs, rocket stability influences dispersions caused 
by thrust misalignment and winds. Consequently, this effect is limited to the boost and ballistic flight 
phases. 

Rocket stability is alternately described by the yaw oscillation distance 6 and the static margin 4- 
When a rocket is placed at an incidence angle to the velocity vector, the aerodynamic flow produces a 
distribution of relative pressure over the total rocket surface. This pressure distribution produces a net 
force and moment on the vehicle. Static margin is the ratio of the aerodynamic moment to the force 
and has units of length. Static margin often is normalized to the diameter of a rocket, and the units 
commonly are referred to as calibers (cal). The relationship between 6 and4 was shown by Eq. 4-7, 
The more stable rocket has a larger static margin and a smaller yaw wavelength. 

During boost a rocket with a large static margin would settle at a small, steady state angle of attack 
to balance the effect of thrust misalignment. A vehicle with a small static margin would settle at some 
proportionately larger angle to balance the moment due to the same thrust misalignment. 

The effect of wind on a stable rocket causes the nose of the rocket to rotate in the direction from 
which the wind is blowing. The higher the stability, the farther and faster the rocket will rotate. 
During boost, the thrust, consequently, tends to drive the rocket upwind. During the ballistic phase, 
the aerodynamic drag tends to cause the rocket to drift with the wind. As previously stated, thrust 
misalignment and wind pose conflicting demands upon stability. Par. 4-4.2 introduced this conflict 
and the concept of an optimum a (Fig. 4-14) to minimize the dispersion caused by these two effects. 

Fig. 4-24 illustrates the trim forces and moments for a rocket with thrust misalignment. The steady 
state trim angle of attack for this case is 



IFrdit 

C Naif's pVr A ref 


, rad 


(4-26) 


where 

otss = steady state trim angle of attack with thrust misalignment, rad 
Vr = rocket velocity relative to wind, m/s 

The disturbing force due to wind is proportional to the wind velocity V„and inversely proportional 
to the relative velocity V^. Fig. 4-25 illustrates this transient effect. If the disturbance were a steady 
wind, the rocket would eventually drift inertially with the wind. When this occurs, the rocket would 
no longer experience the wind since its inertial velocity has a component identical to the wind velocity. 
Eventually, in a steady wind the angle of attack would return to zero. 
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Figure 4-24. Effect of Static Margin on A Rocket With Thrust Misalignment 



(A) More Stable (B) Less Stable 

Figure 4-25. Effect of Static Margin on Wind Disturbance 

Because of variations among individual rockets, no two rockets will have exactly the same stability 
margin. Careful attention to the aerodynamic shape of the rocket components, especially the nose and 
fins, will minimize the sensitivity of stability-induced dispersions. 

One method by which the effect of stability can be controlled is by changing the rocket stability 
during flight. Depending on the velocity regime, the external configuration could be designed to pro¬ 
vide the most desirable level of stability during each flight phase. 

Since spin greatly reduces dispersion caused by thrust misalignment without appreciably affecting 
stability, more emphasis can be placed on using stability tailoring to reduce wind dispersion. This is 
particularly true during the boost phase when folded fins are used. The reduction of wind dispersion 
by using folded fins is accomplished in the manner that follows. Chapter 5 states that a finless rocket is 
aerodynamically unstable. That is, it will turn away from a wind normal to its line of flight in contrast 
to the stable rocket that turns into a normal wind. Therefore, when the thrusting rocket with folded 
fins is launched, wind-induced error is accumulated in one direction. At some point in the boost phase 
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the fins are deployed, and the rocket will turn into the wind and accumulate error in the opposite 
direction. Judicious selection of the fin deployment time can cause the net dispersion from winds to be 
zero. Stability can be further tailored by variable deployment of the fins—either by partial deployment 
followed by full deployment or by full deployment followed by a partial retraction as the particular 
situation demands. Reduced stability through partial retraction or some other means is particularly 
useful during the ballistic phase when wind disturbances are a major source of dispersion. 

4-4.5 THE EFFECT OF LAUNCHER GUIDANCE LENGTH 

For most of the error sources described, relatively long launcher guidance has a beneficial effect. 
This is primarily because longer guidance lengths enable the rocket to leave the launcher at a higher 
velocity for the same acceleration level. At higher velocity, disturbances from winds will be decreased; 
higher velocity also increases aerodynamic effectiveness which aids in overcoming thrust misalign¬ 
ment. However, since launchers are not perfectly rigid, the effectiveness of long launchers on disper¬ 
sion is a much more complex issue than is indicated. The interaction of a long flexible launcher and a 
rocket with thrust and mass imbalances could increase the mallaunch errors to intolerable levels. 
Operating mode, mobility requirements, and other factors also affect the determination of launcher 
length. Therefore, the rocket designer should carefully consider these points and maintain reasonable 
expectations when selecting a launcher guidance length for the rocket. 

4-4.6 PRELAUNCH-PHASE DISPERSION REDUCTION 

Methods of reducing aiming errors during the prelaunch phase are grouped into three categories, 

i.e., 

1. Those that provide better location and orientation for the launcher 

2. Those that provide better location of the target 

3. Those that provide better information about the error sources in the external environment. 

Each category is discussed in the subparagraphs that follow. 

4-4.6.1 Launcher Location and Orientation 

For a relatively permanent launch site, it is possible to provide good information on several parame¬ 
ters that are vital to the success of a fire mission. First, the location of the launch site is usually 
well-surveyed and related to map grid coordinates. Next, the site is leveled to provide a reference for the 
QE angle, and the direction reference for true north is available for accurate azimuth orientation. 
However, operational considerations and local tactical conditions may not offer the advantages of a 
well-prepared site. Under these conditions, the rocket system designer must rely on equipment that can 
be transported with the launcher. There are many devices and techniques that could supply needed 
information on launcher location or orientation. Portable north-seeking and vertical sensors may be 
employed for angular reference; these can range from simple compass and spirit level devices to sophis¬ 
ticated inertial reference packages. Navigation satellites or ranging devices could be employed for map 
grid location. 

Bias errors within the launcher itself can be discovered and reduced through testing. Manufacturing 
precision will cause some aiming error to be present through random accumulation of tolerances 
between the upper and lower carriages, but these can be controlled to some extent. However, operating 
in a battlefield environment tends to increase these tolerances through shock and vibration during 
off-road transport. Accordingly, the launcher must be designed to withstand the operational environ¬ 
ment for which it is intended. 

Another random aiming error is the launcher angular positioning error, i.e., how well the servo¬ 
mechanism drives the launcher to the commanded aim angles. 

4-4.6.2 Target Location 

Usually the location of the target is known to even less accuracy than the launcher. Observation of 
impact points by a forward observer can supply required corrections to the fire direction center. 
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Remotely piloted vehicles or other aircraft in the forward area may be employed in this role. Optical, 
infrared, and laser ranging and tracking devices can be employed to locate the target when the target is 
visible to the launcher or another surveyed location. 

4-4.6.3 External Error Sources 

Firing tables normally ae prepared to account for propellant temperature, rotation of the earth, and 
other fixed bias effects for a given rocket system. Errors of winds and atmospheric temperature and 
density can be reduced by frequent update of meteorological data. Ref. 12 describes a method for 
estimating the meteorological errors by a technique called dynamic aiming. Briefly, this technique 
tracks a rocket fired at the target. The burnout condition is measured, and a prediction of the position 
and velocity of the rocket is calculated for some point in the ballistic trajectory, e.g., summit altitude. 
The jactual rocket state at the summit is then measured ad compared to the predicted state, and any 
differences are ascribed to ballistic bias errors. The launcher is adjusted accordingly for the next 
rocket(s) fired shortly thereafter. This method reduces the bias effects of wind and ballistic density. Ref. 
12 also shows that the total error approaches system precision 9random) errors for the dynamically 
aimed second through ninth rockers of a salve. The dispersion reduction factor 6 for such a technique 
could be computed and ussed with the methods of this chapter for accuracy analyses. 

Most of the methods mentioned increase the complexity and cost of the launcher, and they incur 
further penalties in crew workload and training. 

4-4.7 LAUNCH-PHASE DISPERSION REDUCTION 

Previous paragraphs defined the principal sources of dispersion to the translational velocity normal 
to the launcher axis and to the lateral rotational rates at rocket release. These mallaunch effects arise 
from the interaction of the launcher with the thrust misalignment, the static and dynamic imbalance, 
and the acceleration level of the rocket. Par. 4-3.3 described some of the conflicting requirements 
imposed on acceleration level G, launcher guidance length P, and yaw wavelength 6 by these error 
sources. Longer launcher guidance lengths reduce rotational mallaunch error (again assuming a rigid 
launcher to estimate first-order effects). A properly designed nonrigid launcher can be beneficial in 
reducing launch and boost errors by responding out-of-phase with the dispersion-producing forces (see 
Chapter 8). 

The study of launchers as passive control devices is required before active control measures can be 
applied effectively. A properly designed passive system will reduce the requirements imposed on an 
active launcher control scheme. 

Careful selection of launch technique, close attention to launcher design, and control of rocket 
asymmetries are all beneficial to the reduction of launch-phase dispersion. Several launch techniques 
are described throughout this chapter with comments on the error sources that each seeks to eliminate. 

Further consideration of launcher complexity, design, and analysis is found in Chapter 8. 

Ref. 13 describes an active launch control technique in which rocket attitude, angular rate, and 
velocity are determined by magnetic sensors while the rocket is in the launch tube. The motion of the 
rocket through the tube is controlled by cold gas jets acting normal to the tube axis. Since the magnetic 

sensor measures rocket motion relative to the tube, an inertia] motion sensor is required to measure 

tube motion. This inertial sensor provides information used in eliminating the launcher motion from 
the magnetically sensed motion of the rocket. 

4-4.8 BOOST-PHASE DISPERSION REDUCTION 

Previous paragraphs established that the principal sources of error during the boost phase are thrust 
misalignment, winds normal to the launcher axis, and speed change errors caused by motor per¬ 
formance. 

Control of motor performance is accomplished through careful manufacturing technique, protection 
from mishandling, and thermal conditioning. Thermal conditioning attempts to control the tempera- 
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ture of the motor propellant, which reduces variation in performance by insuring that each rocket is 
ignited at the same temperature. 

Spirming the rocket to reduce body-fixed error sources (such as thrust misalignment) while tailoring 
the stability margin to reduce sensitivity to winds is an effective combination of techniques for boost 
dispersion reduction. Spin may be achieved by any of the techniques previously described. Static mar¬ 
gin may be controlled by the size, shape, and deployment of fins or by the size and shape of the rocket 
body elements (nose, tail, and midsection). 

4-4.9 BALLISTIC-PHASE DISPERSION REDUCTION 

Par. 4-3.5 demonstrated that ballistic phase errors can accrue in three general ways, namely, 

1. Ballistic winds 

2. Nonstandard atmospheric conditions 

3. Variations in drag magnitude and direction. 

Any free projectile eventually will drift with a steady ballistic wind. Therefore, the design of the 
rocket is only an indirect factor in reducing dispersions from this source. The stability of the rocket 
and its ballistic coefficient only determine the time it takes the rocket velocity to approach that of the 
wind. Chapter 3 showed that increasing the ballistic coefficient reduced the flight time of a rocket. 
Reduced flight time gives the disturbing wind a shorter period to cause dispersion. The same argument 
holds for nonstandard atmospheric conditions. 

The most fruitful methods of reducing dispersion from these sources are by better determination of 
the nonstandard conditions and by measuring their effect upon the rocket. Once an estimate of the 
nonstandard ballistic effects is known, appropriate changes in the aiming of the rocket can be made. 

Determination of the ballistic wind and atmosphere can be done through established meteorological 
methods-weather balloons of various types, sounding rockets, ground weather stations, and satellites. 
Dynamic aiming (par. 4-4.6.3) is one way to measure the effect of ballistic wind and atmosphere upon 
the rocket. The frequency of meteorological data updates would be one concern which dynamic aim¬ 
ing eliminates. 

Many possibilities exist for reducing ballistic dispersion from drag. One group of methods seeks to 
reduce or cancel the drag force. In so doing, they eliminate induced forces normal to the trajectory 
when the rocket is laterally rotated by transient winds or other disturbances. A collapsible skirt that 
will produce a boattail effect after burnout is one method of configuration change to reduce drag. 

Relatively long-burning propellant mixtures at low thrust levels will reduce the base drag. However, 
such methods are susceptible to thrust misalignment errors. Modulation of the drag force may be 
achieved by sensing the axial acceleration and by maintaining constant drag through thrust modula¬ 
tion or aerodynamic surface modulation. 

Several effects exist that can cause the ballistic rocket to orient itself at some standoff angle away 
from the velocity vector; this rocket orientation causes an increase in drag from a component of the 
induced normal force. Spin, static and dynamic imbalance, pitch-yaw aerodynamic coupling, and a 
bent or misaligned fin can induce the rocket nose to rotate around the velocity vector in a coning 
motion. A small moment from aerodynamic damping will cause the rocket longitudinal axis to lag 
behind the velocity vector, and the rocket will rotate in pitch at the same rate as the velocity vector 
along the trajectory. The aerodynamic moment from damping will be balanced by the moment due to 
the normal force and incidence angle. The static aerodynamic forces, however, will not be in balance. 

Unburned propellant, variations in density of the warhead and rocket structure, and manufacture 
tolerances will cause the burnout inert mass and frontal area of each rocket to be somewhat different. 
These conditions will cause variations in the rocket ballistic coefficient. Careful attention to manufac¬ 
turing and assembly procedures can contain these errors within acceptable levels. 

Dependent on type and intended use, the rocket warhead may be detonated at impact or it may be 
detonated at some time after launch, corresponding to an expected altitude in the target area. Variabil¬ 
ity in the action time of these types of fuses will cause dispersions in the warhead event. These variabil¬ 
ities usually are controllable in manufacture and assembly. 
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4-5 ACCURACY COMPUTATION 
4-5.1 GENERAL 

Pars. 4-2 through 4-4 have presented methods that can be used to determine the condition of the 
rocket at motor burnout. The dispersion at burnout associated with the prelaunch, launch, and boost 
phases has been given. With the burnout conditions as inputs, par. 4-5.5 will describe completely how 
to determine the dispersion of the rocket at the warhead event. In addition to the prelaunch, launch, 
and boost errors, the errors associated with the ballistic phase were introduced. The final results are the 
dispersions of the rocket—caused by error sources throughout the flight—at the warhead event. For the 
purpose of this handbook only those ballistic phase errors that have the greatest influence on the 
accuracy have been included. These errors are change in atmospheric density, change in the ballistic 
coefficient, and ballistic wind. Par. 4-5.5 presents a numerical example of the calculation of rocket 
dispersions at the warhead event when the magnitude of the error sources is known or can be 
estimated. 

So far the methods described to determine rocket dispersion have assumed that the effects of the error 
sources, taken singularly or in combination, are linear and statistically independent. This assumption 
means (1) the dispersion due to an error source is directly proportional to the magnitude of the error 
and (2) changing the magnitude of one error source has no effect on the remaining error sources. In 
practice these assumptions do not severely affect the results. Therefore, the rocket designer must exer¬ 
cise good judgment in the selection and apportionment of error to the several sources identified to 
maintain the validity of the assumptions. 

The approach taken to this point has been to assess the various error sources by flight phase. The 
advantages to this approach have been to 

1. Allow the identification of error sources through analytic solution. 

2. Identify the dominant error sources in each flight phase. 

3. Enable the solution of the dispersion from error sources to be defined. 

This method is particularly suitable during the early design phases of a rocket system. During these 
design phases, major system elements such as the launcher may not be designed in any great detail, 
and the rocket configuration may not be finalized. 

A method for determining rocket error which involves considerably more effort is to record the 
impact points of rockets and to calculate the accuracy. The rockets may be those of a tightly controlled 
test program or they may be simulations of physically realizable rockets. The error sources would be 
carefully measured for each rocket prior to the testing program. The simulation-type effort would 
describe the error sources in terms of their statistical distribution, and a process for selecting a given 
error from the distribution could be used. The selection of all the error sources would then represent a 
physically realizable rocket selected from a population of such rockets. This method would enable the 
designer to include the effect of each round on all phases of flight, including launcher flexibility if a 
launcher model existed. Refs. 14 and 15 describe a procedure for an evaluation of accuracy through 
Monte Carlo simulation, a powerful technique for analyzing complex physical problems involving 
random processes. Refs. 16 through 18 have armotated bibliographies and discuss several topics related 
to the Monte Carlo method. There are several disadvantages associated with this type of accuracy 
assessment; foremost is that it is a relatively expensive technique. It is expensive because it irr~'elves 
either accurate measurement of rocket asymmetries and the actual firing of the rockets on a calibrated 
range or it involves computer costs for the simulation of many rocket trajectories. Another disadvan¬ 
tage is the difficulty of apportioning the resulting dispersion to the individual error sources (see Ref. 
15). Since statistical techniques do not explain the reasons for correlations discovered within a popula¬ 
tion of impact points, the rocket designer must be aware of the possibility of specious correlation. 

The remainder of par. 4-5 presents information on the simulation of rockets and the calculation of 
rocket accuracy. The 6-degree-of-freedom (DOF) equations of motion are introduced, and reduced DOF 
equations also are presented. Methods of calculating statistical parameters for rocket impacts are pre¬ 
sented. These parameters are principally measures of the central tendency and measures of dispersion 
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for a rocket. Finally, a sample error budget and an example problem are presented to illustrate how the 
techniques of this chapter can be applied to estimate the accuracy of a given free rocket. 

4-5.2 SIX-DEGREE-OF-FREEDOM EQUATIONS OF MOTION 

The equations of motion for a rocket moving in space have received extensive treatment in the 
literature. Refs. 19, 20, and 21 present excellent developments of the equations required. Refs. 19 and 
20 provide detailed and extensive development of the equations of motion, and Ref. 21 contains equa¬ 
tions for a four-finned missile. Each equation provides a slightly different form for determining the 
Euler parameters relating the body-centered coordinate system to the inertial coordinate system. Also 
each contains a different treatment for the expansion of external force and moment terms. 

The equations of motion are presented without development. For the equations presented the fol¬ 
lowing effects are considered negligible: 

1. Time rate of change of rocket moments of inertia 

2. Forces and moments due to jet damping and rotating internal machinery 

3. Velocity and acceleration of the center of gravity (CG) with respect to the body-centered coordi¬ 
nate system. 

The third assumption requires the CG to be relatively slow-moving during the rocket burn phase and 
restricts the equations to inflexible bodies. 

The inertial equations of motion are written for a translating and rotating coordinate system referred 
to as the (x, y, z)-body-centered system. The body-centered system has its origin at the rocket CG. The 
x-body-centered axis is directed along the rocket axis of symmetry, positive in the direction of the nose. 
The y- and z-body-centered axes form a right-handed orthogonal set and usually are oriented at the 
convenience of the user. For a 4-finned rocket the axes may be directed along two of the fins. Most 
rocket-dependent data—thrust, aerodynamics, and error parameters—are expressed in this system. The 
origin of the (X, Y, Z) inertial coordinate system usually is located at the launch point. The X-axis is 
usually directed in the intended direction of fire (range direction); the Y-axis is directed in the cross¬ 
range (deflection) direction; and the Z-axis forms a right-handed orthogonal set and is directed toward 
the center of the earth. The atmospheric, wind, and gravity models usually are expressed in the inertial 
coordinate system. Fig. 4-26 illustrates the two coordinate systems, and Fig. 4-27 shows the positive 
conventions for the equations of motion. 

Table 4-1 presents the rotational equations of motion in matrix notation. Table 4-2 presents the 
translational equations in similar notation. Table 4-3 presents the Euler matrix relating the inertial 
and body coordinate systems, and the kinematic relationship between the Euler angle rates (0, 6, lA) 
and the body-centered rates (p, q, r). The rotation sequence selected for the Euler matrix is not unique; 
there are many other sequences available (see Ref. 19). Ref. 21 presents a quaternion formulation of the 
inertial-to-body coordinate relationship which offers several advantages in the computer implementa¬ 
tion of these equations. 

The expansion of the rotational equations of Table 4-1 into three separate equations will produce 
terms involving pq and pr. These terms represent the significant gyroscopic terms for a rapidly spin¬ 
ning rocket and will produce coupling of the pitch and yaw motions even in the absence of cross 
products of inertia. 

The principal external forces and moments required for free rockets arise from thrust, aerodynamics, 
gravity, and jet damping. Ref. 19 presents detailed developments for each of these terms. Refs. 19, 20, 
and 21 also demonstrate the diversity of the expansion of the aerodynamic forces and moments. In the 
interest of brevity only the most common of the aerodynamic terms have been included throughout 
this chapter. 

4-5.3 REDUCED DEGREE-OF-FREEDOM EQUATIONS OF MOTION 

There are several forms of the 6-DOF equations which are suitable for accuracy analysis. Each form 
usually seeks to simplify the equations by neglecting certain terms. Further simplification is performed 
in the expansion of the external forces and moments. One simplification commonly employed involves 
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Figure 4-26. The Inertial Coordinate System and Body-Centered Coordinate System for a 
Free Rocket 



Figure 4-27. Positive Sign Conventions of the Six-DOF-Equations of Motion 

the assumption that there is only one cross product of inertia (I„) of any consequence. The rotational 
equations of motion then become 

IMx = Ixxp — Ixzir pq)-^ (/zr — Iyy)qr, N • m (4-27) 

XMy = lyyq "f Ixzip^ — ) + {I XX “ lzz)rp, Ntti (4-28) 

SAfz = IzzT — Ixzip ~ q^) “t" ihy ~ ixx)pq, N-m (4-29) 

where 

Mx, XMy, XMz — external moments about the body-centered x-, y-, and z-axes, respective y, 
NZm 

Ixx, lyy, Izz — principal moments of inertia about the body-centered x-, y-, and z-axes, 
respectively, kgZm" 
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TABLE 4-1. SIX-DEGREE-OF-FREEDOM ROTATIONAL EQUATIONS OF MOTION 



SMx.SMy.SMr = summation of external moments (thrust, aerodynamic) about x-, y-, and z-body-centered 
axes, respectively, (NZm) 

p, q, r = rotational accelerations of the rocket about x-, y-, and z-body-centered axes, respectively, 
rad/s' 

p, q, r = rotational rates about the x-, y-, and z-body-centered axes, respectively, rad/s 
IXX, lyy, Izz' = principal moments of inertia, kgZm' 

Ixz, Ixy, lyz = cross products of inertia, kgZm' 


TABLE 4-2. SIX-DEGREE-OF-FREEDOM TRANSLATIONAL EQUATIONS OF MOTION 


l.Fx + u 0 ~r q u 

XFy + Fg^, = m V + r 0 —p v 

iFz + Fg^ w —q p Q w 


where 

XFx. XFy, XFz = summations of external forces (thrust, aerodynamic) along the x-, y-, and z-body-centered 
axes, respectively, N 

Fg^, Fg^, Fg, = forces due to gravity along x-, y-, and z-body-centered axes respectively, N 

u,v,w = translational acceleration along x-, y-, z-body-centered axes, respectively, m/s' 
u, II, IV = translational velocities along x-, y-, and z-body-centered axes, respectively, m/s 


p, q, r = rotational rates about x-, y-, and z-body-centered axes, respectively, rad/s. 


Ixz — cross product of inertia about the indicated axes, kgZm' 
p = rotational rate of rocket about the body-centered x-axis, rad/s 
p = time rate of change of p, rad/s' 

q = rotational rate of rocket about body-centered y-axis, rad/s 
q = time rate of change of q, rad/s' 

r = rotational rate of rocket about body-centered z-axis, rad/s 
f = time rate of change of r, rad/s'. 


Eqs. 4-27 and 4-29 are coupled, first-order nonlinear differential equations. By eliminating from 
Eq. 4-27— r determined from Eq. 4-29—and by making use of the following notation: 


K, = 




(/zz I > r3^d/S 
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TABLE 4-3. EULER TRANSFORMATION RELATING THE 
INERTIAL COORDINATE SYSTEM AND BODY-CENTERED COORDINATE SYSTEM 


ROLL 
About X 


PITCH YAW (3-2-1 Rotation 

About y About z Sequence) 



I 0 0 

0 sin </> cos <^> 
0 cos <t> —sin <f> 

cos d cos if/ 
sin <t> sin 6 cos i/f 
cos 0 sin 0 cos il/ 


COS0 0 
0 1 
sin 6 0 


—sin 6 

0 

cos d 


cos ij/ sin i/f 
—sin ij/ (OS ij/ 
0 0 


cos 6 sin if/ 

— sin tff cos ({> sin </> sin 0 sin i/( 

-+- sin </) sin il/ cos <^) sin 6 sin iff 


0 

0 

1 


X 

Y 

Z 


+ cos (f) cos ijj 
— sin (f> cos iff 


— sin 6 
sin 0 cos 6 
cos <f) cos 6 



X 

y 

= [<!>] 

X 

Y 

z 


Z 

“ “ 

X 

Y 

=[^V 

X 

y 

Z 


z 


0 = qcos*f> — rsin<^ 


^ _ qsin<^ ~b rcos0 


y COS0 j 



where 

X, y, z = body-centered coordinate system 
X,Y,Z = inertial coordinate system 

t^,0, ^ = Euler roll, pitch, and yaw angles, respectively, rad 

^,d,ijf = the time derivatives of <l>, 0, and ifi, respectively, rad/s 

p,q,r = rotational rates about x-, y- and z-body-centered axes, respectively, rad/s. 


Ki = ^ - {lyy - Ixx)pq\ , rad/s^ 

izz 1 - 


/J = dimensionless 

IXX 

/' = dimensionless. 

Izz 


(4-31) 


(4-32) 


(4-33) 


Eqs. 4-27 through 4-29 can be written 

. K,+lUK,-nrq + Pql 

1 - VxVz 


(4-34) 
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,rad/s^ 


r = K 2 -\- I'zip — rq) , rad/s^. 


(4-35) 

(4-36) 


Note that p in Eq. 4-36 is actually Eq. 4-34. Although analog computer implementation of Eqs. 4-27 
through 4-29 is straightforward, Eqs. 4-34 through 4-36 are more amenable to digital computer 
implementation. The dynamic imbalance anglee ; in Eq. 4-20 is related to the inertias by 


tan(2e) = 



dimensionless 


(4-37) 


where 

€ = dynamic imbalance angle, rad. 

The development of the presented reduced DOE equations is not complete nor is it extremely 
detailed. The major steps and assumptions are given with comments on application. Use of these 
equations without a thorough understanding of the effects of the assumptions could lead to serious 
misapplication of the equations or misinterpretation of results. Chapter II, Ref. 20, contains a clear, 
unambiguous development of reduced DOE equations. 

There are two common sets of reduced DOE equations useful in the study of rocket accuracy. Both 
sets reduce the full 6-DOE to 3-DOE. The first set is derived by eliminating the rotational degrees of 
freedom by setting p, q, and r and their derivatives equal to zero. The remaining translational equa¬ 
tions of Table 4-2 are shown in Table 4-4. These equations are called the 3-DOE or point-mass equa¬ 
tions of motion. In this formulation the (u, v, w) notation is dropped, and the variables are expressed 


TABLE 4-4. 

POINT-MASS EQUATIONS OF MOTION 
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in terms of the inertial notation {X, Y, Zjsince the requirement for a separate body-coordinate system 
no longer exists. Also the flight path angle y ;and pitch attitude angle 6 become synonymous. Thrust, 
drag, and gravity normally are considered to be the only forces of importance in the expansion of 
external forces. Thrust and drag are assumed to act along the velocity vector. Al] forces acting on the 
body may then be related to the inertial coordinate system through the flight path angled and the 
heading ijs (see Table 4-4). These equations are the ones most often employed in performance analyses 
such as those of Chapter 3. 

A second set of reduced DOF equations exists that is more useful in the study of free rocket accuracy. 
The set is derived by eliminating p, r, and v from the 6-DOF equations. The remaining equations are 
shown in Table 4-5. These equations are called the pitch plane equations of motion. They are useful 
in that they retain the range- and altitude-DOF and a lateral, rotational-DOF. This allows the rela¬ 
tionships between speed, altitude, and the stability parameter 6 to be studied. Eqs. 4-9 through 4-15 are 
a form of the pitch plane equations derived through a process of linearization and simplification. 
Equations derived by such a process are called linearized or small perturbation equations of motion. 
The derivation of the linearized equations is beyond the scope of this handbook, but the process 
contains the following simplifications (see Ref. 20, Chapter II): 

1. The velocities and angles involved may be replaced by a steady component plus a small distur¬ 
bance (perturbation) component. 

2. The disturbances from the steady flight condition are assumed to be small enough so that the 
products and squares of the changes in velocities are negligible in comparison to the changes them¬ 
selves. Also the disturbance angles are assumed to be small enough so that the sines of these angles may 
be set equal to the angles and the cosines set equal to one. Products of small perturbations are much 
less than the perturbations themselves and can be neglected. Also since the disturbances are small, the 
change in air density encountered by the rocket during any disturbance can be considered zero. 

3. The gravity forces ( F^^and F^^) are considered to be a constant external bias and are eliminated 
from the equations. 


TABLE 4-5. 

PITCH PLANE EQUATIONS OF MOTION 
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By applying these simplifications, the equations of Table 4-5 become 


u 

II 

M 

X 

- — qw , m/s^ 

(4-38) 


m 


w 

w 

II 

- qu , m/s^ 

(4-39) 


m 


Q 

_ 

- , rad/s^ 

(4-40) 

lyy 


m/s (The termwO is 

zero for a rigid launcher since the 


inertial axis 

is aligned with the launch axis.) 

(4-41) 


Z = w 

— u6, m/s 

(4-42) 


e = 

q, rad/s 

(4-43) 


a = w/u, rad. 

(4-44) 


These assumptions not only limit the applicability of Eqs. 4-38 through 4-44 to small perturbations, 
but they also reduce them to linear equations and yield a simplification of the mathematical methods 
necessary for the analysis of complicated motions. In the rigorous mathematical sense these equations 
are applicable only to infinitesimal disturbances; however, experience has shown that quite accurate 
results can be obtained by applying these equations to disturbances of finite, nonzero magnitude. 

The external forces and moments ( SFj-, XMy ) used in Eqs. 4-9 through 4-11 involve thrust and 
thrust misalignment, aerodynamic drag, normal force, static margin, pitch damping, and aerodynamic 
misalignment. Eurther, the body-fixed forces and moments (thrust and aerodynamic misalignment) are 
modulated by the cosine of the roll angle </). This allows the simulation of the effect of various spin 
programs on the pitch plane motion. The following equations express parts of Eqs. 4-9 through 4-11, 
which constitute the external forces and moments: 


xn = FtCOsS- (CoAr,/), N 

XFi ~ - (pN^aAre/j + Ft sin6 cos<^ , N 

2 

XMy = Fr (sin5) t,COS4> — (CNaOcAre/^'s) 

+ (-^) |C", (-^) N m 

\ ^ / l_ \ £.u / J z. 


(4-45) 


(4-46) 


(4-47) 


where 

d = thrust misalignment angle, mrad 
6 / = aerodynamic misalignment angle, mrad 
Cno — aerodynamic normal force coefficient gradient, rad'. 


4-55 



MIL-HDBK-762(MI) 


The final form of Eqs. 4-9 through 4-11 is then obtained by the use of the following approximation 
and identities: 

^ ^-2 ^ 

O ^1 yy 

cosd === 1 and sin 6 =» d for small values of 6. 

The term 


a = (le + Wz)/u, rad 

includes the effects of the external wind wpn the equations of motion. 

4-5.4 STATISTICAL METHODS 

Up to this point, the chapter has been concerned with identifying the sources of error in a rocket 
system and determining the effect of each error source on the dispersion of the rocket at the warhead 
event. This paragraph considers the calculation of the parameters necessary to relate the dispersion due 
to error sources into expected distributions of rockets at the warhead event. Recall from par. 4-2.1 that 
bias errors are random errors affecting all the rockets in a group in the same manner and that precision 
errors are random errors affecting each rocket in a different manner. The topics of this paragraph relate 
to statistical estimation theory and include the estimation of parameters, confidence interval estimates, 
and probable error, for one- and two-dimensional distributions. 

4-5.4.1 Measures of Central Tendency 

The most common measure of central tendency is the arithmetic mean, or mean, of a set of n 
numbers. The mean of a population (the whole class about which conclusions are to be made) is 
denoted by p. The mean of a finite set of numbers is denoted-^ , which may also be taken to be an 
estimate of the population mean. The meanx of a set of n sample values x^, is given by 

X = 2 X, . (4-48) 

n 


4-5.4.2 Measures of Dispersion 

The most common measures of dispersion for one-dimensional distribution are the variance, stan¬ 
dard deviation, and probable error. 

The variance 6^ of a population is defined as the average of the squares of the distances from the 
population mean. If a sample of n values is drawn from a population, with mean p, the variance 6^of 
the population is estimated by the equation 


2 _ 
o — 



.i, (^« - ■ 

1=1 


(4-49) 


Generally, p is not known, and an estimated mean X of the sample values must be used. If ^ is 
substituted for p, 6'becomes a biased estimator of the variance. This bias can be corrected by using 
(n-1) rather than n in the denominator of Eq. 4-49. The unbiased estimator s^of the population 
variance then becomes 


1 V / — \2 

-- S (X, - X ) . 

n — \ '■* 


(4-50) 
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The standard deviation 6 is the most important measure of dispersion. The standard deviation is the 
deviation from the mean value p of a set of random values such that approximately 68% of the values 
are between (p — 6) and (p + 6), i.e., one standard deviation on either side of the mean. It is also a 
more understandable measure of dispersion than the variance because the standard deviation is the 
square root of the variance and, therefore, has the same dimensions as the variable. The standard 
deviation s is estimated from a sample of size n by the equation 


5 



2 (xi — xy 

i = 1 


1/2 


(4-51) 


where s is the estimator of 6. Computation can be simplified by the algebraically equivalent form 


s = 



(4-52) 


The probable error (PE) is the deviation from the mean p such that 50% of the observations are 
expected to lie between (p — PE) and (p + PE). It can be found, from a percentage of the normal 
distribution table, that the PE for a normal distribution is equal to 0.6745 times the standard 
deviation, u, i.e. 


PE = 0.6745 6. 


(4-53) 


To convert PE to the standard deviation 6, multiply by 1.483, i.e.. 


6 = 1.483(PE). 


The standard deviation is also a very important measure of dispersion for two-dimensional (bivar¬ 
iate) distributions. Eor a bivariate distribution (x and y), the standard deviation s can be estimated by 
using. 


n 

= X 

1=1 


(x, — x) + (yi 


yf 


2(n - 1) 


1/2 


(4-54) 


It is often desirable to establish an interval about the sample standard deviation or mean in which 
we can state, with a specified level of confidence a , that the true standard deviation or true mean lies. 
This is the confidence interval. The confidence interval for the standard deviation 6 is (Ref. 14) 


1 

<N 

1 

1/2 

(n — 1) 

L 

VI 

b 

VI 

2 

_ Xl-(a/2) _ 


(4-55) 


where 

s = computed estimate of the standard deviation. 

0 ! = 1 — (level of confidence). (4-56) 

The values for Xa /2 Xi-(a/ 2 ) obtained from a chi-square distribution table, with (n - 1) degrees 

of freedom. 

The confidence interval about the mean p is computed by 

5^1-(a/2 )1 

+ - —\ (4-57) 

n J 
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where 

^a/2 = Student's t value for (n - 1) degrees of freedom at thea/2 percentile point 
^l-(a/2) = Student's t value for (n - 1) degrees of freedom at the 1 — (a/2) percentile point. 

Circular error probable (CEP) is the most widely used measure of dispersion for determining rocket 
accuracy for a two-dimensional distribution. The CEP is defined as the radius of a circle within which 
one-half of the values are expected to fall. The center of the circle is the mean of the values. The most 
popular equation used to compute the CEP is 


CEP = K6, m 


(4-58) 


which can be estimated by 


CEP = K X 

i^l 


( Xi- xf + (v, - y) 

2{n-\) 




1/2 


m 


(4-59) 


where 

K = 1.1774 

and the expression for 6 is substituted from Eq. 4-54. 

This value of K is true only when x and y are independent, normally distributed, and have a 
common standard deviation u, i.e., 6^= 6,= 6. 

Eor distributions without a common standard deviation, the distribution becomes elliptical, not 
circular. An approximation of the CEP for an elliptical distribution can be determined by the equation 

CEP = 1.1774 

where 6^ and o^are the standard deviations in the x- and y-directions, respectively. This approxi¬ 
mation is correct to within 2.5% if the ratio 6J o^of the standard deviations is less than 7:1. 

Pig. 4-28, in which the standard deviations in the x- (range) and y- (deflection) distances are 
averaged, provides more accurate CEP values over a range of 6J 6^ ratios for an elliptical distribution, 
i.e., 

CEP = k ( 

\ 2 

In Pig. 4-28, the smaller of the two standard deviations is divided by the larger. The ratio is then read 
on the horizontal axis and extended to the curve. The vertical value of this point on the curve is the 
value of K in Eq. 4-61. 

Pig. 4-29 also provides more accurate CEP values for an elliptical distribution. In this case, however, 
the larger of the two standard deviations is used to determine CEP, i.e., 

CEP = m. (4-62) 

In Pig. 4-29, the minimum value of the two standard deviations is divided by the maximum and the 
ratio is the vertical value on the curve. The horizontal value corresponding to this point on the curve is 
the value of K in Eq. 4-62. 

4-5.4.3 Measures of Dispersion for Several Error Sources 

The measures of dispersion previously discussed are used when the errors are from one source. Eor 
the total dispersion resulting from several independent dispersion sources, the root-sum-square (vector 


m 


(4-61) 
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oJa . dimensionless 
* 

Figure 4-28. Ratio of CEP to 6/6^ for Elliptical Distribution 


sum) method is used. The total dispersion is determined by squaring the errors from each source and 
then summing the squares. The square root of this summation is the total error 6,„,. In equation form 

am = (a? + 02 ^-h m or mrad. 


For a two-dimensional distribution, the total error—ox,„, and 6y,„, —in each dimension must be 
determined and the average of the two taken to obtain the total error 6^^^, for the system i.e.. 


= (Oxl + 0x2 + ••• + Oxn) , m 


- (Oyt “I” Oj;2 d" ”1” Oyn) y Ot 


(4-65) 


_ "»,o, + 

Osys 

2 


The CEP is then found by the equation 


CEP = 1.1774o,y„ m 


(4-67) 


for the condition that the ratio 6x,„,/ 6y,„, < 7:1. 

Figs. 4-28 and 4-29 can be used to estimate the CEP of an elliptical distribution. 

The vector sum method is used extensively in the preliminary design phase of a rocket system. The 
CEP required in order for the missile system to meet its overall accuracy requirement is specified. The 
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K - CEP/a, 

Figure 4-29. Ratio of CEP to 6x for Elliptical Distribution 


one-sigma errors of each of the independent error sources are found by testing each of the components 
that contribute errors. The effects of these one-sigma values on the range and deflection of the rocket at 
the impact point are found by simulation. These errors in range and deflection are then combined by 
the vector sum method to obtain the total error for the system. The CEP is computed and is compared 
with the required CEP. If this computed CEP does not meet the requirements, some or all of the 
components that contribute to the total error must be improved. In this manner, the best design of the 
rocket components can be determined. 


4-5.4.4 Range and Deflection Probable Errors 

From Eq. 4-53 the range error probable (REP) is defined by 


where 


REP = 0.67456^ , m or mrad 


j 2 

Orange = I Oji-j , m OF mrad 


(4-68) 


(4-69) 


ORj = variance due to individual error sources in range. Similarly, the deflection error probable (DEP) is 

DEP = 0.67456n, m or mrad (4-70) 
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where 


Od — 



m or miad 


(4-71) 


2 

ao, = variance due to individual error sources in deflection. The variations of REP, DEP, and CEP with 
range are shown in Pigs. 4-30, 4-31, and 4-32, respectively, for a typical rocket with an impact fuze. 


4-5.4.5 Probability of Hit 

The probability of hitting a target depends on many factors such as 

1. Target size, shape, and vulnerability 

2. Warhead lethality 

3. System reliability 

4. Overall rocket system accuracy. 

In terms of CEP, the probability P^t of hitting a target is given by the following expression: 

Phit = 1 ~ exp T— 0.6926 —-— 1 , dimensionless (4-72) 

L (CEP)d 

where 

r,= effective radius of the target, m. 



Figure 4-30. Variation of Range Error Probable With Range-Impact Fuze 
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Figure 4-31. Variation of Deflection Error Probable With Range-Impact Fuze 
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Figure 4-32. Variation of CEP With Range-Impact Fuze 

Eq. 4-72 assumes that the centers of the CEP and target coincide and that only one rocket is fired. 
Warhead lethality, and target size and shape are considerations in defining the effective target radius. 

4-5.5 ERROR BUDGET AND SAMPLE CALCULATION 
4-5.5.1 General 

Free rocket accuracy calculation may be performed by simulating many rockets as described in par. 
4-5.1, recording the rocket locations at the warhead event, and applying the statistical methods of par. 
4-5.4. The Monte Carlo method suffers from several disadvantages for the design phases of rocket 
systems; the most important of which is that the relationship between the dispersions in rocket impacts 
and individual error sources becomes difficult to assess. 

This paragraph presents a method for rapidly assessing the accuracy of free rockets by using 

1. Information from previous paragraphs which give the dispersions due to individual error 
sources up to rocket burnout 

2. New material defining dispersions encountered during the ballistic flight phase. 

An example problem illustrates the method for calculating the dispersion at the warhead event 
caused by error sources throughout the flight. 

For the purposes of this handbook only those ballistic-phase errors that have the greatest influence 
on the accuracy have been included, namely, 

1. Errors in atmospheric density 

2. Errors in the ballistic coefficient 

3. Errors in ballistic wind. 

The graphs in this paragraph show the changes in range and deflection for unit changes in the 
several rocket variables. The plotted data are the results of numerous digital computer calculations. 
The graphs are used by determining the nominal QE and range; these parameters, in turn, are used to 
establish the unit effects. The example calculations illustrate how the dispersion at the warhead event 
is calculated and is tabulated into an error budget used in the further calculation of PE components. 

4-5.5.2 Example Problem 

Given: An indirect-fire rocket with impact fuze and constant spin. 

Ballistic coefficient: B = 12,000 kg/m^ 

Maximum range: = 28.5 km at optimum QE 

Wavelength of yaw: 6 = 150 m 
Specific Impulse: Isp= 250 s 
Acceleration level: G = 48 


4-62 




MIL-HDBK-762(MI) 


Quadrant elevation: QE = 4.5 deg (assumed optimum) 

Dimensionless launcher length: P = 0 
Spin rate: p = 10 rev/s 
Booster mass ratio: r(,= 1.4 

Assumed one-sigma values for the error sources are shown in Table 4-6. 

Determine: The dispersions at the warhead event. 

4-5.5.2.1 Prelaunch Errors 

The given aiming error (Table 4-6) is 1 mrad in each plane, azimuth and elevation. The error in 
deflection from Eq. 4-1 is 

Ay = AiJ/oR 

AY = (1 mrad) (28.5 km) 

AY = 28.5 m. 


TABLE 4-6. ERROR BUDGET AT WARHEAD EVENT FOR 
INDIRECT FIRE ROCKET WITH IMPACT FUZE 


Source of Error 

One-Sigma 

Magnitude 

AR, 

m 

AY, 

m 

AR, 

mrad 

AY, 

mrad 

I. Prelaunch Errors 






A. All Sources 

1 mrad 

0 

28.5 

0 

1 

II. Launch Errors 






A. Translation 

0.1 m/s 

0 

-24.7 

0 

-0.87 

B. Rotation 

15 mrad/s 

0 

81.2 

0 

2.85 

C. Dynamic Imbalance 

0.5 mrad 

0 

170 

0 

5.97 

III. Boost Errors 






A. Wind 

3.5 m/s 

0 

-698 

0 

-24.5 

B. Thrust Misalignment 

0.5 mrad 

0 

161 

0 

5.63 

C. Total Impulse 

1% 

430 

0 

15.1 

0 

IV. Ballistic Errors 






A. Density 

0.5% 

222 

0 

7.79 

0 

B. Ballistic Wind 

2.3 m/s 

138 

108 

4.84 

3.8 

C. Ballistic Coefficient 

0.75% 

167 

0 

5.86 

0 


Note the use of range R as the normalizing factor for AY.. In the mathematically rigorous sense the 
error should be normalized to the trajectory path length (Ref. 1, p. 56). Since the purpose of this 
sample problem is the exploration of relative error effects on dispersion, the use of range is tolerated. 
Eor a ballistic coefficient B = 12,000 kg/m^, a maximum range R^^^ = 28.5 km, and with the use of 
Eig. 4-33, the initial velocity required is determined to be 915 m/s. By use of Eig. 4-34(B) in 
conjunction with this information, the ratio of a percent change in range per change in departure 
angle is determined. In this example the range we are interested in is the maximum value; therefore, 
the ratio of range desired to maximum range is unity. As seen in Eig. 4-34(B), the partial derivative 
dR/dS is zero at unity ratio; thus, an error in aim results in a negligible error in range at maximum 
range. This leads to the zeros in Table 4-6 for AR. 
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Figure 4-33. Initial Velocity vs Maximum Range 


4-5.5.2.2 Launch Errors 

Fig. 4-1 1(A) shows that for a translation error of 0.3 m/s, P = 0, 6 = 150 m, and G = 48, a resultant 
angular dispersion yrs of — 2.6 mrad is obtained. The deflection error due to the assumed value of 0.1 
m/s (Table 4-6) is 


AY = 


/ 0.1 m/s 
\0.3 m/s 


(—2.6 mrad) — —0.867 mrad 


A \/ - / irir»r'n A\ /9« f; Lml 

I ““ ^ 


AY = -24.7 m. 


The change in range clue to initial translational velocity is zero for the same reasons as given for the 
prelaunch aiming errors. 

An initial rotational velocity of q = 100 mrad/s, P = 0, G = 48, and 6 = 150 m produces an error 
yrs of 19 mrad from Fig. 4-10(A). For the assumed error value of 15 mrad/s (Table 4-6), 


yrs 


= 19 mrad 


/ 15 mrad/s 
\100 mrad/s 


yrs = 2.85 mrad. 


This assumes that the angular dispersion, as a function of G and 6, is affected linearly by rotation rate, 
so the deflection error is 


AY — (2.85 mrad) (28.5 km) 
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and 


Ay = 81.2 m 
AR = 0. 


For a dynamic imbalance error e = 0.5 mrad (Table 4-6) and a spin rate p = 10 rev/s, the equivalent 
initial angular rate due to dynamic imbalance is (from Eq. 4-20) 

Qequiv 

Qeguiv = ^10^^ ^27r ^^(0.5 iTirad) 

Qequiv = 31.4 mrad/s. 


Since in Fig. 4-10(A) q 
in 


and 


100 mrad/s, following the procedure for translational rotation error results 

— in A /si.4 mrad/s^ 
yrs —19 mrad I - 

ylOO mrad/s, 
yrs = 5.97 mrad 
Ay = (5.97 mrad) (28.5 km) 

Ay = 170 m 
AR = 0. 


4-5.5.2.3 Boost Errors 

With a boost wind error of 3.5 m/s (Table 4-6), G = 48, 6 = 150 m, and P = 0, Fig. 4-12(A) shows 
the angular dispersion yrs due to a 3-m/s wind is—21 mrad, therefore, 

yrs = —21 mrad 

\ 3 m/s / 
yrs = “24.5 mrad 
Ay = (“24.5 mrad) (28.5 km) 

Ay = -698 m 

and 

Ai? = 0. 

Spinning the vehicle is an attempt to minimize dispersion from thrust misalignment error. Ref. 2 
and Fig. 4-18 give the theoretical value for the dispersion reduction factor P as 

P = —^ , dimensionless. (4-73) 

Since V„from Fig. 4-33 was determined to be 915 m/s, the number of revolutions n.made by the 
spinning rocket in the first wavelength of yaw 6 is 
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no 


_ pa 


Vo 


(4-74) 


n, = (10 rev/s) ( ‘ ■■■)(I50m) 

y915 m/s/ 

na= 1.6 rev 


B = -^-(from Eq. 4-73) 

( 2 ) ( 1 . 6 ) 

/? = 0.313. 

From Fig. 4-13(A) the dispersion yrs from thrust misalignment 6 = 0.5 mrad (Table 4-6) for P = 0, 

G = 48, and 6 = 150m is 


jTs =18 mrad 
Ay = PyrsFl 

AY — 0.313 (18 mrad) (28.5 km) 
AY = 161 m 


and 


A/? = 0. 


An alternate method of estimating the affect of thrust misalignment is by use of Fig. 4-19(A). The 
figure shows the dispersion reduction factor /? for a zero-length launcher and constant spin. The values 
of P achieved for this figure were determined by using the optimum spin rate to minimize the 
dispersion from a 0.5-mrad thrust misalignment 6 and from a 0.5-mrad dynamic imbalance e . If it is 
assumed that comparable values of P may be achieved from any reasonable combination of 5, e, and 
optimum spin, this figure may be used directly. If Fig. 4-19(A) is used, the 0.5-mrad dynamic 
imbalance effect should be deleted since it will have been accounted for in the use of the figure. 

If this procedure for thrust misalignment were used, then Fig. 4-19(A) gives 


By following the described method 

yrs = 18 mrad (from Fig. 4-13(A)) 


Ay — PyrsR 

AY = 0.19 (18 mrad) (28.5 km) 
Ay = 97.5 m 
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and 


AR = 0 . 


The dispersion caused by total impulse variation is obtained by first determining the sensitivity of 
boost velocity V^to specific impulse Igp. Eq. 3-19 gives the ideal velocity relationship as 


AVb _ , 

— go In Tb 


M 


sp 


AVb= Alspgolnn, m/s (4-75) 

AVb = A/^p (9.8 m/s^) (In 1.4) 

AVb = 3.3 AIsp, m/s. 

For the given l 5 p= 250 s and an error of 1% (Table 4-6), 

A/5p = (0.01) (250) 

AIsp = 2.5 s . 

Therefore 

AFb=( 3.3 m/s^) (2.5 s) 

AVb = 8.25 m/s . 

By using Fig. 4-35(B) for Vo= 915 m/s and = 1, 

_ j gy 

dV{%) 

and 

= M^(ioo) = 0.902% 

915 

AR = 1.67 AV 

AR = 1.67(0.902) = 1.51% 

AR = 0.0151(28.5 km) 

AR = 430 m 


and 


AV n 

LmX ± \J • 
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4-5.5.2.4 Ballistic Errors 

The density error is 1% (Table 4-6). From Fig. 4-36(B) for V|j= 915 m/s and R/R^„= 1, 

= 0.78 

dp{%) 

AR = (1)(0.78)% = 0.78% 

AR = 0.0078 (28.5 km) 

AR = 222 m 


and 


AY = 0 . 


The ballistic wind error is 2.3 m/s (Table 4-6). For this example problem the error is assumed to 
exist in each plane, i.e., range and deflection. 

From Fig. 4-37(B) for Vo= 915 m/s and R/R^„ = 1, 

= 0 . 21 -^ 


dVw m/s 

AR = 0.21(2.3)% 

AR = 0.483% 

AR = 0.00483(28.5 km) 
AR = 138 m. 


From Fig. 4-38(B) for V„= 915 m/s and R/R^^, = 1, 

JJL.= 0.164 — 


SVw m/s 

AY = 0.164(2.3)% 
AY = 0.377% 

AY = 0.00377(28.5 km) 
AY = 108 m. 


The ballistic coefficient error of 0.75% (Table 4-6) includes errors caused by drag and burnout mass 
variation. This error is treated as if it were an error in density. 
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Figure 4-37. Unit Effect, Range/Wind vs R/Rmax for Various B Values—Impact Fuze 
















Curve H)' ^max' 


MIL-HDBK-762(MI) 












Curve ">^5 


MIL-HDBK-762(MI) 














UI>| I S/IU I 3Ajn3 


MIL-HDBK-762(MI) 



Figure 4-38. Unit Effect, Deflection/Wind vs R/Rmax for Various B Values— Impact Fuze 
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From Fig. 4-36(B) for Vo= 915 m/s and R/R^„ = 1, 


dR 

dB 


0.78 


AR = 0.75(0.78)% 


AR = 0.585% 


and 


AR = 0.00585(28.5 km) 
AR = 167 m 


AY = 0 . 


The results of these calculations have been tabulated and are shown in Table 4-6. 

4-5.5.2.5 Additional Unit Effect Graphs 

The example calculations just completed have all dealt with a rocket armed with an impact fuze. 
Figs. 4-39 and 4-40 give additional reference data for this type of rocket, and Figs. 4-41 through 4-51 
give similar reference data for a rocket with a time fuze. 

4-5.5.2.6 Example Range Error Probable (REP) 

The one-sigma range dispersion values ORjare listed in Table 4-6. Therefore, Eq. 4-69 yields a stan¬ 
dard deviation in range of 

OK,,, = [(15.1)' + (7.79)' + (4.84)' 4-{5.86)']'" 

OR,g, = 18.6 mrad. 

Eq. 4-68 yields 

REP = 0.6745 (18.6 mrad) = 12.5 mrad 
REP = 12.5 mrad (28.5 km) = 356 m. 

4-5.5.27 Example Deflection Error Probable (DEP) 

The one-sigma deflection dispersion values OD^are listed in Table 4-6. Therefore Eq. 4-71 yields a 
total standard deviation in deflection 6 d,„, of 

0£>,„ = [(!)' + (-0.87)' + (2.85)' + (5.97)' + (-24.5)' + (5.63)' + (3.8)']'" 

aD,„, = 26.3 mrad. 


Eq. 4-70 yields 


DEP = 0.6745 OD„, 

DEP = 0.6745 (26.3 mrad) = 17.7 mrad 
DEP = (17.7 mrad) (28.5 km) = 504 m. 
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Figure 4-39. QE vs R/Rmax for Various B Values—Impiact Fuze 
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Figure 4-42. Time of Flight vs R/Rmax for Various B Values—Time Fuze 
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(A) B - 6000 kg/m-^ 

Figure 4-44. Unit Effect, Range/Velocity vs R/Rmax for Various B Values— Time Fuze 
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Figure 4-46. Unit Effect, Range/Departure Angle vs R/Rmax for Various B Values— 
Time Fuze 
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Figure 4-46. (cont'd) 
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Figure 4-46. (cont'd) 
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Figure 4-47. Unit Effect, Deflection/Wind vs R/Rmax for Various B Values—Time Fuze 
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(A) fl - 6000 kg/m'^ 

Figure 4-48. Unit Effect, Aititude/Density vs R/R™. for Various B Vaiues-Time Fuze 
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Figure 4-48. (cont’d) 
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Figure 4-49. Unit Effect, Altitude/Velocity vs R/Rmax for Various B Values—Time Fuze 
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Figure 4-50. (cont'd) 
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Figure 4-51. Unit Effect, Altitude/Time vs R/R„,^for Various B Values—Time Fuze 
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Figure 4-51. (cont'd) 
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4-5.5.2.8 Example Circular Error Probable (CEP) 

First, from Eq. 4-66 

a.,,. = + 26,3 ^ 22.5 mrad 

2 

6^^^= (22.5 mrad) (28.5 km) = 641 m. 

From Eq. 4-67, since 6r,„,/ 6d,„, < 7, 

CEP = 1.1774 6,^3 

CEP = 1.1774 (22.5 mrad) = 26.5 mrad 
or 

CEP = 1.1774(641 m) = 755 m. 

4-5.5.2.9 Example Probability of Hit 

Assume that the example rocket with its warhead will be scored a hit if it impacts within an area 
defined by a circle with a 100-m radius. Therefore, by Eq. 4-72 

Phit = 1 - exp [-0.6926^^^ 

L (755)^ 

Phit = 1 “ 0.98792 = 0.01208. 

The probability of hitting on or within the defined circle by firing one round of the example rocket is 
approximately 1.2%. 
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CHAPTER 5 
AERODYNAMICS’^ 


This chapter treats the aerodynamic aspects of free rocket design and provides a general introduction to 
applicable aerodynamic principles. Aerodynamic terms are defined, and aerodynamic characteristics of 
rocket components are discussed. Methods for determining total rocket aerodynamic characteristics from 
component aerodynamics are introduced. Experimental techniques for determining both component and 
total aerodynamics are discussed. Some information is presented on trade-off studies that should be made 
during preliminary aerodynamics design of free rockets. Sample calculations are included as a guide for 
use in performing trade-off studies. 
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LIS 
dA = 
Ab- 
Abt - 
Acyl ~ 
Afi - 
Aj-- 
Am - 

A ref 
A T 
A wet 

AR 

AR)e 


at = P 


T OF SYMBOLS 

- incremental cross-sectional area, 

- Ibody base area, m" 

= cross-sectional area of boattail, m" 

- body cross-sectional area, m" 

- cross-sectional area of base of flare, 

= area of jet in nozzle exit plane, 

- model frontal area, m^ 

~ 7rrf^/4, :aerodynamic reference area, m^ 

aerodynamic test area, m^ 
surface wetted area, m" 

bV Sp, fin aspect ratio, dimensionless 

2 

be/Spg, exposed fin aspect ratio, dimensionless 

be/2 


— 


, fin correlation parameter, dimensionless 


(0.t)rg 6(B - 1)/(2C), for equivalent planar fins, the slope of line connecting tip leading 

edge to root trailing edge divided by slope of Mach line, dimensionless 
B — ringtail diameter in plane of trailing edge (see Fig. 5-60), m 
b — fin span, m 
be — exposed fin span, m 

C — longitudinal distance between leading edge and trailing edge (see Fig. 5-60), m 
= coefficient in Haack series, dimensionless (see Eq. 5-37) 

axial force 


Ca 

Cd 


(JooAref 

D 


QooAref 


axial force coefficient, dimensionless 


drag coefficient, dimensionless 


* All figures are located at the end of the chapter. 
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Cdh — 


(CDt.)F 


, base-drag coefficient, dimensionless 


/r.r. 


{Cma)b 

{Cma)F 

(Cmjr 


-—C = ll - il--1 base-drag coefficient, dimensionless 

\ I \ 0.7Mi / 

, j ^ fin base-drag coefficient, dimensionless 

\^re/! 

z Cf I I skin-friction drag coefficient, dimensionless 

I ^re/T 

- wave-drag coefficient of conical flare, dimensionless 
= total pressure drag coefficient, dimensionless 
= 3-dimensional wave-drag coefficient, dimensionless 
= 2-dimensional wave-drag coefficient, dimensionless 

_ (7rdrg)(Crg)(CdJ ^ ringtail wave-drag coefficient, dimensionless 

■^re/ 

= skin-friction coefficient, dimensionless 

_ lift force_ coefficient, dimensionless 

(Jao/i.ref 

= lift (normal) force gradient, rad'* or deg 
_ roll moment j^^rnent coefficient, dimensionless 

CJooArefd _j _j 

= dC(/d[pb/(2v)], roll damping moment coefficient gradient, rad or deg 

= roll moment effectiveness coefficient gradient, rad * or deg 

d8 ’ 

=_ U1 -^ aerodynamic pitching moment coefficient, dimensionless 

= dCm/d{pdv/2) — magnus moment coefficient, rad or deg 

= aerodynamic pitching moment coefficient gradient at a = 0, rad * or deg ’ 

doL _j _i 

= pitching moment coefficient gradient of body at a = 0, deg or rad 

= pitching moment coefficient gradient of fins at a = 0, deg ' or rad 
= total pitching moment coefficient gradient at a = 0, deg * or rad 

■y _ Y 

_ —cG-^ Stability margin, dimensionless 

^ a ' 

= dCn,/d{ddv 2) = total pitch damping moment coefficient gradient, deg or rad 

=_ — -^ aerodynamic normal force coefficient, dimensionless 

q ocA ref 

1 forrp roefficient eradient at a — 0, rad or deg 




=_ — -^ aerodynamic normal force coefficient, dimensionless 

q 00/4 ref 

_ dCN__ aerodynamic normal force coefficient gradient at a = 0, rad ' or deg 

da , 

= body aerodynamic normal force coefficient gradient, rad oi deg 

= body normal force gradient in presence of a fin, rad or deg 
= fin normal force coefficient gradient, rad or deg 
— exposed fin noimal force coefficient gradient, rad 


5-2 



MIL-HDBK-762(MI) 


(CN^Fib) “ normal force gradient in presence of a body, rad * or deg"' 

{ACnJ /1 = incremental normal force coefficient gradient of a solid-flared afterbody in 
subsonic flow, rad * 

(Cn )re — ringtail normal force coefficient gradient, rad ' or deg 

(CnJt ~ (sum of body and fins) normal force coefficient gradient, rad or deg 

{CnJt ~ effective normal force coefficient gradient, rad"' or deg ' 

Cn = nioniem moment coefficient, dimensionless 

Cjf 00^4 ref d 

Cnp = magnus force coefficient, rad"' or deg"' 

Cp = pressure coefficient, dimensionless 

Cjloo 

Cpf, = base-pressure coefficient, dimensionless 
(Cp^)f = fin base-pressure coefficient, dimensionless 
Cpi^ = local base-pressure coefficient, dimensionless 
Cp^ = pressure coefficient of cone, dimensionless 
Crt = radial thrust coefficient, dimensionless 


Qp = —i - thrust coefficient, dimensionless 

qooAref 

Cy = force force coefficient, dimensionless 

QooAref 

c — local fin chord length, m 
c = mean aerodynamic chord length, m 
Cr — root chord length, m 
Crg — exposed root chord length, m 
Crg = ringtail projected root chord length, m 
Ct = tip chord length, m 

CG = center of gravity measured from nose unless otherwise stated, m or cal 
cp = center of pressure measured from nose unless otherwise stated, m or cal 
D = drag force, N 
Drg — ringtail drag, N 
d = rocket or body diameter, m or cal 
dab = afterbody maximum diameter, m or cal 
db = rocket base diameter, m or cal 
dbt = boattail diameter, m 
dcyi = cylinder diameter, m 
dfi = flare maximum diameter, m 
dj = nozzle exit (jet) diameter, m 
dm = Me’plat diameter, cal 

drg = ringtail diameter in plane of leading edge, m 

E = longitudinal distance between ringtail trailing edge and plane of the body base 
(positive ahead of the base, see Fig. 5-61), m 
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F == 

fn = 

G = 

g = 
h = 
1 = 
r = 

Kpib) — 
Kb{F) — 

Kt = 
K' = 
ki k\ — 
{K)f = 
L = 
t = 

tab — 
tb — 
tbt — 

tcyl 

tfl = 
tmid 
tn^ 

tref 

Lt ~ 
tr/ d — 
t' = 
M = 
Mj = 
M, = 

Moo = 

M' = 
m = 
m = 
N = 
n = 

P = 

Pc = 

p = 

pb = 


ringtail strut diameter (see Fig. 5-60), m 

tn/d, nose fineness ratio (see Fig. 5-112), dimensionless 

longitudinal distance from ringtail leading edge to projection of circular strut 

centerline on ringtail external surface (see Fig. 5-60) 

spanwise gap between the rocket body and fin root chord, m 

fin thickness at trailing edge (see Fig. 5-153), m 

fin-fin interference parameter, dimensionless 

modified fin-fin interference parameter, dimensionless 

fin-body interference factor, dimensionless 

body-fin interference factor, dimensionless 

KF(b) + Kb(F), total fin-body and body-fin interference factor, dimensionless 

parabola factor (see Eq. 5-36), dimensionless 

Munk’s apparent mass factor, dimensionless 

fin lift effectiveness parameter, dimensionless 

characteristic length (see Eq. 5-41), m 

distance between adjacent fin root chords, m or cal 

afterbody length, m or cal 

body length, m or cal 

boattail length, m or cal 

cylinder length, m or cal 

total flare length, m or cal 

length of midsection (see Eq. 5-18), m or cal 

nose length, m or cal 

reference length, m or cal 

total rocket length (nose, midsection, and afterbody), m or cal 

fineness ratio of total body or rocket, cal 

distance between adjacent fin tip chords, m or cal 

v/vs, Mach number, dimensionless 

jet-exit Mach number, dimensionless 

upstream Mach number, dimensionless 

free-stream Mach number, dimensionless 

Mach number just forward of base (local) (see Fig. 5-139), dimensionless 

pitching moment, N*m 

mass flow, kg/s 

normal force, N 

number of fins 

power factor (see Eq. 5-35), dimensionless 
pressure. Pa 

jet chamber pressure. Pa 
rocket spin rate, rad/s 
base pressure, Pa 
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pb/poo = ratio of base pressure to free-stream static pressure (commonly called base pressure 
ratio), dimensionless 

Pbcyi ~ base pressure of cylindrical afterbody, Pa 
pb„oncyi ~ base pressure of noncylindrical afterbody, Pa 
pj = jet pressure, Pa 
piocai = local pressure. Pa 
pp = plateau pressure. Pa 
psep — separation pressure. Pa 
poo = free-stream pressure, Pa 
p' = pressure just forward of rocket base. Pa 
<yoo = 0.5poot'», free-stream dynamic pressure, Pa 
q' = local dynamic pressure (see Fig. 5-139), Pa 
R = radius of a given ogive, m 
Re — vLIv, Reynolds number, dimensionless 
Rmf = jet-momentum flux ratio, dimensionless 

Rt — radius of arc that defines surface of a tangent ogive (see Eq. 5-32 and Fig. 5-115), m 
r = radial distance from rocket centerline or body radius, m 
rb — body radius at base of rocket (see Fig. 5-89), m 

r' = radius/maximum radius ratio for forebody power series (see Eq. 5-35), 
dimensionless 
S>eff — effective fin area, m^ 

Steff — average effective area projected in horizontal plane of all fins averaged over a roll 
cycle of 0 < ^ 7r/n, m^ 

2 

S>F— isolated fin planform area, m 

_ 1 flir*. -_1 __2 


^Fb 

Sf, 

T 

t 

t/c 

V 

Vs 

Voo 

X 

dX 


oase area oi an tin panels, m 

exposed fin planform area (two fin panels joined at root chord), m^ 

^ r'r* ■■ 1 »-*r» 1 t r V* zn#-1 1 C I f 1 C #- 1 ^ Y'/^i i nrVl 

Llll pidlil-lJllll died dd:>Uiiiiiig liyi^i^tii^Li^di KJL 1.1110 iiii^ui^ii 

5-29), m^ 
thrust, N 
fin thickness, m 

fin thickness to chord ratio, dimensionless 
velocity, m/s 

speed of sound in a flow medium, m/s 
free-stream velocity, m/s 
axial distance, measured from nose, m or cal 
incremental axial distance, m 


/ coo rr 

1 ^3* 


X,Y,Z = inertial-coordinate system 

Xb = axial distance forward of the rocket base (see Fig. 5-89), m 
X CG — axial distance from nose to CG, m or cal 
Xcp = axial distance from nose to cp, m or cal 
{Xcp)b — axial distance from nose to body center of pressure, m or cal 
{Xcp)f = center of pressure of fin measured downstream of the fin leading edge at the root 
chord, m or cal 
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{{Xcp)F]te = fin center of pressure, percent of chord from trailing edge (see Fig. 5-78) 
{Xcp)fi — axial distance from cylinder-flare juncture to flare center of pressure, m 
{Xcp)t = axial distance from nose to center of pressure of total rocket, m or cal 

^^<J ' ^ ~ total stability margin, cal 


Xj = distance of nozzle exit from base of rocket (see Fig. 5-149), m 
X = ratio of distance from nose tip to total nose length (see Eq. 5-35), dimensionless 
x,y ,2 = body-centered coordinate system with origin at center of gravity 

Xb = axial distance from rocket center of gravity to body center of pressure, m 
Xs,ys,Zs — stability coordinate system 

Xt = axial distance from rocket center of gravity to tail center of pressure, m 
Xw,yw,Zw = wind coordinate system 

y = lateral distance from body centerline, m 

yr = distance from center of wind tunnel test section to the shock reflection boundary 
(see Fig. 5-163(A)), m 

y' = lateral distance from body surface (see Eq. 2-27 and Fig. 5-75), m 
a = angle of attack, rad or deg 
aeff — effective angle of attack, rad or deg 
tto = body angle of attack, rad or deg 

OLeff = average effective angle of all attack for all fins of a tail assembly averaged over a 
roll cycle 0 < < n/n {n = number of fins) (see Eq. 5-25), rad or deg 

jS = \/\M^ — l|, similarity parameter, dimensionless 
yj = ratio of specific heats of rocket jet, dimensionless 
7 oc = ratio of specific heats of free-stream flow, dimensionless 
6 = fin cant angle (positive, clockwise viewed from base) (see Fig. 5-54), rad or deg 
= ringtail internal expansion angle (see Fig. 5-133), rad or deg 
e = included angle of fin leading edge (see Figs. 5-28 and 5-34), rad or deg 
B — cone, flare or boattail half angle, rad or deg 
= WAF opening angle (see Fig. 5-52), rad or deg 
Be = nose cone half angle (see Fig. 5-163), rad or deg 
Bj = rocket nozzle half angle at exit, rad or deg 
B = angular pitching velocity about center of gravity, rad s 
A = fin sweep angle, rad or deg 
Ac /2 = fin sweep angle at midchord, rad or deg 
Kie — leading edge sweep angle, rad or deg 
Xie = trailing edge sweep angle, rad or deg 
\ = Ct/Cr, fin taper ratio (see Fig. 5-34), dimensionless 
ke — Ct/Crg, exposed fin taper ratio (see Fig. 5-68), dimensionless 
H = Mach angle. Sin * (1 Moo) 
i> = kinematic viscosity, m^ s 
p = atmospheric density, kg/m^ 
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p® = free-stream atmospheric density, kg/m^ 
a = fin trailing edge sweep angle, rad or deg 

(f) = roll angle about longitudinal axis measured from horizontal (see Fig. 5-72, 5-73, 
and 5-75), rad or deg 

i/f = angle or roll of tail assembly measured from vertical, rad or deg 
(o = angle formed by line connecting the leading edge of root chord and trailing edge of 
tip chord and rocket body (see Fig. 5-28), rad or deg 

5-1 INTRODUCTION 

This chapter is a treatise on the aerodynamic design of free rockets, and it is slanted primarily toward the 
engineer in preliminary design. Both general and basic design criteria are considered. Included topics are 
static stability, aerodynamic drag, external configuration trade-offs, and airload distributions. Static 
stability in terms of aerodynamic normal force coefficient gradient CNa and aerodynamic pitching moment 
coefficient gradient Cmg,, and their relationships are discussed. 

Free rockets usually are bodies of revolution and maybe comprised of nose sections, cylindrical sections, 
boattail afterbody sections, flare and split flare afterbody sections, oversized head sections, necked-down 
centerbody sections, and high fineness ratio body sections. Each of these rocket components is introduced, 
and, by way of example, several nose-body-tail combinations are discussed. These examples show possible 
applications and are useful in performing preliminary design. Fin types together with fin-fin and fin-body 
interference also are presented. Stability margin tailoring is discussed considering static margin variations 
resulting from aerodynamic design and vehicle center of gravity changes during flight. Factors affecting 
the static stability of complete configurations and a numerical example using total vehicle aerodynamic 
data are given. 

The possible effects of the rocket exhaust plume on the rocket aerodynamic characteristics, nonlinear 
aerodynamics, high angles of attack, and certain facets of dynamic stability are introduced. 

Drag coefficients for the various rocket body components with typical data trends and drag 
characteristics of complete configurations are presented and discussed. Also, a numerical calculation for 
the drag of a complete configuration is presented. 

5-2 GENERAL DESIGN CONSIDERATIONS 

The usual aerodynamic design goal is to select an external configuration that houses the payload and 
motor and provides stable flight with minimum drag through the desired altitude-velocity range. The 
preceding statement is a simplistic statement of design goals. The design process is quite often 
complicated by the requirement to achieve a specified accuracy in the presence of disturbances. Further, 
the requirement to be operable with an existing launcher also may place restrictions on the external 
configuration. 

Fig. 5-1* illustrates the body, stability, and wind axes for a free rocket. The x-, y-, z-axes represent the 
body-centered coordinate system, and the origin is considered to pass through the center of gravity of the 
rocket. The x^-, y^-, z^- axes represent the stability coordinate system. The stability axes and body axes can 
be considered identical for a free rocket in undisturbed flight if the effect of gravity is ignored. The wind 
coordinate system (x„, y„, zj is determined by the relative wind acting on the vehicle. Relative wind is the 
vector sum of the vehicle velocity vector and external winds. 

For a rocket to possess flight stability, a restoring moment must be produced when the longitudinal axis 
of the missile is rotated from the flight direction, i.e., when an angle of attack exists. This flight stability is 
achieved in the case of an aerodynamically stabilized rocket b y selecting the external configuration such 
that the center of pressure of aerodynamic forces is located farther aft of the rocket nose tip than the center 


* All figures are located at the end of the chapter. 


5-7 



MIL-HDBK-762(MI) 


of gravity. Since the aerodynamic forces are proportional to the angle of attack—the angle between the 
flight direction of the velocity vector and the longitudinal axis of the rocket-any deviation will produce a 
moment to restore the axis to its aligned condition. When the center of pressure is aft of the center- of 
gravity, the rocket is said to be statically stable. 

The degree of aerodynamic stability, or the static margin requirement, varies with the desired accuracy 
of each rocket and its design approach. For example, a rocket designed for minimum dispersion during 
powered free flight requires a specific tailoring of the static margin over its Mach number regime; a 
high-accereration rocket that achieves most of its velocity prior to release from the launcher requires only 
that the stability margin remain within certain upper and lower bounds. The width of this stability band is 
governed primarily by the requirement to maintain a significant spread between the roll and pitch-yaw 
frequencies. 

Although the static margin is of paramount importance to the accuracy of a free rocket during the 
powered high-acceleration phase, the aerodynamic drag or axial force is a prime factor affecting the 
accuracy and performance during the sustain and ballistic flight phases. For an unguided rocket, the angle 
of attack is nominally zero; therefore, the axial and drag forces are equal. The general goal is to keep the 
axial force coefficient as low as possible consistent with other design considerations such as body length, 
weight, and structural rigidity. Reduction of the axial force coefficient is more important generally for 
indirect fire, artillery-type rockets in which the sustain and ballistic flight times are much greater than that 
of the boost phase. Axial force reduction in this case can result in either a lighter or a smaller rocket for a 
specified maximum range or in an increased range for a fixed rocket size and weight. In addition, 
improved accuracy is achieved by reduced sensitivity to atmospheric variations during the ballistic flight 
because it is primarily through the aerodynamic axial force that nongravitational accelerations are 
transmitted to the rocket. 

The external configuration of a free rocket can vary significantly, depending on the trade-off among 
aerodynamic requirements imposed by performance and accuracy considerations, launcher compatibility, 
and other system requirements. Some generalizations can be made, however, based on past designs. 
Typically, the external configuration of a rocket consists of a pointed body of revolution, housing a 
payload and propulsion units, with a stabilizing device attached to the aft section. A circular cross section 
is preferred because its symmetry about the longitudinal axis makes for simplicity both in manufacturing 
and in determining aerodynamic coefficients and mass inertia properties. Further, because of its load 
distribution characteristics, a circular cross section has structural advantages. Stability considerations 
often require that the rocket body, which is usually aerodynamically unstable, have stabilizing devices 
added to the aft end to provide the necessary aerodynamic restoring moment for stability. A more complete 
discussion of stabilizing devices is presented in par. 5-3.2. Thin-profile planar fins, spaced evenly around 
the circumference of the body, are used in many rocket designs as stabilizing devices. This type of fin 
usually will produce the maximum stabilizing moment with minimum weight and axial force. When the 
minimum overall diameter is a dominant design consideration, the ringtail and conical flare become of 
greater interest. A ringtail will produce, at both subsonic and supersonic velocities, approximately twice 
the restoring moment of cruciform planar fins with equal total span and chord. The price paid for this 
increased stability is increased drag. The drag penalty of the ringtail can be offset by a reduction in base 
drag for specific rockets having a fairly long sustainer burn time. At supersonic speeds the favorable 
interference between the ringtail and the jet plume serves to reduce the base drag. The conical flare is of 
interest for restricted-diameter rockets that experience high supersonic velocity. On the basis of projected 
planform area (for a discussion of planform area see par. 5-3.2.1.1) a conical flare will produce more than 
twice the normal force of cruciform fins at hypervelocity speeds. However, the axial force of a flare usually 
greatly exceeds that of fins providing an equal restoring moment. 

Volumetrit efficiency in the packaging of the payload must be considered when designing the external 
configuration. Further, different payloads may require a particular geometric shape, thus placing specific 
requirements on the external configuration. 

For some rockets it is advantageous to locate the main propulsive motor in the forward part of the 
vehicle. Forward propulsion units usually consist of pairs of horizontally opposed nozzles canted 
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approximately 5 to 20 deg out from the rocket longitudinal axis and with the thrust axis aligned with the 
rocket center of gravity. Normally, good design practices suggest locating the fins so that the jet plume 
does not impinge upon them; this minimizes interference by the plume wake. If the fins are totally 
immersed in the body-fixed plume, their effectiveness can be substantially changed from the free-stream 
characteristics. The plume and its effects can be minimized by interdigitating the fins with the exhaust 
nozzles. The forward jets will also cause an increase in fin pitch damping. 

Wind-tunnel tests can be conducted to obtain an indication of jet plume effects on rocket stability. It is 
important to maintain the ratio of model thrust to wind-tunnel free-stream dynamic pressure and 
reference area with full-scale conditions. (Free-stream conditions exist if the presence of a model, rocket, 
aircraft, etc., does not disturb the flow of the stream.) At wind-tunnel velocities below 150 m/s the 
Reynolds number becomes an important correlation parameter. 

It should be clear from the preceding discussion that a "best" aerodynamic configuration does not exist. 
The multitude of parameters affecting the configuration selection usually results in a choice being based 
on past design experience rather than on an optimization study. An optimization study can only be made 
after weighting factors are placed on the many parameters. 

To estimate the aerodynamic stability characteristics for complete rocket configurations and to provide 
design guidance, it is necessary to know the aerodynamic coefficients of each major rocket component and 
the influence of these components on one another. Aerodynamic characteristics that are expressed in 
coefficient form are very convenient to use; this form facilitates the scaling of data. Force data can be 
converted to coefficient form by dividing the force data by the product of the free-stream dynamic pressure 
qoo and a reference area A^^,. Likewise, moment data can be converted to coefficient form by dividing the 

moment data by the product of the free-stream dynamic pressure qoc , a reference area A,^„ and a reference 
length tref- 

A word of caution is in order—there is no known recognized standard for reference area and reference 
length. For example, airplane designers often use the wing planform area—the shape or form of the wing, 
as seen from above, as in the plan view—as the reference area and the mean aerodynamic chord as the 
reference length. Rocket designers often use the area of the base of the rocket as the reference area and the 
diameter of the base as the reference length. Therefore, the designer must ascertain the reference area and 
the reference length that were used in the development of any data he might use in preliminary design. 

The paragraphs that follow will discuss first the stability parameters for various rocket forebody shapes, 
fins, ringtails, conical flares, and boattails; and then they will discuss how these component aerodynamic 
coefficients are combined to arrive at values for the complete configuration. Where appropriate, simple 
analytical or semiempirical equations will be presented along with graphs to make aerodynamic 
estimates. No effort will be made to provide the theoretical basis or experimental substantiation for the 
data presented since numerous textbooks and reports exist which discuss these topics in great detail. 
Finally, a computational table will summarize sources and methods of obtaining design data, and it will 
provide a format and checklist for design computation. 

5-3 STATIC STABILITY 

A rocket is considered to be 

1. Statically stable if a small disturbance from equilibrium sets up forces that tend to restore the rocket 
to equilibrium 

2. Statically unstable if the forces tend to increase the effects of the disturbance. 

Static stability can be illustrated with the use of Fig. 5-2. The point about which a rocket rotates when 
subjected to a disturbance is the center of gravity (CG). The point at which the resultant aerodynamic 
forces can be assumed to act is the center of pressure (cp). It should be noted that the cp and/or CG may not 
be on the longitudinal centerline of the rocket. If this occurs, an axial force component to stability must be 
considered. Par. 4-2.5 contains a detailed discussion of ballistic phase errors including effects of off-axis cp 
or CG. Simply stated, a rocket is statically stable when the cp is aft of the CG, both measured from the 
rocket tip. 
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The relationship of the forces and moments acting on a rocket can be expressed as 


(5-1) 


where 


Cnta — aerodynamic pitching moment coefficient gradient at a = 0, rad' 
Cno ~ aerodynamic normal force coefficient gradient at a = 0, rad‘ 

XcG ~ axial distance from nose to CC, m or cal 
Xcp = axial distance from nose to cp, m or cal 
d — rocket diameter, m 
a = angle of attack, rad or deg. 


The degree of static stability is a function of the ratio of Cma^ Cno- The algebraic sign of C^indicates 
whether the rocket is statically stable (negative) or unstable (positive), and the magnitude of Cma is a measure 
of the degree of stability. 

The stability margin is defined as 


^mct 


XcG - X 


cp 


‘Na 


d 


, dimensionless. 


(5-2) 


When d is the rocket diameter, the stability margin often is defined in calibers (cal). The expression X^^/d is 
a normalized term that relates the center-of-pressure location and the diameter. 

Each component of a rocket has aerodynamic forces and moments acting upon it. The summation of 
these forces and moments, together with interference effects, makes up the total aerodynamic forces acting 
upon the rocket. For preliminary estimates of static stability characteristics, the rocket can be divided into 
components consisting of the nose, body, and stabilizing device. The combination of the aerodynamic 
force and moment of each of these components with the estimate of the CG location will provide an 
estimate of static stability. When interference effects are considered, quite good estimates can be obtained. 
Later portions of this chapter provide additional useful information for making preliminary estimates. 

5-3.1 BODIES OF REVOLUTION 

This paragraph presents aerodynamic data for bodies of revolution. The bodies to be considered are 
nose-cylinder combinations, boattail after-bodies, oversized-head configurations, necked-down centerbod- 
ies, and high-fineness ratio nose-body, combinations. Each of these configurations is discussed in the 
subparagraphs that follow. Body shapes other than bodies of resolution can be used in rocket design; 
however, data for shapes other than bodies of revolution are not readily available in the literature. The use 
of unconventionally shaped rockets is usually restricted to special-purpose applications. Such special 
cases are beyond the scope of this handbook: therefore, the discussion here will be limited to symmetrical 
bodies of revolution. 

In summary, the following general observations can be made concerning the aerodynamic characteristics 
of complete bodies of revolution: 

1. The nose section contributes most of the normal force. 

2. The nose can be rounded or blunted such that the ratio of the radius of the nose to the maximum 
radius of the body is 0.15 or less without any significant increase in drag. 

3. The drag of a nose-body configuration depends primarily on nose shape and the amount of 
boattailing or flaring. 

4. The presence of the jet greatly influences the base drag, especially during the sustain phase. 
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5-3.1.1 Nose-Cylinder Configurations 

The nose or forebody of an aerodynamically stabilized free rocket usually consists of a pointed cone, an 
ogive, or a power series curve, followed by a cylindrical body section. 

Nose sections vary from sharply pointed cones to relatively blunt hemispherical shapes. However, most 
rockets have a conical nose or an ogival shape. An ogive is similar to a cone except that the planform is 
formed by the arc of a circle instead of by a straight line. A tangent ogive is one whose base is tangent to the 
cylindrical midsection of the body of the rocket. A secant ogive is formed by a circular arc with the radius 
larger than that of a tangent ogive for a given nose length and with the center of radii aft of the 
perpendicular to the front face of the cylindrical midsection. Slender-body theory provides a satisfactory 
means of expressing the stability characteristics of nose-cylinder combinations in terms of the geometric 
parameters only, as given in Eq. 5-3, 


I cICn \ _ / k2 ~ kl \ 

A„f I 

which, when integrated from X = 0 to X = gives 

(CNa)b = 2(k2 ~ kl) 




Ab 

A ref 


rad * 


(5-3) 


(5-4) 


where 

/ ^Cn \ 

\ dx I 

{CNa)b 

k2 kl 
It 
dA 
dX 
Ab 
A ref 


derivative of C^with respect to X for the body 

body aerodynamic normal force gradient at a =0, rad^or deg ' 

Munk's apparent mass factor, dimensionless 

total rocket length (nose, midsection, and afterbody), m 

incremental cross-sectional area, m^ 

incremental axial distance, m 

body base area, m" 

reference area, m\ 


The factor {ki ~ ki) is the apparent mass factor as derived by Munk (Ref. 1). The values for ellipsoids of 
revolution presented in Fig. 5-3 represent a reasonable approximation for any axisymmetrical body of 
comparable total fineness ratio. The ~ ki) usually is applied on the basis of total body 

length-to-diameter ratio. The center of pressure maybe assumed to act at the centroid of the nose projected 
area for the free-stream condition M«> < 1. 

The fundamental assumptions of the theory are that all second-order partial derivatives of velocity can 
be neglected and that velocity perturbations along the body axis are small compared to the transverse 
values. The solution implies that adding cylinder length to the nose has no effect and that there is no 
compressibility effect due to varying the Mach number. However, experimental data and more refined 
theoretical solutions, too complex to discuss here, show these effects to be significant. The reader is 
referred to Refs. 2, 3, and 4 for further details of these solutions. During recent years, considerable 
experimental data have become available, and, wherever possible, it is strongly recommended that 
experimental data be used rather than theoretical solutions. 

At supersonic Mach numbers, the normal force coefficient gradient and center-of-pressure estimates 
should be obtained, respectively, from Figs. 5-4 and 5-5 for tangent ogive-cylinder bodies and from Figs. 
5-6 and 5-7 for cone-cylinder bodies. The curves were extracted from Ref. 5 and were constructed from 
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empirical data covering a Mach number range from l."l <Moc:<7.0 and a nose-fineness ratio range from 3.0 
^ ln/d'^1.0. Stated accuracies are +10% for normal force coefficient and 0.5 cal for center of pressure. In 
these and related figures In indicates nose length and tab indicates after-body length. 

An extensive experimental study of the effects of particular nose shapes and cylindrical lengths is 
prescmted in Ref. 6. Aerodynamic-stability parameters are determined at Mach numbers from 0.8 < A/oc < 
4..5 for tangent-ogive, conical, and power-series noses-all with a nose-fineness ratio Im d = 4 cal, 
combined with cylindrical after-body lengths of from ^ tab-— 11 cal. The effect of changing the 
nose-fineness ratio from three to five for conical and tangent-ogive shapes was determined for a cylindrical 
afterbody length tab of 6 cal. Since the over-all study covers body configurations of general interest to free 
rocket design, the pertinent results are presented in Figs. 5-8 through 5-13. 

The data presented in Figs. 5-14,5-15, and .5-16 from Ref. 7 are examples of the variety of data available. 
Fig. 5-14 presents normal force coefficient gradient and center-of-pressure data for 2-cal tangent ogive 
noses followed by an 8-cal and a 10-cal cylindrical afterbody. Fig. 5-1.5 presents the same type data for a 
3-cal tangent ogive nose with 10-cal cylindrical afterbody. The significant difference between the 2-cal and 
3-cal nose cylinder configurations is the more rearward center of pressure. 

The effects of nose bluntness for three examples are illustrated in Fig. 5-16 (Ref. 7). Refs. 8,9, and 10 are 
also excellent data sources for nose bluntness effects. 

The trend in free rocket design appears to be toward higher fineness ratios. Much data exist for rockets 
with total length-to-diameter ratios ] 9 < [ j 14 , but the data are limited for higher fineness ratios. Fig.Text 

5-26, par. 5-3.1.6, shows normal force coefficient gradient and center of pressure data for three bodies with 
fineness ratios of 18.45, 19.4, and 24. 

There are also cases where a "spike-type" nose is required. Fig. 5-17 presents a normal force coefficient 
gradient and center-of-pressure data as a function of Mach number for the rocket in the sketch in Fig. .5-17. 


5-3.1.2 Boattail Afterbody Sections 

The primary purposes for using a boattail are to tailor the stability margin for minimum change 
throughout the Mach number range and to reduce base drag. A rocket can be boattailed if the rocket 
propulsive nozzle is smaller in diameter than the body cylinder diameter. For a positive angle of attack the 
local normal loading over a boattail is negative, which reduces the total normal force coefficient and shifts 
the center of pressure forward. Therefore, care must be exercised in trading off the advantages of reduced 
drag and the possible disadvantages of the forward movement of the center of pressure. In practice, the 
length of a boattail is generally limited to one or two calibers because of the geometry of the rocket motor 
and nozzle. 

Slender-body theory predictions should be used for the subsonic Mach number range since results of 
systematic empirical investigations are not available. The slender-body theory predicts the aerodynamic 
normal force coefficient gradienC^o to be 


Csa — 


-2Abt 

A ref 



(5-5) 


where 

A^, = cross-sectional area of boattail, m" 
d^, = boattail diameter, m. 


The center of pressure for the boattail normal force can be assumed to be located about 0.6 of the boattail 
length downstream of the rocket body-boattail juncture. 

Slender-body theory states that body force characteristics are not functions of Mach number. Therefore, 
for the transonic regime, it is recommended that and differences between subsonic values and supersonic 
values be faired out smoothly in the transonic range. Boattail component data at transonic and supersonic 
Mach numbers can be obtained from Figs. 5-18 and 5-19 (Ref. 11). 

It is recommended that boattails be designed with angles of less than 8 deg to avoid the effects of flow 
separation on the boattail. 
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5-3.1.3 Oversized-Head Configurations 

Missile payload volume, interchangeable warhead types, and other design considerations may require 
that the nose section have a larger diameter than that of the cylindrical afterbody or stages. Slender-body 
theory can be used to estimate normal force and center of pressure through the subsonic-transonic Mach 
number regime. For the supersonic regime, methods provided in previous paragraphs can be used to 
calculate the nose-cylinder configuration and boattail characteristics, neglecting the aft-cylinder normal 
force contribution. 

If a tapered boattail is not used to provide a transition section between the nose and cylinder or if the 
boattail angle exceeds 12 deg, then the normal force and center-of-pressure characteristics should be 
calculated assuming an effective 12-deg boattail angle. 

Ref. 12 contains experimental data for a nose-cylinder configuration in combination with a family of 
afterbodies. This family includes cylindrical, boattail-cylindrical, and boattail afterbodies which vary 
both in diameter and length. Each configuration was tested with and without fins. Fig. 5-20 presents an 
example of normal force coefficient gradients Cno, axial force coefficients C^at zero degree angle of attack, 
and pitching moment coefficient gradienHSma for three afterbody diameter to head diameter ratios. These 
data can be used for preliminary design estimates for rockets with oversized heads with afterbody diameter 
to head diameter ratios of approximately 0.5 to 0.8. 

Figs. 5-21 and 5-22 show the effect of boattail length for two afterbody diameter to head diameter ratios, 
i.e., d^b/d = 0.55 and d^,,/d = 0.75, where d^^is the afterbody maximum diameter. 

5-3.1.4 Necked-Down Centerbody 

The influence of a necked-down centerbody can perhaps best be illustrated by comparing the 
aerodynamics of a necked-down body with the same body with the necked-down portion shrouded. 
Wind-tunnel tests were conducted on a typical rocket with a necked-down centerbody both with and 
without a shroud over the necked-down portion. The model—actually flight hardware with the motor 
modified to form an adapter for the force-moment balance system—is show n in Fig. 5-23. Dashed lines 
indicate the position of the shroud. Fig. 5-24 (Ref. 13) shows variation of the normal force coefficient 
gradient curve, variation of center of pressure, and variation of axial force both with and without the 
shroud over the necked-down portion of the rocket body versus Mach number. The base drag has been 
subtracted from the axial force data shown in Fig. 5-24. Ref. 13 contains data for four necked-down 
centerbodies with a family of fins both in the folded and unfolded modes. From these and similar data, 
estimates can be made for the preliminary design of necked-down centerbody rockets. 

5-3.1.5 High-Fineness Ratio Body Data 

The trend in free rocket design is toward higher total fineness ratio^/(i bodies. There are distinct 
disadvantages and advantages to high tr/d < configurations which the rocket designer should consider. The 
disadvantages are that the higher the Ir/dfihe more susceptible the rocket is to the effects of body 
misalignments, bending is more likely to occur, and the effects of dynamic unbalance are magnified. 
Further, these effects are additive. 

High-fineness ratio tr/doodies have the advantages of high longitudinal moment of inertia and 
longitudinal pitch damping which tend to reduce oscillations during the boost phase. Further, high^/fi 
bodies permit the fins to be located forward of the base, thereby alleviating the plume effects on the fins. 
Also high tr/d bodies have high ballistic factors during the coast phase, which results in better 
performance and accuracy. 

Data trends for several bodies of revolution with total fineness ratio^/<i varying from 8 to 24 are 
presented in Figs. 5-25 and 5-26 (Refs. 6, 14, 15, and 16). The variation of the center of pressure for bodies of 
different fineness ratios is shown in Fig. 5-25. For example, at a Mach number of 0.8, note that the 8-cal 
body has a center of pressure of about 3 cal aft of the nose tip, and the 15-cal body has a center of pressure of 
about 4.6 cal aft of the nose tip. Keep in mind that the nose contributes most of the normal force. Fig. 5-26 
presents additional experimental normal force coefficient gradients and center of pressure for three bodies 
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having total fineness ratios tr/d' of 188.45, 19.4, and 24.0. The data presented in Fig. 5-26 were taken from 
Refs. 14, 15, and 16. 

5-3.2 STABILIZING DEVICES 

Stabilizing devices that have been used to some degree include planar fins, wraparound fins (WAF), 
ringtails, and flares. Each device is discussed in the paragraphs that follow. 

The various fin types used to stabilize free rockets include coplanar (two fins in the same plane) in 
multiples of two with four, six, eight, etc. , arrangements. Also included are WAF both tangentially—and 
perpendicularly —mounted triform and ringtail (ring) fins. Fig. 5-27 presents fin types in the most 
common arrangements along with other stabilizing devices. Fig. 5-28 presents nomenclature of typical 
rocket components. 

Thin profile coplanar fins, spaced evenly around the circumference of the rocket body, are generally 
used for free rockets. This type of fin configuration has the advantage of producing the maximum 
stabilizing moment with minimum weight and minimum axial force penalties. A further advantage is 
simplicity of design and thus relatively low cost. When space is limited, designs other than coplanar fins 
may be more suitable. For example, WAF can be stowed inside a limited diameter launch tube and, upon 
leaving the tube, open to provide their full projected planform fin area, and. accordingly, produce as 
much normal force as a cruciform arrangement. Induced roll is a characteristic of WAF and may prove to 
be a disadvantage. This same phenomenon also occurs with tangentially folded fins. Another 
disadvantage associated with tangentially folded fins is that the wing-body carryover (see par. 5-3.4.2) is 
lower than the wing-body carryover of a cruciform fin arrangement. 

Tangent fins can be swept back and provide a more rearward center of pressure and thus a longer 
moment arm. Further, tangentially folded fins, like other folded fins, can have a high aspect ratio that is 
particularly suitable for use on transonic to low supersonic free rockets. 

Projected fin area is the most important factor to be considered in fin design. Triform fin arrangements 
can provide adequate projected fin area with one less fin than a cruciform design and, therefore, may cost 
less and weigh less. Also triform fins may be more suitable than cruciform fins on certain rail launchers. 

When maximum overall diameter is a dominant design consideration, ringtails can be employed. A 
ringtail will produce, at both subsonic and supersonic velocities, approximately twice the restoring 
moment of an unfolded cruciform planar fin arrangement with equal total span and chord. Ringtails, 
however, are high drag devices. The drag penalty of the ringtail can be offset by a reduction in base drag for 
specific rockets having a fairly long sustainer burn time. At supersonic speeds the favorable interference 
between the ringtail and the jet plume serves to reduce the base drag. 

Flare-type afterbodies are also useful as stabilizing devices where overall diameter is a design 
consideration. These devices, which include both solid and split flares, are advantageous for tube 
launched, high acceleration, high supersonic speed rockets. From the previous discussion it is apparent 
that the choice of the type of stabilizing device must be based on the amount of stability required, specific 
application of the rocket, and the various design constraints. 

5-3.2.1 Fins 

5-3.2.1.1 Coplanar Fins 

The determination of stability characteristics for various fin configurations—such as WAF, tangent 
fins, and multiple fins—generally is based on a cruciform configuration in which two equally loaded 
coplanar fins are positioned in the horizontal plane. For estimation purposes, changing the roll 
orientation of the cruciform configuration does not alter its stability characteristics. The coplanar 
fins-two fins in the same plane-consist of twoexposed fins, or fin panels (see Fig. 5-29). A hypothetical 
wing joined by the two fin panels at their root chord. Cr^ determines the geometry and flow parameters 
affecting normal force and center of pressure. In other words, this hypothetical wing is used to determine 
governing geometric parameters such as aspect ratio AR, taper ratio A, and sweepback angle A. The fin 
reference area A^^ps also based on this hypothetical wing configuration. (The conversion of fin reference 
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area to configuration reference area is discussed in par. 5-3.4.1.) Fin stability values based on this 
hypothetical wing are then obtained from finite wing theory or from isolated wing experimental results. 
These values are then used for the two coplanar wings in conjunction with the rocket body to determine 
stabilizing effectiveness (see par. 5-3.4). 

Generally, two joined fin panels are used as the reference fin configuration throughout this handbook 
and in the sample calculation (see par. 5-3.4.5). There are two exceptions, however, in the handbook to 
using two joined fin panels as the reference fin. The first exception is in par. 5-3.4.3 in which fin-fin 
interference is discussed. The second exception is in the discussion of roll effectiveness in par. 5-3.2.1.3 
(Fig. 5-53) and roll damping in par. 5-4.2 (Fig. 5-103). 

Theoretical studies have shown the fin aspect ratio AR to be the dominant geometric factor governing 
the lifting characteristics of unswept wings or fins. The normal force coefficient gradient varies from 
7r(/4/?)/^ for a very low aspect ratio (approaching zero), to 27r for an aspect ratio approaching infinity. For 
subsonic Mach numbers, a simple correlation based on lifting-line theory (Ref. 17) gives 


(5-6) 


assuming that the section lift coefficient equal^TT and where 
AR = fi n aspect ratio, dimensionless 
/8 = \/|Mm l| , dimensionless 
Moo - free-stream Mach number, dimensionless 
Ac /2 ■= fin sweep angle at midchord position, deg. 

A variation of Eq. 5-6, plotted in Fig. 5-30, is valid for thin unswept or swept fins of any aspect ratio and 
for Moo <0.6. However, for low aspect ratio fins that are of primary interest to rocket designers, valid results 
can be expected up to Mach numbers approaching unity. Subsonically, the fin center of pressure may be 
assumed at 25% of the mean aerodynamic chord c measured rearward from the leading edge. 

The complex nature of transonic flow has precluded reasonably simple mathematical solutions for the 
flow field about fins, except in the case of thin fins with very low aspect ratios. The linearized slender-wing 
theory predicts that 


(5-7) 


Using transonic similarity laws and experimental data (Ref. 18), McDevitt obtained the correlations 
shown in Figs. 5-31 and 5-32 for rectangular planform fins. 

Linearized flow theory has been found to be an accurate means of predicting supersonic stability 
characteristics of thin-profile fins. Thickness effects are important, primarily when the Mach line—a line 
representing a Mach wave or a Mach cone, the cone-shaped shock wave generated by a sharp, pointed body 
such as a rocket while flying faster than the speed of sound—emanating from the leading edge of the root 
chord, lies close to the rocket body. Figs. 5-33 and 5-34 present linear theory normal force gradient curves 
versus Mach number for rectangular and delta fins, respective y. These curves were developed by dejong 
(Ref. 19). Ref. 20 presents charts, based on linearized theory, to estimate normal force coefficient gradient 
and center of pressure for swept leading-edge fins of arbitrary planform. Figs 5-35 and 5-36, respectively, 
are duplications of the generalized graphs from Ref. 20 for normal force coefficient gradient and center of 


* Mean aerodynamic cordcis the average chord which, when multiplied by the average section moment coefficient, dynamic pressure, and fin 
area, gives the moment for the entire fin. 
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pressure of various fin taper ratios A.. Fig. 5-36 provides reasonable estimates of center of pressure for the 
subsonic, transonic, and supersonic regions for fin planforms other than rectangular. 

The supersonic normal force coefficient gradient and center of pressure of rectangular planform fins as 
derived by linearized theory (Ref. 21) are presented in Fig. 5-37. These data are valid for PiAR) >0.5. 

A general presentation of linearized supersonic wing theory and aerodynamic estimation charts can be 
found in Ref. 22; the reader is referred to this work for fin planforms not covered by the graphs in this 
handbook. 

Using three-dimensional linearized theory, Gafarian and Phillips developed normal force and center- 
of-pressure data for a family of fins or wings (Ref. 23). These data are shown in Figs. 5-38 and 5-39 and 
apply to fins with no trailing edge sweep and with planforms ranging from rectangular to clipped delta to 
pure delta. These data are useful in determining the influence of taper ratio. 

Pettis (Ref. 24) showed that a straight line fairing lot values of the fin correlation parameter a„ 0 < a, < 
0..5, matched experimental data more closely than linear theory. This is illustrated in Fig. 5-40. 

Ref. 25 discusses the results of a wind-tunnel investimation to determine the aerodynamic characteristics 
of a series of triangular and clipped triangular fins (wings). Fig. .5-41 shows the fin geometry of the models 
that were tested. Figs. 5-42 and 5-43 show the effects of fin taper ratio A, Mach number A/dc and thickness 
ratio t/c on C’vt^nd X^p, respectively. Refer to Ref. 25 for further details. 

Very small aspect ratio fins, sometimes called strakes, sometimes can be used to achieve adequate static 
stability for tube-launched or other limited diameter rockets. Increasing the chord length is one method of 
increasing planform area—the major factor affecting lift at supersonic Mach numbers. However, 
increasing the fin chord forward results in a forward shift of the fin center of pressure, and there is a 
maximum chord length beyond which no further stability is gained. When this condition is reached, there 
may not be adequate stability; thus methods other than increasing chord length-such as multiple fins, 
WAF, or folding fins—must be employed. 

The aerodynamic characteristics of each rocket component must be referenced to the same common 
reference area as the missile body aerodynamics. 

The aerodynamic characteristics of fins must be referenced to the same reference area as the missile body 
aerodynamics. Relationships for converting fin data, which are referenced to fin planform area, to body 
reference are covered in par. 5-3.4.1. 

5-3.2.1.2 Wraparound Fins and Tangent Fins 

Both WAF and tangential fins appear suitable as stabilizing devices for tube-launched free rockets. Both 
types of fins have approximately the same stabilizing efficiency as coplanar fins with the same planform. 
Both WAF and tangential fins have induced roll moment variation with Mach number which is affected by 
a number of parameters. The technology is much more advanced for the WAF due to an intense research 
program carried on between 1971 and 1976. This research is summarized in Ref. 26. 

The stabilizing effectiveness of both WAF and tangential fins is compared with flat (coplanar) fins in 
Fig. .5-44 taken from Ref. 27. Shown is the center of pressure of the various fins in combination with a 
typical rocket body {i/d = 9.06^xcept for the reduction in the transonic peak, the (X(-p)plocation-the 
location of the center of pressure of the fin measured downstream of the fin leading at the root chord—for 
the tangential fins and WAF compared favorable with the coplanar fins. 

The normal force coefficient gradient and center of pressure for WAF and flat (coplanar) fins in 
combination with a 10-cal body are shown in Fig. 5-45 (Ref. 26). There is good agreement among the 
various fin types throughout the Mach number range. 

Both WAF and tangential fins have self—induced roll moments at zero angle of attack. In general, a 
change in algebraic sign occurs for roll moment at transonic speeds. For the WAF, the self-induced force is 
toward the center of cut curvature of the WAF (outward from the rocket body) at subsonic speeds and away 
from the (enter of curvature at supersonic speeds with the crossover occurring at — 1 (Refs. 28 and 29). 
For the tangential fins. The subsonic roll force is in the direction of the cuspformed by the fin and the body 
with a roll reversal for supersonic speeds. There are various changes in geometry which can affect roll 
moment characteristics. For example. Fig. 5-46, Ref. 27. illustrates the change in the roll moment 
coefficient C;^. iwhen the leading edge sweep angle varies from 0 deg to—5 deg. The effect of sweepback angle 
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and roll position on Cf for high aspect ratio tangential fins is shown in Fig. 5-47 (Ref. 30). This figure 
shows the roll moment at two Mach numbers. For more complete information, including data for other 
Mach numbers, see Refs. 26, 29, and 30. 

Fig. 5-48 (Ref. 26) shows the effect of Reynolds number on the roll moment characteristics of WAF. For 
the step-down body (step-down more realistically simulates flight hardware hinge recesses), there is a 
double crossover in the direction of self-induced roll forces. If there is a step-up at the body base for the 
step-down body, the roll moment has the same characteristics as that for WAF with a smooth body. The 
effect of fin geometry and fin-body gap is shown in Figs. 5-49 and 5-50 (Ref. 26) fora = 0 and t/cr^ = 3 %— t 
is the fin thickness, and Cr^is the root chord length. 

The effect of WAF closing angle on stabilizing effectiveness is shown in Fig. 5-51 (Ref. 26); the effect of 
WAF opening angle on rolling moment is shown in Fig. 5-52 (Ref. 26). 

5-3.2.1.3 Fin Roll Effectiveness 

It is desirable sometimes to impart an aerodynamic roll torque to give the desired roll rate during flight. 
Roll torque usually is accomplished by differentially deflecting (or canting) opposing fin panels. Shown 
in Fig. 5-53 is the roll moment-effectiveness coefficient developed from slender-wing theory by Adams and 
Dugan (Ref. 31). The effectiveness coefficient is the roll moment coefficient Cf, normalized by aspect ratio 
AR, and is based on wing (fin) planform area. Both the aspect ratio and area include the hypothetical 
extension of the fins through the body. Shown in Fig. 5-54 is the roll moment coefficient C( for WAF at 
various cant angles d (Ref. 26). The roll moment coefficient for this figure is based on body cross-sectional 
area. 


5-3.2.2 Flare-Type Afterbody 

For tube-launched rockets there is often a requirement that the diameter of aerodynamic stabilizing 
surfaces be not more than the inside diameter of the launching tube during launch phase. Conical 
nose-cylinder configurations with flare-type afterbodies satisfy this requirement. Further, flare-type 
afterbodies have some advantages over other stabilizing devices that are suitable for a tube-launched, high 
acceleration, supersonic rocket. As noted earlier in par. 5-2, solid flares are more effective than fins as 
stabilizing devices at high supersonic Mach numbers. Also a solid flare is an effective device for inhibiting 
the onset of the adverse effects of an underexpanded rocket plume of static stability. 

The slender-body prediction for the incremental normal force coefficient gradient of a solid-flared 
afterbody in subsonic flow is 


= 2 



, rad ' 


(5-8) 


and the center of pressure, expressed in terms of flare length, of the normal force increment is 
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where 
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[{Xcp)fl/tf,]fl 


Afi 


incremental normal force coefficient gradient of a solid-flared afterbody in subsonic 
flow, rad' 

center of pressure of normal force increment of a solid-flared afterbody in subsonic 
flow, expressed in terms of flare length, dimensionless 
cross-sectional area of base of flare, m^ 
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{Xcp}/i = axial distance from cylinder-flare juncture to flare center of pressure, m 
ifi = total flare length, m 
dfi = flare maximum diameter, m. 

The most important geometric parameter is the ratio of forebody cylinder diameter to base diameter. Flare 
angle and Mach number do not influence the flare normal force within the limitations of the slender-body 
assumptions. To a limited degree, the experimental data of Ref. 12 verify this trend at transonic Mach 
numbers and for flare angles of less than 8 deg. 

The actual normal force contribution of flared after-bodies is shown by other theories (Refs. 13 and 14) 
and by experimental results to be influenced by flow conditions for-ward of the flare as well as by flare angle 
and length. Also, large flare angles—greater than about 10 deg—are known to cause flow separation at the 
cylinder-frustum juncture, which alters considerably the local normal force loading in this region. Precise 
estimates of the flared-afterbody stability contribution must consider the complete upstream flow field, 
including boundary layer characteristics. 

For preliminary design estimates, however, the incremental normal force coefficient gradients pre¬ 
sented in Figs. 5-55 through 5-59 are considered adequate. These data were computed from linearized 
potential flow theory and correlate fairly well with the experimental data presented in Ref. 15. 

For values of d^/d > 1.5, the location of the center of pressure of the incremental normal force, as 
predicted by slender-body theory, varies from approximately 50% to 66% of the flare length aft of the flare 
leading edge. The use of 60% for flare geometric variations within the parameters of the investigations 
described in Refs. 12 and 15 is, therefore, consistent with the overall experimental accuracy. The 
combination of data in Figs. 5-55 through 5-59 with cone-cylinder or ogive-cylinder forebody data derived 
from par. 5-3.1.1 should provide overall normal force coefficient gradients within +10% and center-of- 
pressure locations within +0.5 cal. 

The preceding discussion was restricted to solid flares. An alternative to solid flares is a split-petal flare 
that can be folded into a cylindrical shape while in the launch tube and expanded into a split flare upon 
leaving the launcher. Split flares can meet launcher restraints and may satisfy aerodynamic requirements 
as well. 

There are two primary geometric differences between the split flares and solid flares, and the effects of 
these differences are qualitatively easy but quantitatively difficult to predict. First, the split flares have less 
surface area than solid flares of the same length and diameter. Intuitively, the effect of this difference would 
be reduced stabilizing effectiveness for the split flare but not a reduction equal to the surface area ratio 
because of petal-to-petal interference. Second, the split flare probably would not inhibit the onset of 
afterbody flow separation due to an under-expanded jet plume as well as the geometrically similar solid 
flare because of the high base pressure feeding up through the splits in the afterbody. However, as a 
practical matter, the effectiveness of split flares and solid flares should not be compared on a similar 
external geometric or surface area basis. Whereas the solid flare is fixed by the diameter of the launch tube, 
the opening angle of the split petal is not restricted. Because of the three-dimensional nature of the flow 
about the split petals, it is difficult to separate the flow on the face of the petals: therefore, they are effective 
up to ramp angles of 20 to 30 deg, especially at supersonic speeds. 

Ref. 16 contains basic longitudinal stability coefficients for a 3-cal tangent ogive nose, a cylindrical 
afterbody, two solid-flare after-bodies, and foul split-flare afterbodies. These experimental data were 
obtained for Mach numbers of 0.70, 1.05, 1.2.5, and 1.10. Some effects of rocket plumes are included. The 
data in Ref. 16 can be used for preliminary design estimates for nose-cylinder configurations that use split 
petal flares for longitudinal stability. 

5-3.3 RINGTAILS 

As noted in par. 5-3.2, coplanar fins are used unless them is a special case requiring a ringtail. A 
convenient way of presenting the comparison between ringtails and planar fins is by the use of the 
parameter (a,),^, the ratio of the gradient of the line cormecting the equivalent planar fin leading edge tip 
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and root trailing edge to the Mach line gradient. Fig. 5-60 shows ringtail geometry for nine different 
configurations. The variation with a, of ringtail ACn„ to planar fiiACv™ ratio (which includes fin-body 
interference) is shown in Fig. 5-61. The minimum values of the normal force ratio occur at approximately 
the same value of (a,),g= 6(B — 1 )/(2C) for the various configurations. 

The strong similarity in the variation of normal force ratio with (aj^^for such a wide variation in 
geometry and Mach number suggests that supersonic linearized planar wing theory may be useful in the 
analysis of ringtail aerodynamics. Generally, the most forward ring position has the lowest value of the 
ringtail normal force coefficient gradient (Cva );except for Mach numbers greater than those for which the 
Mach line does not impinge upon the body surface. This is illustrated in Fig. 5-62. 

Fig. 5-63 shows the effects of chord, leading-edge ringtail diameter, and longitudinal position of the 
ringtail on (CN„)rg. It is obvious that additional lift, i.e., a larger (Cva)rg, is obtainable with ringtails by 
increasing either the chord or diameter. 

Data for a family of longitudinal strut-supported ringtails (Fig. 5-64) are shown in Fig. 5-65. A more 
complete treatment of ringtail aerodynamics is contained in Refs. 32 and 33. 

5-3.4 STATIC STABILITY OF COMPLETE CONFIGURATIONS 
5-3.4.1 General 

In the preceding paragraphs consideration has been given to the prediction of force and moment 
characteristics of individual free rocket components. When the force and moment characteristics of the 
complete configuration are computed, two major factors must be considered: 

1. The data for the individual components maybe summed for the total only if a consistent set of data 
is used. 

2. Certain interference effects must be taken into account when the components are joined to form the 
complete configuration. 

The first factor concerns equatability between the force and moment coefficients—i.e., the force 
coefficients must be reduced on a common reference area, and the moment coefficients must be reduced on 
a common reference area and length as well as a common reference point. 

To explain further, the aerodynamic normal force coefficient gradient Csa for small values of (x is 
defined as 


^ N j-i 

CNa =--—, rad 

CJooAref 


(5-10) 


where 

N — normal force, N 

qoo = 0.5poovl>, free-stream dynamic pressure, Pa 
Voo = free-stream velocity , m/s. 


Thus the unit of measure for CVa simplifies to units per radian for a measured in radians (representing a 
gradient). C^a is sometimes presented in units per degree, which can be converted to radian measure by 


CNa 

deg 


57.3 


deg 


rad 


= Csa, rad 


-1 


(5-11) 


Either radian or degree units may be used; however, the units for all coefficients must be consistent. 
To illustrate, assume we have obtained the following data: 

1. Body aerodynamic normal force coefficient gradient 

{CNa)b= 2.0/rad with A,^,equal to body cylindrical cross-sectional area A^^j. 

2. Fin normal force coefficient gradient 

{CNa)F = 0.06\deg with A,^,equal to exposed fin planform area Sf^. 
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First, convert (C/Vq)^ i to radian measure, i.e.. 


Next, select a common reference area—usually the body cylindrical cross-sectional area is selected—as 

ref ~ -^cyl- 

Therefore, 

iCNa}b — 2.0/rad (based on body cylindrical cross-sectional area) 

/ A cyl 1 

(CNah = 2.0/rad - (based on common area Are/) 

\ I 

(CnJf = 3.44/rad (based on exposed fin planform area SfJ since Are/ = Acyi 

I \ 

(Cjv„)/r = 3.44 - (based on common area Are/). 

( ^re/ I 

(Note that for the generally used cruciform fin configuration, Sf^, consists of the two joined exposed fin 
panels in the horizontal plane.) 

The total (sum of body and fin) normal force coefficient gradient (C/^„)r is then expressed as 

(CnJt = iCNa)b + {CNa)F 


= 2.0 + 3.44 


A ref 


I, rad 


(5-12) 


and the reference area for the total coefficient. (CAro)r is Aref- 

The aerodynamic pitching moment coefficient gradientCm^ is defined as follows for small values of a: 


Crria 


X 


cp 


m 


i^ref I CfccAre/f^refOt 


, rad 


-1 


(5-13) 


where 

m = pitching moment, NZm 

Xcp — axial distance from reference point to center of pressure, m 
a — angle of attack, rad. 


As previously explained, radian or degree measures may be used. A comparison of the expressions for 
Cma and Cnq ' indicates that, in addition to a common area reference, the moment coefficient must be 
reduced' on a common reference length and a common reference point. 

To illustrate, assume we have obtained the following data concerning the configuration shown in the 
following sketch: ^ 
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{CNa)b = 2.0/rad, based on - 


Trd 


I 9 \ . 

(Xcp)b = \ — \(f„m 

3 


{CNa)F = 3.0/rad, based on 


na 


{Xcp)l 


= 0.5 (in root chord lengths). 


First, a reference length tte/ and a reference point must be selected—usually the body diameter and nose of 
the body, respectively, are selected. Then, when 


Tva 

Aref— -, tref— d, and reference point = nose tip, 

4 


from Eq. 5-13 


{Cn,,)b = 2 



rad *. 


(5-14) 


When 



and reference point 


junction of 


fin root chord and body surface. 


from Eq. 5-13 


(Cn,„)f — {CNa)F 



, rad 

F 


(5-15) 


However, if the Uef > and reference point are changed, i.e., Itef = d and reference point = nose tip, then 
from Eq. 5-15 and sketch 


{Cma}F 


3.0 j 

1 4 + ^id + 

(Xcp)f 

Cfg 




K 


rad ’. 


(5-16) 


Now, since both moment coefficients have a common reference area= 7rd^/4, reference length 
t/fef — d, and reference point = nose tip, we can write (Cma)r 


(Cmjr = (Cma)b + (Cmjf, rad ’ 

or we can write, substituting from Eqs. 5-14 and 5-16, 


(5-17) 
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(Cma)T 


2.0 





{Xcp)f 

' 

2 \| 

1 ^ \ 1 o r> 


3 |l 

- -T 3.U ' 

( ; j 

d 


, rad 


-1 


The total center of pressure (X^p)- may be found as 


(Xcp)r — d 



, m 

T 


(5-18) 


(5-19) 


measured rearward from the nose tip or by rearranging Eq. 5-19 the total center of pressure expressed in 
body diameters (or calibers) is 


\ _ I , dimensionless 

d L \ Cno, /t 


(5-20) 


measured rearward from the nose tip. 

The foregoing has treated the procedures that can be used to assure that component data are referenced to 
the same base and are thus consistent. It is also necessary when designing a rocket to use a realistic center of 
gravity, i.e., the point about which a free rocket rotates when subjected to a disturbance. A convenient 
reference point is the nose tip of a rocket, and the center of gravity an dth ecenter of pressure can be 
referenced to this point. Further, the normal force of nose cylinder configurations is positive, and since the 
nose is the major contributor, the center of pressure is forward of the center of gravity. Thus the body has a 
destabilizing moment that must be offset by the stabilizing effects of the tail. The static margin as discussed 
in par. 5-3 is expressed (Eq. 5-1) as 


c 




XcG Xcp 


Cn„, rad \ 


A rocket is statically stable if the algebraic sign of is negative; therefore, the center of pressure must 
be aft of the center of gravity and the algebraic sign of^^“. must be ositive. Fig. 5-2 clearly illustrates this. 

The second major factor to be considered concerns the fin-body and fin-fin interference effects which are 
discussed in pars. 5-3.4.2 and 5-3.4.3, respectively. 

5-3.4.2 Fin-Body Interference 

When fins are attached to a body of revolution, interference effects increase the normal force over that of 
isolated fins. This interference effect is particularly important for low aspect ratio fins in which the fin 
span is approximately equal to the body diameter. 

The presence of a cylindrical afterbody induces an increased local angle of attack along the fin span. If 
the nose effects are neglected, a reasonably accurate prediction of the upwash distribution in the horizontal 
plane is given by Beskin (Ref. 34) as 


dimensionless 


(5-21) 


where 

a = angle of attack, rad 
tto — body angle of attack, rad 
r = body radius, m 

y = lateral distance from body centerline, m. 
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If we use the approach of Ref. 35 based on slender-body theory, the ratio of the fin normal force gradient 

{CNa)F{b) in the presence of a body to the fin normal force gradient (CN^poi an isolated fin is 


Kpib) — 


{CNa)F{b) 

iCNa)F 


dimensionless 


2 





|-| + 2Tan"' 


dimensionless 


(5-22) 


where 

Kpib) = fin-body interference factor, dimensionless 
d = body diameter (rocket diameter), m 

b = fin span, m (Total span includes body; see insert Fig. 5-69(A)). 


The primary parameter is seen to be the ratio of fin span b to body radius r. Although a more precise 
analysis would show dependence on Mach number, fin planform, and location of the fin on the body, the 
slender-body result will give adequate preliminary design estimates of the ratio Fig. 5-66 presents 
Kp,p) as a function of d/b. 

Additional normal force is produced on the cylindrical body adjacent to the fins by carryover to the body 
of lifting pressure distribution on the fins. Subsonically, the method for determining this carryover by 
slender-body theory is 


Kb{F) — 


{CNa)b{n 

{CNa)F 




— Kpib), dimensionless 


(5-23) 


where 

(CN„)i>(F) = body normal force gradient in presence of a fin, rad ' or deg’* 

Kb(F) = body-fin interference factor, dimensionless 

for values of M<*. < 1. Fig. 5-66 presents Kb(F) as a function of d/b. 

Contrary to the case for subsonic Mach numbers, fin planform and Mach number are important 
parameters in determining the supersonic fin carryover normal force to the body. The ratio of carryover 
normal force to the isolated-fin normal force Kp^pps determined adequately by the method of Ref. 35. This 
method, based on slender-body theory, integrates the carryover pressure distribution over the region 
defined by the Mach cones—the cone-shaped shock wave generated by a sharp-pointed body, as at the nose 
of a high speed aircraft or missle—emanating from the root-chord leading edge and trailing edge as shown 
in Fig. 5-67 (Ref. 35). 

If the fin trailing edge is located flush with the body base, as is the case in many rocket designs, the body 
area influenced by fin carryover pressures is restricted to that defined by the Mach cone from the root-chord 
leading edge and the body base. Values of the ratio Kp^^are presented in Fig. 5-68 for configurations with 
no afterbody and with an afterbody. The curves of Fig. 5-68 represent more refined estimates than those 
presented in Fig. 5-66. 
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A second method of estimating total fin-body interference for all Mach numbers and unswept fins (O < 
P(AR) < oo) was developed by Morikawa (Refs. 36 and 37). I bis method gives the total interference Kr 'ds 

Kt = Kfib) + Kb{F)^ dimensionless (5-24) 

only when the trailing edge of the fin is unswept and flush with the base. Fig. .5-69 presents the total 
interference /kr = C/v„/(Cv„)f (ratio of fin CAa with interference to basic “isolated” fin), as a function of 
fin to body gecjmetry, Mach number, and taper ratios from 0< a, m < 1. (a, and rn are defined in Fig. 5-69.) 
This method generally is easier to use when compared to that previously presented and gives preferred data 
if the configuration being analyzed meets the stated restrictions. 

Fig. 5-70 (Ref. 38) presents a convenient way of estimating the normal force curve gradient plus the 
fin-body interference effects for fin-bed}' combinations with the trailing edge unswept and flush with the 
rocket base for various values of aspect ratio and exposed fin semispan. The data can be used for estimates 
from Moo = 0 up to transonic speeds by usi ng the Pran dil-Glaurei compressibility factor whic h indicates 
that Civ„ varies approximately inversely as 11 — Afi }. Fig. 5-28 presents pertinent geometric information 
to be used with Figs. 5-70 and 5-71. 

Ref. 38 also contains center-of-pressure data for a family of fin-body combinations for various values of 
aspect ratios and exposed semi span. Fig. 5-71 presents these data for exposed fin taper ratios of 0, 0.25, 0.50, 
0.75, and 1.0. 

The influence of roll angle on fin-body interference was investigated by Pettis (Ref. 24). A small 
decrease in CVa, approximately 6%, was observed for the 4-fin configuration rolled 45 deg from the initial 
position (Fig. 5-72). However, the 8-fin configuration data exhibit essentially no change with roll (Fig. 
5-73). It can be assumed that the influence of roll angle on fin-body interference can be neglected for 
preliminary design purposes. 

Fin-body interference for WAF fins is the same as that for flat cruciform fins (Ref. 29). Further, the 
estimation of the fin-body interference for tangential fins should be treated similarly. Fig. 5-44 presents a 
comparison of the stabilizing effectiveness of WAF with flat (coplanar) fins and tangential fins with flat 
(coplanar) fins. The stability margin for tangential and WAF compares favorably with that for coplanar 
fins except for the reduction in the transonic peak region. 

5-3.4.3 Fin-Fin Interference 

Cruciform fins—four fins equally spaced around the body circumference-are the most common means 
of stabilizing free flight rockets. In most cases, this configuration provides the highest ratio of restoring 
moment to axial force. The data previously presented will permit the prediction of force and moment 
characteristics of this configuration. However some designs may require more than four fins to obtain the 
necessary restoring moment. This could be particularly true for a configuration that was span limited, 
with a center of gravity located farther aft than normal. The information that follows will permit 
reasonably accurate estimates for certain multifirmed configurations or plan forms and also will serve as a 
guide in estimating the force and moment characteristics of other planforms. 

The slender-body theory predicts that, at subsonic speeds, the ratios of the normal force coefficient 
gradients for six and eight fins (equally spaced around the body circumference) to the gradient for twin fins 
(four fins, 2 equally loaded) are 1.37 and 1.62, respectively. Thus for speeds from subsonic up to sonic, the 
following relations are expected to apply: 


( C'Na)6-j'ms 


(C.VQ)4-/ms 


1.37 


and 


((^.Vo)4-/ms 


1.62 
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where (C 7 Va) 4 -/inSan be determined from methods previously presented, and the center of pressure may be 
assumed at 25% of the mean aerodynamic chord length c measured from the fin leading edge. 

At supersonic speeds, shock waves from the leading edge can be expected to impinge on adjacent 
surfaces and cause considerable fin-fin interference. Wind-tunnel tests (Ref. 39) on a series of clipped-delta 
planforms were conducted, and a correlation parameter I was determined by 

I = - ^ -, dimensionless (5-25) 

^dsin{iT/n) 


where 

Cr^ = e xposed r oot chord length, m 
= \/Mi> — 1, dimensionless 
d = body diameter, m 
n — number of fins, dimensionless. 

The parameter I is shown as the abscissa in Fig. 5-74. The ordinate represents the value ofCjv„ based on a 
dimensionless expression 


(XeffSe/f 

OcSFg 


which is a function of the number of fins n in accordance with the following table of values: 


No. of Fins n 


OteffSeff/(otSFg) 


4 

6 

8 


1.63 

2.43 

3.24 


where 

deff = average effective angle of attack for all fins of a tail assembly averaged over a roll cycle 0 < ^ 
< 7r/n, rad or deg 
a = angle of attack, rad or deg 

Seff = average effective area projected in a horizontal plane of all fins in a tail assembly averaged 
over a roll cycle 0 < j/f < ir/n, m^ 

Spg — exposed fin planform area (two fins joined at root chord) of all fins in a tail assembly, m^ 
\Jj = roll angle of tail assembly measured from the vertical, rad or deg. 

The effective normal force coefficient gradient (C^ajrcan be obtained by adjusting for the average effective 
angle of attack ae//and the average effective fin area Se//, i.e.. 


(CNah — (CNa)r| 
= {CNa)T 


Are/ 


a I 

1 \ 

««/// 

\ Seff 1 

'd^\ 

I Sr, 


1 Seff 


1-1 


(5-26) 


Thus, data for a multifinned configuration may be obtained by computing the parameter I by Eq. 5-25, 
entering Fig. 5-74 at this value of 7, and reading {CNa)F for the appropriate Mach number. Then, 
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multiplying the value of (Cyv„)iby the appropriate value of af/jrSp///(a.SffX)dependent on number of fins) 
yields the total fin contribution based on a reference area equal to the exposed planform area of one fin 
panel. 

Pettis, Ref. 24, modified the fin-fin interference parameter I of Ref. 39. An examination of the geometry 
in Fig. 5-75, relative to the interference parameter I — y indicates that I is not a function of span since t is 
the distance between the adjacent root chords. Pettis took the value of t — labeled t '—as the distance 
between the adjacent tip chords. The modified fin-fin interference parameter- 1', with the new length t' , is 
defined as 

r = - = -, dimensionless (5-27) 

t' P{d -f be)sin{7r/n) 

where 

y' = lateral distance from body surface, m 
t' ~ distance between adjacent fin tip chords, m 
be ~ exposed fin span, m 
Cr^ = exposed root chord, m 
n = number of fins. 


The correlation results are shown in Fig. 5-76 which presents > )3(C^alr versus/'. The (C//„)r data were 
obtained in wind-tunnel tests using a model with a 4-cal tangent ogive nose with an 8-cal cylindrical 
afterbody and a family of low aspect ratio rectangular fins. Fig. 5-77 depicts the geometric characteristics of 
the fins. An apparent correlation with span exists which may or may not hold for much larger or smaller 
span/diameter ratios. 

Fig. 5-78 is a faired center of pressure versus interference parameter I for the data presented in Ref. 24. 
Notice that the center-of-pressure data are presented as the percentage of chord measured from the trailing 
edge, thus labeled [(X(-p)f],^. 

When the value of I is less than unity, the Mach cone emanating from the leading edge of one fin does not 
impinge on adjacent fins. Therefore, the ratio of the multifin normal force coefficient gradient to the 
twin-fin gradient (four fins, two equally loaded) is a function of the number of fins only and can be written 
as 


(C';VQ)6-/ins 

(f>Nft)4-/ins 


1.50, for/< 1 


and 


(C.Va)8-/ins 

(C>^Q)4-J'ins 


= 2.00, for/< 1 


and the 4-fin data may be computed by methods previously presented. 

The preceding discussion concerned 2-, 4-, 6-, or 8-fin bodies. However, as noted in par. 5-3.2, triform 
fin arrangements may prove useful for some purposes; therefore, fin-fin interference should be considered. 
If we assume Eq. 5-26 is applicable for triform configurations, interference effects will be less than that for 
four or more fins. Also, when triform fins are unsymmetrical in the pitch plane, there are induced side 
forces. These forces are not due to fin-fin interference; they are caused by local flow conditions. 

5 - 3 . 4.4 Stability Tailoring 

The accuracy of unguided or free rocket can be improved by flying with an optimum static stability 
margin. For most trajectories it is undesirable to have a large stability margin early in the trajectory. A 
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crosswind, or wind component normal to the desired flight path, results in an effective angle of attack of 
the rocket with the relative wind and causes a statically stable rocket to "weather vane" or turn into the 
resultant wind so that it is driven upwind of the target during the boost stage. Fig. 4-5 illustrates this effect. 
On the other hand, during the ballistic phase, a statically stable rocket subjected to a crosswind will 
"weather vane" but will drift downwind of the target. This effect is illustrated in Fig. 4-8. 

The more stable the rocket, the greater the aerodynamic moment caused by the crosswind and the 
quicker the rocket aligns with the resultant wind. For a given crosswind, the resultant angle of attack is 
greater early in flight while the forward velocity is still relatively low. From this point of view, it is 
desirable to keep the static stability margin small, especially during the subsonic and transonic portions of 
the flight. Unfortunately, the typical fin-stabilized rocket inherently has a maximum peak in stability 
margin near Moo = 1. The ability to reduce or to eliminate this transonic stability increase is highly 
desirable and is an important requirement in stability margin management. 

Most of the transonic stability increase is due to the fins used to stabilize the vehicle. The stability of a 
fin-stabilized rocket is a function of the fin normal force and center of pressure. Generally, the best 
planform for accomplishing a reduction in the transonic stability margin is the low aspect ratio 
rectangular planform. The lower the aspect ratio, the lower is the transonic rise in normal force. Figs. 5-31 
and 5-32 clearly illustrate this. 

There are occasions in rocket design, however, when the lower aspect ratio cannot be tolerated at the 
extremes of the flight Mach number regime. For these cases, higher aspect ratio fins may be required than 
are desirable at transonic speeds. When trade-offs between fin aspect ratio and fin area give unsatisfactory 
transonic static margin, other methods of reducing the transonic fin lift maybe desirable. One method of 
doing this is to use more than four multiple fins (Ref. 24). The use of multiple fins, however, may be 
precluded by the increase of cost and structural complexity, and multiple fins may cause undesirable 
weight penalties. See par. 5-3.4.3 for a more complete discussion on multiple fins. 

Another method of decreasing the fin lift is to allow bleeding between the fin root chord and the body 
surface through fin-body gaps and thereby to allow equalization of fin-body interaction pressure. Dahlke 
and Pettis (Ref. 40) conducted a thorough investigation of the effects of fin-body gaps on the normal force 
effectiveness of several fin planforms at Mach numbers of 0.8 < Mao < 5.0. It was determined that fin 
effectiveness is reduced significantly by adding streamwise gaps between the fin and body of rocket 
configurations. The largest reduction of fin effectiveness occurs at the transonic and low supersonic Mach 
numbers, which tend to flatten the (Cn^ ) versus Mach number variation. Further, small gaps cause a large 
reduction in fin effectiveness; larger gaps cause a lower rate of change in effectiveness reduction. Fig. 5-79 
(Ref. 41) illustrates these effects for one fin-body configuration with four different fin-body gaps. 
Additional fin effectiveness data for other rectangular and delta planforms are contained in Refs. 40 and 41. 

The static margin for rockets with high thrust/high acceleration may be dominated by the effects of 
rocket-motor-plume-induced boundary layer separation. This phenomenon may well be one of the most 
useful tools for stability tailoring. Fig. 5-80 (Ref. 42) shows stability characteristics for a typical rocket with 
and without plume effects. Note that the center of pressure moves forward by more than four calibers 
during the all-important power-on transonic regime; however, X^p/d is fairly constant in the transonic 
region of coast. An in-depth discussion of plume effects on aerodynamic characteristics is presented in par. 
5-3.5.2. 

Forward surfaces—canards, fixed wings, or fins—located just downstream of the center of gravity can be 
used as downwash generators and thus can be an effective device in tailoring stability. Fig. 5-81 (Ref. 43) 
shows the variation of center of pressure versus Mach number and illustrates that the transonic peak can be 
reduced. Adding downwash generators will increase the total normal force, which may be undesirable. 
However, if the pitching moment can be reduced during the critical transonic portion of flight, then 
downwash generators may be acceptable devices to use for stability tailoring. 

Other devices useful in static margin management are end-plated fins and double-delta planforms (see 
Fig. 5-27). 
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5-3.4.5 Sample Calculation Sheet 

Since the trend for artillery-type free rockets is toward high total fineness ratio configurations, a 
24-cal body having a 3-cal nose was selected for the sample calculation. A review of several preliminary 
design studies at the US Army Missile Command indicated that realistic values of center of gravity would 
be as follows: 

1. Initial CG = 11.33d aft of nose 

2. Burnout CG = 9.58d aft of nose. 

Low aspect ratio cruciform (4) fins of rectangular planform with trailing edges flush with the base were 
selected to conform with stability tailoring criteria (par. 5-3.4.4). Additional fin area maybe required if the 
stability tailoring devices mentioned in par. .5-3.4.4 are used. At end of boost (burnout) free-stream Mach 
number of 3.5 was assumed. It was also assumed that boost acceleration was not high enough to result in 
rocket plume effects on stability (see par. 5-3.5). 

As a general rule, experimental data should be used for body-alone aerodynamic coefficients where 
available. Analytical methods are not available for the transonic range and do not appear to account 
correctly for afterbody length at all Mach numbers. For the sample calculation, transonic body data were 
obtained from Fig. 5-26. Supersonic data were guided by data from Fig. 5-15 and extrapolations of the 
correlations of Figs. 5-4 and 5-5. Estimated coefficients for the sample body are shown in Fig. 5-82. Also 
shown for comparison are values obtained using the second-order shock expansion method (see Ref. 44). 

Since a rectangular fin with trailing edge flush with the body base was selected, information from Refs. 
18 and 23 was convenient to use for transonic and supersonic speeds (see Figs. 5-31,5-32,5-38, and 5-39). 
An interference factor for subsonic and transonic speeds was obtained from Ref. 35 (see Fig. 5-66). Low 
subsonic speed fin data that include interference effects were obtained from Ref. 38 (see Figs. 5-70(E) and 
5-7 1(E). A straight-line fairing was used for the supersonic fin normal force where ^ 0.5 as suggested in 
Ref. 24 (see Eig. 5-40). 

All configuration dimensions are shown in body diameters (calibers) for convenience. A fin chord of 
c = 2 cal was selected. Exposed fin span be was varied until a static margin of about one caliber was 
obtained with an exposed fin semispan of by2 = 0.32 cal. Afterbody geometry and design data are 
presented in Eig. 5-83. The total configuration and final estimates of aerodynamic coefficients are shown 
in Eig. 5-84. The sample calculations are shown in Tables 5-1 and 5-2. 

5-3.5 ROCKET PLUME INTERACTION 

The trend toward short burning time, high acceleration free rockets introduces an additional dimension 
to free rocket design. The resulting highly underexpanded jet plume has an effect on the flow 
characteristics on the rocket just ahead of the base. In this region either flow separation or a change in the 
flow field causes a loss in local normal force slope which can adversely affect the Longitudinal stability and 
cause a serious reduction in fin roll effectiveness. 

On the positive side, plume interference acts to reduce the large, stable transonic pitching moment 
associated with free rocket configurations. This plume effect gives the free rocket designer an opportunity 
to tailor the static stability margin variation with Mach number in a manner that can significantly reduce 
wind sensitivity during boost (see discussion in par. 5-3.4.4). 

5-3.5.1 Definition of Problem 

A better understanding of jet plume effects on rocket stability may be obtained by being aware of the 
characteristics of base pressure pt,. Base pressure is the pressure present in the separated flow region behind 
rearward-facing steps, blunt bodies, or the blunt trailing edge of tu'o-dimensions] wings. As the flow 
passes the base, it contracts and tends to mix with the dead air and, acting like a suction pump, reduces the 
pressure at the base. When a central jet is added to the rocket base, the base flow is more complicated, and 
the base pressure is influenced by many factors. 

Generally, the effect of the central jet at low levels of thrust is to reduce base pressure below the jet-off 
value and then to increase p^as thrust is increased. As the thrust increases to a level where p^becomes 
positive, the flow on the body immediately ahead of the base is affected. . 

The ratio pbjp ^—commonly referred to as base pressure ratio—of base pressure pAo free-stream static 
pressure p® is, therefore, a good indicator and predictor of the presence of adverse plume effects on free 
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TABLE 5-1 

FIN SELECTION AND CALCULATION OF SUPERSONIC 
STABILITY COEFFICIENTS’^ 
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TABLE 5-1 (cont'd) 
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TABLE 5-1 (cont'd) 
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TABLE 5-1 (cont'd) 
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TABLE 5-2 

CALCULATION OF SUBSONIC AND TRANSONIC STABILITY COEFFICIENTS’^ 
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TABLE 5-2 (cont'd) 
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TABLE 5-2 (cont'd) 
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rockets. The thrust coefficient C^is a convenient parameter for relating thrust to the flight environment of 
the free rocket and is also used as a parameter for correlating base pressure characteristics. The thrust 
coefficient C^^is given 


Ct = 


T 

CJ CO A ref 


dimensionless 


(5-28) 


where 

T = thrust, N 

q<x> = free-stream dynamic pressure, Pa 
A,ef = aerodynamic reference area, m^. 

(The relationship of pb/pwi^ C^at lower levels of thrust is discussed in detail in par. 5-5.3.2.) Shown in 
Fig. 5-85 is the variation of /t>fc//?owith C^for high thrust levels. Part of this figure is taken from Fig. 5-150 
in which at sustain thrust levels, free-stream Mach number Moo, jet exit half angled/, and nozzle exit to base 
diameter ratio d/d^, (dj = nozzle exit (jet) diameter, db= rocket base diameter) have little effect onpb/poc 
(other than that accounted for by C^r)- 

For the high thrust data shown in Fig. 5-85, base pressure p^ follows a similar trend but is affected by Moo 
(for example, note where pfc/jboo (is near 1.0). With increasing values of thrust coefficient C^, base pressures 
for each value of Moo break from the general trend and tend to approach a plateau pressure ratio. The 
plateau pressure ratio is given approximately by 


pp/pco 1 + 



dimensionless 


(5-29) 


where 

Pp= plateau pressure. Pa. 

Base pressure at this level is also affected by d/ d^, dj, and jet-exit Mach number Mj. As will be discussed in 
par. 5-5.3.2, there is also an effect of afterbody geometry (boattails or flares). These data are from Ref. 45 in 
which four nozzles having different internal geometry were designed to produce the same plume shape 
when tested at a particular jet pressure ratio. Base pressures for the four nozzles tend to merge into a single 
line when plotted as a function of C^. Examples of the variations of pt/poo with Cr for the four nozzles for 
free-stream Mach numbers of 1.0 and 2.0 are shown in Figs. 5-86 and 5-87, respectively. 

Typical variations in afterbody surface pressure distributions at zero lift with thrust are shown in Fig. 
5-88 for a free-stream Mach number of 0.9 (Ref. 46) and in Fig. 5-89 for a free-stream Mach number of 2.5 
(Ref. 47). In general, the plume can affect the rocket afterbody over a large area at subsonic speeds with the 
affected area reduced considerably as Mach numbers increase to supersonic values. However, the effect on 
local loading is much greater at the higher Mach numbers. An overall view of jet plume effects is given in 
Fig. 5-90. Here, the variation with C^and Moo is shown for the static pressure of a single orifice located 
0.225 cal ahead of the base (Ref. 48). Although data presented are for a single orifice location, the variation 
of p/p 00 with C^also represents pressure distributions at various Mach numbers. Burt ( Ref. 49) has shown 
that when various plume effect simulators are tested at different longitudinal locations aft of the base, the 
pressure distributions translate (move along the body) longitudinally with the plume simulator. 
Therefore, the base of a cylindrical afterbody could be assumed to be located at any position along the 
abscissa of Fig. 5-90 to obtain an idea of the pressure distribution at a particular and Moo.. Although no 
loading distributions are shown, the level of surface pressures at zero angle of attack gives an indication of 
the severity in changes in local loading due to plume effects. An example of plume effects on the loading 
distribution on a cylindrical afterbody at small angles of attack is available in Ref. 50. 


This definition of Cps not the same definition of thrust coefficient as used in propulsion systems. 


5-37 



MIL-HDBK-762(MI) 


5-3.5.2 Effects on Aerodynamic Characteristics 

Generally, there is a slight effect on rocket aerodynamic characteristics when pb/ p=c : rises above unity. A 
significant effect occurs when pt/p^ approaches the separation pressure. Zukowski (Ref. 51) has analyzed 
data for Mach numbers from approximately one to six to obtain the pressure rise across the separation 
region as a function of Mach number just upstream of the separation point. This correlation is given by 

psep/poo = 1 + 0.365Mi, dimensionless (5-30) 


where 

psep = separation pressure. Pa 
Ml = upstream Mach number, dimensionless. 

The variation of separation pressure ratios is shown for the supersonic base pressures in Fig. 5-85. 

The free rocket designer should be aware of the possibility of adverse jet plume effects. A check of this 
possibility can be made by determining the value of C^for the proposed rocket and using data such as that 
shown in Figs. 5-85 and 5-89 (Ref. 48). A boattailed afterbody will increase the likelihood of plume effects, 
whereas a flared afterbody will decrease the possibility. Plume effects can be delayed to higher levels of 
thrust by reducing the plume diameter near the base. This reduction can be accomplished by reducing 
dj/ d^, reducing Bj, increasing Mj, or by using a nozzle design with nearly uniform flow at the exit. 

An example of jet plume effects on rocket stability characteristics is shown in Fig. 5-91 (Ref. 52). As the 
simulated thrust level is increased, the gradient Csa at zero angle of attack becomes negative and the 
configuration has a positive (unstable) slope of Cma- Since the variation of C^with angle of attack mirrors 
the pitching moment characteristics, it is convenient to restrict further discussion to normal force 
characteristics. In this case various body lengths and moment centers may be considered. The measure of 
thrust level in Fig. 5-91 is given by the radial thrust coefficient C^t- This parameter is similar to C^and is 
used with a normal jet effect simulator (described in par. 5-7). The radial thrust coefficient CR^is given by 

Crt — thrust __ difnensionless. ( 5 - 31 ) 

Q 00/4 ref 


The normal jet simulator is useful for simulating plume effects with a sting-mounted model. The radial 
thrust required for the normal jet simulator is on the order of 10% of the thrust required by an axial plume 
to simulate the same level of plume effect. As indicated in Fig. 5-92 (Ref. 45), this ratio varies with 
free-stream Mach number and nozzle geometry. A value of 10% is adequate for preliminary design and for 
planning wind-tunnel tests. 

For very high acceleration boost rockets it is unlikely that plume effects on aerodynamics can be avoided. 
However, by proper location and sizing of the fins, it is possible to stabilize the rocket at supersonic speed 
and also to reduce or eliminate the large, stable peak in pitching moment which occurs at transonic speeds. 
In this manner the rocket sensitivity to wind during boost is reduced (see par. 5-3.4.4). Shown in Fig. 5-93 
(Ref. 53) are the plume effects on the normal force characteristics of each of the four fin panels at three 
longitudinal locations on the rocket afterbody. It is apparent that the horizontal fins (CN2or CN4) in the aft 
position (Position 1 ) have a negative normal force slope at zero angle of attack, whereas the normal force 
for the horizontal fins in Position 3 (fin trailing edge 0.5 diameter ahead of base) appears to be unaffected 
by the plume. With fins located in the forward position there will still be a significant effect of the plume 
on the rocket afterbody (that portion of the body aft of the fins) up to moderately high supersonic Mach 
numbers. 

Also shown in Fig. 5-93 are the normal force characteristics CNjOr CNjOf the vertical fins, which should 
be representative of the configuration side forces. (Some of the earlier tests of plume effects indicated large 
side forces.) It appears that side forces are small except for angles of attack of ±3 deg or larger for the aft fins. 
The side forces near zero angle of attack are probably more a result of airstream and model misalignments 
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than from plume effects. Side forces and yawing moments due to plume effects do not seem to be present in 
the most recent investigations in which wind-turmel to model cross-sectional area ratio is large and in 
which the plume simulator support system is fairly symmetric. 

Shown in Figs. 5-94 and 5-95 (Ref. 54) are plume effects on the normal force gradient of components and 
the total configuration of a model with the fin trailing edge 1.5 body diameters ahead of the base. The 
normal force gradient of the body (Fig. 5-94) decreases with increasing plume effects and becomes negative 
at a moderately low value of Crx- When Cno of the body is zero, the nose Csa remains the same as with no 
plume effect; therefore, the afterbody has an equal negative with the center of loading near the base. 
Also shown in Fig. 5-94 are the plume effects on Csa of the fin-body combination. The plume effects on one 
fin panel are shown in Fig. 5-95. The forward location of the fin delays the adverse effects of the plume or 
fin normal force to a much higher value of C^x than is apparent for the body alone and the total 
configuration (see Fig. 5-95). The plume effects on a fin panel are shown for lower values of Moo in Fig, 
5-96. At subsonic speeds the loss in fin normal force with increasing C^xis more gradual than the loss at 
high speeds. 

The value of Crt is primarily an inverse function of the free-stream Mach number squared. If it were 
assumed that rocket thrust and altitude were constant and that a value of C^xOf 16 correctly simulated the 
jet plume effects at a Mach number of unity, the variations of Cf,xWithMoo would be as follow: 


Moo 

c 

R T 

0.2 

640 

0.4 

256 

1.0 

16 

1.25 

10.2 

1.5 

7.1 

1.7 

5.5 

2 

4 

2.3 

3 


Assume this variation of Crt with Moo (and refer back to Figs. 5-94 to 5-96); an accelerating rocket would 
regain most of its fin effectiveness as its velocity increases from Moo = 1.5 to Moo = 1.7 (C/ir decreases from 
7.1 to 5.5). However, the body-alone Cn^ \ (Fig. 5-94) is still affected by the plume at the highest test velocity 

(Moo = 2.0). 

The split flair is another device that has proven effective in stabilizing free rockets in a very high thrust 
environment. This device is especially attractive as a stabilizer for short-range, hypervelocity free rockets 
that are tube launched. The split flare consists of a number of petals that fold to form a cylindrical shape 
having the same diameter as the rocket motor while the rocket is in the launch tube. The petals deploy to a 
split-flare configuration upon exit from the launcher. Shown in Fig. 5-97 (Ref. 55) is a comparison of the 
stability characteristic of split-flare configurations with cylindrical and solid flare afterbodies at various 
levels of simulated plume effects. 

5-3.5.3 Plume Simulation 

There are various devices (see Refs, 5-49, 56, and 57) that can be used to simulate jet plume effects on free 
rocket aerodynamics. The type of simulator to be used in a wind-tunnel test depends upon the type of 
information required and the stage of development of the vehicle of interest. If the rocket is in an advanced 
state of development for which flight base pressures have been measured at the Mach number of interest, 
the simplest simulator that will match the base pressure ratio should suffice. For a preliminary design in 
which the plume characteristics are in doubt, it is best to use a simulator with air or other cold gases so that 
the plume effects can be simulated over a large thrust range. 

Some of the simpler simulators for use on sting-mounted models are cones, discs, and solid plumes. 
This type of simulator usually is valid for only one thrust level. However, the disc can be moved 
longitudinally to simulate a change in ph/p<=o. 
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Another type of simulator is a hybrid between a solid plume and an axial jet. In this case an annular-air 
jet surrounds a partial diameter solid plume. A small change in plume effects can be simulated with a 
change in jet flow rate. 

Some of the early simulations of rocket plume effects were done by NASA (see, for example. Ref. 58). 
These tests usually simulated high altitudes at high Mach numbers. An annular nozzle surrounding the 
support sting was used as the plume simulator. A low mass flow air supply was required for these tests 
because of the low free-stream static pressure. 

Most of the plume effect investigations done by the US Army Missile Command used two types of air (or 
nitrogen) supplied simulators. The first type of plume simulator consisted of a strut-mounted model with 
air supplied through the strut to an axial nozzle. This type of model usually is tested at zero or small angles 
of attack to obtain static pressure measurements on the base and afterbody surface. These measurements 
give the "pressure distributions and an indication of afterbody loading caused by the jet plume. By 
changing the model afterbody, the effects of nozzle and afterbody geometry may be investigated. By 
replacing the nozzle afterbody with an attachment device, this type of model also can be used to determine 
the characteristics of various solid and gaseous sting-mounted plume simulators. (The desired simulator 
can then be used in tests for a particular plume problem.) An advantage of the axial plume simulator is that 
a wide range of thrust levels—including levels where the base is aspirated—and various free-stream Mach 
numbers may be tested without shutting down the wind tunnel. Another advantage is that gas dynamic 
similarity parameters, e.g., C^, may be used to relate test condition to rocket flight condition. 

Disadvantages of the axial jet plume simulator include the high mass flow requires to simulate large 
plumes. This rate of flow requires a very high pressure air supply and a support strut of a reasonable size to 
accommodate the high axial loads and the air supply. There are also flow interference effects emanating 
from the strut-bed) juncture and other interference effects due to shock and expansion waves reflecting 
from the model nose or emanating from the strut-tunnel wall juncture. 

Most of the plume effects stability characteristics presented in par. 5-3.5.2 were obtained using a normal 
jet plume simulator with a sting-supported model. This simulator consists of a number of small, normal 
jets issuing radially from a common air chamber surrounding the support sting. (A more detailed 
description of the normal jet simulator is given in par. 5-7, "Aerodynamic Testing".) The normal jet 
simulator tends to match the radial component of momentum of the plume exiting from an axial nozzle. 
For this reason, only about 10% of the mass flow of the axial plume is required for the same plume effect on 
aerodynamics. The lower mass flow also permits a larger diameter model. Because the simulator is aft and 
separated from the model, there is no unintended interference to the flow field or interference with model 
balances. As with the axial gas plume simulator, a range of thrust levels and Mach numbers maybe tested 
without shutting down the wind tunnel. Also, a dynamic similarity parameter C^x exists which tends to 
relate wind-tunnel to flight conditions. 

The primary advantage of the normal jet simulator is that the aerodynamic characteristics of complete 
configurations can be obtained over a large range of simulated thrust levels. For example, Burt and Deep 
(Ref. 55) used a normal jet simulator to obtain aerodynamic design information on a rocket with a split 
flare stabilizer. The plume characteristics of the actual rocket were only approximately known, and the 
effectiveness of the stabilizer in a rocket plume environment was almost totally unknown. However, by 
testing over a wide range of C^x, they were able to bracket the necessary information. A successful high 
acceleration, hypervelocity rocket demonstration program was conducted using this design information. 

A disadvantage of the normal jet simulator is its inability to simulate the transition from aspirating base 
flow to where the plume affects the flow on the model surface. Also, if the wind-tunnel test section 
cross-sectional area is not large enough with respect to the plume size, choking or breaking down of the 
free-stream flow can occur. 

5-3.6 NONLINEAR AERODYNAMICS 

Nonlinear aerodynamics occur due to induced high angles of attack at low speeds. Sources of high 
angles of attack include launching in high crosswinds, launching from a moving vehicle or aircraft, and 
launching from a low forward speed or hovering helicopter. 

The initial slopes of the normal force and pitching moment coefficients versus angle of attack are 
usually used for free rocket analysis. However, nonlinearity at high angles of attack can occur as illustrated 
in Fig. 5-98 (Ref. 42). This nonlinearity can prove to be quite important, especially for rockets designed to 
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have a small static margin. For example, the initial slope of the normal force coefficient curve in Fig. 5-98 
is about 0.06 while the slope at an angle of attack of 10 deg is about 0.13. The use of the initial slope rather 
than the slope at 10 deg would cause a significant error in estimating accuracy. Fig. 5-98 shows normal 
force coefficient Ca^ for Moo = 0.4. The curve for Moo = 0.0 is included for interpolation purposes. The error 
that is most affected by nonlinear aerodynamics is the crosswind because it produces a larger angle of 
attack than either mallaunch or thrust misalignment. Fig. 5-99 (Ref. 42) presents path-angle error as a 
function of crosswind speed for a specific rocket with nonlinear aerodynamics. This curve was developed 
using available data for 0< Moo < 1.2, which is apparently the most sensitive area of Mach number. Linear 
coefficients were used for Moo > 1. 

Another significant problem in free rocket design results from that the fact the effects of high thrust 
cause the basic aerodynamic coefficients of a rocket to be nonlinear along with a significant change in 
slope with angle attack. Fig. 5-91 (Ref. 52) shows the plume effects on stability coefficients at a free-stream 
Mach number of 1.0 for an ogive-cylinder body with fins. 


5-4 DYNAMIC STABILITY 

The motion of a free rocket in flight is determined by rocket launcher interaction at launch, propulsive 
forces, gravity forces, inertial characteristics of the rocket, and aerodynamic forces. In preliminary design 
an unguided rocket can be considered as a free body with six degrees of freedom, i.e., translational and 
rotational motions about the X-, Y-, and Z-inertial-coordinate system axes. The preceding paragraphs 
have treated the static stability characteristics of free rockets which, if known in sufficient detail, are 
adequate for preliminary design purposes. However, it is advisable to consider the dynamic aspects of 
stability also. 

In many cases of firmed rockets, it has become necessary to spin the rocket during flight to overcome 
manufacturing asymmetries of the fins and other rocket components. Therefore, it is necessary that the 
designer consider the aerodynamic loads and coefficients resulting from rocket rotation. 

Hence, the damping characteristics, both in roll and in pitch, should be considered. The pitch damping 
moment is that moment which arises from the pitching velocity and which tends to reduce oscillations in 
pitch. Likewise, roll damping tends to reduce roll about the longitudinal axis. Further, the magnus 
moment is the result of the interaction of the transverse force generated by the rocket rotating about its 
longitudinal axis and the component of the wind acting perpendicularly to that axis. This is discussed in 
more detail in par. 5-4.3.1. 

A complete dynamic stability analysis will not be covered in this handbook. It is recommended that Refs. 
59, 60, and 61 be used as a guide to perform dynamic stability analyses of free rockets. 


5-4.1 LONGITUDINAL DYNAMIC STABILITY 

The dynamic stability, including longitudinal dynamic stability, of guided rockets with canards is 
thoroughly treated in Ref. 61, which is recommended as a basic resource tool for free rocket design. For 
purposes of this handbook on free rockets, the component method is appropriate. Both the body and the 
fins, along with body-fin and fin-body interference, contribute to the total damping. Thus the total pitch 
damping moment coefficient gradient Cm^ can be approximated by a modified version of Chin's (Ref. 66) 
equation for complete model damping. 
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, rad ' 


(5-32) 


where 

x^= axial distance from rocket center of gravity to body center of pressure, m 
x,= axial distance from rocket center of gravity to tail center of pressure, m. 

Note that the terms to the right of the equal sign in Eq. 5-32 are static stability terms for the rocket 
nose-body and the fins modified by interference factors. Thus if the rocket component force gradients are 
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known, it is relatively easy to calculate the pitch damping characteristics of a free rocket. Fig. 5-100 (Ref. 
42) presents a comparison of pitch damping coefficient estimate to experiment. 

It was noted in par. .5-2 that it is sometimes advantageous to locate the main propulsion motor in the 
forward part of the rocket vehicle. This could result in the fin lift being altered by the proximity to the jet 
plumes. Fig. 5-101 depicts a general free-flight rocket configuration that was used to conduct a study to 
determine the effect of forward-located rocket nozzles on dynamic pitch damping of a free rocket. The 
wind-tuimel data consisted of main- and fin-balance data and flow field surveys for both thrusting and 
nonthrusting condition. Fig. 5-102 shows a comparison of the total pitch damping moment coefficient 
gradient Cm^ for thrusting and nonthrusting conditions. The figure shows that, for the configuration 
tested, there is little effect on damping at the lower Mach numbers and an increase in jet plume influence 
on damping with increasing Mach number. 

The component method is one of several available. Another method, developed by Ericson and Reding 
(Ref. 62), using quasisteady analyses for application to guided missiles may be used to determine the 
dynamic stability characteristics of free rockets. 

Par. 5-3.6 discussed the effects of nonlinear aerodynamics on accuracy estimation. Because pitch 
damping is a function of Cno which may not be linear with angle of attack, the use of initial slope of the Cn 
versus a curve may lead to errors in estimating pitch damping and thus accuracy estimation. Fig. 5-98 
clearly illustrates that Cn is nonlinear with angle of attack for the rocket in question. Therefore, errors 
will exist if the damping coefficients are determined using initial slope only. 

5-4.2 ROLL DYNAMICS 

Spin, which is often used to reduce effects of thrust malalignment and manufacturing asymmetries, can 
lead to a condition of pitch-roll resonance. Pitch-roll resonance occurs when the pitch natural frequency is 
equal to the roll frequency. This condition must be avoided because it results in magnification of the 
steady state trim yaw-causing nonrepeatable drag during coast and, therefore, results in random errors in 
range accuracy estimation. Although pitch-roll resonance can yield large trim angles, the probability of a 
steady-state roll rate exactly equal to that of the pitching rate is quite small. Trim refers to the condition of 
flight in which the overall aerodynamic moment about the center of glavity is zero so that the rocket will 
neither increase nor decrease its angle of attack. Trim angle, therefore, is the rocket angle of attack at which 
trim exists. However, when the frequencies are the same and remain so, roll lock-in occurs. When 
frequencies diverge, roll break-out occurs. When the roll damping moment coefficient gradient equals 
roll moment effectiveness coefficient gradient then roll eciuilibriuin exists, i.e., 

Free rockets are often spun during launch, and it is often necessary that they continue "to spin 
throughout the flight. Roll torque is usually accomplished by differentially deflecting (or canting) 
oppossing fin panels (see Fig. 5-103 (Ref. 31.)) In Fig. 5- 103, the ordinate is the coefficient of roll-moment 
effectiveness, normalized by the aspect ratio AR. The abscissa d/b is the body diametet d divided by the fin 
span b including the fin hypothetical extension through the body. Fig. 5-103 gives the roll moment 
effectiveness coefficient gradient for cruciform wing-body (fin-body) combinations with both the deflected 
and undeflected surfaces as well as their algebraic sum, i.e., the total roll-moment effectiveness for the total 
configuration. Fig. 5-53 also gives the roll moment ellectiveness coefficient gradient for a slender planar 
fin-body combination with different incidence of the fin surfaces. 

It can be seen from Figs. 5-53 and 5-103 that although the roll moment supplied by the loading of the 
deflected surfaces of the cruciform fin-body combinations is larger than for the planar fin-body 
combination, the counter roll moment induced on the unreflected surfaces reduces the total roll moment 
of the cruciform fin-body combination to approximately 75% of that for the planar fin-body combination. 

See par. .5-3.2 for a discussion of self-induced roll characteristics of various fin types. 

A spinning or rolling finned body experiences a roll moment due to rolling. Fig. 5-104 presents the 
coefficient of damping normalized by the aspect ratio AR as a function of body-diameter maximum- 
span ratio d/h. The area used in defining both the aspect ratio and the moment coefficient is the area of the 
horizontal surfaces of the cruciform fin, including its hypothetical extension through the body. Methods 
for calculation of roll damping can be found in Ref. 31. 
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5-4.3 SIDE FORCES AND MOMENTS 
5-4.3.1 Magnus Forces 

A rocket flying at an angle of attack is subjected to a component of the free-stream flow normal to the 
longitudinal axis of the rocket. Thus a crossflow with a velocity of usina occurs. Further, if the rocket is 
rotating about its longitudinal axis, a circulation is developed around the rocket, and hence a transverse 
force is generated that is normal to the plane containing the longitudinal axis and the total velocity vector 
of the rocket. This effect is known as the magnus effect. 

The magnus force is a small force relative to the total normal force. Figs. 5-105 through 5-108 developed 
by Platou (Ref. 63) show a comparison of magnus force and magnus moment coefficients for both finned 
and nonfinned rockets. A comparison of Fig. 5-105 with Fig. 5-108 gives an indication of the effects of 
Mach number and Reynolds number. However, Platou states that the data used to develop these curves are 
not sufficiently accurate to show variations due to Reynolds number, Mach number, and configuration 
differences. Even so, Platou did reach the following conclusions: 

1. The wake created by the body of a spinning finned-body configuration interferes with the lift force on 
the rotating fins in a manner that results in a side force. 

2. The side force on the fins of a configuration that is not in free spin is opposite in direction to the body 
magnus force; thus the resulting side force can be in either direction or zero. 

3. The side force on the fins of a configuration that is in free spin will be in the same direction as the 
body magnus force at low angles of attack. At higher angles of attack, the magnus force will decrease 
toward zero. 

4. The body magnus force and the fin side force usually do not have the same centers of pressure. 
Therefore, a moment exists, which is independent of the center of gravity, and is equal to the lesser of the 
two forces multiplied by the disturbance between them. This moment, plus the moment due to the 
unbalanced force, can move the center of pressure outside of the projectile length. 

5. The side forces and moments on a slowly spinning finned projectile can be as large as those existing 
on a rapidly spinning nonfinned projectile. 

5-4.3.2 Other Side Forces 

Side forces on free rockets are not limited to those resulting from the magnus effect. It was noted in par. 
5-3.6 that induced high angles of attack result from high crosswinds. Perhaps one of the worst conditions 
of launch for a free rocket occurs when launching from a low forward speed or hovering helicopter. The 
downwash of the helicopter creates high "crosswind" conditions at a critical time in the trajectory of a free 
rocket. 

Additional sources of side forces include the effect of vortex shedding at high angles of attack. Fins that 
are canted to impart spin to the rocket also create a condition of side force. Fig. 5-109 (from Ref. 64) shows 
the variation of side force coefficient C^and yawing moment coefficient C^as a function of angle of attack 
for various fin cant angles at three Mach numbers and three Reynolds numbers. 

5-5 DRAG COEFFICIENT 

The estimation of drag for free rockets can be limited to zero-lift condition since the rocket follows a 
ballistic path. Thus zero-lift drag is equal to the axial force experienced by the rocket opposite to the 
direction of flight. The designer of free rockets, however, must recognize that the assumption of zero-lift 
conditions may be too restrictive for some specific cases. The total zero-lift drag for slender configurations, 
typical of free rockets, is equal to the sum of the wave drag produced by pressure forces normal to all 
surfaces except the base, plus the skin-friction drag produced by forces tangential to the surfaces, plus the 
base drag produced by pressure forces acting normal to the base. There can be wave drag due to lift; 
however, since zero-lift flight has been assumed here, wave drag due to lift will not be discussed. 

The drag of free rockets with power-on can be quite different from the drag with power-off. The 
development of power-on versus power-off drag coefficients as a function of Mach numbers is required for 
point mass performance computer simulation. Power-on drag and power-off drag are discussed in some 
detail in pars. 5-5.3.1 and 5-5.3.2. 
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The drag coefficient CD is given by 


Cd = 


D 

Q CO A ref 


, dimensionless 


(5-33) 


where 

D = drag force, N. 

The total zero-lift drag is determined by combining wave drag and the skin-friction drag for each 
component of the rocket. In addition to theoretical techniques, drag can be determined from wind-tunnel 
tests. The usual procedure is to measure the drag of the entire rocket by the use of strain gage balances. 
Remember that the drag and the axial force are the same at zero angle of attack. For practical purposes this 
is also true for small angles of attack. 

The base drag, i.e., drag on the base of the rocket, and the nose or forebody drag can be determined as 
follows. The base pressure is measured using static pressure probes. This base pressure is then algebraical¬ 
ly subtracted from the tree-stream pressure. The result is then multiplied by the base area to yield the base 
drag. The base drag is subtracted from the total drag, and the result is the forebody or nose drag. If the 
rocket is equipped with some type of stabilizing device—such as fins, flare, or ringtail—the drag of these 
components must be considered. The usual method for measuring component drag is to conduct wind- 
tunnel tests on the rocket both with and without stabilizing devices. The difference between the body-alone 
drag and the body -with-stabilizing-device drag is the stabilizing-device drag. 

It is also possible to measure the fin or other component drag directly by having a drag balance for the fin 
or component. Drag on various nose configurations can also be determined by measurement of static 
pressures along one meridian of the forebody for symmetrical bodies at zero angle of attack. Again, as in 
determining base drag, the static pressure is subtracted from the tree-stream pressure. The result is then 
multiplied by surface area to yield the pressure or wave drag. 

5-5.1 WAVE DRAG 

Wave drag is present on the rocket nose, the afterbody, and the fins or other stabilizing surfaces. Since 
wave drag is produced by pressures normal to the surface, no wave-drag component is present on 
cylindrical sections at zero angle of attack. If the nose or forebody of a rocket is followed by a midbody 
section with a diameter that is different from (he nose, then there will be midbody wave drag. 

The wave drag of bodies of revolution rises sharply when the rocket approaches the speed of sound. It is 
usual to define the Mach number at which the drag starts to increase rapidly as the drag divergence or 
critical Mach number. A fundamental discussion of the transonic aerodynamic characteristics of bodies is 
beyond the scope of the handbook; however. Chapter XVI, Ref. 65, contains an extensive discussion. For 
this handbook, suffice it to say that the wave-drag coefficient rises sharply through the transonic region 
and then decreases with increasing Mach number. 

In addition to an increase in drag at transonic Mach numbers, the center of pressure can move 
appreciably, thus affecting stability. Therefore, care must be exercised to consider this facet of drag during 
rocket design. 

5-5.1.1 Forebody Wave Drag 

A general discussion of forebody wave-drag estimating procedures and of general types of rocket 
components that produce wave drag is presented in the paragraphs that follow. 

5-5.1.1.1 Nose 

The nose shapes of free rockets are slender except for special applications such as noses that house 
payloads, e.g., shaped charges. Spherical blunting of the nose with a radius equal 0.1 to 0.2 times the 
maximum body diameter avoids a sharp point for manufacturing and safety reasons and reduces drag if the 
nose length is constant. 
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Nose wave drag is influenced primarily by fineness ratio, now shape, and Mach number. The general 
trend of nose wave-drag characteristics is shown in Figs. 5-110 and .5-111 (Ref. 66 ). The fineness ratio fn of 
each nose shown in Fig. 5-111 is 3, and the total fineness ratio ^t/d of each rocket configuration, 56 through 
63, is 12. For most slender nose shapes, the coefficient is zero below a Mach number of about 0.8 and 0.9, 
rises sharply through the transonic region, and decreases with increasing supersonic Mach number. The 
coefficient decreases with increasing nose fineness ratio. However, in practical design, nose fineness ratios 
are limited by rocket total length requirements, weight requirements, and increasing friction drag. 

For preliminary design estimates, the family of nose shapes-of-interest for free rockets is bounded by 
cones and ogives. A secant ogive, formed by a circular arc with twice the radius of a tangent ogive, yields 
minimum wave drag for low supersonic Mach numbers (Ref. 67); wave-drag characteristics of this nose 
shape are presented in Fig. 5-112. For higher Mach numbers, a secant ogive with 2.5 to 3 times the radius of 
a tangent ogive is optimum. However, when optimizing overall configuration nose shape, factors other 
than drag must be considered, e.g., packaging of payloads. 

The transonic wave-drag coefficient of general ogives is presented in Fig. 5-113. Unfortunately, there is 
no apparent, reliable correlation of the transonic wave drag for cones. It is suggested that estimates be 
guided by Figs. 5-110 and 5-111 and other experimental data such as Refs. 66 and 68 . 

Values of supersonic wave drag for cones and general ogives presented in Fig. 5-114 area more detailed 
extension of the values presented in Figs. 5-110 and 5-111. 

The preceding discussion of forebody wave drag and wave-drag prediction procedures included both 
theoretical and experimental data. It is strongly recommended that, whenever possible, experimental data 
rather than theoretical data be used for design estimates. 

As noted in previous paragraphs, forebodies may have a variety of shapes—cones, ogives, and, in special 
cases, flat-faced cylinders. The following are the equations for the tangent series, the power series, the 
parabolic series, and the Haack series (Ref. 69): 

1. Tangent Series: 




dimensionless 


(5-34) 


where 

Rt = radius of arc that defines surface of a tangent ogive, m. (See Fig. 5-1 15). 
2. Power Series: 


r' " x", dimensionless 


(5-35) 


where 

r' = radius/maximum radius ratio, dimensionless 

X = distance from nose/total nose length 4 ratio, dimensionless, for 0 < x < 1, where n = 1 fora 
cone and n = 1/2 for a parabola with the vertex at x = O. 

3. Parabolic Series: 


r' 


2x — K'x^ 

-, dimensionless 

2- K' 


(5-36) 


where 

K' = parabola factor, dimensionless, for 0<x < 1, where a:' = 0 for a cone, = 1 for a parabola, 
K' = 0.75 for a 3/4 parabola, and K' — 0.5 for a 1/2 parabola. 
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4. Haack Series: 


r' 




— sin (2</)) + Csin^c/), dimensionless, for 0 < x < 1, 

2 


(5-37) 


where 

(t> = Cos '(1 — 2x), C = 0 for the Von Karman nose shape or the L-D Haat k nose, C = 1/3 for tlu 
L-V Haack nose. 

The L-D signifies given length and diameter, and L-V signifies a given length and volume. The letters L-D 
and L-V refer to boundary conditions for which drag was minimized. Profiles of the power series, 
parabolic series, the tangent series, and the Von Karman and Haack series for ogive and cones are presented 
in Fig. 5-116. 

A complete discussion on the development of nose shapes is presented in Ref. 69. There is no best nose; 
rather each of the shapes shown in Fig. 5-116 has its best application from a drag standpoint at certain 
ranges of Mach numbers. Therefore, the selection of nose shape involves trade-off decisions for a specific 
application. The least drag configuration is usually selected; however, some missions may require a 
certain payload volume that dictates a particular shape. The volumetric efficiency of nose shapes varies. 

A discussion is presented in par. 5-5 which explains how forebody drag and base drag can be obtained by 
wind-tunnel testing. Nose skin-friction drag can be similarly obtained. Skin-friction drag can be obtained 
by one of several methods. Refs. 70 and 71 describe techniques for determining skin-friction drag in wind 
tunnels. Accordingly, techniques exist for obtaining skin-friction drag for the nose and forebody. 
Forebody drag consists of both wave drag and skin-friction drag; therefore, by subtracting the skin-friction 
drag from the total forebody drag, the forebody wave drag can be determined. 

In the analysis of nose drag it is sometimes helpful to consider the effects of shape and fineness ratio 
separately. Fig. 5-110 (Ref. 66) shows the variation at a Mach number of Afoc= 1.4 of the nose wave drag with 
nose fineness ratio. The lower curve represents near minimum nose pressure drags. At lower values of nose 
fineness ratio, the minimum drag curve was constructed by fairing through the flat-face value and 

hemispheric values. Since the calculations and experimental data agree well for noses having a fineness 

ratio of 3, as shown in Fig. 5-110, confidence may be placed in the values shown. Second-order calculations 
are also shown in Fig. 5-110 for a parabolic nose. Taylor-Maccoll cone values are also shown for 
comparison. 

Although nose fineness ratio is shown to be a powerful parameter, the effects of nose shape can also be 
important. This is illustrated in Fig. 5-111. As can be seen from this figure, there is no minimum drag 
shape for the entire Mach number range, but several do well over the entire range. Refs. 72, 73, and 74 
present drag data of many shapes not shown in this handbook. Also, Ref. 66 contains a comprehensive 
collection of zero-lift drag data on bodies of revolution obtained from free-flight tests. 

Fig. 5-117 presents a comparison of the wave drag of cones, tangent ogives, and various secant ogives 

(Ref. 67). 

The installation of fuzes or various types of instrumentation in the nose of free rockets often necessitates 
the blunting of the nose. Fortunately, as noted earlier, there is little or no drag increase for a slight 
blunting of an ogival nose. In fact, there is a decrease in drag for Me'plat (the flat nose formed by 
truncation of the ogival portion of the rocket or projectile} diameters up to 0.2 cal with an optimum of 0.15 
cal. The blunting of a conical nose yields similar results, with the optimum again for a Me'plat diameter of 
0.15 cal. 

Fig. 5-118 presents percentage difference in ACd drag for several configurations or types. The data 
shown are for noses that have been blunted by opening up the nose contour, maintaining a constant head 
length. Types 1 and 2 are truncated ogives. Type 5 is a truncated cone followed by a truncated ogive to form 
the complete nose. The data presented here are from Ref. 75. Additional data on blunted noses are 
contained in Refs. 76, 77, 78, and 79. 
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Spike noses afford a solution to some design requirements and are included here as a special case. The 
curves presented in Fig. .5-119 are faired values obtained from tree-flight testing of three special nose 
configurations. Fig. 5-119(A) gives a description of the models; Fig. 5-119(B) presents the drag coefficient 
as a function of Mach number (Ref. 66). 

5-5.1.1.2 Midbody Wave Drag 

Most rocket configurations have a midsection that is cylindrical. This shape is advantageous from the 
standpoints of drag, ease of manufacturing, and load-carrying capablity. The zero-lift drag of a cylindrical 
body is caused by viscous forces only (skin friction). There can be wave dragon the midbody if the surface is 
wavy or if there are protuberances. This phenomenon is discussed in par. 5-5.5, "Protuberances". The 
wave drag due to sections that decrease in cross-sectional areas with length is presented in par. 5-5.1.2, 
"Boattail Sections". Likewise, discussions of sections that increase in cross-sectional area with length will 
be presented in par. 5-5.1.3, "Flare". 

5-5.1.2 Boattail Sections 

The purpose of the boattail is to decrease the drag of a body that has a squared off base. This squared off 
base has local pressure on its surface much less than the tree-stream pressure and, therefore, produces a 
large drag force. When the exit diameter of the rocket nozzle is smaller than the body-cylinder diameter, the 
afterbody maybe tapered to form a boattail to reduce the base area and thus reduce the base drag. However, 
for a given boattail length, decreasing the base diameter increases the boat tail wave drag. Therefore, an 
optimum configuration can be strongly influenced by the boattail design. This is clearly illustrated in Fig. 
5-120 (Ref. 80) which shows the variation in the total zero-lift drag of a 10.5-cal body having a 3.0-cal 
tangent-ogive nose, a 6.0-cal cylindrical afterbody, and a 1.5-cal conical boattail with various base 
diameters. In subsonic flow, decreasing the base diameter continues to decrease the total drag. In transonic 
and supersonic flows, however, decreasing the base diameter to a ratio of d^./d = 0.4 or lower results in an 
increase in the total drag. In supersonic flow, as the Mach number increases, the influence of the base drag 
decreases rapidly and thus allows larger base diameters to achieve a minimum drag boattail design. 

Fig. 5-121 presents theoretical subsonic and transonic boattail wave drag for various boattail angles and 
diameter ratios (Ref. 81). Figs. 5-120 and 5-121 show that subsonic drag is relatively unimportant when 
compared to transonic and low supersonic drag. 

The supersonic wave drag of conical and parabolic boattails is presented in Figs. 5-122 and 5-123, 
respectively. No analytical method or suitable parametric experimental data exist for the accurate 
prediction of boattail wave drag at subsonic and transonic speeds. If experimental data for a particular 
configuration cannot be found, it is suggested that supersonic data be extrapolated to peak value at a Mach 
number range of 1.0 < Afoo<1.2, with a sharp reduction to a lower value at subsonic speeds. 

The lift of a boattail is in the negative direction, and although the usual boattail is relatively very short 
and thus decreases the lift very little, it does have a strong destabilizing effect—i.e., the boattail tends to 
move the overall body center of pressure forward quite markedly. This means that a larger stabilizing 
device is required to stabilize the rocket. Thus the increase in drag of the larger stabilizing device may 
negate the saving in drag realized by the boattail. 

Accurate determination of boattail drag is rather difficult because of the dependence on the geometry of 
the fore and aft portions of the body and the real fluid effects. However, for preliminary design analysis, 
results from the correlation of both theoretical and experimental data should be used when available. 

5-5.1.3 Flare 

Pars. 5-2 and 5-3.1.3 presented some of the advantages and disadvantages of both solid and split-petal 
flares. It was noted earlier that on the basis of projected planform area, a conical flare will produce more 
than twice the normal force of cruciform fins at hypervelocity speeds. However, the axial force of a flare 
greatly exceeds that of fins providing equal restoring moment. Therefore, the use of flare and split-flare 
afterbodies as stabilizing devices is restricted to special applications. Examples of these are tube-launched, 
high acceleration, supersonic rockets, and limited or maximum diameter rockets. 


5-47 



MIL-HDBK-762(MI) 


Solid flares are mom effective as aerodynamic stabilizing devices than split flares of the same base 
diameter and length. However, in some cases a split-petal flare can provide adequate static stability with 
less drag penalty than a solid flare. Extensive investigation of various stabilizing devices, including flares 
and split flares, have been carried out at Redstone Arsenal. Refs. 82, 83, 84, and 85 are examples of these. 
Another good source of information concerning stabilizing devices is the work by Elwell (Ref. 86). 

5-5.1.3.1 Conical Frustum 

The wave-drag characteristics of conical frustum (flare) and split-flare rocket sections were discussed in 
pars. .5-2,5 -3, and 5-,5.1.3. Parametric experimental data and several theoretical methods, which agree well 
with experimental results, are available for estimating flare wave drag. Care should be exercised in the use 
of experimental data for large flare angles since flow separation at the cylinder-flare juncture may be more 
pronounced in some tests in which the Reynolds numbers are lower than would be expected in actual 
flight. The wave-drag coefficient determined experimentally (Ref. 82) for a series of flares is presented in 
Eigs. 5-124(A) through 5-124 (1) as a function of Mach number. 

Likewise, Eig. 5-125 presents additional supersonic conical wave-drag coefficient data using the 
supersonic similarity parameter 6 (Ref. 20). The drag coefficient data are presented as a function of flare 
diameter ratio d/d„. 

Conical-frustum wave drag can be estimated by using cone data (Ref. 87). The pressure coefficient Cp^of 
a cone in supersonic flow with the shock wave attached is equal to the wave-drag coefficient since the 
pressure coefficient over the surface of a cone is constant. Although the pressure coefficient over a conical 
flare is not constant, it can be assumed constant for preliminary design purposes. (The angle of attack 
should be limited to or less than the cone-frustum half angle, and Mach numbers should range from low 
supersonic to infinity (Ref. 87). Pressure coefficients as a function of cone semi vertex angle for a Mach 
number range of 1.0.5 < M»<o° are given in Ref. 88. 

By the use of the cone pressure coefficient, the wave-drag coefficient CD^of a conical flare can be 
determined from 


, dimensionless (5-38) 


Cp^ = pressure coefficient of cone, dimensionless 
d = diameter of base of cone or diameter of cylindrical body forward of flare, m 
d /1 = flare maximum diameter, m. 

See Pig. 5-126 for an interpretation of the terms of Eq. 5-38. 

5-5.1.3.2 Split Flare 

The split flare appears to be an excellent stabilizing device for hypervelocity, tube-launched rockets. 
Shown in Fig. 5-127 is a comparison of drag or flared, split flare, and a split flare with a shroud covering 
the gaps over the forward half. The transonic values are from Refs. 15, 85, and 89 and include the total drag 
minus the nose drag for each configuration. (The base drag of the cylindrical portion of the base is not 
included.) It appears that the solid flare has the highest supersonic drag and the split flare has the lowest 
supersonic drag; this suggests a correlation of device drag based on either surface or effective base area. The 
peaking of the drag of the two split-flare configurations at a low Mach number suggests the effect of 
two-dimensional base drag (see par. 5-.5.3.2, especially Fig. 5-152). Supersonic data are shown for clarity 
and were obtained from Ref. 89. 

5-5.1.4 Fin Wave Drag 

The wave drag of fins is small compared to the total rocket drag. The drag is influenced strongly by the 
thickness-to-chord ratio, sectional shape, and sweep angle. Figs. 5-128(A) through 5-128(H) present the 
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theoretical wave-drag coefficient, based on fin planform area SF, at zero-lift for various sectional shapes 
and planforms. The discontinuities in the curves will not exist in practice, and the values at transonic 
speeds are not precise. The wave drag for wedge-type sectional shapes not shown in Figs. 5-128(D) through 
5-128(H) may be evaluated as follows: 

1. In Fig. 5-129 locate the wave-drag coefficient for a symmetrical double-wedge section having the 
same thickness and planform geometry as the sectional shape-of-interest. 

2. Multiply the value so obtained by the factor for the particular shape from Fig. 5-129. This product 
will be the desired wave-drag coefficient. 

The transonic wave-drag coefficient of rectangular and delta planform fins is shown in Figs. 5-130 and 
5-131, respectively. The wave drag for other planforms will be between the values on Figs. 5-130 and 5-131 
for fins with the same sectional shape, thickness-to-chord ratio, and aspect ratio. 


5-5.1.5 Ringtail Wave Drag 

The ringtail wave-drag coefficient based on an artillery reference area, e.g., can be obtained by 
multiplying the two-dimensional drag coefficient for a specific airfoil section by the product of the ringtail 
circumference times the chord length (or "rolled out" planform area), i.e.. 


{CDj)rg 


{TTdrg){Crg)Cd^ . 

-, dimensionless 

^ref 


(5-39) 


where 

— ringtail wave-drag coefficient, dimensionless 
Cdy^ = 2-dimensional wave-drag coefficient, dimensionless 
drg = ringtail diameter in the plane of leading edge, m 
Crg = ringtail projected root chord length, m. 

The section wave drag can be obtained by shock expansion or other methods (Refs. 18 and 44). The shock 
expansion method is sufficiently accurate if the expansion wave from the ring edge does not impinge on 
the inner surface of the ring after reflection from the body. Experiments have shown that for a Mach 
number range of 1.5:<Moo:<4.0 only the smaller diameter rings at their forward positions and at the lower 
free-stream Mach numbers violate this condition (Ref. 90). However, estimates should still be acceptable 
for these conditions. 

At supersonic speeds, the two-dimensional wave-drag coefficients for particular sectional shapes maybe 
obtained from Fig. 5-129. At transonic speeds, the two-dimensional drag coefficient for a symmetrical 
double-wedge profile may be obtained from Fig. 5-132. For other profiles, the transonic drag coefficient 
should be modified by the factors given in Fig. 5-129. 

When ringtails are used as stabilizing surfaces for free rockets, various geometric parameters—including 
support strut geometry—have an influence on ringtail drag. Shown in Fig. 5-133 is the effect of ringtail 
internal expansion angle 6 ; and ring longitudinal position on ringtail drag (Ref. 90). 


5-5.2 FRICTION DRAG 

Skin-friction drag depends primarily on Reynolds number, Mach number, and wall temperature. The 
skin-friction drag coefficient COjfor a rocket component can be estimated by using 


c 


£>/~ C/ 



dimensionless 


(5-40) 


where 


Cf = skin-friction coefficient, dimensionless 
A wet — surface wetted area, m^. 
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(Note: Surface wetted area is the surface of a rocket which is in contact with the flow medium.) 

The friction drag-coefficient must be determined for both the rocket body and stabilizing device. 

The skin-friction coefficient Cffor Hat plates, based on wetted areas, can be read directly from Fig. 5-134 
for a given Mach number and Reynolds number. If the Mach number, altitude regime, and physical 
characteristics for the rocket being designed are known, it is only necessary to determine the Reynolds 
number to use Fig. 5-134. Eq. 5-41 can be used to calculate the Reynolds number Re, i.e.. 


Re = —dimensionless 

p 


(5-41) 


where 

V — velocity, m/s 

L = characleiisiit length, a convenient reference length cjI a given configuration such as overall 
length of a rcjcket, the maximum diameter or radius of a body of revolution, or a chord or a 
span of a lifting surface, m 

V = kinematic visccjsity, m^ s. 

An alternate method for determining Reynolds number involves the use of Fig. 5-135. This figure shows 
Reynolds number per meter versus Mach number, wth altitude as an independent variable. Since 
graphical interpolation is required, the accuracy of the determined Reynolds number may be question¬ 
able. However, the accuracy is probably satisfactory for preliminary design use. 

The Reynolds number having been determined for the given rocket component being designed, it is now 
possible to read the skin-friction coefficient Cffrom Fig. 5-134 and to use Eq. 5-40 to calculate the friction 
drag coefficient. The flat-plate coefficient should be used for fins and ringtail surfaces. Correlation of 
experimental data has shown that the skin-friction coefficient for bodies of revolution is about 15% higher 
than the flat-plate value (Refs. 91 and 92). Therefore, for preliminary design purposes, the values obtained 
from Fig. 5-134 should be multiplied by 1.15 when the surface is a body of revolution. 

The use of Reynolds number based on the length from the rocket nose to the base of the rocket or trailing 
edge of the fins or ringtails is usually accurate enough for most free rockets. An alternate method uses the 
local Reynolds number at various longitudinal locations to determine the local skin-friction coefficient. 
The local skin-friction coefficient, weighted by the local surface area, is then integrated to give the 
skin-friction coefficient. 

5-5.3 BASE DRAG 

Base drag is the result of pressure forces due to airflow separation from rearward-facing steps such as 
body bases and fin trailing edges. The drag is affected by the geometry of the rearward-facing step and by 
the properties of the airstream approaching the step, including boundary layer conditions. A rocket 
exhaust complicates the base flow phenomenon by adding a second stream with different properties, 
boundary layer conditions, and approach geometry. The mixing of and interaction between the air and 
rocket exhaust streams produce a complex fluid mechanics problem. 

General curves and empirical relationships will be presented to allow a rapid estimation of the base drag 
of a quality suitable for preliminary estimates. No attempt will be made to discuss in detail the effects of 
various parameters on base drag. Insufficient experimental data exist, throughout the range of parameters 
to allow use of design graphs. 

The base pressure p^at the rocket base has a variation with rocket thrust similar to the variation shown 
in Fig. 5-136 (Ref. 93). Of primary interest to the designer of free rockets is the jet-off or burnout base 
pressure. Also of interest from the drag standpoint are the regions of base bleed and power-on. Base bleed 
occurs when residual burning continues after rocket burnout, causing a random reduction in base drag 
and an increase in range during the rocket coast phase. The power-on region (rocket jet plume on) is of 
interest for the relatively few rocket designs having a sustainer phase. During sustainer burning, it is 
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possible for base drag to amount to as much as one-half of the total drag. During the boost phase, base 
pressure is much higher and affects only the small base-annular area surrounding the nozzle exit. The base 
drag during boost is so small, when compared to thrust, that it has negligible effect on the rocket 
performance. 

As shown in Fig. 5-137 the entire base, including the cavity formed by the nozzle and motor, senses jet-off 
base pressure, (pjs assumed to be constant throughout the separated region and downstream to the closure 
of the wake.) The area used to determine jet-off base drag is the projected area of the base, nozzle, and the 
head end of the motor case. In the jet-on case, p^is restricted to the separated region formed by the jet and 
the external stream and is sensed only by the area of the armulus. This annular area is the area used to 
determine jet-on base drag. 


5-5.3.1 Body-of-Revolution Base Drag, Rocket Jet Plume-Off 

The boundary layer approaching the base of the free rocket is generally turbulent. Although wide 
variations in base pressure occur with Reynolds number for laminar boundary layers, the effect with 
turbulent boundary layers is small (see Fig. 5-138, Ref. 94). The supersonic base-pressure coefficient 
Cpb—negative of the base drag coefficient, based on the area seen by the base pressure—is well defined from 
numerous flight and wind-tunnel tests. These data have been correlated by Love in Ref. 95. Shown in Fig. 
5-139 (Ref. 96) is the variation of a base-pressure coefficient Cp’bWith the local Mach number M' just before 
the base. For a free rocket with a cylindrical afterbody, the local Mach number and local pressure should 
equal the tree-stream values; thus the curve could be used directly by substituting tree-stream Mach 
number Moo for M'. The use of local values of both pressure and Mach number in Fig. 5-139 tends to 
correlate base pressure for bodies with various shapes and total fineness ratios. The solid line in Fig. 5-139 
is Love's correlation of experiments (Ref. 95). Additional base-pressure data (with turbulent boundary 
layer) are presented in Fig. 5-140 which shows the effect of Reynolds number and tree-stream Mach number 
(Ref. 97). (Generally speaking, with Moo and model length constant, the Reynolds number will be 
proportional to poo.)' The effect of Reynolds number is small for supersonic velocities, and the data agree 
well with Love's correlation. The large variation in data at subsonic and transonic speeds probably is due 
to the difficulty of measuring the small pressure difference between the base and tree-stream pressures. The 
variation of base-pressure coefficients at tree-stream Mach numbers below about 1.2 is not very well 
defined. However, a good preliminary estimate can be obtained by averaging the poo = 1 atmosphere 
experimental values in Fig. 5-140. 

Base pressures on boattail afterbodies appear to correlate as a function of base-to-cylindrical area ratio 
for supersonic speeds. Shown in Fig. 5-141 (Ref. 98) is the ratio of cylindrical to boattail base pressure 
versus area ratio for various conical boattails at tree-stream Mach numbers of 2.5, 3.0, and 3.5. The same 
base pressure ratio is shown for various conical flares in Fig. 5-142 (Ref. 99) at Mach numbers of 1.65 and 
2.21. The line faired through the flare data does not have the same gradient as the line representing the 
boattail data (boattail data from Fig. 5-141). Jet-on data appear to correlate with a single straight line for 
both flares and boattails (see Fig. 5-148(C)). 

Base pressures for boattails and flares do not appear to correlate at subsonic and transonic speeds. Shown 
in Fig. 5-143 (Ref. 100) is the comparison of base-pressure coefficients of various boattails and flares with a 
cylindrical afterbody. 

The base drag coefficient CdJs related to base pressure ratio p^/poo and base-pressure coefficient in 
the following manner: 


Cdi, — —Cp^ — 1 — 


pb 


1 


0.7 Mo 


, dimensionless 


(5-42) 


where 


Cof, — base drag coefficient, dimensionless 
^Pb = base-pressure coefficient, dimensionless 
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pb — base pressure, Pa 

poo = free-siream static pressure, Pa. 

In the preliminary design of free rockets, base drag is obtained from various experimental sources as 
presented previously in this chapter. If a wind-tunnel test is made of the proposed design by using a 
sting-mounted model, measured base pressures cannot be used in calculating base drag. The presence of 
the sting alters the wake flow which has an effect on base pressure. The measured base pressure is used only 
to determine the drag of the exposed base of the model so that it can be subtracted from the total measured 
drag to obtain forebody drag. It is standard procedure at some wind-tunnel facilities to use the measured 
base pressure to determine a base drag coefficient for the total base. 

The use of a boattail is effective in reducing the total coast drag of the rocket. Generally, boattailing is 
accomplished by using the space between the aft end of the motor and the nozzle exit. Therefore, both the 
length and diameter of the boattail are limited in practice. Since friction drag on the afterbody changes 
only slightly with changes in geometry, the total pressure drag gives a good indication of the effect of 
boattails on drag. Shown in Fig. 5-144 are the variation of wave drag Cd„, base drag CDj,, and tots] pressure 
drag Cd^ coefficients with base-diameter-to-cylinder-diameter ratio d^ d^^j. It appears that little drag 
reduction can be obtained by reducing dt/d^yimuch below 0.7. Data for the figure were obtained from Ref. 
98 which also indicated that conical boattails give lower drag than other boatlail shapes such as ogives. 

Another type of configuration used to stabilize rockets launched from a tube is the split-petal stabilizer. 
The split petals fold to a cylindrical shape when in the launcher and deploy to a flare-like shape upon exit 
from the tube. The split petal is a very effective aerodynamic stabilizer for high-acceleration rockets. 

The measured base pressure for several split-petal configurations is shown in Fig. 5-145 and is compared 
to Love's (Ref. 95) compilation of cylindrical data. Compared are the 15-deg split petal (shown), an 18-deg 
split petal, and the 1.5-deg split petal with a shroud filling the gaps for the forward half of the stabilizer. 
Although these data were obtained with a sting-supported model, they should give an indication of the 
base-pressure characteristics. Solid flare base pressure was available for only one Mach number, but it 
appears that there is little change among the various configurations. 


5-5.3.2 Body-of-Revolution Base Drag, Rocket Jet Plume-On 

A typical example of the base pressure, with the effects of the rocket jet considered, is shown in Fig. 5-146 
(Ref. 101). Examination of the figure reveals several important facts concerning free rocket design. During 
boost, when the jet exit diameter d, usually approaches the base diameter d, base drag is relatively 
unimportant. The combination of high chamber pressure, high base pressure, and small base-annular 
area results in a low base drag or even a base thrust. For sustainer operation, the jet-exit-diameter-to-base- 
diameter ratio d/d and jet-pressure-to-free-stream-pressure ratio are usually low—resulting in low' 

values of py/poo and therefore, high values of base drag—amounting to as much as 50% to 70% of the total 
drag. Mass added to the base region as a result of residual burning serves to increase the pressure ratio in the 
base region, resulting in base pressures considerably higher than would be predicted for the jet-off case. 
This phenomenon is shown by the peak in the base-pressure ratio pb at low jet pressure to free stream 
pressure ratios py/poo. This decrease in base drag due to residual burning effects may lead to errors in range 
prediction if not considered. 

Jet-on base pressure is affected by many factors. Factors of primary importance include free-stream 
pressure and free-stream Mach number, afterbody shape, nozzle geometry, and thrust level. The region of 
interest for free rocket sustained flight is from the minimum base-pressure ratio shown in Fig. 5-146 up to 
moderate levels of thrust, i.e. , thrust value ratios up to double of triple the value at minimum pfc/poo. In ibis 
region, Brazzel (Ref. 102) has developed a technique that correlates base-pressure ratio pfc'poo with either 
jet-momentum flux ratio R„,fOr thrust coefficient Cx, i.e.. 


{mv)j yjpjAjM] 

Rmf = —;-=- Y ’ dirnensionless 

^TTlZ^'joo ^ oop oo/l oo 


(5-43) 
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where 


{rnv)j = jet-momentum flux, N 
{mv)oo = free-stream momentum flux, N 
pj = jet pressure, Pa 
Aj = area of jet in nozzle exit plane, m^ 

Mj = jet exit Mach number, dimensionless 
7 , = ratio of specific heats of rocket jet, dimensionless 
7 ao = ratio of specific heats of free-stream flow, dimensionless 


and 


T 

1 2Ai \ 

— ' 

'yjpjMj + (pj — poo) ' 

q 00 A ref 

\ ^ref 1 

2 

yoopooMoO 


dimensionless. 


where 

T = thrust, N. 


The jet-momentum flux {rhv)j is the predominant term in Eq. 5-45: 


T = {rhv)j + Ajipj - poo), N 


(5-44) 


(5-45) 


therefore, 

T ^ {rnv)j, N. 

Also the free-stream momentum flux is 


{mv)oo = 2qooAref, N. 


(5-46) 


Therefore—by substituting Eqs. 5-44 and 5-46 into Eq. 5-43 and using the expression for Cr from Eq. 
5-46—in aerodynamics terminology, we observe that /?m/is nearly proportional to Cr, i.e.. 


Rmf ~ 


T 


2 q ooA ref 


Ct 

2 


dimensionless. 


(5-47) 


For a single jet with a cylindrical afterbody, this technique appears to be successful in correlating all 
parameters except jet-exit Mach number Mj. (For the higher thrust levels discussed in par. 5-3.5, both 
jet-diameter-to-base-diameter ratio d/d^and nozzle exit angle 0y have a significant effect on base pressure.) 
Shown in Fig. 5-147 is a correlation of base-pressure ratios from Fig. 5-146 with R^,. 

The effect of the jet on base pressures at thrust levels (or jet pressure ratios) above where minimum base 
pressure occurs indicates that a proportionality exists between the base-pressure ratio on the base of a 
cylindrical afterbody and the base-pressure ratios on noncylindrical afterbodies. Shown in Fig. 5-148, for 
example, is the comparison of base-pressure characteristics between various boattails and a cylindrical 
afterbody. It is apparent that the ratio between cylindrical base pressure and boattail base pressure is 
almost constant with pj/poo and also that base diameter (or base area) is the governing parameter rather 
than boattail angle. The same trends are also apparent from the experimental results of Refs. 103, 104, and 
105 for boattailed bodies and Ref. 103 for flared bodies. Shown in Fig. 5-118(C) is the variation of the 
proportionality factor with base-area-to-cylindrical-body-area ratio for various boattails and flares. Other 
factors that exhibit this proportionality are Mjand nozzle longitudinal position X^/d. (The effect of X/ d 
on incremental base-pressure ratio A(pt//;oo) is shown in Fig. 5-149. ) (X^ = distance of nozzle exit from base 
of rocket.) 
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By use of the correlation of base-pressure ratio with/?m/and the proportionality characteristics of 

base pressure, an empirical technique was developed for estimating power-on base drag (see Ref. 93). This 
technique allows the simultaneous consideration of all of the significant parameters affecting single jet 
base drag, but it is considered beyond the scope of this handbook. 

Shown in Fig. .5-150 is a variation of base-pressure ratio with Cx for a cylindrical after-body with an 
air-supplied nozzle having an exit half angle Oj = 20 deg and a jet-exit Mac h number Mj — 2.7. The exit 
plane of the nozzle is flush with the base. Fig. 5-150, Ref. 106, results from the additional correlation of data 
at transonic and subsonic speeds (Ref. 45). Examination of Fig. 5-150 will give a good overall picture of the 
characteristic.s of plume effects on base pressure. The base-pressure ratios of interest for determining 
sustain phase base drag are also the heavy line beginning at a minimum value for each tree-stream Mach 
number Moo and running along this line for about one-half the distance between minimum base-pressure 
ratio and where base-pressure ratio is equal to unity. 

An example of the base-pressure characteristics for Moo = 1 is dencrted by ihe arrows in Fig. .5-1.50. 
Starting at (1), which represents plume-off base pressure, the base-pressure ratio decreases with increasing 
Ct until a minimum value is reached at (2). The base-pressure ratio then increases along a line common for 
all tree-stream Mach numbers to (3) where the jet plume begins to affect rocket stability (discussed in par. 
5-3). With further increase in Cx, base pressure reaches a plateau pressure (1) for each value of tree-stream 
Mach number Mac. F'(jr A/k = 1 , the region of interest is from (2) along the heavy line up to a base-pressure 
ratio of about 0.7, i.e., 0.4 -h (1.0 - 0.4)/2 = 0.7. 

For afterbodies other than a cylinder, base pressure can be corrected by using the proportionality factor 
pb^y,/pb„,^^yi of Fig. 5-148(C) where pb^^ps the base pressure of a cylindrical afterbody and pb^^^^^iis the base 
pressure of a noncylindrical afterbody. For example, a boattailed afterbody will cause an increase in the 
base-pressure ratio, and a flare will cause a decrease in the base-pressure ratio. 

In a similar manner the effect of longitudinal extension of the nozzle on base pressure can be corrected by 
using Figs. .5-149 (A) and 5-149(B). 

There is also an effect of M, which is not accounted for in Fig. .5-150. The exit Mach number for most free 
rockets will range between approximately 2.5 < Mj < 2.9, so there should only be a small correction from 
the value of 2.7 in the figure. A decrease in M, will increase the base-pressure ratio, and an increase in M, 
will decrease the base-pressure ratio. The change should be about 5% for each 0.1 change in M.. 

For boost-level thrusts there is also an effect of nozzle-diameter-to-base-diameter ratio, nozzle-exit angle, 
and tree-stream Mach number (see par. 5-3.5). Other effects not discussed are the difference in the ratio 7 of 
specific heats between the actual rocket and the air nozzle, and the temperature differences for the actual 
rocket especially when afterburning occurs. Afterburning does not appear to recur on the low to moderate 
thrust solid propellant rockets at low altitudes where base drag is a problem (see Ref. 107). 

The effect of multiple jets on base pressure depends upon the arrangement of the nozzles. Generally, the 
impingement between two jet plumes results in an increase in base pressure in the affected area. The 
investigation of Ref. 108 indicates a fairly even distribution of pressure over the base of one-, two-, and 
four-nozzle configurations. The base-pressure ratios for the single- and six-nozzle configurations are 
shown in Fig. 5-1.51 compared to the data of Fig. 5-150. 

For the determination of the base drag coefficient during rocket motor burning, base pressure acts on the 
area of the base minus the area of the nozzle exit (See Fig. 5-137). Generally, base pressure is nearly uniform 
over the base. However, for some multiple nozzle configurations, pressure will vary significantly over the 
base. In this case a mean value of base pressure must be determined. 

The base drag coefficient CD^is determined as follows: 


C 


Db - 



poo 



1 

^ 0.7 Mi 


dimensionless 


(5-48) 


where 

Aj — area of jet in nozzle exit plane, m^ 
Ab = area of body base, m^. 
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5-5.3.3 Fin-Base Drag 

The boundary layer approaching the base of fins and other stabilizing surfaces is generally turbulent. 
The effects of profile shape on the base-pressure coefficient at supersonic speeds with a turbulent boundary 
layer are small. Shown in Fig. 5-152 (Ref. 109) are data representing flight results for a wide range of 
Reynolds numbers and Mach numbers. The drag-brakes-closed data compare very well with Korst's theory 
(Ref. 110) which assumes a very thin boundary layer. It is suggested that Korst's theory be used for 
supersonic fin base-drag. Further insight may be gained by perusing Nash's analysis of two-dimensional 
turbulent base flow including the effect of the approaching boundary layer (Ref. 111). 

At transonic and subsonic speeds, the ratio h/c of trailing-edge fin thickness h to fin chord length c is 
significant; Fig. 5-153 should be used as a guide for estimating the base pressures. 

The fin base-drag coefficient is determined by 


{CDb)F — — (Cpb)F 


^Ff, 

A. ref 


dimensionless 


(5-49) 


where 

(Cdi,)f = fin base-drag coefficient, dimensionless 
{Cpij)f = fin base-pressure coefficient, dimensionless 
Sfi, = base area of all fin panels, m^. 

5-5.4 DRAG CHARACTERISTICS OF COMPLETE CONFIGURATIONS 

The drag of free rocket components usually can be added directly to obtain total drag because of the 
slenderness of the rocket. One exception is the interference effect of fins or other stabilizers on the base drag. 
The various drag components must be related to the same reference area before they are combined. The 
drag coefficient Cd is defined (see Eq. 5-33) as 

Cd — ———, dimensionless 

(J ooA ref 


where 

goo = free-stream dynamic pressure, a function of rocket velocity and atmospheric pressure, Pa 
D = drag force, N. 


Skin-friction drag is based on surface (or wetted) area A„^, of all of the fins and is a function of Mach 
number and altitude. Skin-friction drag is related to A^^,as follows: 


Cz)(based on Aref)f = 


Cf(A wet) 

A ref 


dimensionless 


(5-50) 


where 

Cof = skin-friction drag coefficient, dimensionless 
Cf = skin-friction coefficient, dimensionless. 

The body and fin skin-friction drags are calculated separately because of a difference in Reynolds 
number. As previously mentioned, body skin-friction is multiplied by 1.15 to correct for the flat-plate 
value. For cruciform fins, for example, it is necessary to use the surface on both sides of all four fin panels 
in computing wetted area. 

Pressure drag (wave and base) coefficients are generally functions of the cross-sectional area of the 
component affected. 
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The body wave-drag coefficient usually is based on body cross-sectional area, so no change in reference 
area is necessary. The fin wave-drag coefficient normally is based on the exposed planform area of the fins 
and the fin base-drag coefficient is based on body base area (in case of a cylindrical afterbody, base area 
equals reference area). The body base-drag coefficient during operation of the jet is effective only on the 
base annular area (base area less nozzle exit area) (see Fig. 5-137). 

In summing up the total drag coefficient, the drag coefficient of each component is referenced to a 
common reference area (usually the rocket cross-sectional area) as shown in Eq. .5-.51, i.e., 

Co(based on A,„) = ^ ,5.51, 

zi ref 


5-5.4.1 Interference Effect—Fin on Base 

The presence of fins on rockets affects the external flow characteristics and usually results in increased 
base drag. The most important parameters appear to be fin thickness, fin longitudinal position, number 
of fins, and tree-stream Mach number. Experimental data on the effects of fins are sparse if all important 
parameters are considered. It is suggested that the empirical relation developed in Ref. 112 be used in 
estimating the change in base-drag coefficient due to the fins. This relationship is 

t n 

A(Cdb)F = -(0.825 — 0.05Moo) -dimensionless (5-52) 

c Moo 


where 

t = fin thickness, m 
c = fin chord, length, m 
n = number of fins. 

This relation is limited to the case where the fin trailing edge is flush with the base. Predicted values using 
the relationship of Eq. 5-52 appear to be high at approximately A/oo < 1.5. 

As previously mentioned, ringtail configurations can have a favorable effect on base drag. Shown in Fig. 
5-154 are the interference effects of a ringtail on jet-off and sustain level base pressure ratios pt/poo. The 
data are typical of results obtained on several configurations in an investigation reported in Ref. 113. 
Although a significant decrease in base drag can be obtained, an increase in configuration drag is usually 
the result. 

5-5.4.2 Sample Drag Calculation 

The same configuration used for the stability calculation (Fig. 5-83) is used for the sample drag 
calculation. The fin and base configuration is shown in more detail in Fig. 5-155 along with parameters 
necessary for determining various drag components. 

The method of obtaining drag coefficients is shown in Table 5-4. Table 5-3 provides data for use in 
Table 5-4. (Note that in some cases it is necessary to extrapolate in order to make estimates.) A breakdown 
of the calculated drag components is shown in Fig. 5-156. 

5-5.5 PROTUBERANCES 

The influence of protuberances on rocket aerodynamics is not considered during preliminary design. 
However, the designer should be aware that protuberances and other irregularities will be present on the 
final vehicle. Proper design of protuberances is necessary to minimize the increase in drag and reduce the 
likelihood of possible effects on stability characteristics. 

Generally included under the subject of protuberances are manufacturing irregularities, gaps and 
misalignments, launch lugs, roll torque lugs, recesses and other cavities, and electrical conduits. Also 
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TABLE 5-3 

VARIATION OF REYNOLDS NUMBER AND DYNAMIC PRESSURE WITH ALTITUDE 

(Ref. 130) 


Altitude, m 

Re per meter at Moo = 1, m~' 

kPa 

Mi 

0 

23.296 X 10® 

70.928 

500 

22.269 X 10® 

66.823 

1000 

21.276 X 10® 

62.913 

1500 

20.317 X 10® 

59.192 

2000 

19.393 X 10® 

55.651 

2500 

18.499 X 10® 

52.284 

3000 

17.639 X 10® 

49.085 

3500 

16.809 X 10® 

46.046 

4000 

16.010 X 10® 

43.162 

4500 

15.239 X 10® 

40.426 

5000 

14.497 X 10® 

37.834 


included are protuberances such as nuts, bolts, screws, rivets, and joints. The type of surface finish 
required for minimum friction drag is also considered under this heading. 

The primary factor influencing protuberance drag is boundary layer thickness. Where a choice exists, it 
is better to locate holes or external protuberances as far aft on the rocket as possible where the boundary 
layer is relatively thick. A detailed description of the effect of protuberances on missile drag is given in Ref. 
114. 


5-6 AIRLOAD DISTRIBUTIONS 

The longitudinal distribution of the aerodynamic loading on the free rocket is important to the 
structural designer. At the small angles of attack usually encountered by the free rocket, normal loading is 
concentrated in the vicinity of the nose and the stabilizing surfaces. At higher angles of attack, the normal 
force is distributed along the length of the body. 

The distribution of the local normal force coefficient gradient for a tangent ogive with cylindrical 
afterbody at Moo = 2 is shown in Fig. 5-157 (Ref. 115). The distribution given by slender-body theory 
represents the loading at subsonic speeds and is restricted to the nose section. At supersonic speeds there is a 
carryover of nose force to the cylinder. Also shown in Fig. 5-157 is the loading at various angles of attack «• 

Normal force coefficient gradient load distributions determined by the second-order shock expansion 
method (Ref. 44) are presented in Fig. 5-158 for cone-cylinder, cone-cylinder-boattail, and cone-cylinder- 
flare configurations at Moo = 2. Since the pressure over the surface of the cone is constant, a triangular 
distribution exists over the cone. Although the second-order shock expansion method does not give a 
negative loading as shown by the theoretical and experimental curves in Fig. 5-157, it gives a fairly 
accurate distribution of loading over nose cylinders at — 2. 

The distribution of the local axial force coefficient CAon a cone at Moo = 0.95 is shown in Fig. 5-159 (R6f. 
116). This distribution is derived from the pressure distribution of Fig. 5-160. The axial force distributions 
of the flare and boattail configurations of Fig. 5-158 are shown in Fig. 5-161. 

The loading over the fins and the adjoining body is difficult to generalize. The distribution 
depends upon the fin geometry, free-stream Mach number, and whether or not an afterbody is present. The 
total forces due to the fins and fin-body interference maybe determined by the methods cited in pars. 5-3.2 
and 5-3.4.2. 

For an analysis of the fin structural loading, a spanwise elliptic distribution may be assumed. The 
chordwise loading distribution over the fin must be considered at several spanwise stations and is 
dependent upon fin geometry and Moo. 
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TABLE 5-4 

DRAG CALCULATION SHEETS’^ 
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TABLE 5-4 (cont'd) 
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TABLE 5-4 (cont'd) 

© © © © © 

Mach Fin Skin-Frit lion Total Skin-Friclion (Afi — \){tn/df CoJ^L/d) 
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No. Mcc 

© 

Nose Wave-Drag 
Coefficient {Cojn 

TABLE 5-4 
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TABLE 5-4 (cont'd) 
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TABLE 5-4 (cont'd) 
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TABLE 5-4 (cont'd) 
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TABLE 5-4 (cont'd) 
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TABLE 5-4 (cont'd) 
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For a critical structural analysis on the missile body, a distributed load is used for the nose loads, and the 
fin loads are replaced by a concentrated load. The longitudinal center of pressure of the fin loads maybe 
determined from par. 5-3.2. The forces on the fin in the presence of the fin-body interference factor Kp((,)and 
the forces on the body in the presence of the body-fin interference factor K(,(p)are given in par. 5-3.4.2. It is 
recommended that the center of pressure of the body upwash K^^^on fin loading be assumed to be the same 
as the fin alone (see Ref. 35). The center of pressure acting on the body due to the fin, i.e., due to K^^p^is 
discussed in detail in Ref. 35. For low aspect ratio fins with no afterbody, the fin-alone location is 
recommended for preliminary design use. With an afterbody present the center of pressure due to K^j^will 
shift rearward with increasing supersonic Mach numbers (see Fig. 5-67). 

5-7 AERODYNAMIC TESTING 
5-7.1 GENERAL 

The aerodynamic performance of rockets can be evaluated by theoretical estimates, free-flight testing, 
rocket-sled testing, aeroballistic range testing, and wind-tunnel testing. Each of these evaluation tools has 
distinct advantages and limitations. 

Theoretical estimates, due to lack of refinement, often fail to provide adequate quantitative 
aerodynamic data. Free-flight testing has the advantage that tests are conducted in the actual flight 
environment. However, since the test vehicle is usually destroyed, the cost associated with free-flight 
testing is a severe limitation. Further, recent advances in electronic technology have resulted in telemetry 
packages that allow a satisfactory rate of data collection. Also, parameter identification techniques that 
have been used extensively for obtaining aerodynamic coefficients from aircraft flight tests have only 
recently been applied to rockets (Ref. 117). An Extended Kalman Filter—a linear system in which the mean 
squared error between the desired output and the actual output is minimized when the input is a random 
signal generated by white noise—can be used to process flight test ( tracking and telemetry) data to estimate 
the rocket aerodynamic coefficients. This procedure is being applied by using a computer program that 
has an Extended Kalman Filter Algorithm and a 6-DOF simulation that includes a wind-tunnel-based 
aerodynamic model. The 6-DOF simulation is forced to match the accelerations, rates, positions, etc., that 
are measured during the flight test. In doing this, the filter estimates perturbation terms to the 
aerodynamic model which will allow the match between flight test and simulation to occur. The 
aerodynamic perturbation terms are then statistically combined from several flights and used to update the 
aerodynamic model in the 6-DOF simulation. The successful use of this technique requires a carefully 
planned flight test and considerable insight into aerodynamics and flight testing. 

Rocket-sled testing, like free-flight testing, has the advantage of subjecting the test article to near actual 
flight environments. Further, data collection is simpler, and the quantity of data is not so restricted as in 
free-flight testing. Also rocket-sled testing is usually nondestructive; however, test articles may have to 
withstand high acceleration forces and vibrations which can adversely affect the data being obtained. 
Therefore, the use of rocket-sled tests to obtain aerodynamic data usually is restricted to special cases. 

Wind-tunnel testing, however, allows more precise control of test conditions. A wide range of model 
geometry and flow conditions may be investigated in a complete wind-tunnel program. An indication of 
the wind tunnels available in the U.S. is given in Refs. 118 through 123. The uniqueness of the available 
tunnels dictates the necessity for matching particular tunnel characteristics to the particular test 
requirements. Tunnel operating capabilities and size are foremost among the considerations in selecting a 
test facility. However, availability, accessory equipment, and cost of test time are important considera¬ 
tions. Since wind-tunnel testing is the most extensive technique employed, it will be discussed in detail in 
par. 5-7.2. 

5-7.2 WIND TUNNELS 
5-7.2.1 Classification 

Wind tunnels normally are classified according to their operating speed range as follows: 
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Tunnel Classification 

Subsonic 

Transonic 

Supersonic 

Hypersonic 


Mach Number Range 

Less than 0.7 
0.7 to 1.2 
1.2 to 5.0 
Greater than 5.0. 


Due to inherent problems associated with operating at different speed (or Mach number) ranges, wind- 
tunnel facility persormel usually elect to operate their facilities only within the range of their classification 
Mach numbers. Since a large portion of the rockets considered in this handbook operate over a wide range 
of the Mach number spectrum, complete testing will usually require more than one facility. The upper 
limit, Afc 5, for supersonic tunnels has been set from considerations of operating procedures and not 
from abrupt changes in flight characteristics. When air is expanded to a Mach number of approximately 
five and above, the attendant large change in the temperature results in liquefaction of the air. To prevent 
this, heaters of large capacity or a medium other than air maybe used to maintain temperatures above the 
liquefaction point. 


5-7.2.2 Capabilities and Limitations 

The Reynolds number capability of a wind tunnel is an important consideration. Matching full-size- 
rocket Reynolds number on a scale model usually is not possible. However, it is important that the 
transition to turbulent boundary layer occurs on the forward part of the rocket. In situations in which very 
small models are tested, forward transition of the boundary layer is accomplished by the use of the proper 
roughness or grit on the model nose. For some rockets the drag of protuberances or other surface 
irregularities may be considered to be critical. The effect of plumes such as spin jets or the propulsive jet on 
the aerodynamic characteristics may also be important. In these cases it maybe desirable to conduct tests in 
a large wind turmel having a specially high Reynolds number capability. Although ground level Reynolds 
numbers for large rockets will not be matched, the information obtained should be sufficient for the 
required aerodynamic estimates. 

The capability for matching flight environment temperature in a wind tunnel is only important in the 
study of high velocities such as may be produced by reentry trajectories. Flight environment temperatures 
are not significant on the classes of rocket considered in this handbook. 

It is desirable to test the full-size rocket in order to have the maximum degree of confidence in the data. 
Generally, however, this is not practical, and a scaled down test model must be fabricated and tested. 
Model size decisions must be based on the characteristics to be investigated, the instrumentation located in 
the model interior, the model support capabilities, and the size of available test facilities. The model scale 
must be large enough so that the component parts normally exposed to free-stream flow on the full-size 
article will not be submerged in the boundary layer of the test model. It is desirable that the selected scale 
provide a boundary layer of the same character which will exist on the full-size article. To maintain a 
desirable scale and duplicate boundary layer conditions, the boundary layer often must be controlled by 
artificial means. There are practical limits to the duplication of small details of the full-size rocket. 
Duplication of details such as surface condition, small protuberances, screw heads, and small gaps in the 
scale model usually serves only to increase the fabrication cost and affects the data to such a small extent 
that measuring accuracies do not reveal their presence. The tolerances used in manufacturing the full-size 
rocket should be considered in development of the test model. The data presented in Fig. 5-162 show a 
comparison of the test results obtained from a full-size model and an 8% scale model of a typical artillery 
rocket; it can be seen that the agreement is excellent. 

The amount of instrumentation that must be located inside the model often determines the minimum 
scale that can be used. Also, the scale of the model often is determined by the ability of the support to 
withstand the loads imposed on it. 

The dimensions of the wind-tunnel test section must be large enough so that the model does not 
significantly alter the velocity of the airstream and so that disturbances imparted to the airstream do not 
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reflect from the tunnel boundaries to the model. Further, to obtain the largest aerodynamic forces and 
Reynolds number, it is desirable to design a model for the maximum size possible. However, there are 
certain aerodynamic limitations on model size which require attention. 

One of these limits is that of the reflected bow shock impinging on the model. Permissible model length 
for a wind tunnel can be estimated with the experimental shock wave coordinates, reflection angles, and 
effective test section heights. Fig. 5-163 presents information abut two wind tunnels at the Arnold 
Engineering Development Center which can be used to estimate allowable model size. For example, 
assume that it is desired to run some tests in Tunnel A at M® ■ = 2.0. Further assume a cone half angle 
dc — 10 deg and iJd— 10. In the fourth column of the table in Fig. 5-163(A) under M® = 2 and opposite an 
1/d = 10, read yr/d = 6.10. Continue in the same column opposite 40X40, and ready, = 19.35 in. Now d 
can be calculated to be 3.172 in. This is the maximum diameter of the model, along with the other model 
characteristics that were assumed, which can be tested in Tunnel A. 

It is not possible to quote maximum allowable model dimensions that will avoid all difficulties since the 
difficulties are dependent on the overall configuration, the position of the model in the tunnel, the 
operating conditions, and the precision of test measurements. Theoretical means of defining the 
relationship between model maximum size and test section size are not precise. Design decisions must be 
based on experimental investigations and an intimate knowledge of the test facility. The curves in Fig. 
5-163(B) relate the ratio of the model frontal area A„to the aerodynamic test area model nose half angle 
0c, and Mach number M®. This figure clearly illustrates that the model nose half angle must be kept as low 
as feasible so that the AM/AT ratio can be kept within acceptable limits. Fig. 5-163(C) shows the difference 
in test section area at two stations along the test chamber. 

Fig. 5-163 presented data about two wind tunnels and the maimer in which information can suitably be 
used for preliminary test planning. However, it must be clearly understood that although some planning 
of a very general nature maybe done by using Fig. 5-163, planning a test in any facility requires a thorough 
knowledge of the facility to be used. 

A survey of the descriptive literature on several transonic tunnels indicates that the model maximum 
cross-sectional area should be less than 2% of the test cross-sectional area. This ratio may be slightly 
increased if the model is not to be tested at large angles of attack. The allowable model cross-sectional area 
in subsonic tunnels is less restrictive and may be as high as 10% of the test cross-sectional area. The 
maximum model length in subsonic tunnels is determined by the length of the test section containing the 
desired flow properties. 

The necessity of supporting the model in the airstream prevents exact duplication of flow patterns over 
the base of the model. The normal means of supporting the model is a horizontal sting that extends from 
the interior of the model through the base and is cantilevered from a vertical support member downstream. 
Unlike flight conditions, the sting promotes wake stabilization and creates disturbances that might 
propagate into the base region. To reduce these effects, the sting should be as small as structural 
considerations will allow, and abrupt increases in the lateral dimensions should be avoided to provide a 
relatively straight member over a considerable length. A rule of thumb often applied is that the flow 
disturbances created by abrupt changes in the support system may be propagated upstream through the 
support boundary layer and model wake for a distance five times greater than the lateral dimensions of the 
disrupting portion. 

Design decisions on the materials and fabrication of a model must be based on the anticipated loads, 
severity of vibrations, and structural temperature gradients. The majority of test facilities requires that 
model construction provide a factor of safety of at least four, based on maximum anticipated loads that in 
supersonic tunnels often occur during the establishment of flow in the test section. At M® = 5.0 the 
stagnation temperature at some points on the model is approximately six times greater than the static 
temperature at other points. 

The high cost of tunnel test time requires that model changes, necessary during the test, be made in a 
minimum of time. The expense of designing and fabricating a quick-change capability in a model can 
usually be justified by the savings realized through increased use of tunnel time. 
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5-7.2.3 Instrumentation 

Balances, fitted in the interior of the test mode], resolve the net aerodynamic forces and moments acting 
on the model into the components shown in Fig. 5-164. The measuring elements of these balances are 
electrical strain gages with an accuracy of approximately 0.25% to 0.5% of the maximum rated load. To 
obtain the greatest accuracy, a balance should be selected with a maximum load rating corresponding 
closely to the predicted test loads—especially if small changes in the total loads are to be measured. 
Balances can be compensated to operate in temperature as high as 350 to 400 K. When models are being 
tested in hypersonic tunnels, water cooling is quite often used. 

In addition to determining the forces and moments acting on a free rocket, it is sometimes necessary to 
know how the loads are distributed. Detailed knowledge of the flow over a model may be obtained by 
measuring surface pressure with pressure transducers. If the density of pressure orifices is adequate, then 
upon integrating the pressure over the rocket surface, the load distribution is known. Measuring devices 
should be located in or very near the test model, and the orifices and connecting lines should be large 
enough to prevent lengthy time delays in sensing pressure changes. The maximum number of pressure 
orifices that are feasible should be used. Of course, there are practical considerations such as maximum 
internal volume of the model, instrumentation availability, and response characteristics. For quite some 
time, mechanically driven scanivalves have been used as a "switching" device which handles up to 48 
pressure readings. This device makes it possible to use one transducer instead of 48 and thus makes it 
possible, spacewise, to have more pressure readings. Electronic scanivalves are becoming available which 
are much smaller than mechanically driven scanivalves. Further, response time is much less with 
electronic scanivalves; thus many more pressure readings per unit time are possible. 

There may be a need to measure model surface temperature. Unfortunately, the state of the art is not 
good, and the designer should use temperature measurements with reservation. Temperature measurement 
can be made directly with thermocouples that should be selected for the expected temperature range and 
the compatibility with tunnel readout instrumentation. 

Flow visualization techniques are useful in making qualitative evaluations of the flow over a model. 
Subsonic flow patterns may be determined by observing tufts attached to the surface of the model. A 
mixture of linseed oil and artist paint can be used to visualize transonic and supersonic flow. Such 
paint-oil flow tests have an advantage over tufts because photographs of flow patterns can be studied after a 
given test run is completed. Paint-oil flow tests require complete cleaning of the model after each run and 
are thus time-consuming. Areas where the flow exhibits unusual turbulence or separates from the model 
surface may be identified by coating the surface with a volatile substance and observing evaporation rates. 
At supersonic velocities, the compression and expansion waves emanating from the model surfaces are 
characterized by marked changes in density which may be identified by shadowgraphs, schlierens, or 
interferometers. 

5-7.2.4 Conduct of Tests 

Because a free rocket in flight is completely free from geometrical constraint, travels at high speed, and 
responds to disturbances with motions involving many degrees of freedom, it is inherently prone to 
dynamic instability. Therefore, it is necessary to determine the dynamic characteristics of a free rocket early 
in the design stage. Although both analytical and experimental methods are available, it is recommended 
that experimental information be used where possible. 

A straightforward approach to the problem is to construct a dynamically scaled model of the rocket and 
to test it in a wind tunnel under conditions of dynamic similarity. If the total system, i.e., rocket and 
environment, is properly scaled and interference effects made negligible or corrected for, the data obtained 
from the wind-tunnel tests are directly applicable, after proper analyses, to the full-scale prototype. 

The coefficient of damping in pitch may be determined from static aerodynamic coefficients 
obtained in wind-turmel tests by using Eq. 5-33. Additional damping coefficients may be obtained by 
several dynamic test techniques. Refs. 124, 12.5, and 126 are suitable sources anti may be used as a guide for 
general plarming for dynamic tests. For specific plarming, descriptive literature issued by each facility is 
the best source of information. 
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Some general requirements for dynamic test mounting systems should be noted. First, the system should 
provide a soft support such that the natural frequencies associated with the mount are well below the 
frequencies of the free-flight rigid body and elastic modes of interest. A soft support implies that the model 
should be given freedom to respond with large amplitude motions. A second requirement is that moving 
masses associated with the mount are negligible relative to the total mass of the test article. Also, 
aerodynamic interference associated with a mount structure exposed to the airstream should be low, 
especially if the system is to be operated at high subsonic or transonic Mach numbers. Another very 
important requirement is that the system have both static and dynamic stability under all operating 
conditions. 

The mounting system requirements described apply to all dynamic tests. There are, however, some 
special requirements related to roll dynamics testing. Roll testing may be conducted to determine roll 
damping and roll effectiveness coefficients. In either case, the bearing that allow the model to roll freely 
must be as frictionless as possible. Since frictionless bearings do not exist, friction tare must be considered; 
otherwise, the resulting data will be misleading. 

The investigation of the influence of a propulsion system on the aerodynamic characteristics of a rocket 
requires a facility with the capability of propulsion testing or propulsion jet simulation. Operation of a 
rocket propulsion system in a tunnel creates potential fire and explosion hazards and requires a means for 
removing the combustion products from the tunnel airstream. Accordingly, tests of active rockets in a 
wind tunnel are complicated and expensive. The test time for each firing is a matter of seconds or fractions 
of a second while the setup time for the next firing may take 4 to 8 h. Special instrumentation and data 
acquisition equipment also are required. It is best if wind-tunnel tests with active rockets are a part of a 
long-term research project rather than part of a free rocket design study. 

The effects of rocket plumes, especially those of highly underexpanded jets, are discussed in pars. 5-3.5, 
5-3..5.1, and 5-3.5.2. The effect of rocket plumes on the rocket aerodynamics is especially important, and it 
is often necessary to conduct wind-tunnel tests to determine aerodynamic parameters under the influence 
of the jet plume. 

It is simpler to simulate the rocket plume effects with air or other cold gases rather than fire an active 
rocket. Plume effects should be examined for both base-drag characteristics and stability characteristics. 
Base drag is important for a free rocket if it has a sustain phase or if it is boost-only but has residual 
burning. With a sustainer, the low base pressures induced by the plume can cause the base drag to amount 
to as much as 50% of the total drag. For investigation of base drag, a strut-supported model is used. Air is 
supplied through the strut to a settling chamber and then to the nozzle. Base drag is obtained by 
integrating pressure measurements over the base area. The support strut should be as thin as possible to 
minimize interference with the body yet be able to withstand the thrust force from the jet. A high pressure 
air supply is necessary to obtain an adequate mass flow rate. The wind tunnel should be large enough so 
that the jet plume is kept within the test shock rhombus. The strut should be swept-back so that the shock 
emanating from the juncture of the strut and the floor does not interfere with the simulated jet plume. 
Shock impingement on the model and the plume cannot be avoided for some transonic Mach numbers. 

The plume shape is varied by changing chamber pressure. Although it is desirable to match exact flight 
conditions, it is not possible since the flight base pressure is not known. It is better to test at a series of 
chamber pressures so that the proper plume size is bracketed. Some kind of gas dynamics similarity 
parameter such as C^Csee Eq. 5-44) is desirable so that the model and the wind-tunnel environment can be 
matched to the actual rocket and its flight environment. 

It is not possible to simulate exactly the actual rocket exhaust with air (or other cold gases) primarily 
because of the inability to account for the effect of temperature and afterburning (combustion of unburned 
propellant gases in the wake). However, some degree of sophistication in simulation of rocket plume 
effects can be accomplished by using the modeling procedure described in Ref. 127. A nozzle can be 
designed which corrects for the difference in specific heat ratios by decreasing the model plume Mach 
number and yet maintains similar plume shapes. This model nozzle will not match the rocket nozzle but 
will consist of a smaller exit angle and have a lower exit Mach number. 
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To investigate the effects of the jet plume on the stability characteristics of the complete rocket 
configuration, it is necessary to use a sting-mounted model. (In some cases, strut mounted models are used 
for plume investigations with measurements made on the model aft portion only.) Usually rocket stability 
is affected when the jet plume is large enough to increase the base pressure and the rocket afterbody 
pressure significantly above the free-stream value. Any technique that gives the desired base pressure— 
such as a forward forcing step, disc, cone, or solid plume shape—will give an indication of the plume 
effects on rocket stability characteristics. However, since base pressure is not precisely known prior to the 
tests, it is necessary to test sever-al sizes of the chosen simulator. It is difficult to interpolate correctly 
between the different sizes, especially if the base pressure is near the plateau pressure. 

A more realistic and efficient technique for simulating the jet effects on rocket stability is the use of a 
normal jet simulator (see Fig. 5-165). The normal jet simulator consists of a number of normal sonic jets 
arranged circumferentially around a common air chamber that fits around the model sting usually 
one-half to one caliber aft of the model base. Normal jet simulators previously tested had 12 or 24 jets, and 
the total exit area amounted to between 4% and 6% of the model base area (Refs. 128 and 129). The change 
in the simulated plume is accomplished by a change in chamber pressure. A parameter, similar to the 
thrust coefficient Caused for the axial jet, is the radial thrust coefficient which is the sum of the thrust 
of all the normal jets normalized by free-stream dynamic pressure and reference area (see Eq. 5-31). The 
normal jet simulator uses about 10% of the mass flow required to simulate an axial jet (see Fig. 5-92). 

A recommended source of information in planning wind-turmel tests is the descriptive literature issued 
by each test facility. This literature provides detailed information for all problem areas covered in the 
foregoing discussion. 
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- axial force coefficient 

- lift coefficient 

Cf - roQ moment coefikient 

- aerodynamic pitching moment coefficient 
Cjy - aerodynamic normal force coefficient 

C, - yawing moment coefficient 
Cy - side^nce coefficient 
X, z - body-centered coordinate system 
x^, y^, Zf - stability coordinate system 
*w> ‘w “ coordinate system 

Figure 5-1. Rocket Axes—Showing Direction and Sense of Forces, Moments, and Angular 
Quantities 
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Relative Wind 
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Figure 5-4. Normal Force Coefficient Gradient for Tangent Ogive-Cylinder Configurations 
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Figure 5-5. Center of Pressure for Tangent Ogive-Cylinder Configurations (Ref. 5) 




3.0 U 1.1. 


M 1.1 

^ \ \ 

\ \ \ 

\ \ \ 

\ '' '' 


«, - length ol nose 
- length of afteibody 


I / / / ^ \ _ «•« 7." n s 

2.6 - •■'/_ J——J X \ \ \ ^ 

i - / / / / \ \ \ \ \ 

,L- L - j- - ,5 0.2S » " 

iO 1.5 




dyfM^ -1 


d\lM}-\ 


Figure 5-6. Normal Force Coefficient Gradient for Cone-Cylinder Configurations (Ref. 5) 
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Figure 5-7. Center of Pressure for Cone-Cylinder Configurations (Ref. 5) 
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(A) 0.8sA/o,S1.0 



(B) l.lsAf.Sl.5 



(C) 1.75sA/_«4 S 


Figure 5-8. Normal Force Coefficient Gradient and Center of Pressure-4-cal Tangent Ogive 
With Varying Afterbody Lengths (Ref. 6) 
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Afterbody Length cal Afterbody Length cai Afterbody Length caJ 

(A)0.8sA/„SL0 (B) I IsM^sl b (C) L75SiW^s4.5 


Figure 5-9. Normal Force Coefficient Gradient and Center of Pressure—7.125-deg Cone With 
Varying Afterbody Lengths (Ref. 6) 
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Afterbody Length cal Afterbody Length cal Afterbody Length cal 

(A)0.8sA/a,sL0 (B) 1.1SA/„SL5 (C) L75sA/„S4.5 


Figure 5-10. Normal Force Coefficient Gradient and Center of Pressure—1/2-Power Nose 
With Varying Afterbody Lengths (Ref. 6) 


5-87 




MIL-HDBK-762(MI) 






(A)0.8SA#„S1.0 


(B) I.lsA/„Sl.5 


(C) 1.75<.V/o„ <4.5 


Figure 5-11. Normal 
Ogive Nose Lengths 


Force Coefficient Gradient and Center of Pressure—Varying Tangent 
With Constant Afterbody Length of 6 cal (Ref. 6) 
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No»e Angle deg No« Angle <1,. deg Nose Angle deg 

(A) 0.8SA/„S1.0 (B) l.lsA/.Sl.S (C) 1.75SyW.S4.5 

Figure 5-12. Normal Force Coefficient Gradient and Center of Pressure-Varying Conical 
Nose Angle With Constant Afterbody Length of 6 cal (Ref. 6) 
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Exponent n lor Nose Power l^w. dimensionless 
(A) ^ 


Figure 5-13. 
Nose Shape 



Exponent n for Nose P{>wer Law , dimensionless 
(B) ] 5 

Center of 
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Normal Force Coefficient Gradient and 
With Constant Afterbody Length of 6 cal 
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Elxponcnl n for Nose Power Law, dimensionless 
(C) 1.75sA/„s4.5 

Pressure—Varying n-Power 
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Symbol cal cal 


O 3 10 



(A) vs Afoo 
a 



Figure 5-15. Variation of Normal Force Curve Gradient and Center of Pressure vs Mach 
Number for 3-cal Ogive Cylinders (Ref. 7) 
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Mach No. dimensionless 


(B) Jf^/rfvs 


Figure 5-16. Effect of Nose Blunting of a 4-cal Ogive on Normal Force Coefficient Gradient 
and Center of Pressure (Ref. 7) 


5-93 


















Incremental Normal Force Cocflicicnt Gradient 


MIL-HDBK-762(MI) 














Ratio of Center of Pressure to Boattail Length from Leading Edge dimensionless 
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(C) Cf, vs 
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Figure 5-20. Effect of Afterbody Diameter to Head Diameter Tatio on Aerodynamic Parame 
ters (Ref. 12) 
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Figure 5-21. Normal Force Coefficient Gradient vs Boattail Length to Afterbody Diameter 
Ratio at Moo = 2.2 (Ref. 12) 



Figure 5-22. Center of Pressure vs Boattail Length to Afterbody Diameter Ratio at 
(Ref. 12) 
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Figure 5-24. Aerodynamic Characteristics of Necked-Down Center Body With and Without 
Shroud (Ref. 13) 
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Mach No. A/gg, dimensionless 


(A) vs A/gg 



Figure 5-25. Normal Force Coefficient Gradient and Center of Pressure Over Rocket Diame¬ 
ter Ratio vs Mach Number for Family of Nose-Cylinder Configurations—4-cal Nose (Ref. 6) 
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Figure 5-26. Normal Force Coefficient Gradient and Center of Pressure Over Rocket Diame¬ 
ter vs Mach Number for Family of Nose Cylinder Configurations—3-cal Tangent Ogive 
Nose (Refs. 14, 15, 16) 
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(A) Thin Profile Criiciform Planar Ret tangular Planforin (B) Clipped Triangular 





Figure 5-27. Typical Free Rocket Stabilizing Devices 

(cont'd on next page) 


5-101 







MIL-HDBK-762(MI) 


FuUy 






(F) Tangent Tri-Form 


(E) Tangentially Folding 



(Petals 5 and 6 arc 




Support 



(H) Conical Flare—Split Petal 




(J) Wraparound 


Figure 5-27. (cont'd) 
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b = span or total span, in 
b/2 = semispan, rn 
be/2 = exposed seinispan, m 

Cr = root chord length of hypothetical extension of fin, in 
Cr,. = cxpiosed root chord length, in 
Cl = tip chord length, m 
d = rocket diameter, m 
4 = body length, m or cal 
= nose length, m or cal 
c = included angle of fin leading edge, rad 
Ale = leading edge sweep angle, rad 
Air = trailing edge sweep angle, rad 

Figure 5-28. Nomenclature of Some Typical Rocket Components 


In this configuration the term 
“exposed” is applicable—i.e., the 
notation is (AR)^, b^/2, 

Sp , etc. 




(a) Fin-Body Configuration 


In this configuration of two joined 
fin panels, the notation is AR , h , 
Cf, Sp, etc. 



(B) Isolated Wing Formed by Joining Two Panels at 



Figure 5-29. Illustration of Exposed Fin-Body and Isolated Wing Geometry, and Accompany¬ 
ing Notation 
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Maximum value of {AR)(l/c)^'^ for a 
smooth variation of normal force curve 



Figure 5-31. Summary Curves of the Generalized Normal Force Gradient for Rectangular 
Fins at Transonic Speeds (Ref. 23) 


5-104 








MIL-HDBK-762(MI) 



Figure 5-32. Center of Pressure for Rectangular Fins at Transonic Speeds (Ref. 18) 



Figure 5-33. Linear Theory Normal Force Gradient of Rectangular Fins vs Mach Number 
(Ref. 19) 
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Figure 5-34. Linear Theory Normal Force Gradient of Delta Fins vs Mach Number (Ref. 19) 



Figure 5-35. Fin Normal Force Coefficient Gradient at Supersonic Mach Numbers for Var¬ 
ious Fin Taper Ratios (Ref. 20) (cont d on next page) 
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tanA^ 0 


(B) X - 0.25 

Figure 5-35. (cont'd) 
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Figure 5-35. (cont'd) 


(cont'd on next page) 
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tanA^ 
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dimensionless 

tanA^ 

dimensionless 

tanAjf 

dimensionless 

dimensionless 


(B) X 

- 0.25 



Figure 5 

-36. (cont'd) 



(cont'd on next page) 
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(C) \ - 0,50 

Figure 5-36. (cont'd) 


(cont'd on next page) 


5-110 



dimensionless 


MIL-HDBK-762(MI) 



Figure 5-37. Normal Force Coefficient Gradient and Center of Pressure for Rectangular Fins 
(Ref. 21) 
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Figure 5-38. ^(Cno) a, (Ref. 23) 
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Figure 5-40. a,' Theory and Faked Curves for Rectangular Fins (Ref. 24) 
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Aspect Ratio dimensionless Aspect Ratio ^4/?, dimensionless Aspect Ratio/4/?, dimensionless 
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(E) A/* - 0.98 
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Figure 5-42. Variation of Normal Force Coefficient Gradient With Aspect Ratio (Ref. 25) 
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Aspect Ratio AR, dimensionless 
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Figure 5-43. Center of Pressure for Clipped-Delta Wings for Various Aspect and Thickness 
Ratios (Center of pressure is measured from the leading edge of the root chord.) (Ref. 25) 
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Mach No. Aioo, dimensionless 
(A) Tangential Fins 
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Symbol A^, deg 


0 (reverse 
curvature) 
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Mach No. dimensionless 
(B) Wraparound Fins 

Figure 5-44. Stabilizing Effectiveness of Tangential Fins and WAF (Ref. 27) 
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Figure 5-47. Effect of Sweepback Angle and Roll Position on Roll Moment Coefficient on 
High Aspect Ratio Tangent Fins (Ref. 30) 
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Figure 5-48. WAF Roll Moment Coefficients at Zero Angle of Attack (Ref. 26) 
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Mach No. dimensionless 

Figure 5-49. WAF Roll Moment Coefficient vs Mach Number, a; = 0, t/Cr^ — 3% i (Ref. 26) 
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Mach No. Afgg, dimensionless 
(A) Tip Chord Modification 



Mach No. A/gp, dimensionless 
(B) Root Chord—Body Surface Gap 

Figure 5-50. Effect of Modifying WAF Root and Tip Chord Cross Section on Roll Moment, 
a = 0, t/Cr^ = 3% (Ref. 2 6) 
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Figure 5-52. Effects of Opening Angle WAF Roll Moment at Zero Angle of Attack 

Cr/d = 1.75, be/{2.d) = 0.665 (Ref. 26) 



Figure 5-53. Roll Moment Effectiveness Coefficient Gradient for Cruciform and Planar 
Wing-Body Combinations With Differential Incidence of the Horizontal Surfaces (Ref. 31) 
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Figure 5-55. Incremental Normal Force Coefficient Gradient for a Flare 
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dJdjf, dimensionless 
(A)A/^ = 1.5 


dldj^, dimensionless 
(B)M„ = 2.0 


Figure 5-56. Incremental Normal Force Coefficient Gradient for a Flared Afterbody for 

Moo = 1.5 and Moo = 2.0 

NOTE: A 




0 0.2 0.4 0.6 0.8 1.0 

d/dfi, dimensionless 

Figure 5-57. Incremental Normal Force Coefficient Gradient for a Flared Afterbody for 
Moo = 3.0 
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Figure 5-58. Incremental Normal Force Coefficient Gradient for a Flared Afterbody for 

= 4.0 



j u J* 


Figure 5-59. Incremental Normal Force Coefficient Gradient for a Flared Afterbody for 

= 5.0 
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6 = angle between outer surface of ringtail 

at leading edge and model longitudinal axis 


Ringtail 


B 

C 

F 

C* 

T1 

1.500 

1.605 

0.750 

0.046 

0.375 

T2 

1 500 

1 657 

1.125 

0.052 

0.563 

T3 

2.000 

2.210 

1.500 

0.080 

0.750 

T4 

2.000 

2.140 

1.000 

0.070 

0.500 

T5 

2.000 

2.080 

0.600 

0.060 

0.300 

TIO 

2.500 

2.675 

1.250 

0.092 

0.625 

Til 

2.500 

2,605 

0.750 

0.080 

0.375 

T12 

1.250 

1.425 

1.250 

0.048 

0.782 

T13 

1.250 

1.381 

0.937 

0.048 

0.623 


‘See List of S> mbols for definitions of B. C. F and b. 

Figure 5-60. Ringtail Geometry, 5 = 4-deg Angle (Ref. 26) 
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Figure 5-61. 
(Ref. 32) 


Ratio of Ringtail to Equivalent Planar Fin Normal Force Coefficent Gradient 
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Norma] Force CoefTicient Gradient (C 
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(B) T13, = 1.25, C = 0.937 




Mach No. A/qo, dimensionless 

(D)T2. = 1.5, C = 1.125 


(NOTE: See Fig. 5-60 for complete dimensions of Tl, T2, T12, and T13.) 

Figure 5-62. Effect of Ringtail Geometry and Longitudinal Position on the Variation of 
(C/va)rg With Mach Number, 4-deg Internal Expansion Angle (Ref. 32) 
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Figure 5-63. Effects of Chord, Diameter, and Longitudinal Position on (CAra),^ on Ring¬ 
tails, 4-deg Internal Expansion Angle (Ref. 32) 
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Dimensions arc in millimeters. 





26 7 dia(typ) 
tonfig. 2,3,4 


30.5 dia(typ) 
config. 2,3,4 




Section A-A(typ) 
config. 1,2,3,4,5 


1.857?(typ) 
config. 2,3,4 



Figure 5-64. Five Typical Configurations of Longitudinal Strut-Supported Ringtails (Ref. 
33) 
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O solid body 
□ straight ring 

_!_I _l_ 


o 

u. 


o 

2 


V 

“O 





0.6 


0.8 


1.0 

M a/'K M/-k 


1.2 


1.4 


1.6 



Figure 5-65. Aerodynamic Stability Coefficients for Various Longitudinally Supported Ring 
Shapes Compared to Solid Body (Ref. 33) 
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(A) Nonplanar Model (B) Planar Model 

Figure 5-67. Interference Effect of Fin on Body (Ref. 35) 
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I _l_ 

4 0.8 


• ^ on Oil OO QO “i R An 

1.0 A.U A.** A.o 

/3«//f , dimensionless 
V 

(B) Without Afterbody 


Lift Factors—Influence of Fin on Body (Adapted from Ref. 35) 












. climt-nsionlcss 
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a aa« C4/ 1 / , UtlllVlJ 

(A) a,/m - 0 (Rmangular Fin) (B) a^/m - 0.2 (Clipped Delta Fin) 


Figure 5-69. Total Fin-Body Interference Factor for Various a/m Ratios 


(cont'd on next page) 
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0 0.2 0.4 0.6 0.8 1.0 

B<Kly niamrtfr to Fin Sp>an Ratio d/b, dimensionless 


(K) a,/m = 0.8 (Clipped Delta Fin) 



0 0.2 0.4 0.6 0.8 1.0 

Body Diameter to Fin Span Ratio d/b , dimensionless 
(F) a^/tn = 1.0 (Clipped Delta Fin) 


Figure 5-69. (cont'd) 
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Figure 5-70. Normal Force of Fin-Body Combinations for Various Values of (AR), and 2r/b^ 
(Ref. 38) 

(cont'd on next page) 
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0 1 2 3 

Aspect Ratio dimensionless 

(B) Exposed Fin Taper Ratio • 0.25 


Figure 5-70. (cont'd) 


(cont'd on next page) 
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(C) Exposed Fin Taper Ratio - 0.50 


Figure 5-70. (cont'd) 


(cont'd on next page) 
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2 3 4 


Aspect Ratio (AR )^, dimensionless 

t? _ I *?;_ T'_n _*• a 

Vi^; lucpuscu rin taper i\.auo « u./D 


Figure 5-70. (cont'd) 


(cont'd on next page) 
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Figure 5-70. (cont'd) 







, dimensionless 
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Figure 5-71. Center of Pressure for Fins With Fin-Body Interference for Various Values of 
(AR),and 2r/b,(Ref. 38) 


(cent'd on next page) 
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Aspec t Ralid . tiiiticnsionless 

(B) Exposed Fin Taper Ratio = 0.25 

Figure 5-71. (cont'd) 


(cont'd on next page) 
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Figure 5-71. (cont'd) 


(cont'd on next page) 
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')„ dimensionless 
jper Ratio = 0.75 


(cont'd) 
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Figure 5-75. Interference Parameters Z and Z', and Fin Geometry (Ref. 24) 



Modified Interference Parameter 


I = /IdCff + 6,)sin(ir/«)I, dimensionless 

Figure 5-76. Correlation of Data with V for Various Aspect Ratios (Ref. 24) 
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C’.cntfi ot Pressure [(V percent of chord from trailing edge 
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MFl 8.89 35.56 8 

MF2 8.89 25.40 8 

MF3 8.89 19.23 8 

MF4 6.35 19.23 8 

MF5 8.89 15.24 8 

MF6 8.89 13.74 8 

MF7 6.35 13.74 8 

MF8 8.89 8.26 8 

MF9 6.35 8.26 8 

MFIO 6.35 35.56 4 

MFll 8.89 25.40 4 

MF12 6.35 25.40 4 

MF13 8.89 15.24 4 

MF14 6.35 15.24 4 


Figure 5-77. Multiple Fin Model Geometry (Ref. 24) 



Interference Parameter I, dimensionless 


Figure 5-78. Faired Center of Pressure vs Interference Parameter I (Ref. 24) 
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Ratio of Center of Pressure to Normal Force Cocllii. lent Ciraclient 

Rtxrket Diameter {X^pIcDf,, dimensionless 
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(b)(a;^/4vsA/oo 


Figure 5-82. Body Data—Sample Calculation 
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A/2 - 0.32rf 



d = I cal 

= S.O (tangc-ni ogive-) cal 
= 21.0 cal 

^ = C + 0 

= 1 l..'i.'l cal from nose- 
(^(^imrimyi = 9..^8cal ficiin nose- 


BODY D.\r.\ 


FIN DATA 


Fins arc- clc-sigiu-cl to (rroviclc- ahoul I cal sialic margin ai maximum .\/» = 3.5. Fins are reciangular 
planform. 

f = c. = c V = 2.0 cal 
i = 0.01 cal 


(Alik 


b; ^ b-, ^ b. ^ 2(0.32d) 

SV, 2) c,.. 2d 


= 0.32 


X = 


I 


2(b.. 2) + d b, + I 

2t d 1 


Ik 2 


b, 


1>, 


(sincc-c/= leal) 

(since- d = 1 cal) 


br 


0.01 


b ( = t ( = —— = 0.02 (since- fin profile- is flai) 


■S>, 

.W 


cv,(6, 2 k2) 
nd' I 


-— (since d = 1 cal) 

TT 


(.S>^, is fin planform area in one plane.) 


fli = 


m 2 ) 


P(b. 2) 

9 


(sine e from figure < 


2d and d = 1 c al) 


(AHW <)' ' = (.■l«).-(0.02)' ' = 0.271 (.!«). 


Ai : = 0 (no miclchorcl line sweep) 

(AHU! ( Y = (.f/f)..(0.02)’ = 0.(HK)1 {ARh 
(t c)'' = (0.02)' ' = 0.001 17 

Figure 5-83. Fin-Afterbody Configuration and Design Parameters for Sample Stability Calcu¬ 
lation 
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Mach No. A/^, dimensionless 


(A) vs Mgg 



Mach No. dimensionless 

(B) X(.^/d and X,f,/d vs A/* 


Figure 5-84. Configuration and Aerodynamic Coefficients—Sample Calculation 



Base Pressure Ratio dimensionless 
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Figure 5-85. 

d/d^= 0.8, 


Variation of pb/poo With C^for Variour Values of 
Air Nozzles Having Similar Plume Shapes)(Adapted 


Moc 

from 


(Cylindrical Afterbody 
Refs. 45 and 106). 
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Base Pressure Ratio pj^/p^, dimensionless 
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Thrust CoefTicient C^, dimensionless 












Local Static to Free-Stream Static Pressure Ratio plp^, dimensionless 


MIL-HDBK-762(MI) 



Distance Forward of Missile Base, nondimensionalized by base diameter xld 


Figjare 5-88. Effect of Thrust on Body Surface Pressure Distribution on Cylindrical Afterbody 

at Moo = 0.9 {Mj = 2.7, dj = 20 deg, d/db = 0.95) (Ref. 46) 
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Rocket Centerline 
Divided by Body Radius 
dimensionless 


Figure 5-89. Effect of Thrust on Base and Body Surface Pressure Distribution on Cylindrical 
Afterbody atMoe = 2.5 {Mj = 2.0, dj = 10 deg, dj/db = 0.8) 47) 



Figure 5-90.Effect of Thrust on Body Pressure X/d = 0.225, Cylindrical Sonic Nozzle 
d/d,= 0.45) (Ref. 48) 
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Symbol 
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Mach No. A/qo, dimensionless 


Figure 5-92. Ratio of Radial Thrust to Axial Thrust Required for Same Plume Effect (Ref. 
45) 
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Figure 5-94. Effect of Radial Thrust Coefficient on Longitudinal Derivatives (Ref. 54) 


Radial Thrust Coefficient C„^, dimensionless 
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Figure 5-95. Effect on Fin Number 2 Normal Force Characteristics in Forward Position 
(Moo = 1.5, 1.7, 2.0, and 2.3) (Ref. 54) 
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Radial Thrust Coefficient dimensionless 
























Normal Force CoefFicient Gradient 
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- solid Hare 

— —- - 6-pt'tal flare 

-12-pK-tal flare 

-cylinder 



Radial Thrust Coefficient dimensionless 


(A) vs 




0 4 8 12 16 20 

Radial Thrust CtK'tru ient , dimensionless 


(B)C' vsQ 


Figure 5-97. Plume Effects of Afterbody Static Stability (Moo — 1 . 05 ) (Ref. 55) 



Angle of Attack a, deg 


Figure 5-98. Normal Force Coefficient vs Angle of Attack (Ref. 42) 
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Figure 5-101. General Army Free Flight Rocket Configuration (Ref. 42) 



Figure 5-102. Thrust Effects on Total Pitch Damping Coefficient (Ref. 42) 
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Figure 5-103. Coefficient of Roll Moment Effectiveness for Cruciform and Planar Wing-Body 
Combinations With Differential Incidence of Horizontal Surfaces (Ref. 31) 



B<xly Diameter Divided by Fin Span d/b, dimensionless 


Figure 5-104. Coefficient of Damping in Roll for Cruciform and Planar Wing-Body Combi¬ 
nations (Ref. 31) 
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Re = 0.71 X 10‘(Ref. 63) 



Anglo of Attack a, deg 
(A) Spike Nose 


Figure 5-106. Magnus Characteristics of 
Re = 0.65 X 10‘(Ref. 63) 
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Yawing 
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i‘-1-1-1-1-1-1 -0.16 1_I_I_ 1111 

-8 -4 0 4 8 12 16 -8 -4 0 4 8 12 16 

Angle ()( Attack a, deg Angle of Attack a, deg 

(A) = 2.99. /ie = 15.4 x lO" (B) V = 4.01, Re = 10.0 x 10® 



(A) = 2.99, Re = 15.4 x 10’’ (B) = 4.01, Re = 10.0 x 10® -8 -4 0 4 8 12 16 

Angle of Attack a, deg 

.NO'I'I'.: /ir is l)a.s<'(l on iikkIc-I length ()( 1.2f):i9 in. c. 

iC)M^ = 5.04, Re = 11.9 x 10® 

Figure 5-109. Variations of Side Force Coefficient and Yawing Moment Coefficient With 
Angle of Attack and Fin Cant Angle (Ref. 64) 



Nose Fineness Ratio /„. diinetisionless 


Figure 5-110. Drag Coefficients Due to Pressures on Noses at Moo — 1.4 (Ref. 66) 
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NOTE: tj ld - 12 for Configurations 56 through 63 



(oiu'O j Wind 

x' ' □ > runnel 
V - O) (Ref. 73) 



paialMtl.i O 
3 i iKiiahola □ 
I ^paiaholaO 


1 lte()i\ 
iiieiii(Hl 
ol Rel. 2 



(A) Nose Pressure Drag of Flight Models Compared 
With Wind-Tunnel Results and Theory 



Mach No. Ay 00 ’ dimensionless 

r Procciir** I^rtarr Krr%m Ref 7^^ SKnwincr 

General Effects of Nose Shape on Drag 


Figure 5-111. Pressure Drag of Noses of Fineness Ratio 3, Total Fineness Ratio tr/d — 12 
(Ref. 66) 
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(a) Power Series 









(B) Drag Data 


Figure 5-119. Zero Lift Drag on Three Special Nose Configurations 













Drag CrieflR icnl C.,, dimcnsionlrss 


MIL-HDBK-762(MI) 



Figure 5-120. Variance of Boattail Base Diameter on Total Drag vsMoo for Complete Body 
Configuration (Ref. 80) 
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Boattail Wave-Drag Coefiicient Cn. dimensionless 
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UD , (liiiu’nsionlfs 


(Slio - 1)*^^ ! /</)]. dimensionless 

Figure 5-122. Wave-Drag Coefficient of Conical Boattails at Supersonic Speeds 



Figure 5-123. Wave-Drag Coefficient of Parabolic Boattails at Supersonic Speeds 



















,_Wavc-Dra« C(x,-niticnt C,, , dimensionless 

Wave-Drag Coeihtieni , dimensionless vvavt 
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Figure 5-124. Wave-Drag Coefficient of Conical Flare at Various Mach Numbers (Ref. 82) 


(cont'd on next page) 
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Figure 5-127. Com] 
15, 85, and 89) 
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I 5-128. (cont'd) 


(cont'd on next page) 
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Figure 5-128. (cont'd) 


(cont'd on nest page) 
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I'lu’orrlit al Wavr-DraK (IcK’llic ifiit Nomialiml by As|m'< ( Ratio Multiplied by Stjuare ol I'hic kness to (Ibortl Ratio 

( p^ l(-//0 (f < r), cliineitsionless 
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(E) Double Wedge, - 1.0, max / at 0.3c^ 


Figure 5-128. (cont'd) 

(cont'd on next page) 
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Type 


Symmetrical 
Double Wedge 


Double Wedge 


Single Wedge 


Cropped 
Double Wedge 


Symmetrical 

Parallel 

Double Wedge 


Parallel 

Double Wedge 


Symmetrical 
Biconvex 
(Circular or 
Parabolic Arcs) 




Figure 5-129. Wave-Drag Coefficient of Fins of Various Sectional Shapes 
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- 1 
(//c)2/3 


dimensionless 


Figure 5-130. Wave-Drag Coefficient of Rectangular Fins at Subsonic and Transonic Speeds 
(Ref. 18) 



S,. = fin olanform area 



Figure 5-131. Wave-Drag Coefficient of Delta Fins at Subsonic and Transonic Speeds 
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3 






Mach No. A/gp, dimensionless 
(B) Internal Expansion Angle 6 = 6 deg 


Figure 5-133. Effect of Internal Expansion Angle ^ and Longitudinal Positioning E/d 
Ringtail Drag (Ref. 90) 










Skin-Friction Coefficient Cf, dimensionless 
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Figure 5-134. Flat Plate Average Skin-Friction Coefficient 





Figure 5-135. Reynolds Number as a Function of Flight Mach Number and Altitude 
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Figure 5-136. Typical Variation of Base Pressure With Thrust (Ref. 93) 
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- 0.20 
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Figure 5-138. Measured and Correlated Base Pressure for Several Configurations. M^= 1.5 
and 2.0, Turbulent Boundary Layer (Ref. 94) 
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Fret- FliKhl Data Wind I'uiiiifl Data 
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Figure 5-139. Base Pressure Coefficient for Finless Bodies of Revolution in Terms of Local 
Pressure and Local Mach Number Ahead of Base, ® 0 deg (Ref. 96) 
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Figure 5-140. Effects of Mach Number and Reynolds Number on Base Pressure (Ref. 97) 











Cylinder to Boattail Base Pressure Ratio dimensionless 
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Boattail Area to Cylinder Area Ratio dimensionless 


Figure 5-141. Cylinder to Boattail Base Pressure Ratio as a Function of Base Area Ratio 
(Power-Off) (Ref. 98) 

Flare C.e()ineii\ 

Symbol On. tlet* dn d.u 

O 5 1.17(i 

□ 10 l.:lbl 

O I ■) I .oHH 

A •) 1.1 HO 



Figure 5-142. Effect of Boattailed and Flared Afterbodies on Jet-Off Pressures (Flare data 
were obtained at free-stream Mach numbers of 1.65 and 2.21.) (Ref. 99) 
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5-143. Plume-Off Boattail and Flare Base Pressure Coefficients (Ref. 100) 
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Symbol ^b^^eyi 

□ 1.0 and 1.2 



(A)A/oo “ 3.5 



(B)>W„ = 2.5 


Figure 5-144. Variation of Conical Boattail Wave and Base Drag With Base Diameter to 
Cylinder Diameter Ratio (Ref. 98) 
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0 12 3 4 5 


Mach No. dimemionless 

Figure 5-145. Base Pressure for Various Split Petal Configurations (Jet-Off) (Refs. 15, 85, 89) 
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Base-to-C\ lincirical Body Area Ratio .-1^^ . dimensionless 


iCl Proponionality Factor as a Function of Base Area Ratio for Flare and Boattailed 
Afterbcxlies 


Figure 5-148. (cont'd) 


5-216 







Incremental' B 2 ise Pressure Ratio Aipf^/p^), dimensionless Base Pressure Ratio dimensionless 
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40 80 120 160 200 240 

Pressure Ratio pjlp^, dimensionless 

(A) Base Pressure Ratio as a Function of Jet Pressure Ratio (A/qo = 2.5) 



(B) Incremental EffecU of Nozzle Position as a Function of Mach Number 

Figure 5-149. Effects of Nozzle Position on Base Pressure (Ref. 93) 
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Base Pressure Ratio dimensionless 
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Variation With Thrust for Cylindrical Afterbody With Nozzle 

Flush With Base (M, = 2.7, 0/ = 20 deg) (Ref. 106) 
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Figure 5-151. Effect of Multiple Nozzles on Base Prewssure (mx = 2.3)(Ref. 108)Text 
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Figure 5-152. Comparison of Two-Dimensional Base Pressures From Upper Vertical Fin of 
X-15 Airplane With Theory (Ref. 109) 
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Pressure Ratio P /poo - dimensionless 


Figure 5-154. Effect of Ringtail Longitudinal Location on Base Pressure Characteristics of 
Body Revolution Having a d/d = 0.2 Jet Ratio iMoo -= 2.5) (Adapted from Ref. 113) 
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2d —-- m Hh 0.04rf 



FIN GEOMETRY AND FIN DRAG PARAMETERS 

fin expost'd semispan be/2 = 0.32rf 

fin chord length c = 2d = 0.32 m 
fin thickness t = 0.04d 


y = 1.4 


-2:W!L=o.02 

2d 


fin bast* area _ (4) (0.04d) {0.i2d) _ ^ 


Are/ 


TTd^ 4 


0652 


(2be/2f 


exposed aspect ratio (AR)e - — -= 

Sr^ (2d) (2) (0.32d) 


=032 

(4d) (0.32d) 


exposed fin planform area Sf, _ 
Are/ 


area of 2 joined fin exposed panels _ (2) (0.32d) (2d) 


reference area 


7rdV4 


— 1.03 


/O J\/A OO 




Are/ ird^/4 

(AR)e(f c)' = (0.32) (0.02)- = 0.000128 
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BODY GEOMETRY AND BODY DRAG PARAMETERS 
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Figure 5-155. Configuration and Design Parameters for Sample Drag Calculation 

(cont'd on next page) 


5-223 



MIL-HDBK-762(MI) 


^ C + f'cyi = 3.0 + 21.0 = 24.0 cal 

/ /4nrrf\ / Awn \ I / Awn \ 

\Arr//b \Are//n ^Artf hyl 

= ^df-cyi _ ird(2ld) _ q 

\A,efJcyi ird^/A Trd^/4 

(y4wn)n. for a 3-cal tangent ogive 

= 2- j Y ['/«^+ Y Sin - (-^y c{r - j 

where 

d . . 

ii — -f- - (ogive radius) 

4 d^ 

and for ^/d = $, R = 9.25 
Awn=2.0\\nd^ 

\ A,ef )n ird^/A 

f \ = 84.0 + 8.04 = 92.04 

\ Artf )h 

dj/db — 0 . 8 , db — d 


annular area _ 7r/4 — (dj/df] _ d^ — (0.8d)^ 

A„/ nd}/A d^ 

body length 4 = 24 (0.16 m) = 3.84 m 

= 0.020 
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Figure 5-155. (cont'd) 
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Figure 5-156. Sample Total and Component Drag Coefficients vs Mach Number 
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Figure 5-164. Aerodynamic Force Components 
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CHAPTER 6 
PROPULSION 


This chapter provides the reader with a general understanding of rocket propulsion principles and 
applications for aerodynamically stabilized free rockets. The main emphasis is on solid propellant motors 
with some discussion of liquid Propellant systems. The types of propellant, motor case and nozzle designs, 
and methods of calculating Performance are discussed. Information is included on the trade-off studies 
that must be Performed during Preliminary design of a rocket motor application to a missile system. 
Satisfactory Performance of a given propulsion system is determined by the laws of mechanics and 
thermodynamics plus the proper application and behavior of propellant combinations and structural 
materials. Tests that are conducted to establish propellant and structural integrity, ballistic Performance, 
and quality assurance are discussed. 

6-0 LIST OF SYMBOLS 
A = area, 

2 

Ah = burning surface area, m 

= asymmetric grain base area, m^ 

Ac = (iiamber cross-sectional area, m^ 

Ac = no/.zle exit area, m^ 

Ap = port area, m^ 

Af = regression coefficient, m^/J 

2 

A, = nozzle throat area, m 

Ax = cross-sectional area at point x, m^ 

Af = eroded throat area, m^ 

A = area at unity Mach number, m 
a = empirical constant in burning rate equations 
b = empirical constant in burning rate equations 
Cf = thrust coefficient, dimensionless 
Cf = average thrust coefficient, dimensionless 
c = effective exhaust velocity, m/s 
Cp = specific heat at constant pressure, J/ kg*K 
Cp — average specific heat at constant pressure, J/ kg*K 
Cv = specific heat at constant volume, J/ kg-K 
c* = characteristic exhaust velocity, m/s 
c* = average characteristic exhaust velocity, m/s 
D = aerodynamic drag, N 
d = diameter, m 
F = thrust, N 
Fi = ideal thrust, N 
Fr = reference thrust value, N 
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/ = scale factor, dimensionless 
g = acceleration due to gravity, m/s 
g^o = 9.80665 m/s^, reference acceleration due to gravity 
H = average port-to-throat ratio, dimensionless 
h = static specific enthalpy, J/kg 

he = stagnation specific enthalpy in combustion chamber, J/kg 
he = specific enthalpy at nozzle exit, J/kg 
/ = impulse, N*s 

Is = specific impulse based on mass units, N*s/kg 
I's = specific impulse parameter, dimensionless 
L = average specific impulse, N*s/kg 
Isp — specific impulse based on weight units, s 
j = running index with k, dimensionless 

K = ratio of burning surface area to nozzle throat area based on port average pressure, 
dimensionless 

k = number of spiecies or constituents, dimensionless 
= propellant erosion constant, dimensionless 
truncated nozzle length, m 
4 = combustion chamber length, m 
4 = nozzle cone length, m 
M = u/u* = Mach number, dimensionless 
Me = nozzle exit Mach number, dimensionless 
Mp = Mach number at port, dimensionless 
Mx = Mach number at point x, dimensionless 
M' = molecular weight, kg/mole 
M'j = molecular weight of constituent /, kg/mole 
M' = average molecular weight, kg/mole 
m = mass of rocket, kg 
m, = initial mass of rocket, kg 
nim = motor mass, kg 
rrip = propellant mass consumed, kg 
m = propellant mass-flow rate, kg/s 
rhg = mass-flow rate of gas, kg/s 
rhp = mass-flow rate of propellant consumed, kg/s 

rh* = mass-flow rate that produces a Mach number of unity in the constant (ross-sectiona 
area channel, kg/s 

MR = mi/{mi — rhtb) — rocket mass ratio, dimensionless 

n = burning rate equation pressure exponent, dimensionless 
= number of moles 
rij = number of moles of constituent j 


t A II_.u:_u____ law 'll 

'/Ml prcbsuitrs 111 lllli Llliipici aiC auauiuit, I-C., piuj iv.»vai v« 


i/^icr\K#>rw- (ilhprwt<u' inriir':ilPc!. 
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Um = number of moles in mixture 
p = static pressure ', Pa 
pa — ambient pressure, Pa 
pc = combustion chamber pressure, Pa 
pc = nozzle-exit pressure, Pa 
pr = reference pressure, Pa 
pi = nozzle throat pressure. Pa 
px — static pressure at point x. Pa 
p* = static pressure at unity Mach number, Pa 
q — pu /2 = dynamic pressure, Pa 
Qe = dynamic pressure of nozzle exhaust gas. Pa 
q B = average Barlz heat flux, J/s’m^ 

R — 8.3H34X10^, J/kmole*K, universal gas constant 
r = radius (orresponding to regression point, m 
Tp = f)ort radius, m 
r, = nozzle throat radius, m 
r' = effet iiv(‘ bend radius of curvature, m 
r* = radius at unity Mach number, m 
r = burning rate or regre*ssion rate of propellant, m/s, cm/s, or mm/s 
fr = teference burning rate, m/s 

fo = propellant burning rate without erosive gas flow, m/s 
f = average insulation regression rate, m/s 
T = absolute temperature, K 
Tc = (ombustion chamber temperature, K 
Tc = temperature of exhaust gas, K 
T, = nozzle throat temperature. K 
T* = (ritit al temperature (at unity Mach number), K 
t = lime variable, s 


pro[X'llant burning time, s 

lotal isentropic velocity, m/s 

local port veltx ity, m/s 

ii<>//!(‘-('xi{ ^ciS vciOc'ity, ni/s 

axial component of gas exit velocity, m/s 

ideal vehx ity, m/s 

maximum velocity, m s 

nozzle throat vehx itv. m s 


u* — critical velcx ity (velcx ity of sound), m/s 
u = rcxket acceleration, m s‘ 

V = volume, nv’ 

J\ = combustion chamber volume, m’ 
c = spec ific volume, m^ kg 
Z = expansion factor, dimensionless 
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a = nozzle cone divergence half angle, deg 
jS = cant angle, rad 

7 = Cp/Cv = ratio of specific heats, dimensionless 
e = erosive-rate ratio, dimensionless 
^ = propellant mass fraction, dimensionless 
0 = flight path angle with horizontal plane, deg 
6 = wall angle, deg 

X = nozzle angle correction factor, dimensionless 
IIf = temperature sensitivity coefficient of reference thrust F^, K"' 
rip = temperature sensitivity coefficient of reference pressure pr, K~^ 
n*r = temperature sensitivity coefficient of reference burning rate h, ' 

p = density, kg/m^ 

Pc = density of chamber gases, kg/m^ 

Pc = density of nozzle exhaust gas, kg/m^ 

Pp = density of propellant, kg/m^ 
r = propellant web thickness, m 
V = specific internal energy, J/kg 
$ = average entrance angle, deg 
0 = nozzle velocity coefficient, dimensionless 
= combustion chamber-pressure parameter, Pa 
to = propellant volume correction factor, dimensionless 

6-1 INTRODUCTION 

The rocket propulsion system is defined to include all classes of propulsive devices that carry within 
themselves the total reactive mass to be expelled. The rocket motor, or engine, is a form of jet propulsion 
and is a means of locomotion derived by the reaction to momentum of the ejected matter-. The duct, or 
air-breathing propulsion system, differs from the rocket in that it carries only the fuel on board; the 
oxidizer is obtained from the surrounding atmosphere. 

Rocket propulsion systems are generally grouped into two major classes: liquid propellant engines and 
solid propellant motors. The liquid system, as the name implies, uses a liquid propellant that may involve 
separate tanks for the fuel and the oxidizing agent or a monopropellant flowing through a catalyst bed for 
decomposition. The liquids are pressurized and injected into the rocket combustion chamber where 
combustion takes place. In the solid system the propellant is a solid mixture of the oxidizing agent and the 
fuel formed directly in or inserted into the combustion chamber. There is also a hybrid class of rocket in 
which various combinations of liquids and solids are used. 

There are advantages and disadvantages of each of the major classes of rockets. The solid rocket motor is 
relatively simple, easily handled, easily stored, and highly reliable. It is capable of a high propulsive thrust 
and has a rapid initial thrust buildup. The liquid system involves complicated plumbing and 
pressurization systems and may require handling and loading hazardous liquids at the launch site. 
However, the liquid system has greater flexibility in the control of the thrust-time relationship. Higher- 
energy propellants such as liquid oxygen and liquid hydrogen are available in their liquid state. 

The selection of either the solid or the liquid system will be based on the mission to be accomplished. 
Due to the normal advantages of solid propulsion in aerodynamically stabilized free flight rockets, this 
handbook discusses only the solid propellant motor and its principles of operation and applications. The 
intent of this chapter is to provide the reader with an understanding of rocket propulsion and the 
interrelationships with other technical disciplines. 
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6-2 GENERAL 

This paragraph provides a general description of the methods used in calculating rocket motor 
performance quantities. Several parameters used to describe rocket motor performance are presented. The 
equation for the thrust of a rocket may be derived by a detailed integration of the forces acting over the 
internal and external surfaces of the motor. The results of this process are expressed in the following thrust 
equation: 

F = rhUe + ipe ~ pa)Ae, N (6-1) 


wliere 


F = thrust, N 

= propellant mass-flow rate, kg/s 
u<. = no//le-exit gas velocity, m/s 
pe = noz/le-exit absolute pressure •, Pa 
pa = ambient absolute pressure 1 , Pa 
Ac = no/./.Ie exit area, m^. 


The first term of Eq. 6-1 is the momentum thrust, and the second term is the pressure thrust. Optimum 
thrust can be obtained when the exhaust pressure equals the local ambient pressure, i.e., when the flow is 
ideally expanded in the nozzle. 

A useful performance indicator is the impulse I, often referred to as the total impulse. The impulse is the 
integral of the thrust over the burning, or action time, of the propellant. This is expressed mathematically 
as 



( 6 - 2 ) 


where 

I = impulse, N‘S 
I = time variable, s 
tb = propellant burning time, s. 


As an example, if the average thrust over the period of burning is known, the impulse is simply the product 
of the average thrust and burning or action time. 

Another important performance indicator is the specific impulse. It is a function of many variables and 
is generally quoted for standard sea level conditions and/or vacuum conditions. Specific impulse is a 
measure of the efficiency of the system including the propellant, interior ballistics, and the nozzle design. 
It is defined as the thrust that can be obtained from a rocket motor that has a propellant mass-flow rate of 
unity. This definition is expressed as 

Is = —^ , N‘s/kg (6-3) 


where 

Is = specific impulse based on mass units, NZs/kg. 

Because of tradition. Chapters 3 and 4 of this handbook use specific impulse based on a weight flow rate 
rather than mass flow rate. This specific impulse is expressed in the following equation: 


Isp 



where 

Isp = specific impulse based on weight units, s 
go= 9.80665 m/s^ reference acceleration due to gravity. 


(6-4) 


t All pressures are absolute, i.e., gage plus local (ambient) pressure. 
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It is important that the concepts of mass, weight, and gravity be distinguished in the application of these 
equations. Since weight changes with altitude and gravitational fields, mass units are preferred in the 
modern references on rocketry. Therefore, specific impulse as used in this chapter will carry the units of 
force per unit mass-flow rate. 

The effective exhaust velocity c has been defined in the literature (Ref. 1 ) as a performance parameter and 
is equivalent to the specific impulse Ig, i.e.. 


c = 


f 

——, m/s or N*s/kg 
m 


(6-5) 


or, by substitution of the expression for F from Eq. 6-1, 


C = + 


i,pe pa)^e 

th 


, m/s. 


( 6 - 6 ) 


When p^= P^, the effective exhaust velocity c is equal to the average actual exhaust velocity u^of the 
combustion gases. Rearrangement of the terms of Eq. 6-5 yields 

F = cm, N (6-7) 


which is equivalent to Eq. 6-1 for p^= P^. 

The characteristic exhaust velocity c* is a performance parameter that defines the relationship of the 
combustion product gas properties in the combustion chamber, i.e.. 


c 


* 


pc At 

m 


, m/s 


( 6 - 8 ) 


where 

P c= combustion chamber absolute pressure. Pa 
A, = nozzle throat area, m^ 

The thrust coefficient Cf is defined as 

Cf= F/(A,pJ, dimensionless. (6-9) 

Combining Eqs. 6-8 and 6-9, the equation for the thrust of the rocket can be written as 

F = rhc^Cp, N. (6-10) 

In Eq. 6-10, and Cf characterize the performances of the combustion chamber and the nozzle, 
respectively. 

6-2.1 THE REACTION PRINCIPLE 

Methods for propelling a body in either a fluid medium or in space are basically an application of 
Newton's reaction principle (Ref. 2). The reaction principle states that forces always occur in equal and 
opposite pairs—i.e., to every action (force) there is an equal, but oppositely directed, reaction (force). 
Examples of the reaction principle maybe observed at any time that a person or object moves. Examples of 
the application of the reaction principle to propulsion problems are rowing a boat, swimming in a pool, 
the screw for propelling a ship, the propeller for moving an airplane / and the rocket for propulsion. 

In each of the propulsion examples, the application of the reaction principle involves increasing the 
momentum of a flowing mass of fluid in one direction so that the reaction to the action force causes a thrust 
for propelling the body. The thrust is the result of increasing the momentum of a flowing fluid in the 
direction opposite to that desired for the body. 
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6-2.2 ESSENTIAL FEATURES OF CHEMICAL ROCKETS 


Solid-propellant rockets have been used in a variety of applications in short duration boost motors, in 
military missile systems, and in aerospace launch vehicles where longer action times have been achieved. 
The basic rocket motor consists of an igniter, a propellant charge, insulation, a liner, a case, and a nozzle. 
The motor case includes a forward skirt and dome, a cylindrical section, and an aft skirt and dome. 
Insulation usually is required at selected locations in the motor such as the head end, the aft dome, and in 
the nozzle. Across section of a typical case bonded, unrestricted burning rocket motor is shown in Fig. 6-1. 



Figure 6-1. Case Bonded Solid Propellant Rocket Motor 


6-3 PROPELLANT TYPES 

The working substance of a rocket is its propellant which, during the burning process, undergoes 
chemical and thermodynamic changes. The propellant is either in the form of a solid or one or more 
liquids. In either case a fuel and an oxidizing agent must be present. 

6-3.1 LIQUID PROPELLANTS 

Liquid propellant rockets usually use two or more propellant components. In some cases a liquid 
monopropellant may be used. 

Liquid bipropellant rocket engines commonly are used in large missile systems. A liquid fuel and a 
liquid oxidizer are carried in separate propellant tanks. They are pressurized, injected into the combustion 
chamber, and ignited to produce high-pressure gases that provide the reaction force through an exhaust 
nozzle. 

A liquid monopropellant contains the oxidizing agent and the fuel in a single substance. It may be a 
mixture of compounds such as hydrogen peroxide and alcohol or it may be a homogeneous chemical agent 
such as nitromethane. Monopropellants must be stable at ordinary environmental conditions and decom¬ 
pose when heated in the presence of a catalyst under pressurized conditions to yield the combustion gases. 

6-3.2 SOLID PROPELLANTS 

A solid propellant is a chemical or mixture chemicals in a plastic or rubber form which produces 
high-pressure gases when it burns. These high-pressure gases' when exhausted from a combustion 
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chamber provide a reactive force for rocket propulsion. Atypical solid propellant may include two or more 
of the following functional ingredients: oxidizer, fuel, additives, and inhibiters. Solid propellants at-e 
formulated to include all the materials necessary for reaction. The solid block of propellant is called the 
grain and is formed in or inserted into the combustion chamber. 

For military applications solid propellant rockets are usually preferred over liquid propellant systems, 
especially for applications in aerodynamically stabilized free rockets. One of the main capabilities of the 
liquid systems—control of thrust during flight-is seldom required in aerodynamically stabilized free 
rockets. The advantages of the solid propellant rocket are its simplicity, mobility, reliability, ease of 
storage, and ease of launching. The solid propulsion system has no moving parts such as valves, 
pressurization systems, and controls. It is simple and easy to use and requires little servicing. 

Three general types of processed solid propellant are double-base, composite, and composite double¬ 
base propellants. The composite propellant is a heterogeneous mixture of oxidizing crystals in an organic 
rubber or plastic-like fuel binder. The double-base propellant, sometimes called homogeneous propel¬ 
lant, is a propellant in which the fuel and oxidant are contained in the same molecule (Ref. 3). The 
composite double-base propellant consists of a combination of the chemical compounds of the other two 
types of propellants. Each type of propellant is discussed further in the paragraphs that follow. 

6-3.2.1. Double-Base Propellants 

Double-base propellants, of which there are several kinds, in general are colloidal monopropellant 
mixtures comprising three principal ingredients: a polymer, an oxidizer-plasticizer, and a fuel plasticizer 
(Refs. 4 and 5). The polymer is the binder which acts as a suspension medium for the fuel and oxidizer in 
the double-base propellant. The oxidizer and fuel are chemically linked in the same molecule, and energy 
is released when the mixture burns. 

The most widely used double-base polymer is nitrocellulose or cellulose hexanitrate (NC) (Ref. 4). It is 
an amorphous material which ignites at about 160° to 170°C. Since it is underoxidized, it can also be 
regarded as a fuel. 

The oxidizer-plasticizer must be physically compatible with the polymer. A widely used double-base 
oxidizer-plasticizer is nitroglycerin or glycerol trinitrate (NG), a high-energy explosive in the form of an 
oily liquid that explodes at 260°C. Another double-base propellant was developed that replaces NG with 
diethylene glycol dinitrate (Ref. 5). This material is safer to handle than NG and is a better gelatinizing 
agent for NC. The optimum stoichiometric mixture from energy considerations of these two compounds 
should contain about 8.6 parts of NG to 1 part of NC. Ffowever, to obtain reasonable physical and storage 
characteristics of the solid colloid, the amount of NG must be limited to approximately 25% (Ref. 3). This 
under oxidization results in the tactical double-base propellants attaining energy levels far less than the 
optimum available. 

The fuel-plasticizer must be physically compatible with the polymer. The fuel-type plasticizers are 
frequently some form of plastic. Some propellants tend to deteriorate or thermally degrade in storage at 
high temperature, and stabilizer additives are added to suppress the thermal degradation process. 

Small quantities of other additives are usually included to promote smooth burning, improve mechani¬ 
cal proper-ties, and tailor performance characteristics. 

6-3.2.2 Composite Propellants 

Modern composite propellants have three principal ingredients: a fuel, which is an organic polymer, 
called the binder; a finely powdered inorganic oxidizer (generally ammonium perchlorate (AP)); and 
additives (Ref. 6), The additives are for the purpose of catalyzing the combustion process, increasing 
density, increasing specific impulse, improving physical properties, and increasing storage life. The 
fuel-binder acts as a suspension medium for the oxidizer and a metallic fuel additive if an additive is used. 
The fuel-binder can be any combustible material with reasonable strength and adhesion to the oxidizer 
particles. Various rubbers and plastics have been used over the years as the fuel-binder. The present 
preferred binder for tactical solid motors is a hydroxy terminated polybutadiene (HTPB) rubber. Binders 
used in composite propellants are primarily the elastomeric monomers. Binders receiving the most 
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development effort and application are listed in Table 6-1. All of the binders listed have been used in 
making castable propellants. For a detailed discussion of the binders for composite propellants, see Ref. 7. 


TABLE 6-1 

BINDERS FOR COMPOSITE PROPELLANTS 


Polysulfides 

Polyurethane 

Butadiene Acrylic Acid Copolymers (PBAA) 
Polyvinyl Chloride 

Car-boxy Terminated Polybutadiene (CTPB) 
Hydroxy Terminated Polybutadiene (HTPB) 


The oxidizers used in composite propellants are the chlorates, perchlorates, and inorganic nitrates. 
Table 6-2 lists some of the inorganic oxidizers which might be considered for use in solid propellants. 
Variables that must be considered in selecting an oxidizer are the amount of available oxygen, heat of 
formation of the oxidizer, molecular weight of the exhaust gases, oxidizer density, hygroscopicity, and 
toxicity and corrosive properties of the exhaust products. The total amount of oxygen in the oxidizer 
cannot be made available to support the combustion of the fuel; some of this oxygen reacts chemically with 
other elements and is exhausted as by-products of the combustion. 

TABLE 6-2 

INORGANIC OXIDIZERS FOR 
COMPOSITE PROPELLANTS 


Oxidizer 

Chemical 

Symbol 

Molecular 

Weight 

Density p, 
g/cm' 

Ammonium Nitrate 

NH 4 NO 3 

80.05 

1.73 

Ammonium Per-chlorate 

NH 4 CIO 4 

117.49 

1.95 

Sodium Nitrate 

NaNOs 

84.99 

2.26 

Potassium Per-chlorate 

KCIO 4 

138.55 

2.52 

Sodium Perchlorate 

NaC104 

122.55 

2.48 

Potassium Nitrate 

KNO 3 

101.10 

2.109 

Lithium Perchlorate 

LiC104 

106.40 

2.428 

Lithium Nitrate 

LiNOa 

68.90 

2.38 

Nitronium Perchlorate 

NO 2 CIO 4 

145.50 

2.21 


Most solid propellants have ingredients that are hydroscopic; consequently, it is necessary to consider 
the effects of moisture on these materials. Ammonium perchlorate (AP) and potassium perchlorate (KP) 
are useful in situations in which the propellant is exposed to moisture since these perchlorates are only 
slightly soluble in water. 

Transition metal oxide (TMO) catalysts such as Fe^Oj, CuO, MnO^, and CuCr^O^, form a very popular 
group of catalysts for burning rate modification of composite solid propellants (Ref. 8). It is known that 
these oxides affect the decomposition characteristics of polymers and oxidizers such as AP and KP. These 
burning rate modifiers give composite propellants a wide range of burning rates and must be considered in 
the propellant selection. 

The energy content of a solid propellant can be increased by including certain light metals such as finely 
powdered aluminum in the propellant formulation. The addition of aluminum increases the combustion 
temperature and thereby the specific impulse. In addition, it increases the propellant loading density and 
is effective in suppressing high frequency combustion pressure oscillations. 


6-9 





MIL-HDBK-762(MI) 


6-3.2.3 Composite Double-Base Propellants 

Composite modified double-base propellants contain both homogeneous (double-base) propellants and 
heterogeneous mixtures (composite propellants). In these propellants, solid oxidizers such as ammonium 
salts or nitramines are held together in a matrix of nitrocellulose-nitroglycerin. Since nitrocellulose and 
nitroglycerin are both explosives, processing and handling of double-base and composite double-base 
propellants involves hazards; consequently, special precautionary measures are required. 

6-4 BASIC PERFORMANCE PARAMETERS 

The basic performance parameters for a solid rocket motor include thrust, characteristic exhaust 
velocity, specific impulse, propellant burning rate, flame temperature, action time, and the ideal velocity 
of the rocket. 

6-4.1 INTERNAL BALLISTICS 

Internal ballistics is the science that treats the motion of the propellant gas in the motor combustion 
chamber and nozzle. Internal ballistics includes a study of both the propellant design and the nozzle 
design. The motion of the combustion products depends on ballistic parameters that are essentially 
thermochemical properties of propellant gases, such as specific impulse and characteristic velocity, and 
on the design of the propellant grain and the nozzle (Ref. 7). 

6-4.1.1 Propellant Burn Rate 

Control of the propellant burn rate is one method for shaping the thrust-time history for a rocket motor. 
The choice of a propellant burn rate can be a trade-off between achieving the desired thrust-time history 
and assuring reproducibility and stability of specific impulse. Propellant burn rate and the parameters and 
variables within the propulsion system which affect the burn rate are discussed in this paragraph. 

The velocity at which the solid propellant is consumed during operation is called the burning rate. 
Burning progresses in a direction normal to the exposed burning surface at a rate that is a function of 
propellant composition, ambient grain temperature, combustion pressure, and a few minor influences 
such as a high acceleration environment and propellant grain configuration. The burning rate can also be 
affected by the flow of high velocity gases parallel to the burning surface. This parallel flow of gases is 
called erosive burning. Usually the erosion is the greatest near the nozzle end of the motor where the gas 
velocity is high. 

Burn rate catalysts can modify the propellant burn rate. Copper chromate, Cu^CpO^, and iron oxide, 
Fe^Oj, are most effective among the TMO catalysts on composite propellants using perchlorate oxidizers 
(Ref. 8). For example, in some formulations, the addition of 0..5'% copper chromate doubles the burning 
rate. These TMO catalysts also may affect the gas phase, the subsurface condensed phase, and the surface 
condensed phase separately or all of them simultaneously. Therefore, the propellant burn rate depends 
upon many variables but mainly on pressure, initial grain temperature, effect of oxidizer partcle size, and 
presence of additives. 

For a given propellant combination the burning rate may be approximated by an empirical relation in 
which the influence of the performance parameters is usually small compared to the influence of the 
chamber pressure and the initial grain temperature. Most of the proposed relationships or composite 
models are based on the gas conditions and treat the burning surface as being planar, dry, and homo¬ 
geneous. In actual practice the surface has been found to contain a molten layer and to be rough. The 
models do not explain the effect of particle size distribution, binder characteristics, surface temperature, 
catalyst, condensed-phase heat release, or sensitivity of burning rate to temperature, but they are formu¬ 
lated to predict the trend of the burning rate as a function of pressure. Several empirical relationships that 
are used to relate burn rate to pressure are given in Eqs. 6-11 through 6-13. The motor manufacturer uses 
the model that best describes the burn rate test data for the specific propellant and motor configuration. 

f=bpc, m/s (6-11) 
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f = a + bp", m/s 


( 6 - 12 ) 


a I b 
- + s/m 


(6-13) 


where 

f = propellant burning rate, m/s 
a, b, and n = empirical constants. 

The empirical constants are adapted to provide a mathematical approximation of the test results, and they 
take on the units that are appropriate to balance the equation dimensionally. The constants have values 
that depend on the gas phase reaction rates, diffusion rates, temperature, and pressure. In Eq. 6-11 for 
example, the value of n for most propellants is between 0.35 and 0.9. For homogeneous (double-base) 
propellants, n is approximately 0.7; for heterogeneous (composite) propellants, n is approximately 0.4; 
and for mesa propellants, n is approximately zero. 

6-4.1.2 Thermodynamic Considerations 

Rocket engine performance parameters are dependent on the thermodynamic states of the propulsive 
gas created in the rocket by the combustion of fuel with an oxidizer. Certain thermodynamic considera¬ 
tions are often referred to as stagnation conditions since they are especially applicable to the combustion 
chamber. The stagnation condition (of pressure, temperature, enthalpy, etc.) is defined as the condition in 
a fluid flow field where the velocity of the fluid is brought to rest reversibly and adiabatically, i.e., 
isentropically. A static condition is one that can be measured by means of a probe moving with the fluid. 
This is to say that the static pressure, for example, is the gage pressure as unaffected by the fluid flow, and 
the stagnation pressure is a total pressure where the velocity is reduced to zero isentropically. The static 
temperatures of the gases entering the exhaust nozzle will range from 2778 K to approximately 3600 K and 
are well above the critical temperature of the individual gas components forming the combustion gas 
mixture. The combustion pressures—1.7 to 20.7 MPa—are low compared to the corresponding critical 
pressures. It is reasonable to assume that the combustion gas mixture produced in the rocket motor behaves 
as an ideal gas and that there are no interactions among phases. The equation of state for such a mixture is 

pv = nRT/M', J/kg (6-14) 

or 

p = pRT/M', Pa (6-15) 

wlu'it* 

jj — auMJiuir 5iuiii pic55uir, r<x 

V — s|x*< ifir volume, m^/kg 
n = number of moles 

R = universal gas conslani = 8.31434X10^ J/kmole*K 
T — absoluie ternperalure, K 
p = density, kg/m^ 

A/' = molet ulai weight, kg/mole. 

Eqs. 6-14 and 6-15 are assumed to be correct even when small amounts of condensed species (up to several 
percent by weight) are present. The condensed species occupy a negligible volume and exert a negligible 
pressure compared to the gaseous species. The variables v and n define the specific volume of the gas and 
the number of moles of the gas, respectively. The symbol p refers to the density of the mixture including 
condensed species. 
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The average molecular weight : M' of the gas mixture, is defined as the sum of the individual masses of 
each constituent present divided by the sum of the number of moles of each. This relationship is expressed 
as 


M'= i , kg/mole 

rim 


(6-16) 


where 

M' — average molecular weight, kg/mole 
rij = number of moles of constituent j 
Mj = molecular weight of constituent j, kg/mole 
rim = number of moles in mixture 
k = number of constituents. 

6-4.1.3 Continuity Equation 

For steady flow the law of conservation of mass, the continuity equation, is represented by 

m = pAbir, kg/s (6-17) 


w-here 

A ^ = burning surface area, ml 

Eq. 6-17 assumes that the burning of a solid propellant is one-dimensional, normal to the burning surface, 
and neutral. For steady state in the combustion chamber, the mass-flow rate of propellant consumed rhp 
must equal the mass-flow rate of gas rhg expended from the nozzle. 

For transient internal ballistics, Eq. 6-17 should be replaced by 


. _r 

m — \ 

Jo 


pAb 


dir 


dt 


+ pf 


dAi 


dt 


i + Abir 


^ /J 


kg/s. 


(6-18) 


Eq. 6-18 includes terms that account for the chamber pressurization rate — r — f{p), p — f{p) — and a non¬ 
constant bum surface. 


6-4.1.4 Propellant Temperature Effects 

A solid propellant will not ignite until its surface temperature is above an ignition temperature, and the 
surface must be maintained above the ignition temperature until the required activation energy for 
self-sustaining combustion has been absorbed. In addition to the temperature requirement, the igniter 
must produce enough gas to raise the chamber pressure to the lower deflagration limit. 

The ballistic sensitivity of a given propellant, with respect to the bulk temperature of the propellant 
grain, is expressed as the change of a particular parameter per unit change of the temperature of the grain. 
Temperature sensitivity coefficients II; are defined for chamber pressure, burning rate, and thrust, 
respectively, for a constant burning surface area ratio K = A^ A„ the ratio of burning surface area Aj,to 
nozzle throat area A, (Refs. 4 and 5) as follows: 


np = 



n; = 



(6-19) 


( 6 - 20 ) 
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nF = 


d\nF 

ST 


1 \ /dF' 


F \dT. 


,K 


-1 


( 6 - 21 ) 


Eqs. 6-19 through 6-21 can also be expressed as follows: 


cxp(npAT), dimensionless 


( 6 - 22 ) 


Tr _ 


expiO^AT), dimensionless 


(6-23) 


Fr _ 


exp(nyrAT), dimensionless 


(6-24) 


vIlCK' 

II/, = temperature sensitivity coefficient of reference pressure pr, K ’ 

H- = temperature sensitivity coefficient of reference burning rate h, K ^ 

Ilf = temperature sensitivity coefficent of reference thrust Fr, K~^. 

Fig. 6-2 gives an example of the effect of initial propellant temperature on measured pressure and thrust. 

Temperature can also affect the physical characteristics of the propellant. A propellant may become 
brittle and crack-prone at low temperatures (-40°C) and become nonrigid at high temperatures (60°C). 
Some additives are available that suppress the effects of storage temperatures on propellant performance. 

6-4.2 NOZZLE 

The primary function of the nozzle is to expand the hot propellant gases from the high pressure in the 
combustion chamber to or near the external ambient pressure, thereby converting thermal energy into 
directed kinetic energy or thrust. The theoretical thermodynamic relations provide methods for the 
calculations of rocket motor performance and design parameters. The flow of combustion gases as they are 
expanded through the nozzle is assumed to be isentropic flow (adiabatic and reversible) based on an 
average nozzle specific heat ratio or from a knowledge of the chemical equilibrium composition of the 
reactant products. Mass flow calculations for both converging and converging-diverging nozzles are 
discussed in Ref. 5. 

The maximum thrust from a motor is obtained when the combustion gases are expanded to the ambient 
atmospheric pressure. Since rockets usually operate at varying altitudes and the atmospheric pressure 
varies with altitude, the selected design expansion ratio of the nozzle is usually a compromise between the 
thrust and the nozzle expansion ratio, length, and weight. 

6-4.2.1 Nozzle Design Factors 

The design of a propulsive nozzle involves consideration of a variety of conditions and parameters. 
These include the environment in which the nozzle is to operate; the propellant to be used; thrust 
requirement; the flow rate; and certain parameters to be optimized such as weight, length, exit diameter, 
and cost. The nozzles of solid propellant motors are usually uncooled and are subjected to severe 
conditions with relatively high heat-transfer rates and mechanical erosion. Nozzle configuration design 
involves analyses of aerodynamic, thermal, structural, fabrication, and operational considerations which 
are significant factors that relate directly to rocket performance. Often it is not feasible from economic and 
weight considerations to expand ideally the combustion products in the nozzle. The design consists of 
trade-offs and optimization of pertinent parameters which are tailored to the operational requirements. 

The cost of the nozzle is related to the materials used in its construction and to the complexities of the 
manufacturing process. Construction materials used in nozzles must be selected to satisfy thermal and 


6-13 


















MIL-HDBK-762(MI) 


loading conditions. The pressures encountered in the nozzle cause radial, axial, and hoop loads which are 
compounded by the very steep thermal gradients that are experienced. For applications where the 
temperature is relatively low and the duration short, simple steel nozzles are adequate. For longer dura¬ 
tions, high temperatures, and corrosive propellants, inserts of special materials—tungsten, various 
carbides, molybdenum, or graphite- must be added to the throat section. These materials are brittle and 
difficult to use, and they increase the cost appreciablely. Ablative materials may be used; however, this 
usually, results in an enlarged throat that affects the design characteristics of the nozzle. 

Nozzle-throat materials should be selected that have the most reproducible erosion characteristics. The 
relative rankings based on the ratio of standard deviation of the final eroded throat area A^to the initial 
nozzle-throat area A, are given in Table 6-3. 


TABLE 6-3 

NOZZLE MATERIAL EROSION CHARACTERISTICS 


Material 

Ae 

Tungsten (2% Molybdenum) 

0.06 

ATJ Graphite 

0.11 

Glass Phenolic 

0.16 

Silica Wrapped Tape 

0.23 

G-90 Grapite 

0.26 

CS Graphite 

0.31 

Carhitex 700 

0.36 


The best material is tungsten with an erosion rate so low that variability is not a factor. A close second is 
ATJ graphite which is superior to the more expensive grade G-90. The ATJ graphite was determined to be 
the best nozzle-throat material based on a cost-effectiveness analysis. 

Accurate alignment of the nozzle axis with the rocket center of gravity is especially important in 
aerodynamically stabilized free rockets in order to minimize flight errors. Careful selection of materials is 
necessary to minimize erosive effects (par. 6-4.2.4) that may result in malalignment of the thrust vector. 

Design requirements and design factors must be carefully selected and defined with considerations for 
ease of manufacture and cost. Nozzles maybe designed for an ideal expansion ratio and then truncated to a 
shorter length to facilitate manufacture and reduce cost (par. 6-4.2.3). A weight saving and a cost saving 
may be attained at the expense of a small loss in thrust or performance. Other design considerations are 
discussed in pars. 6—4.2.2 and 6-5.5. 

6-4.2.2 Thermodynamic Relations 

Thermodynamic and gas dynamic theory provides the basic process relationships required in analyzing 
the combustion and gas expansion within the nozzle. The nozzle of a rocket may be of a converging or 
converging-diverging configuration. Fig. 6-3 illustrates schematically the manner in which the flow area 
varies for these two general classes of nozzles. 

The ideal flow relationship is applicable for converging nozzles and converging-diverging (de Laval) 
nozzles. The converging nozzle (Fig. 6-3(A)) is suitable for applications in which lower thrusts are 
acceptable and length is a premium. A cent'erging nozzle is capable of developing 65 to 75% of the available 
total thrust. 

The thermodynamic relations are presented in equation form and are based on the analytical treatment 
of flow of a compressible fluid through a nozzle, assuming steady, one-dimensional, isentropic flow (ideal 
nozzle flow). Thermodynamic properties that are significant in this analysis are the specific heats at 
constant pressure Cpand constant volume C^, respectively; the ratio of specific heats y = Cp/ c^; and 
enthalpy. The specific enthalpy h (heat content per unit mass) is defined as the sum of the specific internal 
energy, v and the product p^of the absolute pressure p and the specific volume v, i.e.. 
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(A) Icieal Nozde Flow in a Converging Nozzle 
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h = static specific enthalpy, J kg 
V = specific internal energy, J kg. 
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The important thermodynamic states of a propulsive gas as it accelerates from the combustion chamber 
through the rocket nozzle are illustrated by Fig. 6-3. If it is assumed that the velocity in the combustion 
chamber is negligible, the local isentropic velocity u at each position through the nozzle maybe calculated 
by 

u — \/2{hc h), ixi/s (6-26) 


()) 


u = \l2cpTcZ, m/s 


= 1 -U- 


( 7 - 1 ) 7 


, dimensionless 


(6-27) 

(6-28) 


wlu‘ 


he = stagnation specific enthalpy in combustion chamber, J/kg 
Cp = average specific heat at constant pressure, J/kg*K 
Tc = combustion chamber temperature, K 
y = ratio of spec ific heat Cp/Cv, dimensionless 
Z = expansion factor, dimensionless. 


Several reference velocities can be calculated for an ideal nozzle. By setting the static enthalpy in Eq. 6-26 
to zero (expansion to absolute zero pressure), the maximum velocity u^„is given by 


Umax 


\/2hc = \l2CpTc — 



RTc 

M' 


, m/s 


(6-29) 


in whic h the ideal gas relationship Cp = yR/[{y ~ 1)M'] is substituted, 


where 

Cp= specific heat at constant pressure, J/kgZK. 

Another useful reference velocity is the critical nozzle throat velocity u* which occurs at the velocity of 
sound. The asterisk is used to denote critical conditions which are defined as those occurring at unity Mach 
number. 


u* = \/yRT*/M' 


(6-30) 


where 

T"^ = critical temperature, K 
u"^ = critical velocity, m/s. 


Eq. 6-27 can be restructured using the definitions for u^^^ and u"^ as follows: 



(6-31) 


The temperature, pressure, and density relations for the simplified isentropic flow approach for nozzle 
flow are defined by Eqs. 6-32, 6-33, and 6-34, respectively. 
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H 

T 


= 1 


+ 



dimensionless 


^£— = H dimensionless 

£L- =|i ^' dimensionless 


where 

Tc = combustion chamber temperature, K 
T = absolute static temperature, K 
p = absolute static pressure, Pa 
pc = density of chamber ^ses, kg/m’ 
p = static density, kg/m’ 

M = Mach number, dimensionless. 


(6-32) 


(6-33) 


(6-34) 


The static values of temperature, pressure, and density pertain to a specific axial location in the chamber 
or nozzle where M is evaluated. 

The required area ratio Ay A, for expanding an ideal gas isentropically from the stagnation conditions 
p^and Tyo the static pressure p^at the cross-sectional area A^or critical nozzle flow as is illustrated in Fig. 
6-4 is provided by Eq. 6-35, i.e.. 



Figure 6-4. Area Ratio A^/A* for Complete Expansion as a Function of the Nozzle Pressure 
Ratio py pyor Different Values of T Cp/Cv (Ref. 5) 


6-18 




MIL-HDBK-762(MI) 


A, 


A, 


A± 

A* 



dimensionless. 


This equation can also be presented with AJ A, as a function of M^as follows: 


Ax _ Ax 

At A* 





(y+l)/[2(7-l)] 


dimensionless 


where 

Ax = cross-sectional area at point x, 

A* = area at unity Mach number, m^ 
px = absolute pressure at point x, Pa 
Mx = Mach number at point x, dimensionless. 


(6-35) 


(6-36) 


In the conventional de Laval nozzle, unity Mach number occurs at the throat of the nozzle and is the 
throat area A,. A converging-diverging nozzle sample problem for ideal gas flow of air is presented on page 
4-16, Ref. 5. 

The exit Mach number in a converging-diverging nozzle can be subsonic or supersonic, depending on 
the ratio of chamber pressure to back pressure. A converging-diverging nozzle that has an isentropic mass 
flow rate less than critical will have subsonic flow throughout the nozzle. The small range of exit pressures 
which can be attained with a subsonic isentropic flow are indicated by Fig. 6-5. When a nozzle has the 
critical mass flow rate rh* , only two exit pressures satisfy the requirement for isentropic flow. These are 
identified as "isentropic diffusion" and "isentropic expansion to supersonic velocities" in Fig. 6-5. 

A converging-diverging nozzle having a fixed area ratio AyA"^ and fixed inlet conditions provides 
complete expansion of the flowing gas when the exit pressure equals the back pressure. When the nozzle 
exit pressure is greater or less than the back pressure, the nozzle is classified as being underexpanded or 
overexpanded, respectively. 

6-4.2.3 Surface Contours 

The nozzles most often employed in rocket motors are converging and converging-diverging (de Laval 
nozzle). The shape of the subsonic or converging portion of a nozzle is not critical; however, the shape of 
the supersonic or diverging portion of the de Laval nozzle is very important. Improper shaping of the 
diverging portion may result in shock formations and, therefore, performance loss. Simple, conical 
divergent sections usually provide shock-free performance when they are expanded to the appropriate exit 
pressure. Divergence half angles between 12 and 18 deg usually provide the best performance (Ref. 1). For a 
given area ratio, smaller angles result in excessive nozzle lengths and corresponding] y large friction losses. 
Large angles cause radial flow (nonaxiality) losses and possible flow separation from the walls. The thrust 
of an ideal rocket of nozzle cone divergence half angle a is reduced by a nozzle angle correction factor A due 
to the nonaxialily of the exhaust products, i.e.. 


tlex = ^Ue, m/s 


(6-37) 


\ dimensionless 

2 


(6-38) 


wluic 

n,x = axial (ompoiu nt of iio//.It*-exii gas velocity Uc, m/s 
a = no//le (one divergeiu e half angle, deg 
X = no/xle angle <<)i red ion fat lor, tlimensionless. 
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Rcpjrinled with (x-rmission. CUtpyrighi ® by John Wiky and Sons, Iin. 


Figure 6-5. Pressure Distributions in a Converging-Diverging Nozzle Under Different Operat¬ 
ing Conditions (Ref. 5) 

Experimental verification of this correction for radial flow thrust loss is shown by Fig. 6-6 (Ref. 9). The 
figure provides a comparison of actual ideal thrust (axial component) for a series of conical nozzles. The 
expected performance (Eq. 6-38) is reduced here arbitrarily 0.5% to account for boundary layer losses. 

The radial flow loss can be eliminated if the nozzle is suitably contoured to give a uniformly axial 
exhaust velocity. The design of a suitable nozzle contour to produce such a flow employs an analytical 
procedure called the method of characteristics (MOC). Discussion of nozzle design using the MOC is found 
in Ref. 10, Chapter 13, and in Ref. 11. 

An optimized contour of a divergent nozzle has the approximate shape of a parabola (or bell). Considera¬ 
tion of the pressure forces on the exhaust end of the nozzle suggests that part of the nozzle might be removed 
with a saving in weight, which would more than compensate for the loss of thrust. 

Nozzle design optimization methods are formulated to determine a nozzle shape that provides maxi¬ 
mum performance for a given propellant flow, including possible truncation of the nozzle. Chapter 13, 
Ref. 10, and Ref. 12 provide data on the results of calculations for a family of perfect nozzles designed for 
various area ratios Ay A, and then truncated at various length ratios where rps the radius of the nozzle 
throat and t lis the truncated nozzle length. 
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In an attempt to offset the thrust loss associated with overexpansion and for other considerations, nozzle 
shapes other than conventional internal-flow configurations have been developed. Plug and expansion- 
deflection nozzles are shown schematically in Fig. 6-7. Flow from the combustion chamber passes through 
an annular throat in both configurations. For the plug nozzle the flow expands around a corner at the 
throat to ambient pressure on one side and along a central body or plug on the other. Expansion-deflection 
nozzles achieve the same result in an inverse geometry, i.e., with the solid boundary surrounding the 
free-jet boundary. 


Annular 



Figure 6-7. Schematic Cross Sections of Plug and Expansion-Deflection Nozzles (Ref. 5) 

In both configurations the presence of a free-jet boundary to the expansion process lends a kind of 
self-adjustment to back-pressure variations. The flow expands around the corner to the actual ambient 
pressure, and thus overexpansion is essentially avoided. Fig. 6-8 illustrates the improved performance of a 
plug nozzle over a conventional nozzle at higher back pressures (Refs. 13 and 14). In this figure the thrust 
coefficient C^is plotted versus the ratio of chamber pressure PC to ambient pressure p^. 

The main advantage of these configurations-plug and expansion-deflection—is that both types are 
substantially shorter than comparable internal-flow nozzles. Fig. 6-9 presents comparisons of the required 
lengths of various nozzles to produce 99.5% of the vacuum thrust coefficient of an ideal nozzle of the same 
area ratio where r"^ and are the nozzle throat radius and area, respectively, at Mach 1. The combustion 
chamber of an expansion-deflection nozzle design is similar to that for a conventional rocket. The main 
difficulties associated with these configurations are the processes of adequately supporting and cooling 
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Figure 6-8. Off-Design Thrust Coefficients of Conventional and Plug Nozzles (Ref. 13) 

the central plug. At the present time expansion-deflection nozzles have not displaced conventional nozzles, 
but for very high-thrust engines their size advantage is impressive. 



Ag/A*, dimensionless 

Rcpi iiU('(l with iK iinission. Copy)® by .\1AA. 

Figure 6-9. Comparison of Lengths of Various Types of Nozzles fofX = 1.23 (Ref. 14) 

6-4.2.4 Nozzle Erosion 

Failures due to erosion or deterioration of nozzle and solid-motor aft-closure surface materials result 
from surface oxidation or chemical reaction, thermal-stress cracking, erosion from melting, and physical 
removal caused by local shear forces. Materials used in areas subject to erosion must be carefully selected 
with consideration of the combustion environment and the operational and other requirements (see Table 
6-3). Refs. 15 through 18 provide computer programs for performing nozzle flow and erosion calculations. 
These programs vary from simplified to complex analyses of thermochemistry, ablation, chemical 
reactions, heat conduction, etc. 

The erosion rate of aft-closure insulation was empirically analyzed (Ref. 19) by correlating the aver-age 
ablation rate with a number of variables. The main correlating parameter was a heat flux based on the 
simplified Bartz heat transfer coefficient for two-dimensional effects multiplied by an amplification 
factor. The factor contained terms related to port area to throat area ratio, local wall angle, grain geometry, 
and nozzle cant angle. The final insulation regression rate correlation equation applicable to the aft-end 
regions of conventional motor designs is 
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f = Arqa 



I + 0.12 // + 4.0 sin0 + i72(Ab/Ap}Ml + lA8{tc/rp)(r/r'f^(3 


m/s 

(6-39) 


where 


f = average insulation regressif)n rate, m/s 

4 “ mf^ffiripnt m^/T 

V ... j 

Qb = average Bartz heat flux, J/s*m^ 

H = average port area to throat area ratio, dimensionless 
Ah = asymmetric grain base area, m^ 

Ap — port area, m^ 

Mp = Mach number at port, dimensionless 
It = combustion chamber length, m 
Tp = port radius, m 

r = radius corresponding to regression point, m 

r' = effec tive bend radius of curvature, m 

)3 = cant angle, rad 

$ = wall angle, deg 

<I> = average entrance angle, deg. 


Ecj. ()-.^9 shows the importance of port area to throat area ratio H, entrance angle 4>, local wall angle B, 


i 1 rr I t/\ t~'i/^iiic 6 /t 

(I I I 1 ^1^ .>1^11 (.f, IVll^Lll IClUiCiO K/C> • py 


•^I'^nr n F Kli, Fr, C.^tQ eV. 

ailVA AKIX^IV, A AWLCt X J , OX A\-^ VV C 


whic h oarameters are imoortant in desienine scale test motors. 


6-4.2.5 Jet Plume Effects 

The exhaust gases form into an expanding plume as they leave the nozzle and enter the atmospheric 
environment. The size and shape of the plume depends to a great extent on the pressure change at the exit 
plane. The jet pressure ratio is a factor in the character of the plume and its effect on the rocket, and it is 
defined as the ratio of the nozzle exit pressure (jet-exit pressure) to the free-stream static pressure (ambient 
pressure). The nozzle exit pressure as used here is total pressure and includes not only the static (gage) 
pressure but also the dynamic pressure which is defined in Eq. 6-40: 


Qe = 



(6-40) 


wluic 

Qe = dynamic pressure of nozzle exhaust gas, Pa 
Pc = density of nozzle exhaust gases, kg/m^ 

Ue — veloc ity nozzle-exit gas, m/s. 


The nozzle exhaust gases normally are underexpanded as they exit the divergent cone of the nozzle, and, 
as the rocket transverses its altitude range during flight, the jet-pressure ratio increases and the plume and 
its effects become larger as the ambient pressure diminishes. The highly underexpanded jet plume then 
affects the aerodynamic flow characteristics acting on the rocket forward of its base. The interaction of the 
plume with the surrounding flow field tends to cause air flow separation over the vehicle which renders a 
destabilizing influence on the aerodynamic surfaces of the rocket. This boundary layer separation results 
in localized conditions where the dynamic pressure decreases. Uncertain and irregular effects on the 
normal force coefficient occur, and the pitching-moment coefficient varies irregularly with jet-pressure 
ratio, angle of attack, and Mach number. 

Plume effects are also discussed in par. 6-5.6. The effects of jet pluming are treated in greater detail in 
Chapter 5, "Aerodynamics", pars. 5-3.5 and 5-5.3. 
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6-4.2.6 Scarf Nozzle 

The scarf nozzle, also called a skewed nozzle, is one of which the exit plane of the nozzle is canted or 
positioned at some angle other than 90 deg with the nozzle centerline. The result of this skewed effect is that 
the thrust vector is divided into an axial force component and a normal force component. A scarf nozzle 
may be applied in a rocket to satisfy stability requirements or some other requirement unique to the flight 
or mission of the rocket. 

The normal force characteristics of a scarf nozzle are functions of the skew angle and the jet-pressure 
ratio. The skew angle is the angle that the nozzle exit plane makes with a normal plane. Wind-tunnel tests 
have shown that increasing the skew angle steadily increases the normal force to a maximum value that 
depends upon the jet pressure ratio (Ref. 20). Ref. 20 provides data on normal and axial force characteris¬ 
tics as functions of the jet pressure ratio for skew angles of 30 deg, 4.5 deg, 60 deg, and 75 deg. 

6-4.3 MOTOR CASE 
6-4.3.1 General 

The rocket motor case, or thrust chamber, of a solid-propellant rocket is essentially a high pressure 
vessel containing the entire solid mass of the propellant, or grain. In addition to designing for the internal 
pressure, imposed loads can produce various combinations of bending, torsional, and axial stresses. These 
stresses can be steady-state or dynamic, the latter caused by accelerations over a very wide frequency regime. 
The deflections are those that are associated with the loads and their manner of application; for aerody¬ 
namic and aeroelastic reasons, these deflections must be kept within the elastic range of the material. Since 
dynamic loads are involved, the problems of resonant vibration conditions are always present, and certain 
resonant frequencies must be avoided to prevent undesirable vibration mode coupling. 

US Army Missile Command investigations (Ref. 21) of errors associated with free flight rocket motors 
have identified the importance of rocket motor case variabilities (ovality, bow, and overall dimensional 
reproducibility). Strip-laminated cases provide excellent roundness and straightness characteristics and 
close dimensional control (Ref. 22). The structural integrity of the strip-laminated case was verified by 
environmental, hydroburst, and hydroproof testing. 

Exit nozzles of the fixed or variable area types used on rocket motors are subjected to drag and pressure 
loads which produce motor case tensile stresses. Thermal stresses also may be very large, and it is 
important that appropriate consideration be given to space allowances or expansion and thermal loading 
of the structure. The motor case influence on nozzle deflection may also be critical to both the structural 
and performance characteristics. 

During steady-state burning, temperatures between 260° and 816°C for different parts of an air-cooled case 
may be encountered. External pressures present a structural stability problem that is not amenable to very 
precise analysis inasmuch as the components usually contain a great many discontinuities. 

6-4.3.2 Minimization of Weight 

Weight saving is an important factor in rocket performance, and minimization of weight is a significant 
aspect of design. Factors that should be considered in motor-case design are discussed in the paragraphs 
that follow. 

The motor case must be designed for the maximum expected operational pressure (MEOP); this directly 
influences the weight. The motor performance normally is determined on the basis of the aver-age chamber 
pressure. Since the case weight is influenced by the maximum anticipated pressure, the ideal situation 
would be for the average and ideal pressures to be equal. This condition is usually not attainable; 
therefore, a design optimization process should be applied to bring the value of maximum pressure as near 
to that of the average pressure as practicable for the purpose of minimizing the case weight. 

The weight may be reduced by the careful selection of materials. The material strength-to-density ratio 
should be kept as low as possible. 

The structural configuration has an influence on the case weight. Certain materials (composites) lend 
themselves to an integral configuration approach. The forward and rear ends of the motor may be 
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constructed integrally with the cylindrical portion of the case, thus eliminating heavy attachment 
hardware. Weight-saving advantages of the integral configuration may require a trade-off analysis with 
cost where twisting nonintegral hardware is readily available. 

6-4.4 IDEAL VELOCITY EQUATION 

The ideal velocity of a missile system is a measure of the motor performance in a given application. A 
simplified equation of motion for a rocket in a coordinate direction parallel to the rocket axis is as follows: 

mu = F — mgsin© — D, N 

or 

w + — gsin0 — m/s^ 

Trl Yn 

where 

ii = rocket acceleration, m/s^ 
m = mass of rocket, j{t), kg 

g = acceleration due to gravity = /(altitude), m/s^ 

0 = flight path angle with horizontal plane, deg 
D = aerodynamic drag, N. 

The ideal velocity is defined as the integral of the first term of Eq. 6-42, i.e., zero gravity and zero drag, 
over the burning time with the following substitutions: 

F = cm = hm, N 

m = mi — rht, kg 


(6-5) 

(6-43) 


(6-41) 


(6-42) 


where 


t7ii = initial mass of rocket, kg 
t = action time, s. 

The ideal velocity ups determined as follows: 

Ui — fJ’ — = c\n{MR) = Is\n{MR), m/s (6-44) 

® mi — mt 


w'heie 

MR = mass ratio = mi/{mi — mp), dimensionless 
rup = mtb = propellant mass consumed, kg 
th = propellant burn time, s. 

6-4.5 THRUST MALALIGNMENT 

The rocket motor performance is dependent on the direction or alignment of the thrust vector. It is 
important that the rocket performance be predictable and repeatable if an aerodynamically stabilized free 
rocket is to be accurate and effective; therefore, thrust malalignment must be reduced to an abolsute 
minimum. 

Thrust malalignment occurs when the thrust vector does not pass through the rocket center of mass and 
results in a turning moment. The turning moment results in variations that contribute to range and 
azimuth errors. Thrust malalignment is a dominant error source in aerodynamically stabilized free rockets 
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for short ranges as well as for long ranges. The dispersion due to thrust malalignment maybe minimized to 
some extent in spirming rockets. 

6-4.5.1 Structure Geometry and Alignment 

The sources of thrust geometric malalignment fall into two categories-the manufacturing sources that 
are basically geometric in nature and arise from the tolerance stack and the post-manufacture sources that 
arise from asymmetric loads and temperature distributions. Two techniques have been identified (Ref. 23) 
for minimizing thrust malalignment. The first technique is to accept the errors and use an adjustable 
nozzle to align the thrust vector; the second technique is to develop manufacturing techniques that 
minimize thrust malalignment. A properly designed adjustable nozzle will allow the geometric nozzle 
vector to be aligned precisely with the mass center of the assembled rocket round. 

The four geometric manufacturing sources of thrust malalignment listed by Ref. 23 are (1) asymmetries 
or lack of concentricity of the nozzle contour in the nozzle itself, (2) nonalignment at the joint of the motor 
case and nozzle where either an angular deviation or an offset of the nozzle axis can occur, (3) a lack of 
straightness of the motor case, and (4) the failure of the rocket mass center to be on the geometric axis to 
which the alignment tolerances are referenced. The Ref. 23 study investigated methods of eliminating 
sources 1 and 3. 

A lack of straightness of the motor case may be created by the action of chamber pressure, thrust, and 
acceleration on (1) any asymmetries present in the motor case nozzle structure, (2) wall thickness varia¬ 
tions, and (3) bowing created by nonuniform heating. Motor case bow is one of the major asymmetries. 
The best straightness tolerance (0.96 mrad) was calculated for both the shear forming and the expanding 
processes: Wall thickness variations induce severe penalties in bow on the rocket case when the motor case 
is designed for minimum thickness. This problem can be overcome by designing the case for considerably 
more strength than required by the operating conditions. The largest source of thermal bow is due to 
nonuniform heating from solar radiation in storage. Proper use of insulation between the shipping 
container and the rocket will minimize thermal bowing. 

6-4.5.2 Propellant Grain and Mass Flow Asymmetries 

The chief sources of grain asymmetries are described by Fig. 6-10. Two kinds of asymmetry, i.e., motor 
case ovality and bow, occur in motor cases and affect the inner chamber wall boundary. Ovality and bow 
are defined schematically by Fig. 6-10. 

Ovality and bow tolerances representative of the various motor case forming processes are summarized 
in Ref. 23. The best tolerances are achieved either with shear forming, the process by which the case is 
formed over a rigid mandrel, or in those instances in which an expanding operation is used subsequent to 
forming. 

Mandrel malalignment is also defined in Fig. 6-10. Tolerances on mandrel malalignment are difficult to 
generalize because they are the result of tolerance stacking of casting fixture components. Analytically 
(Ref. 23) it was determined that a configured design has less impulse variation than a nonconfigured 
design for all the malalignment conditions studied. The reason for this lies in the sliver formation process. 
The circular part of the shell design is theoretically sliver-less, but any asymmetry leads to the formation of 
a large sliver. Of those studied, the shell was the most sensitive (progressive geometry); the configured 
grain is only moderately sensitive (neutral geometry); and the slot is the least sensitive (regressive 
geometry). Mandrel malalignment was the largest contributor to asymmetric grain sources of impulse 
variation. 

Nonuniform chamber combustion conditions, asymmetric entrance or throat conditions, and misalign¬ 
ment of the supersonic nozzle contour all lead to gas axial misalignment. The result is a failure of the 
thrust vector to coincide with the nozzle geometric axis. Theoretical work has shown that the magnitude of 
the produced turning moments depends primarily on the geometrical shape of the supersonic portion of 
the nozzle. By adjusting the geometry, it is possible to reduce these turning moments to zero (Ref. 24). 
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Ovality: Defined as the difference between the major and minor diameters of an equivalent ellipse. 




(A) Ovality 


Bow: Defined as the amount of departure from a straight line over a fixed length. 



(B)Bow 


Mandrel Misalignment: Defined as the amount of offset between the mandrel centeriine and the motor case centerline. 


_L 

t 

Misalignment 


Mandrel Motor 


2 

Misalignment 


(C) Mandrel Misalignment 

Figure 6-10. Grain Asymmetries Considered 
6-4.5.3 Test Environment 

Thrust-vector alignment merits attention during firing test preparations and in the conduct of the test. 
Instrumented measurements are made to verify the performance of the motor and include thrust, pressure, 
temperature, vibration, propellant burn rates, etc. The test fixture and the instrumentation should be 
properly positioned and calibrated to verify the alignment of the thrust vector, and care must be taken that 
the rocket not be malaligned due to the testing environment. Thrust measurements should be determined 
in both axial and normal components. The resultant thrust vector should coincide as near as practicable 
with the rocket longitudinal axis. 

Testing at different grain temperatures involves heating or cooling the motor, and a uniform tempera¬ 
ture of the grain is desired for accurate alignment measurements. Uneven temperature in the propellant 
grain due possibly to improper heating of the motor or uneven exposure to the sun can lead to false 
alignment measurements. 
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False alignment measurements can occur due to the introduction of inadvertent constraints due to 
improper installations of equipment, bearing friction, instrument connections, etc. The placement of 
temperature measurement thermocouples on the interior walls disturbs the heat flux and temperature 
distribution in the junction of the thermocouple. 

The testing operation itself often involves a hostile environment for instrumentation that is essential to 
proper measurements. Instruments, including pickups and transducers, which are subjected to hostile 
conditions, are subject to failure or giving false readings. 

Nozzle erosion (par. 6-4.2.4) can effect alignment during a test firing or in an operational flight. Analysis 
of test results should include an evaluation of the nozzle erosion characteristics. 


6-5 DESIGN CONSIDERATIONS 

This paragraph gives the preliminary design engineer sufficient information in the area of motor sizing, 
combustion considerations, motor case performance, propellant selection, nozzle throat selection, and 
plume considerations to perform preliminary design trade-off studies for design of a solid rocket motor. 
The plume considerations include aerodynamics, radiation signature, and impulsive noise (Ref. 25). 


6-5.1 MOTOR SIZING 

The rocket motor is sized in terms of estimated performance, weight, and envelope dimensions. Motor 
sizing is an iterative process in which the internal ballistic, aerodynamic, thermodynamic, structural, and 
fabrication considerations are manipulated within the constraints and requirements to produce a prelim¬ 
inary design configuration (see Fig. 6-11 ). Careful consideration must be given to each design requirement 
and each constraint to reach the optimum design for each application. Motor design requirement and 
constraint parameters are discussed in Refs. 26 and 27. 

The major motor design iterations involve the active participation of the designers and the analysts. The 
common practice is for the designer to use quick sizing techniques including design curves, computer 
programs, and engineering judgment to lay out the internal and external aerodynamic contours. He then 
adds pertinent structure, propellant, insulation, liners, and nozzle to the contour. The ballistician, fluid 
dynamicist, thermodynamicist, and structural analysts then apply more refined techniques to identify 
questionable areas. The designer uses this information to reconfigure the design, changing materials and 
moving interfaces as needed, and issues an updated drawing. The analysts then analyze the revised 
configuration, often with techniques more sophisticated then those thosed previously, and make further 
recommendations. Fabrication specialists are consulted at this point for suggestions as to cost reduction, 
elimination of potentially troublesome areas, etc. The incorporation of these suggestions and recom¬ 
mendations usually completes the design process. 

One first-iteration approach is that outlined in Ref. 1 in which the designer is provided thrust and burn 
duration as requirements. A propellant is then selected based on the theoretical ideal relationships for 
calculating specific impulse, burning rate, and ratio of burn area to nozzle throat area or to select a 
standard propellant with available experimental properties. The theoretical specific impulse Isfor a rocket 
is expressed in the following equation for low velocity chamber gases (Ref. 10, pp. 335 and 485): 

Is 



A modification of this relationship defines a reduced specific impulse parameter Fgas a function of the 
pressure ratio as 
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Figure 6-11. Flow Chart of Motor Design Sequence Showing Major Iteration Loops (Ref. 26) 
where 

X = nozzle angle correction factor, dimensionless 
(t> = nozzle velocity coefficient, dimensionless. 

Fig. 6-12 provides a theoretical plot of the reduced specific impulse parameter I'^versus normalized 
chamber pressure p./pe- Empirical propellant bum rate relationships based on gas theory are provided by 
Eqs. 6-11 through 6-13. Theoretical values for the area ratio may be obtained from Fig. 6-4. Measured 
propellant data are provided by Fig. 6-13. These figures indicate specific impulse Is= c, burning rate f, 
and area ratio K = AyA,as a function of chamber pressure p^. 

The average chamber pressure p^, used for this analysis, is chosen to be no lower than 689 kPa above the 
lower combustion pressure limit and no higher than the expected average pressure trace for the selected 
propellant. The specific impulse, burn rate, and area ratio can be obtained once the combustion chamber 
pressure pds established. This allows calculation of the required propellant mass mpas follows: 

Ftb , 

rrip = —— , kg. (6-47) 


The required web thickness, burning surface area, nozzle throat area, and chamber volume are calcu¬ 
lated using the following relationships: 
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Combustion Chamber Pressure p^, MPa 
(A) c vs 



Combustion Chamber Pressure p^, MPa 
(B) TVSp^ 



Combustion Chamber Pressure p^, MPa 


(C) Ay!Af vs p^ 

ReprinU'd wiili |MTiiii.ssion. C>pyiiKhl ® by John Wiley and Sons, Inc . 


Figure 6-13. Typical Characteristic Curves for a Solid Propellant (Ref. 1) 

r = Hb, m (6-48) 



Vc — rAbO), 


where 


r = propellant web thickness, m 
A/, = burning surface area, 

A, = nozzle throat area, 

Pp = propellant density, kg/m^ 

K = Ab/At, dimensionless 

Vc = combustion chamber volume, m^ 

— propellant volume correction factor, dimensionless. 


(6-49) 

(6-50) 

(6-51) 
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The propellant volume correction factor w may vary from 1.2 to 6.0 for unrestricted burning units. Eqs. 
6-47 through 6-51 provide basic relationships for the parameters necessary to predict the motor internal 
ballistics. 

6-5.2 COMBUSTION CONSIDERATIONS 

Both experimental and theoretical techniques are employed in the analysis of the combustion mecha¬ 
nisms of solid propellants. Conditions that must be considered are ignition requirements, pressure- 
temperature environment for steady state combustion, performance requirements, stagnation conditions, 
burning rate, erosive burning, and combustion instability. Detailed design information on the theoretical 
and experimental aspects of combustion, including correlations and measured data, is given in Ref. 27, 
Chapters 5-10. 

Burning characteristics for a given propellant vary with variations in the combustion chamber condi¬ 
tions. Chamber pressure is the principal design parameter that affects the combustion of the propellant 
grain. Other factors are temperature, port dimensions, propellant characteristics, etc. The chamber 
pressure directly influences burning rate, combustion gas properties, erosive burning, mass flow rate, and 
thrust. At very low chamber pressures the combustion becomes unsteady or may cease altogether. The low 
pressure at which this condition occurs is called the combustion limit for a particular propellant. There is 
no practical upper pressure limit. 

The gas laws for isentropic flow generally apply in the determination of thermodynamic conditions in a 
rocket motor. Terms in these equations usually relate to stagnation conditions in the combustion 
chamber. This condition—derived from Eq. 6-26—can be expressed in the following equation for stagna¬ 
tion specific enthalpy: 


hc = h + 



>J/kg 


where 

he = chamber stagnation specific enthalpy, J/kg 

h = static specific enthalpy at a point near stagnation condition, J/kg 
u = velocity of gas at point corresponding to h, m/s. 

The stagnation pressure is practically equal to the static pressure at the head end of the chamber due to the 
low flow velocity at the point. The static pressure decreases and the velocity increases as the distance from 
the chamber head increases. The magnitude of these changes is a function of the ratio of the open port area 
to the throat area. All states along the chamber port lie in a line of constant entropy and have the same 
stagnation temperature. The state of zero velocity is called the isentropic stagnation state. 

The burning of the propellant grain is initiated by an igniter, usually of the pyrotechnic or the pyrogen 
type, that is located in the combustion chamber. The ignition system (igniter plus nozzle closure) must 
provide sufficient surface heating for ignition and provide a chamber pressure high enough to sustain 
steady combustion. It is necessary to achieve ignition over a relatively large surface area to assure proper 
recession of the burning face. 

Burning rate and erosive burning were discussed in par. 6-4.1.1. Eigs. 6-14(A), (B), and (C) present 
composite propellant burning rate versus pressure for several values of local port velocity for propellant 
compositions A, B, and C (Ref. 27). These figures show a burning rate sensitivity to pressure as the gas 
velocity in the central port increases. The erosive burning effect must be considered in the preliminary 
design of a solid propellant rocket. 

Rocket motors are sometimes subject to combustion instabilities in the form of pressure oscillations 
within the chamber. Such instabilities may change burning rate, erosive burning characteristics, heat 
transfer rates to the grain or to the hardware, or chamber pressures. Engine failure may result due to 
increased pressure or increased wall heat transfer. Corrective measures usually involve expensive experi¬ 
mental studies. Instabilities have been reduced by the placing of an irregular rod of nonburning material 
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within the burning volume. Radial holes drilled at intervals in the propellant grain have also been found 
to reduce instabilities. 

6-5.3 MOTOR CASE PERFORMANCE 

The motor case, or combustion chamber, is designed to contain the propellant grain and has to 
withstand pressure, starting surges, and often severe heating. The design must allow for uneven pressure 
distributions, pressure surges, etc. The physical properties of the stress-carrying members vary, depending 
on the internal pressure of the chamber and the temperature experienced by the wall or other components. 
As the temperature of the load-carrying member increases, its ability to carry load diminishes. The most 
important parameter is the design pressure, referred to as the maximum expected operational pressure 
(MEOP). As a first guess, the MEOP may be estimated to be 110% of the maximum measured pressure or 
120% of average measured pressure. In both cases, the pressures should be obtained from the maximum 
propellant grain temperature tests. 

A typical motor case consists of a cylindrical wall section, a forward closure or dome, an aft closure, a 
forward skirt, and an aft skirt. The forward closure is usually hemispherical or elliptical in shape. The aft 
closure contains a nozzle attachment flange with a nozzle flange pressure seal. The motor case design 
involves trade-offs among overall missile performance, compatibility with other systems and components, 
and cost. Weight is a very important performance parameter (par. 6-4.3.1). Therefore, attention to design 
details is required to obtain greater structural efficiencies through the use of high-strength materials. The 
propellant mass fraction ^ (Eq. 6-88) is a useful performance parameter, i.e., a measure of the design 
loading efficiency. It may be defined as the ratio of the loaded propellant mass to the total motor mass. 
Solid propellant motor mass fractions vary from about 0.3 to 0.96. Due to the sensitivity of performance to 
mass or weight, the motor case should be optimized for the minimum inert weight. 

6-5.3.1 Material Selection 

The motor case is exposed to extreme thermal, corrosive, and dynamic conditions, and it is usually 
pressure critical. The most efficient materials that satisfy the structural loading conditions at the critical 
operating environment should be selected. The case must have the capability to withstand the internal 
pressure, vibration, and thermal cycling and to resist buckling, fracturing, fatigue, cracking, and 
corrosion. 

The material selection should consider aerodynamic heating (boundary layer and local heating at 
appendages), internal heating from burning of the propellant, and radiant and conductive heating during 
handling, assembly, test, and checkout. Thermal conductivity, thermal diffusivity, and the thermal 
coefficients of expansion must be taken into account when applications involve thermal stress and thermal 
fatigue. 

The structural materials used most frequently for rocket motors are metals and composite materials 
(Ref. 26). The metals include steel, aluminum, and titanium, occasionally, relatively high operating 
temperatures dictate the use of tungsten, molybdenum, columbium, or a Haynes alloy. The composite 
materials consist of some type of fibrous roving, tape, or cloth bonded together in a phenolic or epoxy resin 
system. The elastic and strength properties of these composite materials vary widely with respect to type 
and orientation of the reinforcement system and the binder system used. 

Some lightweight designs use honeycomb materials in the areas where elastic stability is a problem. 
Both metal and fiberglass are used for the facings, and the core material is usually aluminum or fiberglass. 

The aluminum, steel, and composite materials are used as cases, compliance rings, attachment flanges, 
and brackets. Molybdenum and columbium generally are used in the structure of the nozzle load-carrying 
members because of the structural material strength requirements at elevated temperature. 

High-modulus composite materials are used for motor structures in which weight and/or stiffness 
requirements dictate their use. Materials available include Kevlar 49 epoxy, graphite epoxy, boron epoxy, 
glass epoxy, phenolics, and PRD-49. The VIPER and PERSHING II are two recent rocket systems that use 
composite material for a motor case. 
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In most motor designs, epoxy adhesive is used for-both adhesive and sealant functions. Epoxy adhesives 
that cure at room temperature are most common; however, adhesives that cure at elevated temperatures are 
used for some applications, pw-titularly if the adhesive must function in the design at an elevated 
temperature. Curing at an elevated temperature may result in gaps caused by thermal expansion differ¬ 
ences between the adhesive and the components to be bonded. 

The internal motor case insulation, used in the forward and aft closures of most motor cases, protects the 
case structure from heat and erosion while the motor is operating and limits the maximum temperature in 
areas where other components are attached. Internal motor insulation is needed wherever the motor case is 
not protected by the propellant and where the propellant is thin as shown by Fig. 6-1. 

The insulating materials commonly used on the inside of motor cases are the ablative materials. They 
have relatively low thermal conductivities and partially decompose to form gases or vapors when exposed 
to very high temperature. This process absorbs heat caused by the endothermic reactions involved, and the 
ablative gases shield the insulation material from the combustion gases. Insulation materials may be rigid, 
flexible, or semiflexible, and their application depends on the system requirements. 

6-5.3.2 Safety Factor 

Safety factors or margins in a specific motor case design will reflect the design philosophy of the overall 
system. Safety factors are influenced by (1) the amount of analytical effort budgeted in the design and 
analysis phase; (2) the degree of characterization available for the elastic, thermal, and erosional properties 
of materials being used; (3) the similarity of the basic design to previous successful designs with respect to 
materials and geometry; and (4) the end use of the rocket. Since performance requirements require a 
lightweight motor case that will function safely and reliably, the safety factor must be selected to be as low 
as practicable and yet be consistent with the operating reliability requirements. 

6-5.4 PROPELLANT SELECTION 

A propellant is a composition of matter, stable at room temperature, which, when ignited, evolves gas 
continuously at high temperatures without dependence on the atmosphere for the combustion process. It 
must hold its shape over an extended temperature range and must withstand the stresses imposed on it 
during handling, storage, ignition, and firing in a rocket. The selection of a solid propellant depends on 
its application and the mission that must be accomplished. 

The oxidizer should have a high oxygen content and high density, produce a large number of moles of 
gas, have a low heat of formation, be nonhygroscopic, have low cost, and in some cases be smoke free. Fuel 
binders and fuels are selected for their ability to be oxidized and are responsible for the mechanical 
properties and processing characteristics of the solid propellant. The fuel binder should be resistant to 
interaction with the oxidizer to obviate degradation of the propellant during aging and storage. 

The factors to be considered in judging the merit of a solid propellant for a given application are specific 
impulse, density of propellant, hygroscopicity, controllable linear burning rate, coefficient of thermal 
expansion, thermal conductivity, chemical stability, toxicity, shock sensitivity, explosive hazard, smoke 
in exhaust, attenuation of electromagnetic signals, availability of raw materials, fabrication and process 
control, and cost. All of these factors are discussed in Ref. 5. 

6-5.4.1 Thermochemical Considerations 

Thermochemical considerations may be evaluated for conditions in the combustion chamber and for 
conditions in the nozzle. Chamber conditions include the combustion temperature, the composition of the 
reaction products, and the mean molecular weight and the specific heats of the gases. This information is 
useful in the determination of heat transfer, nozzle conditions, and other chamber criteria. Evaluation of 
the nozzle conditions include motor parameters (specific impulse and characteristic exhaust velocity) and 
combustion product conditions (composition, molecular weight, temperature, specific heats, etc.). 

The kinetic energy of the exhaust gases of the rocket motor is derived from the thermochemical energy of 
the combustion of the propellants. The chemical reaction is exothermic and involves the evolution of large 
quantities of gases. The combustion is associated with changes of identity of the chemicals involved. 
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A high heating capability is a desirable property of propellants to give a high specific impulse. The 
combustion energy released is the sum of changes in chemical energy due [o the electronic processes and 
the change in thermal energy due to the motion of atoms and molecules. This energy is called the heat of 
reaction or the heat of formation. The content of thermal energy in the propellant is the enthalpy h (par. 
6-4.2.1), and the change in enthalpy i\h is given by 

A/i = CpdT, J/kg. (6-52) 

A high heat of combustion per unit volume of propellant is an important consideration in propellant 
selection which makes possible a smaller rocket size. The bulk specific gravity should be large to minimize 
the volume requirements for the propellant. This can be accomplished by the addition of solid particles 
such as aluminum. There may be a need for some compromise between specific impulse and propellant 
density since solid particles do not transfer heat rapidly, are unable to expand, and can cause erosion of the 
nozzle. 


6-5.4.2 Burn Rate 

Propellant burning rate can be characterized theoretically in terms of combustion pressure and ambient 
grain temperature and can be expressed by the empirical Eqs. 6-11 through 6-13 (par. 6-4.1.1). The actual 
burning process is a complex function of the chemical composition, the method of propellant prepara¬ 
tion, the action or burning time, the shape of the grain, and the gas velocity adjacent to the grain. Since 
this process is complex and is not well understood, the burning rate is often determined empirically based 
on measured test data. 

High-velocity gas parallel to the grain surface has an erosive effect and is referred to as erosive burning. 
Erosion is characterized by an increase in burning rate and is expressed in terms of an erosive rate 
coefficient € as defined by 


c = f/fo, dimensionless 


(6-53) 


where 

^ = burning rate with erosion, m/s 

^0 — burning rate of the same propellant without erosive gas flow, m/s. 

The erosive rate is a function of the gas velocity or the mass-flow rate. This function can be expressed as the 
empirical relation (Ref. 1) 


€ = 1 + krh/rh*, dimensionless 


(6-54) 


where 


k = propellant erosion burning constant, dimensionless 
m* = mass-flow rate that produces a Mach number of 1 in the constant cross-sectional area channel, 
kg/s. 


The erosion constant k varies inversely with the burning rate fo.. Typical values are shown in Eig. 6-15. 
Eq. 6-55 gives an example of the burning rate; when Robert's law (Eq. 6-11 ) is corrected for erosion, i.e.. 


^ = ebp'*, m/s 


(6-55) 


where 

n,b = empirical constants. 
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Burning Rate Without Erosive Gas Flow ijj, m/s 


Figure 6-15. Typical Variation of Erosive Constant With Burning Rate 

For most restricted burning propellants, n has values between 0.4 and 0.85 and is essentially independent 
of the initial grain temperature. The constant b has values between 0.05 and 0.002 and varies with initial 
grain temperature. A state-of-the-art comparison of industrial burning rate models is provided by Ref. 28 
for composite propellants. 

Since the burning rate depends upon the composition of the propellant, the burning rate can be 
controlled very efficiently within limits by a proper choice of catalysts and oxidizer particle size. 

In addition to chemical means, there exists physical means for controlling the burning rate. Addition of 
suitably shaped heat conducting materials to the propellant is an effective way to obtain an increased 
burning rate that is needed for achieving a specified regression rate or burning rate history. The most 
widely used technique consists of introducing metal wires into the grain during the casting process. Silver 
threads a few hundredths of a micron in diameter are the most efficient. 

One can also exploit erosive phenomena by designing the grain with slits through which the hot gases 
flow in patterns that increase the erosive effect. Typical burning rates for a few applications are given in 
Table 6-4. 
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TABLE 6-4 

TYPICAL PROPELLANT BURNING RATES 


Application 

Burning Rale f 
mm/s 

Booster 

25.4-254 

Sustainer-Motor 

5.08-25.4 

Separation 

25.4-254 

Spin-Motor 

2.5.4-254 

Space Applications 

1.27-127 

Gas Generator 

0.254-5.08 


6-5.4.3 Signature 

Rocket exhaust signatures (Ref. 25) are created by smoke particles and infrared radiation in the rocket 
plume that may be visible to an enemy or contain exhaust products that interfere with communications. 
The radiation signature of a rocket is greater if metal particles are added to the propellant. Normally, 
metallic additives are not used in propellants in which signature is important. One of the following 
crystalline high explosives, HMX (cyclotetramethylene tetranitramine) and RDX (cyclotrimethylene 
trinitramine), may be included in smokeless (nonmetal) propellant formulations to achieve improved 
performance characteristics. Relatively high percentages, e.g., 45%, may be used in double-base propel¬ 
lants, and small percentages are used in composite and composite double-base propellants to ensure 
efficient combustion, increase the burning rate, and improve specific impulse (Ref. 1). 

Smokeless propellants comprise a separate area of study and new information is being developed. Ref. 
29 provides information on this subject. 

6-5.4.4 Mechanical Properties 

Solid propellant grains are viscoelastic materials. Many structural problems for propellant grains can be 
solved with sufficient accuracy by using methods lying within the domain of infinitesimal liner elasticity. 
However, there are problems associated with grain slump, reinforced grains, grain flow (creep), and with 
finite deformations which require viscoelastic concepts for analysis. Many of the numerical techniques for 
the stress analysis of grains of complex geometries now employ viscoelastic equations when accurate stress 
analyses are required. Both double-base and composite propellant grains exhibit significant time- 
dependent mechanical properties and, therefore, must be considered as viscoelastic materials. 

Structural analyses are performed to determine whether deformations and stresses are within safe 
working limits. Stress analysis should be made for a variety of the more severe conditions-such as sudden 
application of internal pressures and high surface temperatures during motor ignition, high axial 
accelerations during rocket flight, and long-time oscillations during transportation or storage of the 
grain—that the motor is expected to experience. 

A viscoelastic stress analysis is presented in Ref. 27 for infinitely long, hollow, tubular grains with 
circular ports. The phenomenological theory of linear viscodasticity is dealt with by representing the 
viscoelastic properties in terms of Boltzmann's superposition principle. This method does not provide 
solutions for the more complex geometries; however, it is a relatively accurate and simple analysis. The 
effects of the external motor case, motor spin, ablation (or burning) of the internal surface of the grain, 
nonisothermal temperature distributions, axial acceleration, and wire reinforcement of the grain are all 
discussed. 

Analyses of the star grain can also be approached by finite-element methods (Refs. 30 and 31), 
photoelastic experiments (Refs. 32, 33, and 34), or the conformal mapping technique (Refs. 35 and 36). 

Solid propellant grain deterioration can result in motor failure through the formation of fissures in the 
propellant, which rapidly increase the burning area and result in a sudden increase in combustion 
pressure. The increased pressure can rupture the motor case. The safe tensile loading region for a 
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propellant can be determined from measured stress-strain data Aging and the environmental history have 
a deteriorative effect on the stress-strain properties of a propellant. An analysis of stress versus strain under 
aging conditions should be made to determine the influence of aging on the structural integrity. 

A high density propellant may be desired. High density of the propellant permits the use of a small 
chamber volume and therefore a small chamber weight. 

6-5.4.5 Combustion Stability 

The combustion pressure of a burning solid propellant may increase almost instantaneously to a value 
several times the equilibrium value when an inherently unstable resonant cavity is excited. The pressure 
increase usually occurs with internal grain configurations, and there is little evidence of its occurrence 
with external-burning configurations. Combustion instability appears to be more prevalent with the 
higher performance propellants. The phenomenon of combustion instability is difficult to analyze, but 
new analytic tools are under development. Combustion instability is also discussed in par. 6-5.2. 

6-5.5 NOZZLE THROAT SELECTION 

A nozzle throat cannot be selected or designed independently of the rest of the motor. Because of this 
interrelationship, nozzle throat design is an iterative process in which internal ballistic, aerodynamic, 
thermodynamic, structural, and fabrication considerations are iterated to provide a design that meets the 
requirements and constraints. The nozzle design iterative process is included in the motor sizing (par. 
6-.5.1 discussions related to Fig. 6-11. 

Aerodynamic structural, and fabrication considerations are included under general considerations. 
The internal ballistics are discussed in terms of propellant grain, bum rate, and throat area interaction in 
6-.5..5.2. Thermodynamic considerations are included in par. 6-5.5.3. 

6-5.5.1 General Considerations 

The scope of this paragraph will be limited to discussions regarding the design of the de Laval nozzle 
since it is the one most often used, and the design of the convergent portion of this nozzle applies to 
subsonic and sonic nozzles. 

Basic nozzle nomendature for both a submerged and external de Laval nozzle is presented by Fig. 6-16 
(Ref. 26). The external nozzle is entirely external to the combustion chamber. The nozzle entry,m throat, and 
part on all of the exit section are cantilevered into the combustion chamber for the submerged nozzle 
configuration. 

Analysis of the nozzle is comprised of both aerothermal and structural analyses. Aerothermal analysis 
encompasses definition of combustion-product thermodynamic properties and composition, transport 
properties determination, aerodynamic analyses, heat transfer analyses, and material response analyses 
Par 7-7. "Structures", provides a detailed description of the aerothermal analysis. 

6-5-5.1.1 Gas Dynamics 

A major design consideration consists of configuring the nozzle surfaces exposed to the exhaust gases in 
a manner such that the conversion of thermal energy to kinetic energy is a practical maximum consistent 
with other design constraints. In general terms, maximum practical energy is extracted by maintaining a 
smoothly accelel-sting flow through the nozzle. Design philosophy for nozzles is included in Refs. 26, 27, 
37, 38, and 39. 

Gas dynamic analysis of rocket nozzles involves calculations of the inviscid flow properties. These 
properties are then used to calculate the viscous flow field from which the convective heat transfer 
coefficient is determined. These properties are also needed to calculate the nozzle thrust coefficient and the 
aerodynamic loads. The velocity flow regimes through nozzles are subsonic, transonic, and supersonic. 
The subsonic flow can be analyzed by using the finite-difference technique of Ref. 40: the transonic flow 
field can be analyzed using the techniques of Ref. 41. Supersonic flow can be analyzed by the method of 
characterisics (Refs. 42 and 43) or the axisymmetric two-phase gas performance program (Ref. 44). For 
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nonequilibrium flow field analysis, the Ref. 45 computer program is available. The programs of Refs. 44 
and 45 require specification of the propellant, relaxation rates, and nozzle geometry. 

6-5.5.1.2 Structural Considerations 

The structural and mechanical design phase consists of configuring the basic srtuctural framework to 
support the insulators and liners and carry the nozzle loads. The nozzle structure is configured to meet the 
most critical design requirements. 

The basic structure of both external and submerged nozzles (Fig. 6-16) is subjected to internal pressure 
loads, thermal loads, and flight loads. The internal pressure load is divided into an axial ejection 
(blowout) load and an opposing axial thrust load. The flight loads include aerodynamic loads, inertial 
loads, and vibration loads. In addition to these loads, the submerged structure of a submerged nozzle is 
subjected to chamber pressure loads. 

Several methods-bolted joint, threaded attachment, snap ring, key joint, and lockwire joint—for 
attaching the nozzle to the chamber are in common use. Each of these joints has advantages and 
disadvantages (Ref. 27). 


EL\icmal Nozzle 




(B) Submerged Nozzle 

Figure 6-16. Illustration of Basic Nozzle Configurations and Nozzle Nomenclature (Ref. 26) 
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Structural analyses of the nozzle encompass prediction of stress distribution, calculation of structural 
deflection, and prediction of thermal-mechanical effects. Detailed analyses of nozzle structure are accom¬ 
plished almost universally with computerized finite-element methods for shell structures. Descriptions of 
the programs for finite-element analysis are included in Chapter 7. 

6-5.5.1.3 Fabrication Considerations 

A major fabrication consideration is the ability to maintain geometric alignment of the motor case and 
nozzle when exposed to internal pressure and external loads in order to minimize the malalignment effects 
(Chapter 3) of the resultant thrust vector. Fabrication processes for ablative materials are dependent on the 
types of materials to be processed, the desired physical properties, and the fiber orientation characteristics 
of the end-item. Bias tape is used for those components that require that the tape edge has the preferred 
orientation with respect to the nozzle exhaust gases and that can be wrapped at angles from 0 deg to 90 deg 
with the centerline. Bias tape wrapped parts are cured in hydroclaves, autoclaves, and presses. Straight 
tape is used where high strength and low thermal conductivity is a requirement. Molded components are 
used as insulators, entrance area components, and exit cones of the lower performance nozzles. Lay-ups are 
used in areas where interply shear load capability cannot be obtained by other means of manufacture. 
Ablative materials are applied in high performance nozzles. An illustration of thermal protection mate¬ 
rials used in a nozzle is given in Figs. 6-16 and 6-17. 



1 Graphite/phenolic tape Entrance thermal liner 

2 Asbestos/phenolic tape Entrance insulation 

3 Polycrystalline graphite Throat insert 

4 Silica/phenolic tape Throat insulation 

5 Graphite/phenolic tape Exit thermal liner 

6 Asbestos/phenolic tape Exit insulation 

7 Steel Attach structure 

8 Glass-cloth/epoxy Entrance, throat, and exit structure 

laminations 

Figure 6-17. Nozzle for PERSHING First Stage (Ref. 26) 


Metal manufacturing processes are dependent on the size of the component, material type, tolerances, 
configuration, surface finish, and heat treatment requirements. Metal manufacturing processes for nozzles 
include forging, welding, and spinning. Fabrication techniques are discussed in more detail in Ref. 39. 
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6-5.5.2 Propellant Grain/Burn Rate/Throat Area Interaction 

The burning rate of the propellant can be shown to be related to the equilibrium chamber pressure by 
considering mass flow through the nozzle and the mass of gas generated at the propellant burning surface 
The nozzle throat mass-flow rate is obtained from the expression for characteristic velocity, Eq 6-8. The 
rate m of gas generation at the burning surface is given by Eq. 6-17. Setting the flow rate from these two 
equations equal to each other yields the following expression for burning ratep 


pcAt _ pc 


K = 


c*ppAb c*ppK 
At 


m/s 


Ar 


dimensionless 


= /ih+i 


.( 7 - 1 - 1 ) ( 7 - 1 ) 


RTc 

M' 


m/s. 


(6-56) 


(6-57) 


(6-58) 


The substitution of Robert's law for the burning rate, Eq. 6-11, into Eq. 6-56 gives the following 
expression for stagnation chamber pressure p^: 


pc = Pa. 

The introduction of the symbol ijf for the first term of Eq. 6-59 yields 

pc = Pa 


(6-59) 


(6-60) 


where 

if/ = combustion chamber-pressure parameter constant, Pa. 

The relationship between pc and K (Eq. 6-59) is one of the most useful parameters for solid propellant 
calculations since if/ is basically a propellant property and K is a design parameter that is under some 
control by the designer. 

6-5.5.3 Thermodynamic Considerations 

Eig. 6-17 illustrates the thermal protection system for a nozzle. The objective of the thermal-design phase 
is to maintain a reasonable nozzle aerodynamic design and to limit the temperature of the structure to 
acceptable levels. A thermal liner forms the nozzle aerodynamic contour, the surface of which is exposed to 
the exhaust-product flow. An insulator is a material placed behind a liner to serve as a thermal barrier to 
protect the structural member from excessive temperature. A single material thickness often serves as both 
liner and insulator. A throat insert is a special erosion-resistant liner placed in the throat area. 

In practice, the throat insert and other liners usually are designed first, followed by the insulators. Liner 
and throat-insert materials usually are selected for erosion resistance, and insulator material is selected for 
low thermal diffusivity. The materials suitable for liners are, in general, considerably more expensive than 
those suitable for insulators; so liner use generally is minimized. The use of throat inserts usually is limited 
to the throat region because of the high cost of inert materials and the special support and retention 
provisions required for use. 

Six groups of materials have been evaluated as nozzle throat inserts, namely, reinforced plastics, 
polycrystalline graphite, pyrolytic graphite and pyrolytic graphite codeposited with silicon carbide, 
refractory metals, carbon or carbon composites, and ceramics. The first four materials are in common 
usage, and the carbon or carbon composites (also called fibrous graphites or prepyrolyzed composites) are 


6-42 



MIL-HDBK-762(MI) 


in advanced development. The ceramics presently have poor thermal shock characteristics; currently, they 
are not considered usable by nozzle designers for solid rocket application. Typical properties of materials 
used as throat inserts are provided in Ref. 26. 

6-5.6 PLUME CONSIDERATIONS 

The rocket motor and nozzle designer must consider adverse jet plume effects during launch, during 
transonic acceleration, and during all of the boosted flight. Jet plume effects are also discussed in par. 
6-4.2.5. 


6-5.6.1 Aerodynamic Effects 

Plume effects can penalize the rocket aerodynamics during launch due to blowback (backflow) and flow 
field residue from a previous firing. Plume residue from earlier firings can cause nonsymmetric loading on 
subsequent rocket firings for multi launch tube launchers. This effect can be eliminated by allowing 
sufficient time between firings for the plume gases to disperse. Blowback past the rocket and launcher 
guidance mechanisms can result in nonsymmetrical loading on the rocket (Ref. 46). When an underex¬ 
panded plume impinges on a constriction in a launcher, a system of shocks is created which can result in a 
transonic plume backflow through the front of the launcher. This backflow may create a "tip-off" 
condition if the rocket exhaust encounters a flow restriction (choked flow), par 8-3.4.1, "Launcher 
Considerations", presents information with illustrations of this effect. 

Dispersions are caused by rocket plume-induced flow separation (Refs. 47 and 48). Separation of the 
flow over the aft portion of the body can result from the interaction of the expanding rocket exhaust gases 
will the external flow field about the rocket. This results in erratic transient aerodynamic forces and 
moments on the rocket which can differ greatly from those during jet-off flight condition. The severity of 
this problem depends on the exit conditions of the flow from the nozzle and the free-stream Mach number. 
Generally, the higher the thrust, the more severe the problem. A problem is more likely to occur at 
transonic speeds. It can be controlled by nozzle shaping (to reduce the radial flow velocity at the exit plane) 
and by reducing the thrust. The adverse effects of the plume on the fins can be alleviated by moving the 
trailing edge of the fins a minimum of 1.5 calibers forward of the nozzle exit plane. 

Fre rocket technology program studies have indicated that it is desirable to have a slightly unstable 
condition during the transonic boost region as a means of reducing dispersions due to wind. This stability 
effect is explained in par. 4-4.4, "Accuracy". The fin location may be moved forward in the plume-induced 
flow-separation region to a point at which this stability characteristic is created and the fins still retain 
most of their stabilizing effect. The extent of the plume-induced flow-separation region on the rocket body 
determines the desired location of the fins. 

Nonsymmetric loading results when scarf nozzles (par. 6-4.2.6) are employed in a missile. A scarf nozzle 
is one in which the exit plane of the nozzle is beveled or slanted away from the normal plane of the motor. 
The expansion of the exhaust gases, therefore, is not symmetric, and the resulting nozzle-exit velocity 
vector is diverted in a nonaxisymmetric direction. The plume effects of the scarf nozzle should be evaluated 
with consideration for their application and location. 

6-5.6.2 Thermodynamic Effects 

Jet plume analyses for a free flight rocket are mainly of two types-restricted plume expansion during 
launch and unrestricted plume expansion during free flight. 

An analysis for an underexpanded jet exhausting from a conical nozzle into a cylindrical tube launcher 
has been performed in Ref. 49. The analytical results were compared to test results. Computer programs 
have been developed by using a method of characteristics for steady, axisymmetric, rotational flow, and 
the base flow model (Refs. 50, 51, and 52). 

The profile for an unrestricted plume can be calculated by using a small hand calculator and the 
equation defined by Ref. 53. The entire structure for an unrestricted plume can be calculated using the 
methods published in Ref. 54. The Level I techniques of Ref. .54 are hand calculation procedures; the Level 
III techniques are computer program methods. 
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6-6 SCALING 
6-6.1 GENERAL 

The gas dynamic relationships of this chapter identify propulsion parameters that become essential 
factors in the design or evaluation of solid propellant rocket motors. The parameters are generally 
interrelated such that when one is changed others are affected. No general rule exists for the design of a 
solid propellant motor because of the number and complexity of the design parameters. As a conceptual 
design approach, the design engineer may apply scaling factors. At best, the use of scaling factors provides 
approximate design information, and the user should be aware that certain risks are involved. The scale 
factors to be employed depend upon the design or performance requirements that have been established for 
which data are to be generated, and, generally, certain additional assumptions must be made. Scaled data 
can be useful as a basis for further engineering analyses. 


6-6.2 SCALING FACTORS 

The performance characteristics available for one or more basic motors can be modified by scaling 
factors to approximate data for a similar motor having different performance and operating characteris¬ 
tics. The following relations apply when dimensions are varied from the basic motor dimensions by the 
same scale factor /: 


F scaled f F basic » N 


I scaled 


= -(-"l 

f\nmf 


bask 


, N/kg or m/s^ 


Iscaled / Ibaskf N*S 


(6-61) 

(6-62) 

(6-63) 


and 


{tb) scaled f{tb)bask, S 


(6-64) 


where 

Trim = mass of motor, kg 

/ = scale factor, dimensionless. 


In evaluating the rocket motor mass m^, it is assumed that the same materials and structural criteria are 
applied to both the basic and scaled motors. 

When only the length of the grain (with restricted ends) is varied from the basic by the scale factor-j and 
when the nozzle flow areas are adjusted to maintain the same chamber pressure as in the basic motor. 


Fscaled fFbasic, N 

(6-65) 


2 

i^i) scaled f{At}basic, HI 

(6-66) 


(Ae) scaled f(Ae)basic, HI 

(6-67) 

and 

(nim) scaled f{ill-m)bask, kg. 

(6-68) 


If it is desirable to change the nozzle throat area by using inserts while maintaining the same exhaust area 
as the basic nozzle, i.e.. 
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e) scaled (/i e)basic r BTl , 


(6-69) 


then 


F scaled f 


{Cf) 5ca/e<^~| 


{CF)ba 


J 


Fbasic, N 


(Is) scaled 


(CfUm N-s/kg 

(C f) basic 


(6-70) 


(6-71) 


and 


tscaled 


_ P( C scaled 


I 


{CF)ba 


Ibasic, N'S. 


(6-72) 


The thrust coefficients Cpin Eqs. 6-70 through 6-72 maybe estimated by substituting basic or scaled values 
as appropriate in Eq. 6-9 as follows: 


Cp= E/ (A,pJ, dimensionless. 


It is usually reasonable to assume for the purpose of scaling that the grain erosion is not altered 
significantly. 

The motor thrust level may be changed by scaling the nozzle throat area by the factor f so that 


i scaled J 


{Cf} scaled 
{C f) basic 


Fbasic, N 


{pc)scaled — f {pc)basic, N/m^ 

• _ r-nl(\-n) • ^ / 

‘^scaled / Tbasic, m/S 

{tb)scaled / ' {tb)basic, S 


I scaled 


{Js) scaled 



where 

n = exponent in burning rate equation (Eq. 6-11). 


(6-73) 

(6-74) 

(6-75) 

(6-76) 

(6-77) 

(6-78) 


If the grain erosion effects are significantly altered, or if the chamber pressure during burning is not 
constant, this technique is not applicable. Also the given technique requires an iterative solution because 
the thrust coefficient is a function of the nozzle thrust area and combustion chamber pressure. 

The impulse may be changed by scaling the nozzle exhaust flow area, thus changing the expansion ratio 
so that 
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F scaled 


I 


_r(Ci) scaled 
{C f) basic 


Fbasic > N 


(IshM = (I,)b„ic, N-s/kg 

{C f) basic 


{Cf) scaled 
{C f} basic 


, ,,=nc.) scaled 

i scaled 


{I)basic, N'S. 


(6-79) 


(6-80) 


(6-81) 


When the propellant composition is changed and when it is desirable to maintain the same chamber 
pressure as the basic motor by changing the nozzle configuration. 
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(6-83) 


(6-84) 


(6-85) 


The chamber-pressure parameter tj/ maybe estimated by substituting basic or scaled values as appropriate 
in the following equation as determined from Eqs. 6-59 and 6-60: 


il> = (bppc*)''"'"’. Pa. 


( 6 - 86 ) 


The empirical constants b and n are those in Saint-Robert's law for burning rate, Eq. 6-11. The value of b 
depends upon propellant temperature, propellant composition, and the chamber-pressure range. The 
value of the pressure exponent constant n depends upon the propellant composition and the pressure 
range. The scaled values of b and n should be consistent with the chamber pressure, propellant composi¬ 
tion, and temperature of the scaled motor and normally are obtained from a motor manufacturer. The 
characteristic exhaust velocity for the scaled motor can be estimated by substituting basic or scaled 
values as appropriate in Eq. 6-8 as follows: 

c* = pcAi/rh, m/s. 


The scaled value of mass-flow rate may be determined from Eq. 6-87 as follows: 


n^scaled / 




Fscaled 


{Is)scaled 


, kg/s. 


(6-87) 


The scaling Eqs. 6-82 through 6-87 are applicable provided the erosion characteristic: are not altered 
significantly and the chamber pressure does not vary significantly during burning. 
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6-6.3 DISCUSSION 

Some component designs are influenced primarily by the mass of the propellant; others are influenced 
primarily by the thrust level. The proportionality, or scaling factors, depend upon a multitude of 
technological design aspects of the rocket and its propulsion system. The propellant mass fraction ^ and 
the mass ratio MR are useful quantities to measure propulsion efficiency and performance. The propel¬ 
lant mass fraction ^ is defined as the ratio of the propellant mass to the loaded-motor mass as follows: 

^ = rrip/mm, dimensionless (6-88) 


where 

mp = propellant mass, kg 
m ^ = initial mass of loaded rocket motor, kg. 

Tlhe propellant mass fraction is useful as a scaling parameter for estimating the mass of the motor for a 
given propellant load, i.e.. 


rrim = rrip/l^, kg. (6-89) 

The rocket mass ratio MR is defined, Eq. 6-90, as the ratio of the total rocket mass to the burnout mass. The 
rocket mass includes motor, payload, aerodynamic surface attachment hardware, etc. 

MR = mi/{mi — nip), dimensionless (6-90) 


where 

m, = initial rocket mass, kg 

Wp = propellant mass consumed, kg. 

Idle ellet t of the mass ratio on the rocket velocity is a major one. This is borne out by the ideal velocity Eq. 
6 11 wlii( h is the maximum velocity that can be obtained in a gravitationless vacuum, i.e., 

Ui = /dn {MR), m/s. 

The ideal velocity U;varies directly with variations in the specific impulse Ig, (effective exhaust velocity c): 


/ V _ scaled . , 

( tli/scaled ( Wi /basic f 

{Is)basic 


m/s. 


(6-91) 


The ideal velocity varies exponentially with variations in mass ratio, i.e., 

_ ^[ln(Af/?)]5cafc</1 y _ , 

{Ui)scaled \ / (Wi)i>a5ic, m/s. 

( [ln(M«)]/,«,. ) 


(6-92) 


The influence of the rocket mass on rocket performance is very significant. Eq. 6-90 can be rearranged into 
the form of the scaling equations: 


or 


m, = {MR) {mi — mp), kg 


m. 




_ (Mfi - 1) 


MR 


mi, kg. 
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When changes in the basic motor require more than one of the techniques described, the scaling should 
be performed in steps. One scaling technique should be completed, and all scaled characteristics com¬ 
puted. This new information then is used to complete the next scaling technique, etc. 

Scaling is not an exact science, and, when possible, scaled results should be verified by engineering 
analyses and/or tests. Care must be exercised in scaling motors in which erosion is significant. Erosion 
characteristics may not scale well even when the ratio of grain internal-flow area to nozzle-throat area is 
preserved in the scaling. 

6-7 TESTING 

Testing of a rocket motor consists of mechanical, propellant grain integrity, quality assurance, and 
ballistic tests. Tests are performed on raw material, processed-propellant samples, and selected compo¬ 
nents and motors as appropriate to verify propulsion and structural characteristics. 

6-7.1 STRUCTURAL INTEGRITY TESTS 

The structural integrity tests consist of an instrumented hydrostatic proof test that maybe followed by a 
burst test. The motor chamber must withstand proof pressures—^maximum expected operating pressure 
condition at 60°C—without yielding. Eor a burst test the chamber is pressurized until it fails. The chamber 
must show a margin of safety at failure based on burst pressure of 1.5 times the MEOP. In addition to the 
proof and burst pressure tests, tensile and metallurgical tests are performed to characterize the motor case 
material properties and to determine the effect of machining on the raw material. Axial and hoop oriented 
microtensile specimens are taken from material for each chamber to be tested. Standard tensile specimens 
are taken in the axial orientation for correlation purposes, and metallurgical specimens are taken from the 
hydroburst chambers. Material properties—yield strength, ultimate strength, strain, etc.—are determined 
from the standard and microtensile specimens taken from worked and nonworked bars. These data are 
correlated with results of theoretical finite element analysis for the chamber case. Structural testing is 
discussed further in par. 7-8. 

6-7.2 PROPELLANT GRAIN INTEGRITY TESTS 

Solid propellant grains are both viscous and elastic (viscoelastic). Propellant tests involve the determi¬ 
nation or verification of both the mechanical properties and propulsion characteristics with consideration 
of environmental conditions. Ref. 55 provides information and requirements for testing solid propellant. 

6-7.2.1 Mechanical Properties 

Mechanical requirements that are determined by propellant tests include tensile, compressive, and shear 
strengths; stress-strain data; adhesive qualities; modulus of elasticity; and elongation (strain). Testing 
should provide data related to grain deformation and grain failure, and determine the ultimate strength 
and the point of rupture or failure. These requirements apply for storage conditions and for thrusting in 
test or in flight. The axial pressure distribution due to viscous shear from the gas flow and vehicle 
acceleration tends to move the propellant toward the nozzle. Eor a given configuration and propellant, a 
critical Young's modulus exists below which bulging and pressure rise continue until the chamber bursts. 

Stress-strain characteristics are determined by testing samples of propellant (raw material, polymer, or 
processed propellant) under designated tensile, compressive, and shear loads. Stress-strain data to be 
established include elastic modulus, elastic limit, ultimate strength, and point of rupture. Stress-strain 
properties are highly dependent on both the temperature and the strain rate of the propellant. Low strain 
rates are usually characteristic of thermal strains during curing and storage; high strain rates occur during 
ignition conditions. Therefore, testing should be made for various temperature and strain-rate conditions. 

Stress relaxation tests are conducted on processed propellant and on certain constituents. A nominal 
stress is applied over a period of time during which a measure of the relaxation is made. 

A slump test involves determining the downward drift or slump of a propellant sample due to its own 
weight. The weight and other forces due to acceleration, etc., can cause bulging of propellant near the 
nozzle which may result in reduced port area, and thus accentuate pressure and viscous forces. 


6-48 



MIL-HDBK-762(MI) 


Stress-strain data for a propellant grain are sometimes determined by a nondestructive indentation test. 
A testing device is used to apply given strain rates to the surface of the propellant by means of a compressive 
pad or indentor. Deformations and stress are measured, and certain mechanical properties of the 
propellant can be determined that approximate the stress-strain curve of a standards specimen test. 

The propellant density is determined in accordance with methods 510.1.1 or T510.3 of MIL-STD-286 
(Ref. 58). The test for determination of density usually involves weighing a test specimen of known volume 
and determining the density as the ratio of the mass to the volume of the propellant sample. Method T510.3 
specifies a sample mass of approximately 25 g, and the volume is to be determined with an air pycnometer. 

6-7.2.2 Thermal Properties 

The propellant should be tested to assure that the grain will meet storage and operational requirements. 
The physical properties and combustion characteristics (burning rate) should be predictable and not 
affected appreciably over a wide range of storage and operating temperatures. The temperature sensitivity 
of a propellant grain is usually relatively low. 

Thermal properties of the propellant are determined by the application of heat to propellant samples. 
Two significant properties that are determined by thermal tests are the coefficient of thermal expansion 
and the thermal conductivity, i.e., 

1. The coefficient of thermal expansion is the unit strain that is produced by a unit temperature 
change. The test involves the application of heat uniformly to a propellant test specimen (bar or rod) and 
recording the dimensional change with the corresponding temperature and temperature change (Ref. 56). 

2. Thermal conductivity (Ref. 56) is the time rate of heat flow under steady conditions, through a unit 
area, per unit temperature gradient in the direction perpendicular to the area. The guarded hot plate test 
covers the determination of the steady state thermal transmission properties of propellant specimens 
using a guarded hot plate. This test is described in Ref. 57. 


6-7.2.3 Performance Characteristics 


Propellant-test firings are made during propellant development programs and also after manufacture of 
the complete full-scale rocket. In the motor-test approach to propellant performance determination, a 
statistical analysis of test data acquired in many motor firings is used to obtain the best estimates of the 
propellant performance parameters. The raw test data consist of measured parameters and test recordings. 
Measured parameters are the mass of the propellant burned (obtained by subtracting the weight after the 
firing from the weight prior to firing) and the cross-sectional area A, of the nozzle throat which, in the case 
of ablating nozzles, varies with time. The test recordings contain the histories of the thrust and the 
chamber pressure over the burning or action time of the propellant. Test recordings show a pressure-time 
curve that increases to a peak followed by a decrease to a near level condition and ends with a gradual 
tailoff. Mean values can be defined rather accurate] y from these curves. For example, the mean characteris¬ 
tic velocity c* is 




= 


, m/s 




(6-93) 


where 

pdO = chamber pressure as a function of lime, Pa 
/„ PAl)dl — area under the pressure-time curve, N*s/m^ 
mp — mass of prop)ellani consumed, kg. 

1 he propel lam t onsumed isetiuivaleni to the mass difference in the motor before and after firing. A mean 
llmisi <(K‘lli< ieni Cf can be written in a similar way. i.e., 
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Cf = 


C^iOdt 





A, 


dimensionless 


(6-94) 


where 

F(t) = thrust as a function of time, N. 

The corresponding mean specific impulse Is is 

- CF{t)dl I 

Is = - = - , N*s/kg. (6-95) 

nip nip 

These definitions are unambiguous, and for each firing it is easy to determine c*. CV. and Is atduateh 
and to compare their values with theory. 

Experimental determination of propellant performance by means of conventional motor testing must 
be based on a large number of firings. Statistical analyses of the performance should be made by obtaining 
mean values and standard deviations for a large number of parameters such as pressure, thrust, 
characteristic velocity, mass flow rate, thrust coefficient, and specific impulse. 

Chapter 3, Ref. 27, describes a method for measurement of the gas velocity in the motor being fired. It is 
desirable to study and determine the relationship of the gas velocity with the erosion effects. 

6-7.3 TEST FOR NEW PROPELLANT FORMULATION 

A mode of testing for new propellant formulations involves the use of small propellant rod grain 
samples called strands. The liner burning rate may be evaluated by the use of such strands. The process 
involves a determination of the time intervals between the burning out of fine wires imbedded at 
predetermined locations of the strands. The burning of strands provides data on combustion characteris¬ 
tics such as burning rate, oscillations, thermal explosions, and chuffing. The strand burner is also useful 
in the correlation of burning rate characteristics with the burning rate laws, par 6-4.1.1. 

6-7.4 QUALITY ASSURANCE TESTING 

Solid propellant rocket motors undergo testing to assure acceptable reliability and quality of the system 
and its components with consideration for manufacture, storage, environment, test, and flight operations. 
Methods of testing include both destructive and nondestructive tests. Greater emphasis is placed on 
nondestructive tests because the integrity of the system is preserved. 

6-7.4.1 Nondestructive Testing 

Nondestructive test methods consist of numerous well-defined techniques that may, in turn, vary in 
effectiveness depending on the magnitude of parameters such as energy level, frequency of interrogating 
energies, sensing methods, and data presentation. Radiography, ultrasonics, and microwaves are the 
principal methods used to test propellant grain, insulation, composite materials, binder materials, etc. 

Radiography is well established as a method of nondestructively detecting flaws in materials and 
structures. A radiographic image is obtained as a picture of the intensity distribution of X rays that have 
passed through the material. The material attenuates the radiation according to mass, type, and size of the 
defects present, and the intensity of the radiation varies with the flaw distribution. 

Ultrasonic waves are vibrational waves of higher frequency than the hearing range of the human ear. 

Ultrasonic flaw detection usually is accomplished with frequencies in the order of lOTo lO^Hz. 
Erequencies up to 5X10^ Hz are used in material property int'estimations. Various techniques using 
ultrasonic methods are employed to detect discrete flaws in materials or to detect changes in material 
properties which may result from aging or environmental conditions. 
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Microwaves occur in that portion of the electromagnetic spectrum between radio waves and infrared 
radiation. Their frequencies range from 300 MHz to 300 GHz. Microwaves interact with materials on a 
molecular level, can penetrate most nonmetallic materials, and are reflected or scattered from internal 
surfaces to detect flaws or discontinuities. 

These techniques are employed to discover cracks, voids, delamination of laminated materials, and 
contaminants in composite materials, graphites, elastomers, and metals. 

6-7.4.2 Destructive Testing 

Certain critical components are subject to tests that damage or destroy the component. Selective or 
statistical sampling techniques used for such tests. These tests include tests for tensile and compressive 
strength, modulus or elasticity, and hardness. For plastic composite materials, tests are conducted for 
density, volatile content, resin content, acetone-soluble content, and interlaminar strength. Quality 
assurance aspects for rocket metal cases are discussed in Ref. 59. 

6.7.5 ENVIRONMENTAL TESTING 

Environmental tests include salt spray, humidity, accelerated aging, and temperature cycling. These 
tests are described in detail in military standards (Ref. 60). 
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CHAPTER 7 
STRUCTURES 


This chapter deals with the structural design considerations of free flight rocket components- 
providing a general description of the components and containing specific structural design in-formation, 
Considerations are given to both externally and internally applied loads. These loads may be either static, 
dynamic, or thermal. Design information includes mass estimation, internal load generation, stress 
analysis techniques, material selection, dynamic analysis, and thermal protection systems. A general 
discussion of aeroelasticity, combustion instability, and other related topics are also included to provide 
guidance in the development of a reliable free flight rocket. 


7-0 LIST OF SYMBOLS 
A = area, in' 

Acs = cross-sectional area of airfoil, in' 

Acqun = equivalent two-flange plate area, m“ 

Arc/ — ird' 4, rocket reference area, in' 

As = surface area, in' 

As = effective cross-sectional shear area at fin root, m' 

Axx — area of trans\erse plane on which motor (internal) pressure acts, in' 
ACMF = aft closure and nozzle mass factor, dimensionless 
a = rocket acceleration along longitudinal axis, m s' 
rt.v = rocket normal acceleration, m s' 
fl.v, = normal acceleration at station i, m s' 

= normal acceleration at CG location, m s' 

^ ~ maximum normal acceleration at fins, m s^ 

fl.\\ = total normal acceleration at station x, m s' 
flr = temperature shift factor, dimensionless 
a = ( — b (see Eqs. 7-85 and 7-86), m 
BF = biaxial improvement factor, dimensionless 
be = exposed fin span, m 

b = distance from beam end to applied load, m 
(^A — aerodynamic axial force coefficient, dimensionless 
(in — Stanton No., convective heat transfer, dimensionless 
C.v/ = Stanton No., mass transfer, dimensionless 

C.v^ = {dF.\ (Jo-)! {qAref), aerodynamic normal force gradient coefficient, rad 
Ct = strength correction factor for temperature, dimensionless 
C\ = empirical constant used to determine ar, dimensionless 
C: = empirical constant used to determine ar, dimensionless 
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c 


Cr 

C, 

D 

d 


dmc 

E 

Ee 

E, 

Erne 

Ep 

El 

Fa 

Eaj 

Ea. 

E-A^ex 

E, 

Egbody 

Egfim 

Egnose 

E g~K 

Fh 

f.v, 

E^total 

Fs 

Ev 

Fs, 

Ft 

/" 

FCMF 

FS 

{ES)u 

(ES}y 


specific heat of insulation, kj kg*K 
caliber, dimensionless 

specific heat of gas at constant pressure, kJ kg*K 

fin root chord, m 

fin tip chord, m 

characteristic length, m 

rocket diameter (reference length), m 

warhead diameter, mm 

diameter of motor case, m 

modulus of elasticity (Young’s Modulus), Pa 

equilibrium modulus. Pa 

glassy modulus, Pa 

modulus of elasticity (Young’s Modulus) of motor case. Pa 
modulus of elasticity (Young's Modulus) of propellant. Pa 
beam bending stiffness, \*m" 
axial force, X 

sum of axial components of aerodynamic force, X 
axial force at station j, X 
axial force on rocket forward of plane v-x, X 
axial load on rocket at plane x-x. X 
mgo, gravitational force of components, X 
gravitational force of body section, X 
gravitational force of fin section, X 
gravitational force of nose section, X 

shape emissivity factor for radiation gas to wall or particles to wall, 
dimensionless 

hoop load per unit length, X m 

axial meridional load, X 

fin normal force, X 

ncH^mal force at location i, X 

total air load, X 

shearing force, X 

shear load at station j, X 

flange shear load, X 

rocket motor thrust, N 

ts^d, fineness ratio, dimensionless 

forward closure mass factor, dimensionless 

factor of safety, dimensionless 

factor of safety based on ultimate stress criterion, dimensionless 
factor of safety based on yield stress criterion, dimensionless 
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G = E [2( 1 + v)], shear modulus. Pa 

go = reference acceleration due to gravity, m s‘ 

H = altitude, km 

h = distance between centroids of equivalent two-flange beam, m 
= convective heat transfer coefficient, \V m'-K 
hi.h: = lengths of shear-carrying members, m 
fiec/i,n — fin root equivalent beam height, m 

h = enthalpy-based heat transfer coefficient, kg m‘*s 
I = area moment of inertia, in'* 

Ic = mass moment of inertia about axis c-c, kg*m" 

4 = mass moment of inertia about axis g-g, kg*m‘ 

I = mass moment of inertia referenced to a CG, kgnn" 

I CO = mass moment of inertia about rocket CG, kg*m" 
lo = mass moment of inertia about CG, kgnn" 
loi = mass moment of inertia of mass i about CG of m,, kg*m' 
lox. loy, lo: = piiucipal mass moments of inertia, kg*m‘ 

Irocket = mass moment of inertia of section referenced to rocket CG, kg*m' 
Isection — mass moment of inertia of section about section CG, kg-m" 

Isp = specific impulse, \’s kg 
IXX — mass moment of inertia about .v-v axis, kg*m‘ 
iji = reco\ery enthalpy, J kg 
4 = wall enthalpy, J kg 

= air enthalov at wall condition. T ke 

- t . - -- —-- ' ^ C3 


Kh = E [3( 1 — V)], bulk modulus. Pa 
Ks = fin shear correction factor, dimensionless 
k = parameter used in defining nose shapes, dimensionless 
= thermal conductivity, VV m*K 
( = length, m 

(( m)mc = fineness ratio of motor case, dimensionless 

ic — location of the projection of the center of an ogival generating radius rs along 
the rocket centerline, m 

icyi = length of cylindrical section of payload section, m 
ime — length of cylindrical section of motor case, m 
is = nose length, m 
M = bending moment, X'ln 
M/m = bending moment at fin root, X*m 
Mi = local bending moment at station i, X‘m 
Mj = bending moment at station ;, X*m 
MS = margin of safety, dimensionless 
(A/.S), = margin of safety based on yield stress criterion, dimensionless 
(MS)u = margin of safety based on ultimate stress criterion, dimensionless 
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Mtotal — total bending moment. \*m 

= fiee-stream Mach number, dimensionless 
m = mass, kg 

niacin = mass of aft closure and nozzle, kg 
mto = mass of rocket at burnout, kg 
m/c = mass of forward closure, kg 
m/ins = total mass of fins, kg 
r7ii = inert motor mass, kg 
m, = mass of ‘‘lumped " mass i, kg 
rtiin^b = mass of insulation and propellant binder, kg 
nimc = mass of cylindrical segment of motor case, kg 
mother = mass of igniter and other hardware associated with motor case, kg 
rup = propellant mass, kg 
nip, = variable propellant mass, kg 
nipid = payload mass, kg 
mtotal = total mass of rocket, kg 
mx = mass of rocket forward of plane v-.v. kg 
mo = rocket gross mass at ignition, kg 
n = number of segments, dimensionless 
= number of elements in a series, dimensionless 
Ph — probability of hit, dimensionless 
Pk = probability of kill, dimensionless 
Pkh — probability of kill given a hit. dimensionless 
Pmeop — maximum expected operating pressure, Pa 
P nozzle pressure at nozzle station of interest. Pa 

PMF = mpl{mr + mp), prof)ellant mass fraction of rocket, dimensionless 
Pr = ixcpjk, Prandtl number, dimensionless 
p = chamber absolute pressure. Pa 
= motor internal pressure. Pa 
= internal pressure at nozzle station. Pa 
q = O.Dpatmosl'~ , dynamic pressure. Pa 
Qaero = heat flux due to aerodynamic heating, W m“ 

(jeonv convective heat flux, W m" 
qhw = hot wall heat flux, \V m" 
qma.x = maximum dynamic pressure. Pa 
qnet rad = net radiation exchange among particles, gas, and wall, W in' 
qtot = total heat flux, W m“ 

Re = Dvp p, Reynolds number, dimensionless 
r = radius, m 

Ar = radial displacement of cylindrical displacement of motor case, m 
Tb = propellant bore radius, m 
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Te = insulation regression (erosion rate), m/s 
r, = inner (bore) radius of propellant, m 
= inside radius of nozzle, m 
r,> = r,/r, dimensionless parameter 
rmc = average radius of motor case, m 

r„ = normalized local transverse nose radius at station x, dimensionless 
To = outer radius of propellant, m 
= outside radius of nozzle, m 
Tot = To/ri, dimensionless parameter 
Tor = To/r, dimensionless parameter 

Ts = radius of circular arc, i.e., secant ogive generating radius, m 
r, = tangent ogive meridian generating radius, m 
ST = Stanton number, convection heat transfer, dimensionless 
T = temperature, K 

= insulation temperature as a function of time and space, K 
Tactual = temperature of body, K 
Tcurc = curing temperature, K 
Tf. = gas temperature, K 

Trcf = reference temperature usually taken as 298 K 
Tw — wall (motor case) temperature, K 
AT = temperature difference, deg K 
ATe/f= effective temperature difference, deg K 

AT y = temperature change based on propellant volumetric shrinkage during cure, deg K 
t = thickness, m 
= time, s and min 
= flight time, s 
th = motor burn time, s 
tmc = thickness of motor case, m 

tmin = minimum motor case thickness away from discontinuities, m 
u = linear displacement, m 
V = volume, m^ 

Vcyi = volume of cylindrical shell, m^ 

Vle = propellant volumetric loading efficiency, dimensionless 
Vnose = volume of nose fairing, m^ 

Vreg = payload volume required, m^ 

VSR = propellant volumetric shrinkage ratio during cure, mVm^ 
i> = velocity, m/s 

WE = weld efficiency, dimensionless 
Xcu = location of center of gravity along rocket axis, m 
X = distance of regressing surface into insulation, m 
= distance aft of nose vertex (body station), m 
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Xcp = distance to center of pressure measured from Xref, m 
Xi = station i, m 

= distance of mass m, from origin, m 
Xj = station j, m 

Xn — x/In, normalized distance aft of nose vertex (body station), dimensionless 
Xref = any convenient station about which bending moment may be calculated, m 
yCG = distance to center of gravity of mass measured normal to axis of rocket, m 
y = transverse displacement, m 
ydynamic peak displacement due to a periodic load, m 

y, = displacement at station i due to a unit force, m/N 
yij = displacement at mass point i due to a unit load at mass point j, m/N 
ystatic = deflection of structure due to static application of peak of periodic load, m 
yx = beam displacement at station x, m/N 
a = angle of attack, rad 

= linear coefficient of thermal expansion, m/m*K 
= thermal diffusivity, mVs 

ttmc — linear coefficient of expansion for motor case, m/m’K 
ap = linear coefficient of thermal expansion for propellant, m/m*K 
= rotational displacement, rad 
7 = effective gas-specific heat ratio, dimensionless 
c — strain, m/m 


€b — propellant mechanical bore strain, m/m 
ie = propellant endurance strain, m/m 

fu — hnnn slrain m/m 

(^mech = mechanical strain, m/m 
£r = radial strain, m/m 
C/ora/ = total strain, m/m 

^ = structural damping ratio, dimensionless 
d — angle between rocket longitudinal axis and local vertical, rad 
6 = pitch angular acceleration, rad/s^ 

/r = dynamic viscosity of gas, N’s/m^ 

V = Poisson’s ratio, dimensionless 

S = Cos *(1 — 2x„), parameter used in defining the Haack series of nose shapes, 
dimensionless 

p = mass density, kg/m^ or kg/mm^ 

== insulation density, kg/m^ 

Pmc — density of motor case, kg/m^ 

Pp = average propellant density, kg/m^ 
o = stress or strength. Pa 
= Stefan-Boltzmann constant, 5.67X10 ^ W/m^-K'* 

Callow = allowable stress. Pa 
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Oallow.u 

Oallow,y 

Ocrii 

Odes 

Oh = 
Om ~ 

Or = 
Os = 

Ot = 
Ou.eff 

n = 

ftp = 

Cl, = 

n = 


OJc 

CO/I 


ultimate allowable stress, Pa 
yield allowable stress, Pa 

critical compressive stress for a long elastic cylinder. Pa 
calculated stress at design loads. Pa 
hoop stress, Pa 

combined meridional stress, Pa 
radial stress. Pa 

strength at room temperature (298 K), Pa 
allowable average shear stress. Pa 
allowable tensile strength. Pa 
effective ultimate strength. Pa 
effective yield strength, Pa 

parameter used in calculating propellant stress, dimensionless 

parameter used in calculating nozzle stress, dimensionless 

parameter used in calculating nozzle stress, dimensionless 

factor used in beam frequency calculations to account for end constraints, 

dimensionless 

excitation frequency, rad/s 

undamped natural frequency, rad/s 


7-1 GENERAL 

Recent advancements in materials and manufacturing techniques have led to improved rocket 
performacne. Contributions also have been made by the advent of advanced computer technology 
introducing the use of numerical analysis techniques into the design cycle. These advancements now 
provide the designer with the capability to consider a multitude of configurations to arrive at a near 
optimum design for a specific set of design constraints. 

The designer of a free flight rocket, however, requires knowledge of classical analysis techniques to 
determine the feasibility of a new system. Considerations must be given to the determination of internal 
loads induced by the environments, and the effects of internal and external heating also must be addressed. 
The bulk of this chapter deals with these aspects of the design. The use of the computer, however, is 
encouraged since intensive efforts are being directed by the aerospace industry toward automated design 
procedures. 

The structural design of a rocket is influenced by the interaction of all the applied loads and the response 
of the structure. An optimum design can only be achieved through an iterative process. A typical 
analysis-design cycle is shown in Fig. 7-1. 

The execution of the design cycle requires knowledge in many disciplines. Complex topics such as the 
interrelationship of combustion and structural responses should, however, not be a limiting factor during 
the preliminary design phase. Acceptability of the conceived design can only be verified through detailed 
analysis and controlled tests. 

The airframe of a typical rocket is comprised of the motor case, the supporting load-carrying structure, 
and the payload associated structure. The airframe is subjected to a variety of loads from several sources. 
Airframe load environments include handling and transportation, flight, aerodynamic, thermal, 
vibration and shock, and buffeting. All load environments must be considered in the assessment of the 
rocket airframe structure. Airframe loads are generally translated into shear, axial, and bending loads that 
identify which loading environment is critical at selected locations on the rocket airframe. This allows an 
assessment of the critical loading environment and allows trade-off studies of the variation in rocket 
operational factors versus loading environment and structural concepts. 
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The primary structural design of the airframe can include monocoque (unstiffened) shells, semi- 
monocoque shells (stiffened with stringers, frames, or corrugation), and trusses and frames. The structural 
design must be capable of withstanding the tensile loads, and general and local compressive loads. 
Material properties alone are generally sufficient to evaluate the tensile loading capacity of structural 
members. Compressive shell loading, however, requires design charts or complex analysis techniques to 
evaluate failure due to structural instability. 

7-2 MASS AND BALANCE 

The mass and balance characteristics of a rocket are important elements in the overall evaluation of the 
structural characteristics. The determination of the loads on a given structural component involves the 
mass, the mass distribution, the center of gravity (CG) location, and the inertia of the total configuration. 

These characteristics vary with time during the motor burn phase of a rocket. A 20-km range rocket 
might have a mass variation during burn of 40%, a CG variation of 15% of the rocket length, and inertia 
variation of 30%. The paragraphs that follow present methods for estimating the mass and balance 
characteristics of a rocket along with their variations during motor operation. 

7-2.1 MASS AND CENTER-OF-GRAVITY ESTIMATION 

The mass of rocket components or sections can be estimated if equivalent homogeneous mass densities 
are available and if the volume can be defined. The mass of sections of this nature can be estimated by 
multiplying the section volume by the average mass density. Average densities of major rocket components 
are presented in par. 7-4.2.6, "Mass and Size Estimating Relationships". 

The mass of a rocket varies with time during motor operation because of the loss of propellant mass. 
Total mass during the propellant burning phase can be estimated by determining the mass prior to motor 
ignition and subtracting the product of propellant burning time and average mass flow rate. 

The material volume of thin-skinned monocoque shells can be approximated by multiplying the shell 
surface area by the skin thickness. Equations for evaluating the volume of typical rocket components are 
presented in Table 7-1. 

The surface area and volume of certain nose shapes are not so easily determined. Nose shapes can be 
divided into three classes or families—the Power Series, the Parabolic Series, and the Sears-Haack Series 
—and are defined as follows: 

1. The Power Series is defined by (see Fig. 7-2(A)) 

Tn — Xn, dimensionless (7-1) 


where 

r„ = normalized transverse nose radius at station x, dimensionless 
x„ = x/Cn, normalized distance aft of nose vertex, dimensionless 
k = parameter defining nose shape, dimensionless 
X = distance aft of nose vertex (body station), m 

L /V 111. 

T hree nose shapes of the Power Series family investigated in Ref. 1 are 


Nose Shapes 
Cone 

3/1 Power Nose 
1/2 Power Nose 


I 

3/4 

1/2 (parabola with vertex at x — 0). 


2. T he Parabolic Series shape is defined by 


Tn 


2Xn ~ kx 


2 

n 


dimensionless 


(7-2) 
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TABLE 7-1. MASS PROPERTIES OF SIMPLE GEOMETRIC SHAPES 


c 



c 




ANNULAR CYLINDER 


Surface 

Area = 2Trrot 
(outside) 

z= f /9 

Volume = (ro — ri^)Trt 


I g — (3r^ + 3r^ + l~) 

12 

7 — ^ / 2 I 2v 

I c o ^ i) 

2 


10 


((oiuinucd on next page) 
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TABLE 7-1. (cont'd) 


H - h 


FIN 




/ 

7,1 




r 

1 

■ 

H 1 

1 1 

^ -_ 

dJ-l 


Surfate Treat as sum of 
Area ~ simple shapes. 


Volume = 


bit 


{Cr + Ct) 


0 (compared to pitch inertia) 


Y CG — 


/ fee \ / Cf + 2c\ 

\ 6 )\cr + c,j 


-h- 


XcG is at centroid of area. 


7 — ^ 
4 





RINGTAIL 


CG is area sectional centroid 
projected onto c-c. 



I c ^ mr^ 

Acs is cross-sectional area 
of airfoil. 


where 

r„ = normalized local transverse nose radius at station x, dimensionless. 

Three popular series of the parabolic family are 

Nose Shapes 

1/2 Power Parabolic Nose 
3/4 Power Parabolic Nose 
Parabolic Nose 

When A = 0. F.tj. 7-2 reduces to a cone. 

The circular are nose shape gives rise to a series of noses called secant ogives or ogives. Ogives are 
completely defined by two parameters: (1) the radius r^of the circular arc, i.e., secant ogive generating 
radius and (2) the location Ic of the projection of the center of the circle of radius r^ along the rocket 
centerline. 

A tangent ogive is one in which the circular arc of the ogive becomes tangent to the cylinder as illustrated 
in Fig. 7-2(B). This figure also shows the location of the center of the circular arc for a secant ogive which 
forms a corner or discontinuity at the juncture to a cylinder. That is, a tangent ogive has a center of 


1/2 

3/4 

1 (circular arc). 
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R ocket 

Centerline 



Rocket 

Centerline 



Figure 7-2. Illustration of Symbols Used in Nose Shape Defining Equations 


curvature on a line perpendicular to the longitudinal axis directly below the tangent point, whereas the 
secant ogive has its center of curvature below and aft of this line. 

The term In/ d is called the nose fineness ratio. The radius of curvature of an ogival surface usually is 
defined in calibers (cal), which is the radius of the arc divided by the diameter of the base. Hence a "3-cal 
ogive" has a radius of curvature that is 3 times the diameter of the base. The caliber and the center of arc 
locations describe the shape and the length-to-diameter ratio of an ogival shape. 

For a tangent ogive, the relation between caliber c and length-to-diameter ratio ts/d is 




0.25, dimensionless. 


(7-3) 


Ogives have the advantage, without increasing drag, of providing larger apex angles and greater nose 
volumes than cones of the same fineness ratio. The drag of a tangent ogive is slightly larger than that of the 
inscribed cone, and a secant ogive has less drag than either. A minimum drag secant ogive has a contour 
radius that is twice the tangent ogive radius. 
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3. The Sears-Haack Series shape is defined by 


Tn = 




sin(2H) + A(sinS)\ dimensionless 


(7-4) 


where 


H = Cos '(1 — 2xn), dimensionless 


(7-5) 


= normalized local transverse radius of station x, dimensionless. 
Two popular shapes of the Sears-Haack Series are 

Nose Shapes 

L-D (Von Karman) 

L-V 


0 

1/3. 


L-V designates the boundary condition of length and volume used in an analysis to determine the 
minimum drag shape, and L-D denotes length and diameter. The Von Karman nose shape has the most 
volume of any of the shapes described. 

The Von Karman nose shape has a low transonic drag coefficient that is only slightly higher than the 
minimum drag secant ogive. It has an 8% larger volume than the minimum drag secant ogive, giving the 
Von Karman the most efficient volume per unit nose drag. 

The normalized shape of the meridian of each of these noses is presented in Table 7-2. The volume of 
several nose shapes may be determined from Fig. 7-3. The volume of various secant ogives is presented in 
Fig. 7-4 as the ratio of the nose volume to the volume of a cone with the same fineness ratio. The volume of 
the equivalent cone can be obtained from Fig. 7-3, or it can be calculated by using the equation in Table 
7-1. The secant ogive configurations are identified in terms of the ratio r,/r,of the tangent ogive meridian 
generating radius r,to the secant ogive meridian generating radius r^. The minimum drag secant ogive has 
a generating radius ratio of r,/p = 0.5. The volume ratio versus nose fineness ratio f„is presented in Fig. 
7-5 for the Von Karman, the tangent ogive, and the minimum drag secant ogive. 

The surface area of various nose shapes may be determined from Fig. 7-6. The surface area ratio versus 
the meridian generating radius ratio for the family of secant ogives is presented in Fig. 7-7. The cone 
surface area can be obtained by using the equation in Table 7-1. The surface area ratio versus fineness ratio 
is presented in Fig. 7-8 for selected ogives. 

The location of the CG of typical rocket sections is presented in Table 7-1. The CG of an ogive-shaped 
mass may be determined from Fig. 7-9. For convenience, the location of the CG of each section should be 
referenced to a common reference point. The location of the CG of the complete rocket configuration can 
be estimated by summing moments of the mass of each section about a rocket reference point and dividing 
by the total mass. 

Applications of Table 7-1, Fig. 7-6, and Fig. 7-9 to two shell types are illustrated in Example 7-1. 
EXAMPLE 7-1: 

Determine the masses and CG locations of two thin-walled payload fairings in which planforms are 
described by the tangent ogive and the cone. Parameters basic to both geometric types are 

(i = 100 mm, base diameiei 
(n = 300 mm. length of fairing 
t = 2.5 } mm, thickness of fairing 
p = 2.768 X 10"^ kg/mm\ density of material. 
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TABLE 7-2. NORMALIZED COORDINATES OF SEVERAL NOSE SHAPES 



Power Series 

Parabolic Series 

Sears-Haack Series 








L-D 


Minimum Drag 


Power 

’/i-Power 

“‘/-Power” 

“^4-Power” tParabolic 

Sears-Haack 

L-V 

Secant 

Nose 

Nose 

Nose 

Parabolic 

Parabolic 

Nose 

(Von Karman) 

Sears-Haack 

Ogive 

Station 

(k = ■/) 

(k = %) 

(k = ■/) 

{k = \) 

ik= I) 

{k = 0) 

(k = H) 

(r,/r. = 0.5) 

Xn 


rn 

r« 

Tn 

Tn 

Tn 

rn 

Tn 

0 

0 

0 

0 

0 

0 

0 

0 

0 

0.05 

0.2236 

0.1057 

0.0658 

0.0785 

0.0975 

0.1367 

0.16.58 

0.0745 

0.10 

0.3172 

0.1778 

0.1300 

0.1540 

0.1900 

0.2281 

0.2738 

0.1463 

n 1 c 

V. 

A 

U.JO/J 

A a A i A 
lU 

A 1 noc 
u. 

A oo^:t 

A O'TCA 
\J.^I 

A Qr\cn 

A QCAQ 

A 01 C/l 

0.20 

0.4472 

0.2991 

0.2533 

0.2960 

0.3600 

0.3773 

0.4435 

0.2820 

0.25 

0.5000 

0.3536 

0.3125 

0.3625 

0.4375 

0.4422 

0.5142 

0.34.59 

0.30 

0.5477 

0.4054 

0.3700 

0.4260 

0.5100 

0.5022 

0.5779 

0.4072 

0.35 

0.5916 

0.4550 

0.4258 

0.4865 

0.5775 

0.5585 

0.6356 

0.4660 

0.40 

0.6325 

0.5030 

0.4800 

0.5440 

0.6400 

0.6112 

0.6880 

0.5222 

0.45 

0.6708 

0.5494 

0.5325 

0.5985 

0.6975 

0.6606 

0.7355 

0..57.58 

0.50 

0.7071 

0.5946 

0.5833 

0.6500 

0.7500 

0.7071 

0.7785 

0.6269 

0.55 

0.7416 

0.6387 

0.6325 

0.6985 

0.7975 

0.7507 

0.8174 

0.67.55 

0.60 

0.7746 

0.6817 

0.6800 

0.7440 

0.8400 

0.7915 

0.8522 

0.7215 

0.65 

0.8062 

0.7239 

0.7258 

0.7865 

0.8775 

0.8295 

0.8833 

0.7652 

0.70 

0.8367 

0.7653 

0.7700 

0.8260 

0.9100 

0.8647 

0.9107 

0.8061 

0.75 

0.8660 

0.8059 

0.8125 

0.8625 

0.9375 

0.8969 

0.9346 

0.8446 

0.80 

0.8944 

0.8459 

0.8533 

0.8960 

0.9600 

0.9261 

0.9550 

0.8806 

0.85 

0.9220 

0.8853 

0.8925 

0.9265 

0.9775 

0.9518 

0.9719 

0.9142 

0.90 

0.9487 

0.9240 

0.9300 

0.9540 

0.9900 

0.9736 

0.9853 

0.94.52 

0.95 

0.9747 

0.9622 

0.9658 

0.9785 

0.9975 

0.9906 

0.9950 

0.9739 

1.00 

1.0000 

1.0000 

1.0000 

1.0000 

1.0000 

1.0000 

1.0000 

1.0000 


fMore commonly known as the “tangent ogive” nose shape with r, — In. 


Solution: 

Compute fineness ratio jn. 
iN/d = 300/100 = 3 

and, using this parameter, refer to appropriate figures or Table 7-1 to determine mass and CG location. 
Tangent Ogive Cone 

Ratio of Surface Area Asio Square of Base Diameter d 
As/d^ = 6.375, from Fig. 7-6 As/d^ = 4.7.5, from Fig. 7-6 

Surface Area 

As = 6.375(100)^ As = 4.75(100)^ 

= 63,750 mm' = 47,500 mm' 

(Also calculable from etiuaiion in 
Table 7-1) 


(solution < ontmucd on j>agc 7-21) 
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Figure 7-3. Volume of Nose Shapes 
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Figure 7-5. Ratio of 
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Ratiodimensionless 
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Surface Area Ratio of O^ves to Cones of Same Fineness Ratio, dimensionless 



9 


Ikngent Ogive 









Noi-malizcd CG Location dimensionless 
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7-2.2 TRANSVERSE MOMENT OF INERTIA 

The rocket transverse moment of inertia is the mass moment of inertia of the complete configuration 
referenced to the CG about a transverse axis. The transverse moment of inertia varies from rmotor ignition 
to burnout as the rocket mass and CG location change. The determination of the transverse moment of 
inertia during motor operation can be a difficult and time-consuming process for complex propellant 
grain configurations. Preliminary values can be obtained by estimating the transverse moment of inertia 
for the fully loaded rocket and the rocket at burnout and by assuming a linear variation with burn time or a 
bilinear variation for a boost-sustain burn mode. Estimates of the transverse moments of inertia can be 
made by dividing the rocket into sections of homogeneous materials and easily defined geometries. 

The transverse moment of inertia of the complete configuration can then be determined by calculating 
the moments of inertia of individual sections and then transferring the section moments of inertia to the 
rocket CG location. The section moments of inertia can be evaluated with respect to an axis through the 
section CG using the equations presented in Table 7-1. The normalized transverse moment of inertia of 
various ogival configurations about the nose CG is presented in Fig. 7-10. The section moments of inertia 
can be transferred to the rocket CG by using the Parallel Axis Theorem, i.e., 

1 rocket I section “ 1 ” Tnt , kg'ITl (7-6) 


where _ 

J rocket — mass moment of inertia of section referenced to rocket CG, kg*m^ 

I section mass moment of inertia of section about section CG, kg-m^ 
m = mass of section with moment to be transferred, kg 
t/ = distance from CG of section to CG of rocket, m. 

The moments of inertia of rocket sections that are partially hollow or are made up of composite materials 
can be estimated by assuming that the total moment of inertia is equal to the algebraic sum of the parts. 
Thus, the total moment of inertia of a cone with a cylindrical hole can be approximated by the moment of 
inertia of the solid cone less the moment of inertia of the "solid" cylindrical cavity. 

7-2.3 ROLL MOMENT OF INERTIA 

The roll moment of inertia is the mass moment of inertia of the complete rocket configuration about the 
longitudinal axis of symmetry. The roll moment of inertia of a rocket also varies as the propellant mass is 
consumed. Preliminary estimates of the roll inertia can be made by dividing the rocket into simple sections 
of homogeneous materials in the same manner as was used to determine the transverse moment of inertia. 
The normalized roll moment of inertia of the complete configuration is the algebraic sum of the 
individual section moments of inertia. The moment of inertia of a typical rocket section can be determined 
by using the equations in Table 7-1. The roll moment of inertia for an ogive shape can be estimated from 
Fig. 7-11, and the equation for the roll moment of inertia of a cone can be found in Table 7-1. The moments 
of inertia of sections that are partially hollow or are made up of composite materials may be evaluated as 
outlined in par. 7-2.2 by the algebraic summation of the moments of inertia by parts. 

7-3 LOADS 

The term "applied loads" refers to the maximum loads anticipated on the rocket during its service life. 
The rocket should be capable of supporting the applied loads without suffering detrimental, permanent 
deformations. Ultimate or design loads are equal to the applied loads multiplied by a factor of safety PS. 

The preliminary design of a rocket must satisfy the requirements of the various environments that may 
be experienced during its operational life. The environments include storage, transportation and 
handling, launch, and flight. If the payload consists of submunitions, then payload dispersal loads also 
must be considered. Additional load requirements may be imposed on the warhead from impact 
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considerations. The load conditions described in the paragraphs that follow address only transportation 
and handling, launch, and flight loads. 

7-3.1 TRANSPORTATION AND HANDLING LOADS 

During transportation and handling, the rocket will be subjected to vibration, shock, temperature 
changes, and moisture. Transportation and handling loads may have to be considered for both the total 
rocket and individual components. Rocket components can be designed to be transported in separate 
containers for assembly in the field. The container may be designed to be a combination container and 
launcher. Container launchers are discussed in Chapter 8. 

Various packaging techniques are available for shipment (Ref. 2). The loads during shipment by truck, 
ship, railway, or airplane have been specified in a number of reports (Refs. 3 through 5). Ref. 6 discusses 
the design of containers for rockets. 

The variations caused by the human factors involved in handling make the problem of specifying loads 
very difficult. In general, realistic field conditions are simulated by drop tests. The heights used for these 
tests vary from 1.0 m for 9-kg articles to 0.3 m for articles whose mass is more than 45 kg. 

The field carrier vehicle for the rocket must also be considered. If the rocket is an indirect fire weapon, it 
could be carried by a tracked vehicle or a truck. Rockets launched from aircraft maybe subjected to aircraft 
maneuver loads and severe vibrations. 

The field carrier vehicle load environments should be determined from manufacturer's or the 
(government's performance specifications for the particular vehicle involved. Military specifications are 
generally available to define the environmental conditions for the design of a particular class of rockets. 
The specifications should be consulted when evaluating design loads. 

7-3.2 LAUNCH LOADS 

Launching a rocket produces significant loads that must be assessed in the development of the total load 
environment. Launch loads are principally a function of motor chamber pressure, rocket acceleration 
level, and the interaction of the rocket and launcher during initial guidance. 

The rocket inter-acts with the launcher through launch shoes, bore riders, or other mechanical 
interfaces. Thrust misalignment, mass unbalances, and the type and location of the mechanical interfaces 
can combine to produce significant bending of the rocket during launch. The dynamic interaction 
between the flexible rocket and the flexible launcher is a complex problem and few generalized results are 
available for use in the preliminary design phase. Some approximate analysis techniques, however, are 
available in Ref. 7. 

Transient loads may be significant during motor ignition and at the release of the mechanical interfaces. 
Chapter 8 presents several rocket/launcher interfaces and discusses rocket bending effects in more detail. 

7-3.3 FLIGHT LOADS 

During flight, the rocket is subjected to loads from motor thrust, aerodynamic lift, aerodynamic drag, 
inertia of rocket components, gravity, and internal pressures. These loads are reacted by the rocket 
structure as axial load, shear load, and beam bending moment. 

The axial load is made up of forces from the motor thrust, aerodynamic drag, inertia of the rocket mass 
in the axial direction, gravitational force component acting along the axis of the body, and internal 
pressures. Fig. 7-12 shows a descriptive free-body diagram of the axial forces acting on a rocket in powered 
flight. In accelerated flight, equilibrium requires that 

am — Ft Fa mgo cosd = 0, N ( 7 - 7 ) 

where 

a = rcK'kei acceleration along longitudinal axis, m/s^ 

Ft = rocket motor thrust, N 
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Nose Wave-Drag 
y and Friction Drag 



(a) Axial Loads (B) Principal Forces on Rocket Section 

Figure 7-12. Axial Loads on Free Flight Rocket 

¥ A — sum of axial components of aerodynamic forces, N 
go = acceleration due to gravity, m/s^ 

Q — angle between rocket longitudinal axis and local vertical, rad. 

Likewise, the axial load ¥a^^^ at any plane x-x is fomad-by - 

¥a^^ = arrix ¥a^ + mxgo cos0 — pAxx, N (7-8) 


where 


^^xx ~ axial load on rocket at plane x-x, N 
nix = rocket mass forward of plane x-x, kg 
¥A^ — axial force on rocket forward of plane x-x, N 
p = motor internal gage pressure. Pa 

Axx = area of the plane perpendicular to the longitudinal axis on which the motor (internal) 
pressure acts, m^. 


The axial force coefficients on the rocket sections can be evaluated by the methods of Chaptei 5. The 
axial force ¥a can then be determined as follows; 


Fa = CAqAref, N 


(7-9) 
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wlUTC 

(.A — aerodynamic axial fore e coeffic ient, dimensionless 
q = dynamic pressure, Pa 
Aref = tcK ket reference area, m^. 

The normal force coefficient gradient of rocket sections can be evaluated as indicated in par. 5-3. The 
normal force FN can be determined as follows: 


Fn — Cs^Otg Aref, N 


(7-10) 


where 

Fs — normal force, N 
a = angle of allack, rad 

= aerodynamic normal force coeffic ient gradient, rad '. 

The bending moment M at any section of the rocket is equal to the algebraic sum of the moments of the 
folces. A schematic of the moments and forms acting at rocket station xps shown in Fig. 7-12(B). 

The circumferential load in the combustion chamber cylinder walls, as shown in Fig. 7-13, is caused by 
the internal pressure acting on all exposed surfaces along the cylinder. The circumferential (hoop) load 
per unit length is 


Fh = pTme, N/m 


(7-11) 


wllC’lC- 

Fh — hoop load pc’i unit length, N/m 
W = avc iage radius of the motor case, m. 

The bending moment at rocket station x^ results from the combined action of aerodynamic lift and 
inertial forces acting in a direction perpendicular to the body axis at some distance away from station Xj. 



Figure 7-13. Circumferential Loads on Motor Case 
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For preliminary design purposes, the mass of the rocket sections can be considered to be concentrated at the 
CG of the sections. The lift forces of the sections can be considered to be concentrated at the center of 
Pressure (CP) of the sections. Bending moment may also be introduced by the axial load as a result of motor 


thrust misalignment and structural eccentricity. 

Fig. 7-14 shows the bending loads acting on a rocket in flight. The total inertial load is equal to the mass 
of the section, multiplied by the acceleration acting in the direction perpendicular to the longitudinal 
axis. The total bending moment M, is 


Mj = ipN.iXj - Xi) + |M„ N-m 


(7-12) 


where 

yVf^ = total bending moment acting at station j, N*m 
Fjv, = normal force at station i, N 
n = number of segments, dimensionless 
Xi = station i, m 


Xj = station m 

Mi = local bending moment at station i, N-m. 
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Figure 7-14. Concentrated Loads on Free Flight Rockets 
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7-4 STRUCTURAL DESIGN ANALYSIS 
7-4.1 CONCEPTUAL DESIGN 

The conceptual design of a rocket structure requires input from various other groups. Guidelines from 
these groups are required to satisfy mission requirements of the rocket. A typical rocket application would 
require the following information: rocket size and shape; mass goal; range requirements; payload and 
other fixed hardware definition; cost goal; quantity; safety factors; load environments imposed by storage 
at temperature extremes, handling and transportation, launch, flight, and impact; and other specified 
characteristics. 

The conceptual phase of rocket design requires that the best compromise be achieved in meeting design 
objectives. For example, low cost may be achieved with some sacrifice in performance. It is, therefore, 
desirable to preassign penalties for each constraint to aid in the selection process. Evaluation of the various 
concepts should be made on as equal a basis as possible. Structural analysis for each concept should be 
carried out to the same degree of completeness as other analyses. Stress analysis equations to support this 
design phase may be found in several common sources (Refs. 8 through 17). Final selection among leading 
candidates may then require additional structural analyses. 

7-4.2 PRELIMINARY DESIGN 
7-4.2.1 Structural Components 

Preliminary design of the rocket is facilitated by analyzing individual components—i.e., motor case, 
nozzle, payload, etc. Preliminary load calculations are performed by using characteristics from 
components and sections in a manner similar to that indicated in Figs. 7-12 through 7-14. Structural 
analyses may then be performed to establish the basic structural dimensions of each component. This step 
will lead to a better definition of the applied loads and permit further refinements of the designs. 

The design of efficient structural components sometimes requires complex geometric shapes. It may not 
be feasible to define the stress state of this class of structures with simple equations. The design engineer 
should, therefore, consult with the structural analysis group for assistance in approximating the stresses 
on such components. 

The paragraphs that follow provide the basic equations and graphs to be used in the preliminary design 
of some common rocket component geometries. 

7-4.2.1.1 Motor Case 

The motor case experiences external loads due to aerodynamic forces and inertial forces due to 
accelerations. These forces are generally available in the form of axial, shear, and bending moment 
diagrams. These diagrams are discussed in more detail in pars. 7-4.2.2.4 through 7-4.2.2.6. The flight 
environment may also produce aerodynamic heating that should be considered. Nearly uniform or 
uniformly varying temperature distributions in similar materials generally produce negligible thermal 
stresses. Thermal stresses can result, however, even at uniform temperatures with dissimilar materials. 
Elevated temperatures generally result in reduced material strength and stiffness. Thermal protection 
from motor combustion generally is required because of the severe environment. 

Internal loads, in the form of motor pressures, usually are of short duration in solid propellant motors. 
The motor pressure, however, usually determines the critical pressure vessel dimensions. Strength 
requirements to support the high internal motor pressure usually result in shell thicknesses that exceed the 
stiffness requirements for shell stability. A preliminary estimate for the motor case thickness can be 
calcuated by 


pUEOffmc(FS) 

tmm • in (7-13) 

a^BF){CT) 
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where 

tmin — minimum motor case thickness away from discontinuities, m 
pMEOP — maximum expected operating pressure, Pa 
FS = factor of safety, (see par. 7-4.2.5), dimensionless 

_ yield 
I ultimate 


at IX/ attii^ , I c 


yield strength 
tensile strength 


BF = biaxial improvement factor, dimensionless 

Ct = strength correction factor for temperature, dimensionless. 


Structural instability of the motor case during motor operation usually is precluded as a result of the 
tensile stresses produced by the internal pressure. The unpressurized forward skirt experiences compressive 
axial stress during this phase of operation and should be evaluated for instability by using the procedure 
discussed in par. 7-4.2.3.4. An extensive treatment of structural stability is found in Ref. 8. 

A simple check can be made for the unpressurized motor case using the equation 


Ocrit 


E 

Ad - 



, Pa 


(7-14) 


where 

Ocrit = critical compressive stress for a long elastic cylinder. Pa 
p = Poisson’s Ratio, dimensionless 
E = modulus of elasticity, Pa. 

The value should be compared to the calculated compressive stress under design loads. 

Shipping and handling loads should also be considered in motor case design. Strap-down loads can 
produce beam bending and \ or local hoop loads in excess of flight-induced loads. 

Bending moment diagrams should include the effects of bending caused by nonaxisymmetric inertial 
loads. In certain applications, misalignment of structural components may induce severe local bending 
loads. 

Solid propellant rocket motors require igniters to initiate motor operation. Igniters sometimes are 
mounted on the forward closure, which requires access through the closure. This penetration produres a 
highly stressed local region unless reinforced. A general rule is to reinforce the cutout with material equal 
in volume to that removed. Forward closures can be either flat or contoured. Flat closures are structurally 
inefficient but may be desirable for certain applications. Contoured closures can be of either tensile or 
compressive type, depending on the application. 

Equations to compute stresses and thicknesses for these closures can be found in Ref. 9. The compression 
closure should be analyzed for both stress and stability failure modes. Local stress risers due to structural 
discontinuities should be minimized by eliminating abrupt changes in geometry where possible. 

Optimum closure design requires considerable analytical effort. In the preliminary design phase, the 
use of the following rules of thumb is recommended: 

1. Flat plate. Determine thickness in accordance with plate equations. 

2. Contoured (tensile). Closure thickness away from discontinuities should be equal to the thickness 
of the cylindrical case wall. 

3. Contoured (compressive). Closure thickness away from discontinuities should be a minimum of 1.5 
times the thickness of the cylindrical case wall. 
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These recommendations, obviously, do not cover all the shapes, joint configurations, and materials of 
combinations possible in closure design. It is generally desirable that the weakest link in a rocket motor be 
the (cylindrical case wall and, therefore, closures are usually conservatively designed. 

7-4.2.1.2 Nozzle 

A typical nozzle design cross section is presented in Fig. 7-15. The nozzle consists of the main structure, 
an insulator, and a thermal liner. The main structure carries the nozzle loads and transmits the loads to the 
motor case or aft closure. The insulator is a material placed between the nozzle structure and the thermal 
liner to protect the structure from excessive temperatures. The thermal liner forms the irmer contour of the 
nozzle. An insert of a special erosion-resistant material may be placed in the throat region of a nozzle to 
limit the increase in throat area resulting from erosion. 


i'.xliausl 



Figure 7-15. Nozzle Structural Configuration 


The primary load on a nozzle is the pressure along the inner surface of the nozzle. This pressure varies 
from nearly 100% motor pressure along the entrance region to approximately 58% at the throat and 
decreases to nearly ambient pressure at the exit plane. A modified isentropic flow generally is assumed in 
describing the behavior of the exhaust gasses through the nozzle. 

Survival of the nozzle requires that the main structure support the low strength thermal liner. Structural 
failure of the thermal liner is one of the primary causes of nozzle failure. The nozzle-to-aft closure joint is 
another critical region. The joint must be designed to withstand the nozzle blow-off load, which can be 
estimated by multiplying the motor chamber pressure by the upstream projected area of the joint. The 
relieving action of pressure acting on the exit cone can be ignored for the preliminary design in the interest 
of conservatism. 

Initial thickness of the thermal liner and insulator should be determined from the thermal protection 
required by the primary support structure. The type of analysis to assess adequately the insulator depends 
on the heat transfer properties of the components and the critical combination of temperature and load. 
Initial geometry and initial uniform temperature can be assumed in analyzing the highly effective 
insulators. This approximation is possible because the heated layer is generally thin and soft, and does not 
introduce significant thermal loads. However, highly conductive materials such as carbon and tungsten 
require careful thermal stress analysis. Preliminary estimates of the stress state under pressure and thermal 
loads can be computed by applying the methods in par. 7-4.2.3.6. 

Pressure acting on the inner surface of the exit cone produces hoop tension and meridional 
compression. Hoop stresses can be calculated by using elementary shell equations. The meridional 
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compressive load, varying along the length of the exit cone, is zero at the exit plane and maximum just aft 
of the throat. Meridional stress is computed from the load at a given station divided by the effective 
cross-sectional area at that station. 

The compressive axial force also produces shear stress in the conical section. The plane of shear can be 
visualized by considering the cone to be composed of short cylinders of varying diameters that tend to nest 
under the axial loading. This failure mode is generally not critical for isotropic materials. Special designs 
such as tape-wrapped composites, however, may be susceptible to interlamina shear failure. 

The nozzle may also have to withstand aerodynamic loads, inertia] loads, vibratory loads, and external 
heating loads. These loads are usually neglected during the preliminary design unless they are unusually 
large. 


7-4.2.1.3 Propellant 

There are several ways in which solid propellants are applied in rocket motors. There is a class of motors 
whose propellants are considered to be "stress-free" by design. Another popular motor design uses 
propellants that are bonded to the motor case. This latter type of construction does produce stress in the 
grain (propellant as cast) and requires demonstrable structural integrity. 

The design of a solid propellant rocket motor grain is determined primarily by the mission 
requirements and the ingenuity of the interior ballistics group. Several solid propellant grain geometries 
are shown in Fig. 7-16. 
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Figure 7-16. Representative Solid Propellant Grain Geometries 
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Physical properties of the propellants are generally not available at the early stages of the design. The 
preliminary analysis, therefore, provides only a qualitative assessment of the grain design and simplifying 
assumptions are fully justified. 

Several failure modes of case-bonded grains are described in par. 7-4.2.3.6. Most of the local failure 
modes can be avoided by improved manufacturing techniques or changes in the local geometry. Basic 
dimensions, which generally govern the motor performance, can be analyzed approximately with design 
data sheets and engineering equations. Extensive numerical analyses are not warranted in view of the 
approximation regarding the uncertainties in material characteristics, preliminary geometry, and the 
expense of computer analysis. 

The rocket can also fail due to combustion instability. Instability is characterized by a rapid growth of 
pressure fluctuation which may be dynamically coupled to the structure or it may be related only to the 
cavity of the combustion chamber and the intrinsic stability parameters of the propellant. 

The coupling of the structure with the combustion process is a complex subject and is beyond the scope 
of this chapter. Instability of the combustion process is also a complex subject, however, procedures are 
available to give guidance in remedial actions if unacceptable pressure fluctuations are detected. 

Case/grain geometry determines the acoustic structure of the cavity. Influential geometric parameters 
include the number and location of slots in the propellant, the cavity dimensions, the distribution of burn 
area, and the degree of nozzle submergence. Instability may appear at any web fraction or even at several 
web fractions in the course of a firing. No special significance may be assigned to either ignition or 
depressurization transients as triggering mechanisms in a linear stability context, nor can it be said that a 
transverse mode (tangential or radial) is intrinsically more severe than a longitudinal mode since high 
amplitude pressure fluctuations and large shifts in mean pressure have been observed in each instance. 
The occurrence depends upon the balance of acoustic energy gains and losses at any given time. Within 
any mode category, the first, lowest frequency, mode is usually (but not always) dominant with higher 
modes becoming relatively less intense. It is generally conceded that high t/d motors and localized regions 
of large burn surfaces tend to encourage longitudinal modes, whereas axisymmetric geometries tend to 
encourage tangential modes. 

The Air Force Rocket Propulsion Laboratory (AFRPL), Edwards Air Force Base, CA, Standard 
Stability Prediction Codes are generally employed to calculate the acoustic modes and stability margins. 
These codes continue to be used as a guide for propellant grain modification to enhance motor stability. 
Both the axial code and the multidimensional code evaluate individual gain and loss factors to determine 
the linear stability of the system. 

Cooldown or storage at low temperature is generally the prime consideration in grain design. Motors 
surviving this condition usually survive ignition loading. Some notable exceptions occur when the 
propellant is unusually soft and unable to maintain its geometry under nonuniform pressure distribution 
during the ignition transient and/or under high axial accelerations. Propellants with equilibrium 
modulus greater than 700 kPa are generally acceptable for conventional applications. 

Structural integrity at low temperature can be assessed by infinitesimal linear elasticity theory for 
preliminary design purposes. The motor is assumed to be in equilibrium in both temperature and stress. 
Case-bonded grains experience thermal stresses and strains even at equilibrium temperatures because of 
the differences in linear and bulk coefficients of thermal expansion between the propellant and motor case. 
The critical strain that produces failure is called the mechanical strain and is defined as 

^mech ^ total — aAT, m/m (7-15) 


where 

tmech — mechanical strain, in/m 
^loiai = total strain, m/m 

a = linear (oefficient of thermal expansion, m/m*K 
AT = temperature differenc e, deg K. 


7-33 



MIL-HDBK-762(MI) 


The total strain at a point is the measurable strain at that point. Total strain measured for a free specimen 
would be equal to the free thermal strain and, therefore, the specimen would be stress free. The difference 
between the total strain and the free thermal strain is the strain associated with the stress in the part. 

The preliminary design analysis of some common geometries is discussed in Ref. 10. Discussed in this 
reference are 

1. Aerodynamic Heating 

2. Dynamic Loads 

3. Vibration 

4. Accelerations 

5. Pressurization 

6. Shock 

7. Temperature. 

Thermal strain in a circular port (CP) grain, bonded to a thin-walled cylindrical case, can be computed 
by assuming that the longitudinal strains of (longitudinal) fibers are equal (denoted as plain strain). For 
an incompressible material, the mechanical bore strain €b is given by 



apAT, m/m 


where 

Cfc = mechanical bore strain, propellant strain in circumferential direction, m/s 


n = 1 + 


[(f-J- l]o.91r.£„ 

— - -, dimensionless parameter 


(7-16) 


r, = inner (bore) radius of propellant, m (see Fig. 7-33) 

To = outer radius of propellant, m (see Fig. 7-33) 

IT - \/_*^^*^*. 

ZL/nc* — I UUllg a iiiciuuiud KJi cadc, i a 

Ep = Young’s modulus of propellant. Pa 
t = motor case thickness, m (see Fig. 7-33) 
amc — linear coefficient of thermal expansion for motor case, m/m*K 
ap = linear coefficient of thermal expansion for propellant, m/m-K 
AT = temperature difference (actual temperature — cure temperature), deg K. 

Propellants may also experianec shinkage during cure. This effect may be simulated by computing an 
effective temperature difference. The relationship is given as 

ATv = {VSR)/(Sap), deg K (7-17) 


where 

ATy = temperature change based on volumetric shrinkage during cure, deg K 
VSR = propellant volumetric cure shrinkage ratio, mVm^ 

If the cure shrinkage is known, the effective temperature difference, ATe/fCun be taken as 

ATe/f = AT — AT V, deg K. (7-i8) 
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Example 7-2 illustrates the method for calculating mechanical bore strain et. 

EXAMPLE 7-2: 

Determine the mechanical bore strain et for a long CP grain with the given information: 

r, = 25.^ mm 
To = 76.2 mm 
t = 2.54 mm 
= 2.068X10“ kPa 
Ep = 6.895X10- kPa 
UmL = 1.134X10 “ m m*K (steel case) 

Qp = 9.9X10 mm mm*K (typical for double-base propellants) 

Taaua! = 280 K 
Tcurc = 336 K 
I'SR = 0.005 mm^ mm ’ 

Solution: 

Prom Eq. 7-18: 

ATeff = (280 - 336) - 0.005/[3(9.9X10"*)] 

= -72.8 deg K. 

Prom Eq. 7-16: 



(0.91) (76.2) (6.895 X 10^) 


(1.5)(2.54)(2.068X10*) 


= 1.0005 


and. therefore. 


66 = -(1.5)(9.9X10'^)(-72.8) 



fl - (0.867) ^)1 


(9.9X10“^) 

/76.2\ 

1.0005 

\25.4/ 


-1 


/ 


— 8.40X10 - m/m. 


The assumption of plane strain applies to high length-to-diameter grains. A correction factor can be 
applied to the calculated strain (Ref. 10, Pigs. 12 and 13) to account for the reduction in bore strain for low 
length-to-diameter grains. 

The adequacy of the design can then be assessed by computing the margin of safety (MS). The MS should 
be equal to or greater than zero when computed by Eq. 7-19 


MS - - — — 1, dimensionless 

eb(FS) 


(7-19) 


wiiere 

6.. = piDpellam strain endurance, m m 
66 = computed mechanical bore strain, m m. 
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7-4.2.1.4 Payload 

An illustration of a typical paiload structural arrangement is presented in Fig. 7-17. The payload 
structure consists of a now fairing, a warhead, and a payload-to-motor case attachment structure. The 
payload nose fairing generally consists of a thin metal shell that is formed over a forward ring. The nose 
fairing for a shaped charge warhead is generally a thin metal shell with an inner structure that also 
functions as an impact fuze. The warhead structure may consist of a hollow, cylindrical shell for 
containment of a shaped charge (Ref. 11). The aft portion of the warhead generally contains a threaded 
boss that is used to attach the warhead to the motor case. 



Outer 



Figure 7-17. Payload Structure Configuration 


The payload and its supporting structure typically experience maximum loads during motor operation. 
Payloads on rockets that are spun experience tangential loads during spin-up and radial loads from the 
rotational velocity. 

Structural requirements to support the payload during boost generally exceed the strength required to 
resist shear and bending loads during flight. However, induced shear and bending loads during shipping 
and handling should also be considered. 

Submunition-type payloads also experience severe side loads during boost and dispensing. Nesting 
techniques generally are employed to increase packaging efficiency and to reduce side loads. 

7-4.2.1.5 Payload Nose Fairing 

The payload nose fairing is generally a shell-type structure, as shown in Fig. 7-18, that contains the 
payload and transmits the aerodynamic and payload loads to the motor case. The payload nose fairing 
generally develops a substantial aerodynamic and inertial load due to its position on the rocket and its 
shape. Nose fairings are generally analyzed as thin-walled shell sections such as cylinders and conical 
frustums. Ref. 8 presents extensive analysis and design charts for monocoque and stiffened shells. Shell 
stability under pure axial compression, bending, tension, shear, and external pressure loads is treated 
along with stability under combined loading. 
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Figure 7-18. Payload Nose Fairing 


7-4.2.1.6 Fins 

The structural design of fins involves analysis of the structure, material, allowable temperature, flutter, 
and aeroelastic effects. Fin structural design concepts can vary greatly, even when considering the same 
environments. Examples of the variations in fin structural configurations are shown in Fig. 7-19. Fin 
structural concepts include honeycomb, rib and stringer, thick skin, and stiffened skin design concepts. 
Comparisons of several structural concepts are presented in Table 7-3. 



(A) Fi.\(tl Fin 




(B) IX-pt<i\al)]f Clunvd F'in 



(C.) I)i'pl<iyal>lc' Switih-Bliific Fin 


Figure 7-19. Thin-Plate Fin Concepts 


7-37 




MIL-HDBK-762(MI) 


TABLE7-3. FIN STRUCTURAL CONCEPT COMPARISONS 


Design 

Concept 

Maintenance 

Free For 

5 Years 

Number 
of Parts 

Relative 

Cost 

Problem 

Areas 

Honeycomb 

No 

High 

Intermediate 

Metat Bonding 
Outgassing and Life 

Rib & Stringer 

Yes 

High 

High 

Number of 

Assembly 

Operations 

Thick Skin 

Yes 

High 

Low 

Bending of 

Leading Edge 

Integrally Stiffened 
Skin 

Yes 

Low 

High 

Accurate 

Machining 

Required 

Forged Skin 

Yes 

Low 

High 

Precision Forging 

Beaded Doubler 

Yes 

Intermediate 

Low 

Panel Buckle 

Thin Plate 

Yes 

Low 

Low 

Limited Surface 


The wing structural design concepts are variations of two extremes. The honeycomb design, which has 
a very stiff skin, uses the skin shell to transmit the load to the main spar. The conventional rib and stringer 
concept has a thin skin, which has little stiffness, and is used to transmit the airload to internal ribs and 
stringers. Other concepts, which trade skin stiffness for internal rib and stringer stiffness, are essentially 
variations of these two. Panel flutter must be evaluated when the skin stiffness is reduced. Components 
with reduced stiffness require consideration of aeroelasticity effects. Aeroelasticity analysis is the analysis 
of the deflected shape of the structure under flight loads and the analysis of the change in loads due to the 
deflections. The aerodynamicist must evaluate the fin shape under design load conditions to determine the 
design loads for the deflected shape. Additional details of the analysis technique are presented in pars. 
7-4.2.2 and 7-6. 

Attachment hardware requirements of the fins to the rocket structure depend upon the fin type and 
application. Movable fins require a hinged connection and generally attach to a fitting in the rocket 
structure. Fixed fins can be supported over their entire length by rail attachments or integrally formed 
rails. Deployable fins are generally hinged and are mechanically locked in the deployed position. 

7-4.2.2 Preliminary Load Estimation 

The type of structural loading determines the type of analysis that is necessary to evaluate the stress state. 
Generally, there are four types of loading conditions-short-term static loading, long-term static loading, 
repeated loading, and dynamic loading. A discussion of each type of loading follows: 

1. Short-Term Static Loading. This is the condition under which the structure is loaded gradually so 
that inertial loads are negligible. Testing of a structure under a short-term load condition is conducted by 
gradually increasing the load until the desired load is achieved. The duration of the test may be several 
minutes. In service, the load is increased progressively up to a maximum value and then is reduced, and the 
load is not repeated in order to avoid fatigue considerations. Flight aerodynamic load conditions are 
generally considered short-term static loading conditions. 

2. Long-Term Static Loading. This is a loading condition in which material and flow characteristics 
become important. Storage at high or low temperature is an example of long-term static loading. 

3. Repeated Loading. This is a loading condition under which the structure experiences stress 
variations over its lifetime. The frequency of load application may be high as in a vibratory environment 
or relatively low as in the case of thermal cycling. 
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4. Dynamic Loads. These are usually short-duration loads that occur, for example, during the motor 
ignition transient and during handling. A discussion of dynamic load environments maybe found in Ref. 
12 . 

As previously stated, loads on a rocket are imposed during flight, transportation and handling, launch, 
storage, etc. Each load condition has to be examined to determine the critical design loads. A combined 
load diagram will help identify the critical environment for the various portions of the rocket. A typical 
superposed shear diagram is shown in Fig. 7-20. 


Critical Shear Loiicl Km ironrncnt 



Launch 


— --- - Handling (Hdg) 

- • • ... Ma-ximum Shear latad Emelope 

Figure 7-20. Superposed Shear Diagram 

7-4.2.2.1 Mass Distribution 

The accuracy of the loading diagrams improves with the definition of the distribution of the external 
and internal loads. During the preliminary design phase, loads must be based on estimates of the mass of 
components of the rocket because detailed mass distributions are not known. Estimates may be made by 
approximating the distribution of the known component mass over the length of the component. The 
mass distribution of a typical rocket can be approximated as shown in Fig. 7-21 by the solid line. The 
actual mass distribution of the rocket may be similar to that indicated by the dashed line. 

7-4.2.2.2 Moment of Inertia 

Any solid-such as a cube, sphere, or ellipsoid—^may have its moment of inertia determined by direct 
integration. The integration must be extended over the entire volume of the body. An irregular composite 
body has to be divided into elementary bodies whose moments of inertia are calculable. The term 
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Figure 7-21. Methods of Mass Distribution Approximation 


"moments of inertia" infers a given reference axis or point. The chosen designated axis may be any axis 
conveniently located. Ordinarily, the moments of inertia of a solid are calculated with respect to its CG 
axes. Fig. 7-22 and Eq. 7-20 define the mass moments of inertia with respect to the three coordinate axes. 
Definitions of the principal mass moments of inertia"^ are 

lox — / + z^)dm =f udm, kg*m^ 

loy =f(x^-h z^)dm =f rldm, kg*m^ ( 7 - 20 ) 

loz =f(x^ + y^)dm =J rldm, kg*m^ 


where _ _ _ 

lox, loy, loz = mass moment of inertia about principal x-, y-, and z-axes, respective] y, kgZm^ 

A useful equation to determine the moment of inertia with respect to any parallel axis is given by the 
Parallel Axis Theorem, i.e., 

IXX = /o + mt^, kg*m^ (7-21) 


where 


Ixx — mass moment of inertia about x-x axis, kg*m^ 

= distance between x-x axis and a parallel^xis^through CG, m 
lo = mass moment of inertia about CG , i.e., lox, Joy, loz, kg-m . 


The moment of inertia of a rocket can be estimated by approximating the rocket by a series of_"lumped" 
masses as shown in Fig. 7-23 and by applying Eqs. 7-20 and 7-21. The mass moment of inertia Jcc about 
the rocket CG can be expressed as 


IcG — 


n - — J n 

2(m,x, + loi) — XcgX mi, kg*m 


2 


(7-22) 


*ln everp plane area, a given point being taken as the origin, there is at least one pair of rectangular axes in the plane of the area about which the 
moment of inertia is a maximum, and a minimum about the other. These moments of inertia are referred to as the principal moments, of inertia 
and the axes about which they are taken are referred to as the principal axes of inertia. Axes of symmetry of an area are always principal axes 
inertia. 
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Figure 7-22. Coordinates for Moment-of-Inertia Calculations 



Figure 7-23. Lumped Mass Model of a Typical Rocket 
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where 

rrii = mass of “lump” i, kg 
Xi = distance of rm from origin, m 
Xco = distance to CG of rocket from origin, m 
loi — mass moment of inertia of mass i about CG of m,, kg*m‘. 


7-4.2.2.3 Airloads 

The primary airload on a rocket is the drag load. Significant loads can, however, be experienced by 
control surfaces during maneuvering or spin-up (if applicable). Life forces on the missile body are 
experienced at high angles of attack. These loads are discussed more fully in Chapter .5. 

The airload acting on a section of the rocket located between stations x,and x^is 



\dx, N 


(7-23) 


where 

FNi= normal force at location i, N. 


The airload can be divided into increments that correspond to the number of discrete mass positions, or 
a continuous airload distribution may be used. 

The airload distribution on a rocket can be divided into n discrete loads as shown in Fig. 7- 14; the total 
airload Fn,„,,„ total bending moment and distance to the center of pressure x^^are, respectively, 

= I N (7-24) 

n n 

Mtotal = .S pNi (X, — Xref) + NtI (7-25) 


_ Mtoial 

XcP — - 

^^total 


m 


(7-26) 


where 

X = any convenient station about which bending moment may be calculated, m 
x^p= distance to center of pressure measured from x^^„ m. 

The M; denoted in Eq. 7-25 is any other defined bending moment acting at the ith station. As an 
example, a fin maybe transmitting a precalculated moment to the rocket structure at station i. Mjmay also 
be caused by eccentricity such as an off-center payload CG during boost. 

The mass and inertia distribution are additional items that are required to develop structural loads. The 
mass of the rocket is the sum of the fixed hardware masses mjand variable propellant masses mp^, i.e. , 

n 

m— S(m, + rripi), kg. (7-27) 

1=1 

The location of the CG of the rocket can be expressed as 

n Jn 

XcG = 2(m, -k mp,)x,/2(m, + mp,), m. (7-28) 

j=i / 1=1 

The summation of the forces must be balanced by the sum of the mass multiplied by acceleration. Thus the 
normal acceleration aN^c and angular acceleration© can be expressed) respectively, as 
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dN, 


CG 


— 1 " 

— — X(Fa/, — mgosinO), m/s 


(7-29) 


^ — ^ipN^XcG — Xi) + Mi], rad/s^ 

ICG '='■ ■ 


(7-30) 


wluTe 

6 = piu li angular acceleration, rad/s^ 
m = Sm,, kg. 


The total normal acceleration aN^at any station x is the sum of the aN^c component plus a component from 
the pitch acceiemtion $ ; as shown in Fig. 7-24, i.e.. 




m 


— gosind + e(XcG — Xi), m/s^ 


(7-31) 





Figure 7-24. Components of Total Normal Acceleration 


The net aerodynamic axial force F,^is by Eq. 7-9 


F/i C/\CfAref, N. (7-32) 

The axial acceleration a in powered flight is then by Eq. 7-7 

_ Ft — Fa — msocosd , 2 

a -^-, m/s . (7.33) 

m 

These equations may be used to evaluate the rocket shear loads, bending moments, and axial loads at any 
station j as indicated in Fig. 7-12. 
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The total shear load Fsjat station j is the summation of the external aerodynamic normal loads minus the 
inertial be expressed as 



iFsi — IrriiaNi, N 

1=1 1=1 


(7-34) 


where 

ttNj = normal acceleration at station i, m/s^. 


Equilibrium requires that the total bending moment Mjat station j be equal to the summation of the local 
bending moments, plus moments FNy due to the normal loads acting at a distance x, minus the inertial 
loads due to angular acceleration (the last term in Eq. 7-35), i.e., 

J J j 

Mj = XMi + XFsiixj — Xi) — XmiUNiiXj — x,), N'm. (7-35) 

The axial load at any station is the sum of all axial and inertial loads forward of that station. For solid 
propellant motors, the axial load produced by the chamber pressure is included in the calculation. The 
axial load FA^at station j is 

n j 

Faj = + a.S(m, + rripi), N. (7-36) 

The procedure for determining inertial forces for a load and mass distribution is illustrated in Example 
7-3. 


EXAMPLE 7-3: 

Determine the inertial forces for the load and mass distribution shown in Fig. 7-25(A). Consider the 
moment of inertia of each mass about its CG as negligible for the purposes of this example. Table 7-4 gives 
the required mass properties. The solution follows: 

From Eq. 7-28 


XcG = = 0.4652 m. 

Xrrii 23 


From Eq. 7-22 

IcG = Xrriixj + S hi — XcG^rrii 

= 5.93 + 0 — (0.4652)^(23) = 0.9525 kg*m^ (since Xhi — 0 based on given data). 

From Eq. 7-29 assuming vertical flight (0 = 0 deg and, therefore, sin0 = 0) 

_ Ni _ 950 _,11 «JA / 2 

as - — =-= 41.30 m/s . 


2m, 


23 


From Eq. 7-30 (2Af, — 0 since all masses are along the centerline and thus produce no local bending 
moments) 


0 _ XFsijXcG ~ Xj) 

IcG 


366.94 

0.9525 


= 385.24 rad/sl 
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400 N 600 N 



(A) Loads and Lumpc-d Mass Model for Intenial Load 


400 N 600N 



(B) Free-B(Kly Diai^ram for Cut at Body Station 0.4 m 


Figure 7-25. Example Problem to Illustrate Shears and Bending Moments on a Typical Rocket 
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The accelerations at mass points, from Eq. 7-31, with sind = 0 are 

flAr, = flAf + 0 (XcG ~ -Vl) 

= 41.30 + 385.24 (0.4652 - 0.1) = 181.99 m s' 
dN. = 41.30 + 385.24 (0.4652 - 0.4) = 66.42 m 
un] = 41.30 + 385.24 (0.4652 - 0.6) = -10.63 m s \ 

The inertial forces at the mass points are 

miflN, = 5(181.99) = 910.0 N 
mids^ — 3(66.42) = 199.3 N 
miaNi = 15(-10.63) = -159.5 N. 

The sum of the inertial forces is 949.8 N as compared to 9.50 N from Table 7-1, which shows good 
agreement. 

7-4.2.2.4 Shear Diagram 

In general, elementary procedures applied in developing shear diagrams for beams also apply to rocket 
configurations. The rocket in flight can be assumed to be in dynamic equilibrium because the external 
forces are balanced by body forces. All loads acting normal to the longitudinal axis of the rocket are 
considered in developing the shear diagram. 

A shear diagram for the example in par. 7-4.2.2.3 will be constructed to illustrate the procedure. A 
tabulation of loads is recommended to simplify the numerical calculations. Once the loads are defined, 
shear can be computed using Eq. 7-34. Eor example, the shear at station x = 0.4 m in the example in par. 
7-4.2.2.3 was calculated by using Eq. 7-34 and Table 7-5 as follows: 

4 4 

F54 = S Fsi — S nuasi 

= Fs\ 4" Fs^ ~ 17120^2 ~ 

= 400 -I- 600 - 910.0 - 199.3 = -109.3 N. 

The free body is shown on Eig. 7-25(B). The entire result is summarized in Table 7-.5 and the shear diagram 
shown in Eig. 7-26. 


TABLE 7-5. EXAMPLE 7-3 SHEAR TABLE 


X., 

m 

En„ 

N 

m^aN,, 

N 

F. 

N 

0 

400 


400 

0.1 


910.0 

—510.0 

0.2 

600 


90.0 

0.4 


199.3 

-109.3 

0.6 


- 159.5 

50.2 

0.9 

-50 


0.2 
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- 600-1 

Figure 7-26. Shear Load Diagram for Inertial Load Sample Problem 


7-4.2.2.5 Bending Moment Diagram 

Bending moments on a rocket are the result of external loads and body forces. The bending moment at 
and station x, may be computed with Eq. 7-35 or, in general, may be determined by integration. The 
different in bending moment between two stations x = Xjand x = X-1 maybe expressed as an integral of 
the shearing forces F^by 
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This bending moment is shown on the free body in Fig. 7-25(B). 

Bending moments for the example problem were calculated by using Table 7-5 and Eq. 7-37b. The 
results are tabulated in Table 7-6. The associated bending moment diagram is shown in Fig. 7-27. 


TABLE 7-6. EXAMPLE 7-3 BENDING MOMENTS TABLE 


Xi, m 

0 

0.1 

0.2 

0.4 

0.6 

0.9 

F„N 

400 

-509.9 

90.1 

109.2 

50.2 

0.2 

Mj, N«m 

0 

40.0 

-11.0 

7.0 

-14.8 

0.2 



Figure 7-27. Bending Moment Diagram for Inertial Load Sample Problem 


7-4.2.2.6 Axial Load Diagram 

The axial load diagram is a plot of the actual load along the length of the rocket. Actual loads are the 
result of external, internal, and inertial forces. These loads apply primarily to the rocket outer shell and do 
not represent axial loads experienced by the individual components such as the nozzle. 

The primary source of axial loads is the thrust of the motor. Thrust force in a rocket is produced by the 
net action of motor pressure acting on the irmer surfaces of the motor and nozzle. The axial force at any 
station in a rocket motor is equal to the integral of the varying pressure acting on the entire area aft of the 
station in question plus the sum of masses aft of that station multiplied by the axial acceleration of the 
rocket. In preliminary} design, it is generally appropriate to ignore body forces in the motor case design 
unless the axial acceleration is unusually high, i.e., greater than lOOgj,. 

A typical axial load diagram is shown in Fig. 7-28. 

7-4.2.3 Stress 

Numerical analysis techniques such as the finite element and finite difference methods are useful in 
preliminary design in which elementary equations, tables, and graphs may have proven to be inadequate. 
Elementary techniques, however, are necessary for initial sizing and serve as a means of gaging numerical 
analysis results of complex geometries with approximate solutions. 

The subparagraphs that follow provide the basic analysis techniques used in the stress analysis of rocket 
components. Also discussed are the critical regions of a rocket motor and their possible failure modes. 
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Figure 7-28. Typical Axial Load Diagram During Powered Flight 


7-4.2.3.1 Motor Chamber 

The motor chamber is usually a thin-walled cylinder with a head-end closure and a nozzle at the aft end. 
There are of course other configurations such as the spherical and the nozzleless motors. 

The stress state in a conventional cylindrical motor case is similar to that of a closed cylinder under 
pressure, i.e., the hoop stress is approximately twice that experienced in the meridional direction. The 
hoop stress 6^, away from discontinuities of the geometry such as those indicated in Figs. 7-29 and 7-32, can 
be expressed as 


Oh 


_ ^ 


. Pa 


(7-38) 


p = motor (chamber) pressure, Pa 
Tm, = mean radius of motor case, m 
tnu — thi( kiiess of motor case, m. 

Uniform meridional stress in the motor case results from the total axial force acting on the afterbody of 
the motor. This force includes the effect of the chamber pressure acting on the surface of the aft closure, the 
integral of the pressure distribution along the nozzle bore, and the body (inertial) forces due to axial 
acceleration. Absolute pressures are generally used in the calculation of the axial force. The contribution 
of the inertial loads is generally negligible except for unusually high acceleration rockets. Bending due to 
external loads also produces meridional stress in the motor case. The combined meridional stress urn due to 
the axial force and bending moment can be expressed as 
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Figure 7-29. Motor Case Discontinuity Stress 


Om 


M 


^TT'^mctn 


T^Tntctn 


,Pa 


(7-39) 


where 

F^= axial meridional load, N 
M = bending moment, NZm. 

Radial displacement Ar of Ithe cylindrical portion of the motor case can be computed from the hoop and 
meridional stresses by . 


Ar = 


Tmc 

E 


{Oh — VOm), m. 


(7-40) 


Discontinuities in shell geometries produce local stresses that may significantly affect the motor design. 
Reinforcements also can produce effects that may be detrimental as indicated in Fig. 7-29. In general, 
severe changes in geometry produce severe discontinuity stresses. Common and unavoidable dis¬ 
continuities occur in the transitions from cylindrical shell-to-end closures. 

Local shear forces and bending moments along the circumference are the result of geometric 
discontinuities. The resulting stresses are called discontinuity stresses and are superposed upon the 
membrane stresses. For thin shells, the discontinuity stresses become negligible a short distance away from 
the discontinuity. Equations such as those found in Ref. 9 can be used to determine the magnitudes of the 
stresses at and adjacent to the discontinuity. 
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Examples of the technique to determine the local edge (shear and membrane) forces and bending 
moment are given in Ref. 9. Basically, the unknown edge forces and moments are given in terms of radial 
displacement and rotations so that they can be determined by requiring compatibility (radial displacement 
and slope) at the discontinuity. 

The capacity of a motor case to resist failure due to discontinuity stresses depends on the ductility of the 
material. Motor cases made from ductile materials (elongation greater than 7%) seldom fail as a result of the 
peak surface stress. A pressurized low carbon steel motor case with an integral head-end closure, for 
example, usually experiences hoop failure in the cylindrical wall at some distance away from the 
slell-to-closure discontinuity. A motor case made from high-strength, low-ductility material (elongation 
less than 1%) is susceptible to failure as a result of stresses produced at the discontinuities. The maximum 
tensile stress or tensile strain theory affords a satisfactory failure criterion for brittle materials. Failure of 
ductile materials are adequately determined by the maximum shear or maximum distortion energy theory 
(Ref. 13). The applicability of any failure theory, however, is dependent on the characteristics of the 
slecific material. 

Experiments conducted on cylindrical specimens indicate improvement of the load-carrying capabilities 
of certain materials (low carbon steels) in the biaxial stress state. This improvement affects both the yield 
and ultimate capability of the material. These improvements are called the biaxial improvement factors 
BE and can be applied as follows: 


Oy.eff = Oy{BF)y, Pa 
Ou,eff Ou{BF)u, Pa 

where 

Oy.tff = effeeiive yield strength, Pa 
au.eff = effeeiive ultimate strength, Pa. 


(7-41) 


These effective yield and ultimate strengths are then compared with the maximum expected stress. Biaxial 
factors generally range between 1.0 and 1.2. Specific values can be found in Ref. 14. 

The use of high-strength metals in the design of rocket motor cases has increased the importance of 
fracture mechanics. Fracture mechanics analysis considers that the case wall will be fabricated with a 
minute flaw and that certain relations can be formulated to be used to evaluate the conditions under which 
the flaw grows. An overview of the design considerations in rocket motor cases, considering the fracture 
mechanics of metallic and filament-wound motor cases, is presented in Ref. 15. 

Under certain conditions, a rocket motor case will be subjected to environments that cause a 
nonuniform temperature distribution. A condition of this nature will develop a nonuniform strain 
distribution and the motor case may bow. An example of circumferential strain distribution is presented in 
Fig. 7-30(A), and the resultant bow of the motor case from the nonuniform circumferential strain is 
presented in Fig. 7-30(B). The radius of curvature of the bow is a function of the strain at both the top and 
bottom of the case. The bow of the motor case is detrimental to the accuracy of the rocket. Approximate 
methods for estimating the bow are presented in Ref. 16. 

Filament-wound motor cases are made from one or more types of high tensile strength fibers. The fiber 
filaments are wound by using netting analysis in which the wrap angles are determined by the size of the 
polar openings and the shape of the end closures. The art of designing a filament-wound motor case is 
beyond the scope of this handbook. Detailed design information is usually proprietary data with the 
leading manufacturer-s of filament-wound motor cases. However, preliminary design may be accom¬ 
plished with the netting equations contained in Ref. 17. 

An example of a filament-wound motor case is shown in Fig. 7-31. The wrap angle indicated on Fig. 
7-31 is dependent on the hoop-to-meridional load ratio and may also be influenced by bending stiffness 
requirements. 
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Figure 7-30. Motor Case Thermally Induced Strain 



Hfxjp Load 
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Figure 7-31. Filament Wound Motor Case 
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7-4.2.3.2 End Closure 

End closure in rocket motors may be made integral to the cylindrical case wall or may be attached by 
mechanical means. The closures may be contoured domes or flat plates. Contoured domes may be either 
concave or convex. 

Stress analysis of flat closures can be conducted with equations found in Ref. 9. The use of these 
equations in establishing the thickness of the closure generally results in an overdesigned component 
because the equations are based on linear theory. The use of these equations should, however, suffice for 
the preliminary design of flat closures. 

Equations for the analysis of contoured closures are also available in Ref. 9. Concave closures are 
generally made integral with the cylinder wall. The structure at the juncture of the closure and the cylinder 
generally resembles a Y and, therefore, is called a Y-ring. An example of a typical Y-ring is shown in Fig. 
7-32(/l). 

Stress analysis of a Y-ring is performed by modeling the joint as a series of shell elements as shown on 
Fig. 7-32(B). The analysis of the idealized model requires the solution of a system of simultaneous 
equations for the unknown displacements and edge forces. The procedure can be very tedious and is not 
recommended when computer analysis is possible. Finite element computer programs are routinely used 
for such problems. Finite element models are discussed in par. 7-4.3.2.2. 


Motor Case 





/ 7 ~_ ____________ 

/vvvv X /-ry/v-v w A/ '-r rrr y^ 

Motor Casi- Skirt 


(A) lypical Y-Ring Structun- 



(B) Ictealizeci Y-Ring Shell Elements 


Figure 7-32. Modeling Y-Ring Structure by Shell Elements 


7-4.2.3.3 Nozzle 

Requirements for efficient low-mass nozzles have led to complex nozzle designs. These designs generally 
consist of several material types, each selected to perform a particular function in the nozzle. The result is a 
highly indeterminate structure composed of a combination of anisotropic and isotropic materials. Final 
stress analysis of such nozzles requires highly developed numerical analysis techniques. Considerations of 
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nonlinear behavior may be required for the accurate assessment of the structural integrity of these 
components. Fortunately, all nozzles are not very complex and can be adequately analyzed with 
elementary equations for preliminary design purposes. 

Motor pressure is generally the critical loading condition for the nozzle. A modified isentropic flow 
usually is assumed in determining the varying pressure along the nozzle internal surface. 

The internal configuration of a nozzle is dictated by the ballistic requirements of the rocket, and the 
external configuration usually is varied to satisfy the structural requirements. Throat diameter, exit plane 
diameter, and exit cone half angle generally are determined by the interior ballistics group. 

Stress analysis of exit cones and blast tubes of single-layer, homogeneous materials may be 
approximated using elementary equations. The hoop stress o^at any nozzle station may be determined by 
the thick-walled cylinder equation 


Oh Pnozzle | 


2 I 2 

To + r, 

2 2 
Jo — Ti 


Pa 


(7-42) 


where 

P nozzle “ pressure at nozzle station of interest (external pressure is assumed to be zero). Pa 
ro= outside radius of nozzle at station of interest, m 
^ 1 = inside radius of nozzle at same station, m. 


Stability analysis should be performed for thin-shelled exit cones under the action of exhaust gas 
pressure in the nozzle which produces compressive load in the axial direction. Compressive buckling 
strength can be estimated from the methods of Ref. 8, Chapter C8. 

For multilayer nozzle designs (see Fig. 7-15), equations are available which model the nozzle in two 
layers, i.e., a thick-wall inner cylinder and a thin outer shell. The equations allow the estimation of radial 
and hoop stress and strain due to internal pressure and temperature gradient. The equation assumes the 
condition of plane strain, i.e., the strain along the cylinder axis is assumed to be zero. 

The stress equations for applied internal pressure are 


o, = -J— [(1 - rl) - ^- ri) I , Pa 

rj, - 1 L J 

m = -J— [d + rl) - ~ "‘h rl + ri)] . Pa. 

ri - 1 L J 


The total strain equations are 



Vi)P I 

!<■- 

1 

- 2Pi - 

rlr) + 

{rli — 

1)£. 1 

\ 


X[(l 

- 2vi) 

rli - 

-ri]L 

m/m 

- (1 + 
th \ — 

Vi)p 1 


7 

- 2Pi + 

rlr) - 

{rli — 

\)Ei ] 




2(1 ^ 

(Ip 


2(1 - p.) 

dp 


X[(l -2vi)rli^-rlr\ \ , m/m 


(7-43) 


(7-44) 


(7-45) 


(7-46) 
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n, =, + „ - 2«,i + 

roi — To/Ti, dimensionless (7-48) 

Tor = To/r, dimensionless (7-49) 


— dimensionless 
Vi 


(7-47) 


\\ ht'ie 

Or 

Oh 

er 

E 

p 

P 

t 

To 

Ti 

r 


stress in radial direction, Pa 
htK)p stress, Pa 

strain in radial direction, m m 
!i(K)>) strain, m m 
Yc)iing*s modulus. Pa 
Poisson’s ratio, dimensionless 

internal pressure at nozzle station under consideration (external pressure is assumed to be zero), 
Pa 

thickness of outer layer, m 
outer radius of inner layer, m 
inner radius of inner layer, m 

radius of point within inner layer where stress and strain are being estimated, m. 


Fig. 7-33 illustrates the basic nomenclature. 



Figure 7-33. Geometry of Plane-Strain Analysis Model 


The stress equations for thermal stress are 


—EiOiAT rl,i 1 



j _ ao(l + Po) 
«i-(l + Pi) 

fir 


, Pa 


(7-50) 
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Oh — — 


+ Ur) 


1 _ 0^o{ } .f.^o )~ 
«/(I + Vi) 

fir 


, Pa. 


The total strain is 


er — —(1 + i^i)aiAT 


th — + Ui)aiAT 


^ ^, 9 ... / r^\ / F.A .7 .. /1 — i/« \ 

I 2 r= (1 - 1 -h I— )( —)(r;, - 1 ) ■ ■ 
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— 1 / , m/m 


dimensionless 
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(7-53) 


(7-54) 


Tir = Ti/r, dimensionless 


(7-55) 


where 

a = linear coefficient of thermal expansion, m/m*K 
AT — temperature change (design temperature minus stress-free temperature) from motor ignition 
to operating temperature at the radius and station of interest, deg K 

and the subscripts i and o associated with the previously defined basic symbols refer to inner and outer 
respectively. 

7-4.2.3.4 Payload 

The structural function of a payload structure is highly dependent upon the mission requirements. For 
example, the warhead may serve as the airframe of the forebody of the rocket or the warhead may be 
attached locally to a shroud that serves as the airframe. Regardless of the application, structural analysis of 
the payload structure must include the air-loads-shear, moment, and axial force—and the loads 
associated with accelerations from handling, transportation, and elastic response. 

Thin shells, which serve primarily as fairings, experience the aerodynamic forces. These forces 
generally produce compressive loads, requiring that a stability analysis be performed to prevent collapse 
even at relatively low levels of stress. As stated in par. 7-4.2.1.5, these payload fairings may be designed by 
the methods of Ref. 8. 

7-4.2.3.5 Fin 

Rocket fin configurations vary widely. In general, fins used on smaller rockets are of simple 
construction, i.e., mainly thin plates for which stress analysis equations are available (Refs. 8 and 9). 

Large rockets may require a more complex fin construction to minimize weight. Such fins can be of 
honeycomb construction or of sheet-stringer construction. 

It is not possible to provide the analytical procedure within the scope of this chapter for the design of the 
many types of fins. The discussion that follows, therefore, has been limited to a delta fin shape with thin 
skin, stringer, and rib construction. 
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The lift force applied at the center of pressure of the finis shown in Fig. 7-34. Stress analysis of the delta 
wing construction is presented in Ref. 18. The procedure follows. 

The maximum shear load F^at the fin root is 

Fs = pNfin — CLN^ (mioiat “ rTlfui), N (7-56) 


^^max 
ffl total 


Fn, 


•fin 


maximuin normal acceleration at fins, m/s^ 
total mass of rocket, kg 
total mass of fins, kg 
fin normal force, N. 



The effective cross-sectional area A^of the shear material at the root is determined by 


As = 


Os 


, m 


2 


(7-57) 


where 

6^ = allowable average shear stress. Pa. 

However, ops a function of the type of construction, i.e., truss, thin-web, etc. By taking construction type 
into account and the effects of the depth of the shear member, a more realistic cross section and root shear 
stress is 


Os 


As - Ksh^ 


, Pa 


where 

6^= allowable average stress on portion of fin root area that corresponds to direct loading. Pa 
h = depth of fin root shear member, m 

K^= correction factor for construction type, dimensionless (typically 0.00025 for sheet-stringer- 
web construction). 

NOTE: It is imperative to include the safety factor (par. 7-4.2.5) as a load multiplier or alternatively as a 
factor in reduding the material capability to a working (allowable) stress level. 
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If it is assumed that all the shear is carried equally by two main shear members as shown in Fig. 7-3.5, the 
shear stress 6^ at the wing root is 


Os = 



where 

hjand h 2 = lengths of shear carrying members, m. 


(7-59) 



Figure 7-35. Fin Shear Carrying Members 


Thus the allowable stress in the shear members is equal to the shear load divided by the sum of the shear 
area and an average shear depth squared. 

The net bending moment of the fin at the root is resisted by the couple as shown in Fig. 7-36. The 
estimated flange shear load F^,is 


Fs, 


Mfin 

hequiv 


,N 


(7-60) 


where 

Mfm = net bending moment at fin root, N*m 

hequiv = distance between centroids of equivalent two-flange beam, m. 



Figure 7-36. Equivalent Two-Flange Beam Fin 
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The load F^,m the top and bottom flanges at the root of the equivalent two-flange beam for a uniform 
airload FN,i„on a delta wing is 


and die stress a, is 




lajsL— ,N 

%kji^ 


at = 


Fst 

^equiv 


.Pa 


where 

Aeguiv = equivalent two-flange plate area, 
a, = allowable tensile stress in flange, Pa. 


(7-61) 


(7-62) 


7-4.2.3.6 Propellant Grain 

Sol id propellants in rocket motors maybe supported by case bonding, end-bonded cartridges, stress-free 
liners, etc. Of particular interest are the case-bonded grains since this method of support is inherently stress 
producing. 

Critical load conditions for case-bonded grains include 

1. Storage at Low Temperature. Low temperature produces tensile stress and strains in the propellant 
grain due to the differential contraction between the propellant and motor case. The coefficient of thermal 
expansion for a propellant is generally ten times greater than that for steel. 

2. Storage at Elevated Temperature. High-temperature exposure over a prolonged period is generally 
detrimental to the physical properties of the propellant. 

3. Ignition at Low Temperature. Low temperature generally reduces the ultimate strain capability of 
the propellant at the high strain rates experienced during ignition. 

4. Ignition at High Temperature. The reduced stiffness (effective modulus) of the propellant at high 
temperature may result in unacceptable distortions in a nonuniform pressure field or in a high- 
acceleration environment. 

5. Handling and Transportation. Handling and transportation requirements produce stress from 
shock and vibratory loads. Shock loads may produce high bondline stresses at grain terminations. Solid 
propellants are generally good vibration dampers, and structural integrity under this environment is 
usually confirmed by testing. 

The viscoelastic behavior of a solid propellant grain is simulated by use of an equivalent elastic 
modulus. The equivalent modulus is determined from a relaxation modulus curve for the propellant with 
the appropriate temperature and load time. A typical relaxation modulus curve is presented in par. 7-4.2.4. 

Detailed stress analyses of solid propellant grains are conducted with finite element models that can 
account for the complex geometries. Long circular port (CP) grain configurations act as thick-walled 
cylinders and can be analyzed for thermal and pressure loads by use of Eqs. 7-43 through 7-55. Preliminary 
stress analysis equations for slotted grains are given in Refs. 10 and 19. 

7-4.2.4 Materials 

The selection of structural materials for rocket motors is one of the more complex tasks facing a motor 
designer. It involves the simultaneous consideration of fabrication techniques, intended mission, 
environmental effects during the service life, compatibility of materials, cost, manufacturing plan, 
minimum mass, stiffness requirements, etc. 

It is not the intent of this handbook to provide the designer with a complete description of materials used 
in rocket design. However, the paragraphs that follow provide some general information on physical 
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properties, manufacturing techniques, and cost considerations. Tables of physical properties of 
commonly used materials are also provided. 

7-4.2.4.1 Structural Materials 

A wide variety of materials are used in rocket construction. They range from the homogeneous metals 
such as steel, aluminum, and titanium to the nonhomogeneous materials such as fiber-reinforced plastics, 
metallic laminates, and paper-reinforced plastics. 

Medium-alloy steels—such as the AISI 4100-series steels that are alloyed with chromium and 
molybdenum— are the primary materials used for solid rocket motors. These steels provide tensile 
strengths that range from 620 MPa in the normalized condition to about 1240 MPa in the heat-treated 
condition. The particular alloy should be selected on the basis of the required strength level, thickness of 
the finished part, and the desired fabrication technique. AISI 4340 steel and steels related to it—such as 
D6AC and 300-M steels—were developed to produce even higher tensile strengths (1380 MPa and above). 
Also capable of operating at this level are the hot-worked die steels such as the H-11 and Potomac M. The 
AISI 4340-type steels are less difficult to fabricate and result in more reliable motor cases. However, 
extreme caution must be exercised to maintain adequate ductility in order to reduce notch sensitivity of 
these highly hardened alloy steels. Another class of steels—called maraged because they maintain their 
tough hard martensitic structure during aging at elevated temperature- may be used at yield strengths of 
1380 to 2070 MPa, but they are not as notch sensitive as the high-strength steels described previously. 
Maraged steels have the advantages of good forming and forging characteristics of the armealed alloy, heat 
treatment at low temperature (727 to 783 K) with ambient-air cooling, good dimensional stability during 
the heat treatment, and heat treatment without the necessity of controlled atmosphere. 

Titanium alloys are used in rocket motor cases primarily because their strength-to-density ratio is 
higher than that for steels. Titanium is reasonably formable and weldable, presents no severe fabrication 
problems, and is capable of yield strengths from 1100 to 1240 MPa. Titanium is not susceptible to 
corrosion, but certain compounds under some conditions can produce stress corrosion in titanium alloys. 

Aluminum alloys are very useful for small motors, e.g., up to 2.50 or 300 mm in diameter, when large 
numbers are to be manufactured, primarily because of the ease of forming the alloy to almost final 
dimension. Another application has been to employ mill-run extruded tubing directly for the cylindrical 
section of the motor case. The low density of aluminum can be important in mass-limited systems, but the 
low strengths (from 240 to 480 MPa) cause the strength-to-density ratio to be lower than that of steels. 
Aluminum carmot be used if aerodynamic heating is a design factor because of the rapid deterioration of 
strength with increased temperature. Furthermore, stress corrosion is of particular concern and must be 
carefully evaluated when an aluminum alloy is used as a structural material. 

Glass fiber embedded in a resin matrix (sometimes called "composite"' or "plastic") is begirming to be 
commonly used for rocket structures. Continuous filaments of glass are coated with a suitable resin in one 
of two ways. In one approach, the filaments are preimpregnated with the resin, partially cured, then 
wound back on a spool. The case is then manufactured by winding the coated filaments over a removable 
form or mandrel. The mandrel rotates about its longitudinal axis while a filament guide mechanism 
traverses the length of the case. After all the preimpregnated filaments have been wrapped on the mandrel, 
the assembly is placed in an oven to cure at elevated temperature. In the second approach, resin is applied 
to the filaments just prior to winding onto the mandrel. The remainder of the manufacturing cycle is the 
same as with the preimpregnated filament. 

Glass fiber cases offer the unique advantage of orienting the direction of the filaments in accordance 
with the varying stress requirements. The mapping pattern can be adjusted to account for different load 
requirements in different applications. Resins are selected on the basis of design environmental 
conditions. Although the hoop ultimate tensile strength of a glass-resin composite may be only 1380 MPa 
at best, its low density of 2 g/cm^ results in a strength-to-density ratio that is significantly better than the 
best steel. The tensile modulus of a composite with the best glass is 55,200 MPa, but again the low density 
produces a stiffness-to-density ratio equal to that of the best steel. If moderate tensile strength and low 
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stiffness are acceptable for a given application, glass fiber composite cases are very attractive. Another 
disadvantage that must be addressed is the susceptibility of the composite to local damage. Metallic cases 
can usually accommodate some amount of local damage depending on the notch sensitivity of the 
particular material. The glass fiber composite case has relatively little tolerance to local damage. Glass 
fiber composite cases also have a fairly low service temperature (420 K for S-glass). Other fibers such as 
Kevlar®and graphite are used to obtain high-performance motor cases. 

Paper impregnated with epoxy resin (paper phenolics) can be obtained either as flat laminated sheets or 
as tubes formed on a mandrel. Both are widely used as commercial products and thus are attractive for case 
materials because of their relatively low cost. Design strength is extremely low (140 MPa); accordingly, 
volume-limited rocket motors probably cannot employ this material because of the extremely thick 
components required to withstand the operating pressure. A cylinder made from flat sheet stock is bonded 
or fastened with pins inside one end of a tube to form the forward closure. A nozzle of suitable material is 
similarly fastened in the aft end. 

Strip (wrap) laminate or wound metal cases are made by winding thin strips (50 to 75 mm wide) in a 
spiral pattern on a cylindrical mandrel. Several layers are applied with overlapping joints until the 
required thickness is obtained. Adhesive applied to the metal during wrapping binds the layers together. 
The ends of the tube are then bonded to metal rings that are shaped to transfer the shell loads gradually to 
the stiffening rings. Closures and nozzle are then secured to these rings with conventional attachments 
such as retaining rings or radial pins. The primary advantage of such a construction technique is that 
ultrhigh-strength steels with relatively high stiffness (and brittleness) can be formed into a tube by using 
thin (0.80 mm) strips for each layer. Extremely close tolerances can be held because the wrapping mandrel 
controls the dimensions. Capability to withstand cyclic environmental conditions of temperature (290 to 
3.50 K) and relative humidity (60 to 90%) has been demonstrated. High-temperature resins are available for 
applications in which aerodynamic heating is a factor. However, resins cannot operate at temperatures as 
high as steess can. 

7-4.2.4.2 Physical Properties of Structural Materials 

Generally, structural material is initially selected as being the most efficient material on the basis of 
mass, cost, and mass-per—unit cost, which will satisfy the overall critical loading condition at the critical 
operating temperature when the constraints of fracture mechanics are considered. Critical loading can be 
either internal pressure or aerodynamic pressure, depending on the vehicle location and the local 
structure. Thus the designer must consider tensile strength, compressive strength, and stiffness require¬ 
ments. 

Failure of the rocket structure can be either ductile or brittle in nature. Premature brittle failures can 
occur at stress levels considerably below the design service stress, even with materials that demonstrate 
adequate elongation. These fractures may result, for example, from environmental conditions that lead to 
stress-corrosion cracking at low sustained stress levels. Also local embrittlements and residual stresses may 
be inherent to the manufacturing process. Linear elastic fracture mechanics generally can be used to screen 
materials unsuitable for the intended application. The required information—including material 
selection, allowable working stress, fabrication methods, and inspection and testing—can be found in 
Refs. 20 through 24. The major point to be made here is that considerations of elastic behavior may not be 
sufficient to avoid structural failure. 

Most ductile metals have compressive stress-strain relationships very similar to those for tensile stress. 
Compressive failure occurs when there is buckling, crippling, shearing, bearing, splitting, or crumbling. 
The maximum stress sustained by the materials is called the compressive strength. 

Composite materials exhibit the same elastic behavior as homogeneous materials, except that there is 
little or no plastic behavior. Instead, the material strength listed is an ultimate value based on failure of the 
test article. 

Properties of metallic structural materials at room temperature (298 K) are given in Table 7-7 for some 
common alloys, and several steels are compared in Table 7-8. Refs. 25 through 28 are commonly accepted 
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TABLE 7-7. PROPERTIES OF METALLIC STRUCTURAL MATERIALS 

AT ROOM TEMPERATURE 


Material 

Design Yield 
Strength, 

MPa 

Modulus of 
Elasticity, 

GPa 

Density, 
kg m’ 

HY Steel. 




HY-80 

551.6 

203.4 

7890 

HY-130/150 

896.3—1034.2 

203.4 

7890 

Low Alloy Steel: 




4130 

1034.2—1241.1 

199.9 

7830 

4336V 

1241.1 — 1379.0 

199.9 

7830 

D6aC 

1241.1 — 1654.7 

199.9 

7830 

Maraging Steel: 



8000 

Grade 200 

1379.0 

189.6 

Grade 250 

1654.7 

189.6 

8000 

Grade 300 

1930.5 

189.6 

8000 

HP Steel: 




9 Ni-4 Co-0.250 

1241.1 — 1516.8 

196.5 

77.50 

9 Ni-4 Co-0.450 

1792.6—2068.4 

196.5 

77.50 

Titanium: 




Ti-6A1-4V 

1034.2 

110.3 

4620 

Aluminum Alloys: 




2000 Series 

241.3—448.2 

71.0 

2770 

5000 Series 

206.8—275.8 

71.0 

2770 

6000 Series 

255.1—324.1 

71.0 

2770 

7000 Series 

413.7—468.8 

71.0 

2770 


sources of data for metals. These documents also provide the designer with general information on 
heat treatment requirements and the influence of various environments on the material properties. Resin 
reinforced with glass filaments, strip laminates, and paper phenolic properties are given in Table 7-9. A 
comparison of material properties is presented in Table 7-10. 

7-4.2.4.3 Manufacturing Techniques 

Metallic motor cases are manufactured by forming two or more sections produced by rolling, forging, 
drawings, and spin forming. The sections are joined together by welding-arc, gas, and inertia-or by 
mechanical means such as rivets, threads, bolts, or pins. Small cases can be formed out of a single piece of 
metal with subsequent machining to provide attachment points. 

One of the more common manufacturing techniques consists of t-oiling a sheet of steel into a tube and 
welding it along its entire length. If the case is longer than a single sheet, several of the welded tubes are 
joined together by girth welds. If the circumference of the case is too large for a single sheet, several sheets 
may be longitudinally welded together after they are rolled into cylindrical segments. Once the proper 
cylindrical length is obtained, the tubes are girth welded to forward and aft closures formed by forging or 
drawing. The entire assembly is then heat treated. 

Spin forming is a method of manufacturing often used to form cases from the high-strength, brittle 
steels. It is especially suited for materials that are not easily welded such as the highly alloyed materials. An 
initially large ring of steel is placed on a mandrel and rotated while large rollers, moving back and forth, 
press the steel ring into a thin, long tube. The girth welds used to attach the tube to end closures are 
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TABLE 7-8. COMPARISON OF SOME AEROSPACE STEELS AT ROOM TEMPERATURE 


Medium Alloy Steels 

Tensile Properties 

AISI and SAE Designation 


4130 

4135 

4140 

4340 

Ultimate Stress, MPa 

1310 

1276 

1241 

1448 

Yield Sttcss, MPa 

1206 

1172 

1138 

1379 

Ultimate Elongation, % 

12.0 

12.0 

12.0 

10.0 


Tool Steels 

I'ensile Properties 

Commercial Designation 


D6aC 

300-M 

X-200 

H-11 

Ultimate Strength, MPa 

1482 

1551 

1482 

1655 

Yield Stit'tigth, MPa 

1379 

1379 

1310 

1379 

Ultimate Klongatitm, % 

8.0 

8.0 

8.0 

6.0 


Maraging Steels 

Tensile Properties 

18Ni(250) 

18Ni(300) 

Yield Strength, MPa 

17.58 

1999 

Elongation, % 

13.0 

11.5 


TABLE 7-9. PROPERTIES OF COMPOSITE MATERIALS AT ROOM TEMPERATURE 


Material 

Modulus 
£. MPa 

Composite Tensile 
Strength, kPa 

Composite 

Density, 

kg/m^ 

Fiber Ultimate 
Strength, MPa 

S2-Cilass Epoxy 

51.0 

3240 

1965 

4.58 

E-Cilass Epoxy 

42.7 

2413 

2020 

3.45 

Cie|K‘ (aaft 

PajMT Phenolic 
Eapi' 

6.2 

59 

1330 


^ A* 

.1111fj i ^urnirfatr,^ 

Stainless Steel 

207000 

/¥ 

V L' iiiiii^tir; 

2000 

7830 


Maiiinsile 

207000 

1517 

7830 

— 


generally subjected to only half the stress experienced by a longitudinal weld; accordingly, they do not 
require nearly the same physical properties. 

Submerged are and tungsten arc welded by inert gas are the more widely used welding techniques. The 
submerged arc method is used primarily to join heavy welded sections for which large deposits of filler 
wire are necessary. Thin-walled, high-strength motor cases are more easily welded by using the tungsten 
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TABLE 7-10. TYPICAL COMPOSITE 
MATERIAL TENSILE PROPERTIES, 
COMPARED WITH METALS 
AT ROOM TEMPERATURE 


Material 

Composite 

Density, 

kg/m^ 

Composite 

Tensile 

Strength, 

MPa 

Comjx)site 

I'ensile 

Modulus. 

GPa 

E-Glass/Ep)oxy 

2020 

3240 

51 

S-Glass/Epoxy 

1965 

2413 

42.7 

Steel 

7830 

1500 

200 

Aluminum 

2770 

460 

71 

Titanium 

4620 

1030 

110.3 


arc process since there is less chance of atmospheric contamination than with the submerged arc 
technique. 

Other welding techniques are also widely used. Laser welding employs a high-energy laser beam to form 
a joint that has a very narrow fusion and heat-affected zone. Major advantages of the laser technique are 
that it requires no vacuum or X-ray shielding and can employ a split beam for making two welds 
simultaneously. The major disadvantage is the high initial equipment cost, making the laser technique 
more applicable for- high-volume production. Electron beam welding also produces small heat-affected 
zones. It can be performed in three different modes—i.e. , in-vacuum, partial vacuum, and out-of-vacuum. 
Inertia welding is accomplished when a spinning part is forced against a stationary part and the resultant 
heat from the friction forges the two together. This technique, along with the laser and the electron beams, 
is particularly suited for high-volume, semiautomated assembly lines and can be accomplished with 
workers who are not trained welders. 

Aluminum cases can be extruded or drawn either to nearly final dimensions or as tubes into which 
closures are fastened by one of several acceptable techniques. Steels up through the AlSl 4130 series can be 
purchased as tubing to be used as the cylindrical portion of motor cases. However, there is a particular wall 
thickness below which the forming process cannot be used. So unless the motor design requires the 
available thickness, either the outside and/or inside surfaces must be machined. 

7-4.2.4.4 Mass-Per-Cost Factors 

It is extremely difficult, if not impossible, to make any general statements about mass and cost 
relationships for a rocket motor because every application requires its own unique blend of material, 
thickness, joining technique, etc. For a given material, the cost-per-unit mass increases as the strength 
level increases. Therefore, since for a given operating pressure the required thickness decreases, there is 
some offset to the cost increase. 

Fig. 7-37 shows the variation of case cost with cylindrical wall thickness for a particular application. 
Shown on the figure also are ultimate tensile strengths for the materials. Within a given material class, 
higher strength means higher cost. However, if the question of mass versus cost is studied from a system 
viewpoint, it can be said that often higher strength can be obtained at lower cost by changing to a different 
class of material. This point is illustrated in Table 7-11 by comparing the total motor mass and cost for five 
systems that deliver the same performance by use of materials shown in Fig. 7-37. 
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Materials Lct{fnd. Numbers in parentheses are ultimate tensile strength. 


1. 4i:«)-HT (827—1240 MPa) 

2. Strip Uminate, 301-SS (2000 MPa) 

3. Strip Laminate, Martinsite (1517 MPa) 

4. Fiberglass-Epoxy (689 MPa) 

5. Impact Extruded 7075-T6 (524 MPa) and 7075-T73 (455 MPa) 

6. 4130-N (655 MPa) 

7. Impact Extruded 2024 (414 MPa) 

8. 2024-T6 (455 MPa) 

9. 2014-T6 (448 MP^) 

10. 1035-DOM (620 MPa) 

11. 6061-T6 (290 MPa) 


Figure 7-37. Relative Motor Case Cost vs Case Thickness 
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TABLE 7-11. EFFECT OF CASE MATERIAL SELECTION ON MOTOR MASS AND COST 


Material 

Relative 

Mass 

Relative 

Cost 

Aluminum (7075-T6 Extrusion) 

1.0625 

1.0780 

Aluminum (2014-T6 Tubing) 

1.0903 

1.03.55 

Glass Fiber (E-Glass) 

1.0 

1.0 

Stainless Steel (Strip Laminate) 

1.0903 

1.0071 

Steel (AISI 1035) 

1.3194 

0.9929 


7-4.2.4.5 Propellants 

Propellants exhibit considerable variations in physical characteristics. The viscoelastic characteristics 
are influenced by the loading conditions. Furthermore, propellants may be chemically affected by the 
adjacent materials. 

For a given analysis, the required physical characteristics depend on the assumptions made to facilitate 
the analysis. In general, the propellant is treated as elastic in the analyses of long-term storage at uniform 
temperature, acceleration, and ignition pressurization. 

These types of analyses require some knowledge of the mechanical behavior of propellants. The 
paragraphs that follow discuss parameters required in the performance of elastic analysis. 

Elastic analysis requires that representative values be defined for the tensile modulus E or shear modulus 
G and Poisson's ratio v or bulk modulus K^. The relationship between these parameters is 

£ 

Kb — -, Pa. (7-63) 

3(1 - 2v) 

A Poisson's ratio of 0.50 m/m generally is assumed unless Kj,is known. Alternatively, Poisson's ratio 
may be computed by assuming the value of K(,to be 7X10‘kPa. 

The modulus is chosen to be consistent with the anticipated loading rate and temperature as determined 
from a relaxation modulus curve. A typical relaxation modulus curve is given by Fig. 7-38. The lower 
asymptotic value in this curve is called the equilibrium modulus E^. Some propellants never achieve a state 
of equilibrium, and the value for Ejs estimated from samples that are strained for two weeks or more. The 
"glassy" modulus E^is representative of the brittle behavior of propellants at very low temperatures or at 
very high loading rates. The glassy modulus represents the upper limit of the modulus. 

The determination of an effective modulus proceeds as follows. The time t over which the strain is 
induced is determined. This may vary from a few milliseconds, during motor ignition in going from 
ambient to operating pressure, to several months for analysis of creep during storage. An operating 
temperature T is also specified. A temperature-time shift factor loga.j.is then calculated by 

logar = — QliX. - Xisd. -, dimensionles (7-64) 

C2 + (T - Tref) 


where 

Cjand C^= measured constants usually supplied by propellant manufacturer 
T = test temperature, K 

T = reference temperature usually taken as 298 K. 
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Figure 7-38. Relaxation Modulus Spectrum for a Typical Double-Base Propellant 
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The shift factor is described in Ref. 29. In general, the shift factor was conceived to adjust test data from 
uniaxial tensile test specimens so that measurements of the time- and temperature-dependent modulus 
conducted at various temperatures and rates could be superposed into a "master" relaxation modulus 
curve as shown in Fig. 7-38. 

By use of the predetermined load action time t, in minutes, the parameter called reduced time log(t/ax) is 
determined. A graph, such as Fig. 7-38, for the particular propellant is entered at this value of the abscissa 
and the value of log(ET,^,/T) is determined from the ordinate, and thus the effective modulus E is 
determined. Poisson's ratio is then computed by using Eq. 7-63 with the known or assumed bulk modulus. 
The analysis then proceeds by treating the propellant as being isotropic and elastic. 

There are several criteria for the prediction of structural failure of solid propellants. Some are based on 
stress (cumulative damage), others are based on strain and ultimate strain at a given strain rate, and still 
others are based on the combination of stress and strain. 

In general, when displacements in a grain are limited by the displacements of the case, the propellant is 
strain critical. Grain displacements that are limited by its stiffness are generally stress critical. Cyclic 
loading generally is treated as stress critical, and the cumulative damage theory is commonly used. The 
primary disadvantage, because of the difficulty in determining the correct modulus, of the stress criterion 
is in computing the true stress. 

Strain endurance is the limit of prolonged strain of the propellant and is determined from tensile tests of 
specimens over a two-week period. These tests generally involve several standard uniaxial tensile test 
specimens. Strain endurance of biaxial test specimens generally indicates insensitivity to biaxial stresses. 
However, exceptions to this must not be overlooked. 

A complete assessment of the propellant grain should be conducted with the aid of the stress analysis 
group. In particular, a structurally adequate grain design carmot be achieved without consideration of 
bond stresses, fracture, and the viscoelastic characteristics of the propellant (Ref. 30). The paragraphs that 
follow discuss a few topics that may be useful to the beginning designer. 

Propellants are usually cured at elevated temperatures (335 to 34.5 K). During cure, the polymerization 
process generally is accompanied by a volume shrinkage that is proportional to the binder volume present. 
Because of this shrinkage, the stress/strain free temperature generally would be higher than the cure 
temperature. The typical range for volumetric shrinkage is given in Table 7-12. 

High humidity generally degrades the mechanical and chemical proper-ties of most solid propellants. 
The effect of humidity, however, has been observed to be reversible to some extent. 

Aging during long-term storage also affects the mechanical and {heroical properties of most 
propellants. High temperature, as a rule, accelerates aging. Unlike the effects of humidity, aging is 
generally irreversible. 

7-4.2.5 Safety Factors 

Safety factors FS are applied to account for unforeseen variations in loads and in stress-producing 
environments. Safety factors may be applied to either the stresses induced by the limit loads or they may be 


TABLE 7-12. SELECTED THERMAL AND PHYSICAL PROPERTIES 

OF TYPICAL PROPELLANTS 


Property 

Typical Range 

Mass density 

1.716—1.772X10^ kg/m^ 

Linear cf>efficient of expansion 

2.22—.6..58X10'^ m/m-K 

Volumetric shrinkage during cure 

0.002—0.006 m^'m’ 

Thermal conductivity 

L5.32—18.16 W/m-K 

Specific heat 

1.046—1.340 kJ/kg-K 
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applied to the limit loads initially in the performance of linear analysis. Stability or nonlinear analyses 
require that stress and strain be computed for the design loads. Design loads are the limit load multiplied 
by FS. 

FS requirements in the structural design of rockets depend upon the projected use of the rocket. For 
example, higher safety factors usually are applied when crew safety is a consideration. Some typical FS 
values are given in Table 7-13. 


TABLE 7-13. SAFETY FACTORS FOR 
ROCKET COMPONENTS 



Factor of Safety 

Component 

Ultimate 

Yield 

Pressure Vessel: 



Motor Operation 

1.40 

1.10 

All Other Loads 

1.25 

1.00 

Pi()fx*llant Grain: 



Storage 

1.50 

N/A* 

Motor Operation 

1.25 

N/A 

All Other Loads 

1.25 

N/A 

All Other Coinp)onents 

1.25 

1.00 


•N A = iu)l applicable 


An additional safety factor is generally used at connections because of local stress concentrations and 
structural (manufacturing) variations. This "fitting" factor is usually specified as 1.15 for rocket 
applicationss 

The margin of safety MS is defined as the ratio of allowable stress to the design stress 6^^, and is 
expressed as 


MS = 


Oallow 


Odes 


1, dimensionless 


(7-65) 


where 


Oaiiow — allowable stress representing ultimate or yield stress of material, including effects of temper¬ 
ature. It may also represent the limiting stress in compression (buckling), Pa 
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multiplied by the appropriate safety factors.) 


Margins of safety (MS)yand (MS)„ usually are calculated for both the yield and ultimate strengths, 
respectively, as follows: 


(MS)y = - 

Oaiiow, y 

0(FS)y 

Oaiiow, U 

— — 1, dimensionless. 

(7-66) 

(MS)u = - 

— — 1, dimensionless. 

(7-67) 


oiFS)u 
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where 


{MS)y = margin of safety based on yield stress criterion, dimensionless 
{MS)u = margin of safety based on ultimate stress criterion, dimensionless 
OaiiowM = ultimate allowable stress. Pa 
Oaiio»>,y — yield allowable stress. Pa 
a = stress at limit load. Pa 

(FS)y = factor of safety based on yield stress criterion, dimensionless 
(FS)u = factor of safely based on ultimate stress criterion, dimensionless. 


7-4.2.6 Mass and Size Estimating Relationships 

Mass and size estimating relationships are used in preliminary design to provide estimates of the 
parameters needed in the analysis of rocket performance, aerodynamic characteristics, and accuracy. The 
mass of the rocket is divided into the components described in Chapter 3—namely, payload mass mpj^and 
motor mass of the rocket, which is composed of inert mass of the motor mjand propellant mass mpOf the 
motor. Certain combinations of these parameters are used in Chapter 3 in the discussion on performance, 
namely. 


mbo = mo — nip — mpu + mi, kg (7-68) 

PMF = --, dimensionless (7-69) 

mi + mp 

lsp= , N-s/kg (7-70) 

mp 


where 

mo = rocket gross mass at ignition, kg 
mbo — burnout mass of the rocket, kg 
nip = propellant mass, kg 

PMF = propellant mass fraction of the rocket, dimensionless 
hp = specific impulse, N*s/kg 
Ft — motor thrust, N 
tb = motor burn time, s. 

Propellant mass mpis determined from the performance analysis given in Chapter 3. The paragraphs 
that follow discuss the mass and size relationships and system considerations for the inert rocket 
components and payload. 

Data from the example problem of Chapter 3 will be used in the discussion to illustrate further sizing 
relationships. From Chapter 3, a 400-kg payload is to be delivered 30 km by indirect fire. The assumed 
payload shape is a tangent ogive {In/ d — 3) with a cylindrical extension, if required. The assumed payload 
density is 2768 kg/ml 

7-4.2.6.1 Payload 

The payload of a rocket is the useful load carried by the rocket and consists of the warhead or an 
instrument package. Performance analyses presented in Chapter 3 consider the payload as the total mass of 
the rocket forward of the motor. Thus the payload includes the payload fairing, motor attachment 
structure, warhead safe/arming devices, and warhead. 

Warhead effectiveness analyses are divided into separate parts of target kill probability given a hit Pk/h 
and target hit probability PH. The overall kill probability Pk for a given mission is a function of these two 
parameters, i.e.. 


7-70 



Probability ol Kill P diim-nsionlcss 


MCI-HDBK-762(MI) 


Pk — fiPx/H, Ph), dimensionless. ( 7 - 71 ) 

Pk,h includes such factors as warhead impact velocity, impact angles, fragment masses, and fragment 
distribution. Ph considers the approach angle of the warhead, miss distance, and overall rocket accuracy as 
discussed in Chapter 4. The source of Pk,„ is based on vulnerability knowledge of a given target or target 
componets to a given warhead type. P^/h data are determined from experiments and are available in the 
Joint Munitions Effectiveness Manual (JMEM) (Ref. 11). Typical JMEM kill probability data for a certain 
shaped-charge warhead are presented in Eig. 7-39. These types of data are used to determine the required 
payload diameter. An additional method to size the payload is based on the average warhead density. Thus, 
if the payload mass is given, estimates of the payload volume can be determined from mass divided by 
density. 

Eor the example considered in Chapter 3, the payload volume is assumed to be 

payload volume = —— = q 1445 
2768 kg/m^ 



Figure 7-39. Probability of Kill vs Warhead Diameter 
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7-4.2.6.2 Propellant Mass Estimation 

The propellant mass required to provide some specified performance parameter, e.g., total impulse or 
burnout velocity, is determined through the analyses described in Chapters 3 and 6. 

7-4.2.6.3 Motor Sizing 

The example that follows shows how preliminary rocket diameter and length estimates may be made, 
using payload mass mpj^ and propellant mass mp estimates from Chapter 3, based on parametric, 
relationships and representative experience. 

The major components of the rocket motor are propellant, binder and insulation, cylindrical fast, 
forward closure, aft closure, and nozzle. Fins are considered part of the inert mass of the motor for 
performance considerations. In Chapter 3, relationships are presented for estimating the propellant mass 
that requires estimates of the mass fraction of the rocket motor propellant PMF. It is noted in Eq. 7-69 that 
PMF depends on the propellant mass mp; thus estimates of PMF and mphave to be determined by an 

iteration process involving the size of the motor. 

The size of the rocket motor case can be estimated for various motor lengths and diameters by using a 
dimensionless average propellant volumetric loading efficiency Vp^that depends on the propellant grain 
burning surface area and port area. Fig. 7-40 presents an interesting comparison of typical rocket initial 
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accelerations as a function of Vle- Average values of V^jare noted by the dashed line; older motors, by the 
lower solid line; and newer motor concepts, by the higher solid line. 

Eq. 7-72 shows the relationship among propellant mass mp, motor case length^ , rocket diameter d, 
average propellant density pp, and Vpp. The diameter d^^of the motor case can be estimated by 



In Eq. 7-72, Vp^is expressed as a decimal, and ( t/d )referred to as the fineness ratio of the motor case. 

Eig. 7-41 is a nomogragh calculated from the relationships defined by Eq. 7-72 and is typical of 
nomography that could be made for the range of values of interest in a particular design. The figure was 
developed with a VppOf 60% and a PpOf 1720 kg/ml 

Example 3-1, Chapter 3, initially showed that a propellant mass of 110.9 kg would be required to deliver 
the 400-kg payload a distance of 30 km in a vacuum. Eig. 7-41 indicates that a propellant mass mp= 110.9 
kg would require a 0.2032-m diameter case for a motor case L/d of 17; a 0.3048-m diameter case would 
require a motor case L/d of 5; and a 0.4064-m diameter case would require a motor case t/d of 2. By 
combining these motor sizes with the payload volume requirement of 0.1445 m^ ihdUd i requirements of 
the payload size given in Table 7-14 result in the three rocket configurations shown in Eig. 7-42: Use the 
0.2032-m diameter rocket as an example for a fineness ratio^/ d = 3 and a tangent ogive. The volume of the 
tangent ogive is determined from Eig. 7-3 by reading "nose vol ^ d^= 1.263". The nose volume V^^^^can then 
be determined by 

Vnose = 1.263(0.2032)^ = 0.0106 m\ 

Then the required volume V^, of the cylindrical segment of the payload can be determined by 

Vcyl = Vreg “ Vnose = 0.1445 - 0.0106 = 0.1330 m^ 

Cylindrical length (cyi ean be calculated by 

= . . A(P:1339) ^ , ,29 ^ 

7r£ 3.1416(0.2032) 

Since the example is for a d = 0.2032 m and a given t^/d = 3, 6v = 3(0.2032) = 0.61 m. The total payload 
length is equal to the length of the ogive plus the length of the cylinder, i.e., 0.61 + 4.129 = 4.739 m. 
Therefore, the overall payload t/d for this example is 4.739,/0.2032 = 23.3. The l/d ior the rocket is 
approximately 40 (see Eig. 7-42)—the case t/d =17 plus the payload t/d = 23.3. 

The overall results of the three rocket configurations are shown in Eig. 7-42. It is evident that the 
0.2032-m diameter rocket is very long, and the 0.4064-m diameter rocket is very short. The smaller diameter 
rocket would have less drag losses but could have bending problems and other undesirable characteristics 
(see par. 5-3.1.6). The short rocket would have almost 80'% more drag than the 0.3048-m diameter rocket 
since the drag increases as the diameter squared. The 0.3048-m diameter rocket offers a reasonable t/d. ■ The 
0.3048-m diameter rocket is selected to continue this illustrative example and for further use in the example 
problem of Chapter 3. As shown in Chapter 3, the propellant mass increased to 182.7 kg after the drag 
losses were considered. This resulted in an increase in motor^^i from 5 to 8, the diameter being held 
constant at 0.3048 m. This increase in length is also shown in Eig. 7-42. 

7-4.2.6.4 Motor Inert Masses 

The inert masses of the rocket motor are estimated by using the rocket motor preliminary sizing data and 
the operating characteristics of the rocket motor. The estimating relationships are developed for the 
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TABLE 7-14. SAMPLE PROBLEM PAYLOAD VOLUME SUMMARY 



Rocket 

Diameter 

0.2032 m 





0.4064 m 


Figure 7-42. Rocket Sizing Trade-Off Summary 


cylindrical portion of teh case by using the operating pressure of the motor and material characteristics of 
the motor case. Masses of other portions of the motor are evaluated as a percentage of the case mass. Motor 
case wall thickness t^^is calculated by using the case wall hoop stress equation. Eq. 7-38. 

If (FS)^(FS)yis greater than 6^, 6^, then the case is sized by the ultimate criterion: otherwise it is sized by 
the yield criterion. For a design governed by the ultimate criterion, case thickness t^^. is determined by 


tmc 


— Pm EOF ( FS )uTn 


OuiWE) 


(7-73) 


where 


Jm, = iiioloi case mean radius, m 
Pmeop — maximum exjjeeied operating pressure. Pa 
(FS)u = ^afety fac tor based on ultimate stress criterion, dimensionless 
lITi = weld efficiency, dimensionless. 
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The mass m^^of the cylindrical portion of the case is thus 

fJImc TT pmcdmc(-mctmc • 


(7-74) 


where 

nimc ~ mass of cylindrical section of motor case, kg 
ttnc = length of cylindrical section of motor case, m 
Pmc = density of motor case material, kg m\ 

The forward closure mass m,ds approximated by using the following equation: 

rrifc = (FCMF)mmc. kg 


(7-75) 


where 

FCMF = forward closure mass factor, dimensionless. 

The FCMF varies from 0.41 for conventional metal cases to approximately 0.2 for filament-wound and 
paper phenolic cases. 

The aft closure and nozzle mass factor ACMF varies from 0.75 to 1.0 depending on the design, with the 
lower value associated with more modem nozzle concepts that employ low-density materials for structural 
support. The aft closure and nozzle design mass m^^^^is found from 

mac*n = (ACMF)mmc, kg. (7-76) 

The propellant binder and insulation mass is approximately 1.5*0 of the case mass, i.e., 

0.15mmf, kg. (7-77) 

The igniter and other hardware mass m„,t,e„ associated with the motor is approximately 20% of the case 
mass, i.e.. 


mother ^ 0.20Wwc. kg. 


(7-78) 


The total inert motor mass mps then 


mi = nic + m/c + niac+n + + mother, kg. (7-79) 

The mass of fins and attachment hardware can be estimated from mass-per-unit-area considerations. 
For fixed fins with a fin aspect ratio less than 1.0, the mass unit area (m 

I « ^ l^g ,yi- (7.80) 

fixed fin 250go 



where 

qmax = maximum dynamic pressure. Pa. 

A hinged fin will have a higher mass unit area (m A)hmgedfm 
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m\ 

jhinged fin 


« kg/ml 

lOOgo 


(7-81) 


The total fin mass m,;^Js, therefore, 

m/ins ^ [(m/A)one fin Aone fin] (number of fins), kg. (7-82) 


The motor PMF is then 


PMF = 


_mp_ 

TTlntc A' TTlfins “f" Wp 


dimensionless. 


(7-83) 


7-4.2.6.5 System Considerations 

Operational requirements should be considered in the mass and sizing analysis. Operational 
requirements may impose constraints on the mass, length, and diameter of a rocket. The constraints may 
be due to existing transport vehicle carry weight, launch vehicle carry weight, standard military container 
length, etc. An additional consideration that increases the complexity of the sizing and mass-estimating 
relations is the influence of production costs on the propulsion system. A lower cost propulsion system 
generally results in a decrease in system performance which can increase the size and mass of the system to 
the level where an impact on the payload warhead mass occurs. Complex system level mass-and sizing- 
estimating relationships for a particular rocket system are generally developed during the design process to 
allow parametric trade-offs to be made. Rocket system sizing studies involving the propulsion system 
performance, cost, accuracy, weapons effectiveness, and impact of operational constraints are contained 
in Ref. 31. 

7-4.3 STRUCTURAL MODELING FOR SYSTEM ANALYSIS 
7-4.3.1 Load Representation 

Rocket structures experience both local and distributed loads which may be long duration, short 
duration, or time varying. 

Long-duration loads, which are applied slowly, can be treated as static loads. Response to these loads 
can be addressed by developing shear, bending, and axial load diagrams as indicated in pars. 7-4.2.2.4 
through 7-4.2.2.6. 

Short-duration loads that are suddenly applied can be treated as shock loads. The evaluation of shock 
loads requires that the dynamic characteristics of the rocket be known. Dynamic amplification factors can 
then be determined, and an equivalent static load analysis can be performed to determine the internal loads 
in the rocket. 

Dynamic response to periodic loads can be estimated by use of a magnification factor. The 
magnification factor is applied to the load and treated as an equivalent static loading. Loads that vary 
randomly (stochastic), except for the very simplest form, generally are best represented by numerical 
analysis. Representation of the dynamic load would then depend on the analysis type and structural 
model. 

7-4.3.2 Structural Models 

7-4.3.2.1 Lumped Parameter Models 

The description of dynamic properties of any system must include a discussion of the concept of degrees 
of freedom (DOF). In general, a body will have six DOF, i.e., three translational and three rotational. A 
continuous elastic body requires three DOF for each point and, therefore, has an infinite number of DOF. 
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An alternative is to represent the continuous system by a discrete model consisting of a finite number of 
"lumped" masses and hence by a finite number of degrees of freedom as indicated in Fig. 7-43. Numerical 
analysis methods can then be applied to determine the dynamic properties of the discrete system. Sufficient 
accuracy generally is achieved for rockets that are simulated in this maimer. 

Initial estimates of the dynamic characteristics of the rocket may be estimated by the use of only a few 
lumped masses. A rocket maybe represented by as few as a single lumped mass located at the rocket CG and 
supported appropriately at one or both ends. 



Figure 7-43. Degrees of Freedom in Local Coordinate System 


A popular method of analyzing beam-type structures by the lumped mass method is discussed in Ref. 32. 
The method is an extension of Rayleigh's method of beam vibration and is based on approximating the 
dynamic deflection curve by the static deflection curve. 

If the rocket is represented by a series of lumped masses m^, m^, m 3 , . . . , and the static unit load mass 
deflections are y„ y^, , then the fundamental frequency w^can be expressed as 


IgoXmiyi 


(On — 


S m,y] 


rad/s 


where 

(On — fundamental undamped natural frequency, rad s 
rrii = mass at station i, kg 

y, = displacement at station i due to a unit force, m N. 


(7-84) 


The fundamental lateral mode frequency for the two-mass model, shown in Fig. 7-44, is determined to 
illustrate the procedure. Fig. 7-45 depicts a simply supported beam loaded by a unit load. 

The displacement of a beam at point i due to a load at point j can be found by various methods. Some 
common techniques are the moment-area method, dummy load method, etc. For illustrative purposes. 
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Unit Load 



equations developed for continuous uniform beams are used. A beam, shown in Fig. 7-45, displaced a 
distance y at any point x due to a concentrated unit load applied a distance b from the end can be 
determined from 


yx 


_ bx 


— b^), m/N, for x < a 


yx = 




{%El)t [ b 


—{x—ay + (r — b )x — x' 


, m/N, for X > a 


(7-85) 


(7-86) 


wlu‘ie 

a = f — b, m 

El = bending stiffness, i.e., elastic modulus E multiplied by area moment of inertia I about neutral 
axis, N'ln' 

yx = beam displacement at station x, m/N 
i = beam length, m. 


The displacement y may also be defined as follows: 

yij= displacement at mass point i due to a unit load at mass point j, m/N. 

Example 7-4 illustrates this application of the theory and notation described in this subparagraph. 
EXAMPLE 7-4: 

Determine the fundamental lateral mode frequency for the two-mass model shown in Fig. 7-44—a 
simply supported rocket loaded only by its own mass. 
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The displacement components (see Fig. 7-4)—applying Eq. 7-84 and the definition of j -—become 
For yii: 6 = 4, ^ = 5, X = 1: 

.. — 4(1) ^£-2 ,2 ^2^ _ 1.0667 /ivT 

yii — —(5 — 1 — 4 )-, m/N. 

(6£/)5 El 

Foryi 2 : h = 2,t=b,x—\: 

(6£/)5 El 

For > 21 : b = \ , t= b, x = 2\ 

y„= _li2L (5^-2^-1^) = 13333 
(6£/)5 El 

The result >21 = >12 illustrates the reciprocal theorem of Maxwell. 

For > 22 : 6 = 3,^=5,x = 2: 

>22 = (5^ - 2^ - 3^) = , m/N. 

(6£/)5 El 

The displacements yjand y^at the mass points can then be computed by 

>1 =go(m,y,i + rrnyxi) = 0667) + 2(1.3333)] = 5.8667, m 

El El 


yi = go(m,> 2 i -I- m 2 >> 22 ) = [3(1.3333) + 2(2.4)] = 8.7999 m. 

El El 

From Eq. 7-84 the fundamental natural frequency w^for the two-mass rocket model where FI = 2.16X10^ 
N Z mTs 


tUn 



.go(miVi miyi) 

m\y\ 4- m2>>2 


, rad/s 


(xin — 


3(5.8667) + 2(8.7999) (2.16X10^) 
3(5.8667)^ + 2(8.7999)^ 


rad/s 


(x)n — 172 rad/s. 


It is generally useful to estimate the natural frequency of the rocket by use of equations developed for 
uniform beams. Natural frequencies w^of beams with various support conditions can be estimated by (see 
Ref. 33) 


Wn — 27 rn 



rad/s 


(7-87) 
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where 

n = ronsiaiu from Table 7-15, dimensionless 

El = bending stiffness, i.e., elastic modulus E multiplied by beam area moment of inertia / about 
neutral axis, Nan^ 
m = total mass, kg 
t = total length, m. 

TABLE 7-15. FREQUENCY CONSTANTS AND NODE LOCATIONS 

OF UNIFORM BEAMS 



Assuiiiplions; ( I ) dm d{x () = (onsiani 
(2) dEI d(x () = constant 


The fundamental frequency of the two-mass rocket model shown in Fig. 7-44 can be approximated by 
assuming the following values for the indicated parameters: 
r/j = 3 -F 2 = 5 kg 
^ = 5 m 

W = 2.16X10^ N-m* 

n = 1.57 from Table 7-15 for a simply supported beam. 
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The frequency for the simply supported beam is by Eq. 7-87 

_ O /I / 2.16X10^ _ , oq i . 

(On — 27r(1.57)/- — loo rad s 

-V 5(5)’ 

which compares favorably with the 172 rad/s computed using the lumped mass procedure. A more detailed 
lumped mass model would have resulted in even closer agreement. 

The effect of simulating distributed mass by a concentrated mass is discussed in Ref. 34. In general, 
distributed mass can be approximated at the CG of segments during the initial design stage. The 
significance of distributed mass effects can be reduced by increasing the number of mass points. 

7-4.3.2.2 Finite Element Models 

Theee are several general-purpse finite element (EE) computer programs suitable for the structural 
analysis of rocket components. A discussion of several programs may be found in Ref. 35. The analyst 
should investigate these and other available programs and select that program which is most suitable for 
each application. 

Several of these programs are applicable for static as well as dynamic load analysis. It is generally more 
efficient to use a program based on shell elements in analyzing a shell structure. Complex geometries 
requiring three-dimensional models can be very time-consuming and costly to execute. Simplifying 
assumptions to reduce the complexity of a model should be made whenever possible. Partitioning the 
structure into substructures generally reduces the computational effort. 

Einite element methods are especially suitable for rocket geometries because of their generally 
axisymmetric configurations. Two-dimensional plane strain (stress) analysis models may be applicable to 
certain nonaxisymmetric cross sections. 

The most important step in finite element analysis is the formulation of the actual continuous structure 
into a mathematically equivalent discrete-element model. Models used for stress analyses are usually not 
suitable for dynamic analysis because of the large number of DOE (unknowns) necessary to determine the 
peak (generally critical) stress of the structure. Dynamic analysis deals generally with the overall behavior 
and requires less definition of local effects and, therefore, requires fewer DOE. Eurthermore, the 
determination of eigenvalues (natural frequencies) is generally a more complex procedure than that 
required to determine displacements (unknowns in a stress problem) in a stiffness formulation. Hence, it is 
generally not cost-effective to use the same geometric model for both analysis types. 

Considerations of material and geometric nonlinearities generally pose a significant challenge to the 
structural analyst. The cost of executing a nonlinear analysis may be ten or more times that of a linear 
analysis of the same model. An experienced analyst should be consulted to effect a solution in all but the 
simplest geometry. 

A typical EE analysis requires that the analyst proceed in the following general maimer: 

1. Define the problem: 

a. Geometry 

b. Loads, load factor 

c. Dynamic analysis 

d. Static analysis 

e. Stability analysis 

f. Temperature 

g. Materials 

h. Support boundary conditions. 

2. Develop structural model: 

a. Determine element types 

b. Assemble elements. 
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3. Apply boundary conditions: 

a. Loads 

b. Supports. 

4. Execute program: 

a. Static 

b. Dynamic 

c. Stability. 

5. Process output: 

a. Tabulated 

b. Plots (stress and strain contours, displacements). 

6 . Assess output: 

a. Check convergence 

b. Check results with approximate solutions 

c. Determine margins of safety. 

7. Report results. 

Finite element programs are particularly useful for analyzing complex structures that are intractable by 
classical methods. A rocket nozzle, for example, maybe constructed of several interacting materials which 
result in a highly indeterminate structure. An PE model of such a nozzle is shown in Fig. 7-46. 

The outlines of the materials before and after load application are shown in Fig. 7-47. Also shown in Fig. 
7-47 are the applied boundary conditions that simulate the pressure variations—isentropic flow was 



Figure 7-46. Finite Element Model of a Typical Nozzle 


- ■ 



Figure 7-47. Magnified (SOX) Deformed Outline 
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assumed-through the nozzle. A spline joint connecting the nozzle to the motor case was simulated by 
prescribing zero axial displacement at the splint groove. Radial interaction of the motor case with the 
nozzle was ignored in this example. 

Most FE programs have extensive postprocessing capabilities. Plots of stress contours fall be 
particularly useful in optimization studies. For example, principal stress contours shown in Figs. 7-18 
through 7-51 can be used to identify lightly stressed regions which may be relieved by slight geometric 
modifications. The critical stress indicated in Fig. 7-51 may be relieved by a simple relief groove. 

FE analysis is also useful in the analysis of propellant grains because of the complex geometries 
generally associated with case-bonded grains. Thermal stress, acceleration loading, and ignition 
conditions are simulated easily by programs used throughout the solid rocket industry. 

7-5 DYNAMIC ANALYSIS 

Static analysis assumes that the loaded structure is in static equilibrium. Dynamic analysis is concerned 
with structural response to transient or cyclic loads and is applicable to aeroelasticity and impact loads 
(shock). 

A rocket is subjected to a variety of dynamic loads during its lifetime. It may experience periodic loads 
from motor operation, acoustic environments, and transportation. It may also experience shock loads as a 
result of the motor ignition transient and transportation handling. Dynamic loads may also be induced by 
spin. 

Rockets propelled by solid propellant motors are generally sufficiently stiff so that linear analysis can be 
applied to the rocket body. However, body panels on the rocket and fins may respond nonlinearly. 

Dynamic analyses may be performed using any of the several computer programs available. A discussion 
of these codes may be found in Ref. 35. 

Dynamic response to cyclic loads can be approximated by the use of the magnification factor. The 
magnitude of magnification is dependent on the ratio w^w^of the excitation frequently w^o the natural 
frequency w^of the rocket. It is also dependent on the structural damping ratio L,. 

The application of the magnification factor is as follows: 

_ 1 _ 

where 

ydynamic — peak dcflection due to a periodic load, m 
Jsiaiic — deflection of structure to static application of peak of period 
(lie = frequency of the excitation load, rad/s 
^ = structural damping ratio, dimensionless. 

The term in brackets in Eq. 7-88 is called the magnification factor and is dimensionless. 

Damping ratios for typical rockets range between 0.01 and 0.30, depending upon the method of 
construction, material properties, and other factors. 

Dynamic amplification to a step excitation may be analyzed in a similar manner. The method and 
magnification factors for several step loadings are given in Ref. 36. 

Dynamic amplification to a pulse input may also be analyzed in a similar maimer. The effects of a 
rectangular, half-cycle sine, and versed sine-shaped pulses are also given in Ref. 36. 

7-6 AEROELASTICITY 

Aeroelasticity is the study of the interaction between aerodynamic forces and elastic deformation. A 
major problem in rocket design is the flutter of fin structure when small disturbances result in violent 
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oscillations. Flutter is the unstable coupling of two or more structural vibration modes under the influence 
of aerodynamic exciting forces. There are two types of aeroelasticity instability—dynamic aerostatic 
instability considers (he interaction of aerodynamic, elastic, and inertia forces; and steady state or static 
instability considers the case of oscillation with zero frequency, generally neglecting inertial forces. 

Since aeroelasticity is a rather extensive subject, it is recommended that the designer analyst refer to one 
of the many textbooks on the subject (Refs. 37 through 46). 

Analysis of aeroelastic systems generally requires the use of computer programs. A summary of 
important features of a few aeroelastic analysis programs is given in Ref. 3.5. 

7-7 HEAT TRANSFER 
7-7.1 INTRODUCTION 

This paragraph describes the roles of heat transfer analysis, particularly as they apply to design of 
thermal protection systems for free flight rockets. A thermal protection system is any system that results in 
holding a primary load-carrying structure within a specified temperature range in an environment that 
otherwise would cause a higher temperature. 

Free flight rockets will typically employ a sacrificial (ablative) insulation as its thermal protection 
system because this approach is usually the most efficient means of protecting the structure. Although 
emphasis in this paragraph is clearly on thermal (and erosion) considerations in insulation design, the 
reader should not overlook the fact that rocket motor insulation selection (internal case and nozzle) will 
also depend on mechanical property, stress and strain, bonding, cost, availability, reliability, and 
manufacturing considerations which may ultimately have greater influence over the design than the 
"optimum thermal consideration". 

Generally, heat transfer characteristics in a free flight rocket are similar to other tactical solid propellant 
rocket motors, but there are some design considerations that become more important in a free flight rocket. 
For example, a free flight rocket system should consist of a simple design conceived for low cost and high 
production. The rocket contains little (if any) critical on-board, temperature-limited instrumention. 
Frequently, heat transfer characteristics of the rocket motor plume will also be a significant design 
consideration for the launch 'eject system (tube) and for adjacent motors of a multiple launch capability 
free flight rocket system. Even though the selected design of a free flight rocket should be simplistic in 

order to achieve the necessary reliability and cost-effectiveness, this does not imply that proper attention 
should not be given to thermal considerations during the design phase. 

Par. 7-7 first describes the role of heat transfer analysis in design of free flight rockets. Next, the physical 
situation and heating environment present in the motor are delineated. Mechanisms of thermal protection 
are then discussed, followed by thermal design considerations and constraints. The sequential approach 
taken in conducting heat transfer analysis is outlined, and typical free flight rocket insulation materials 
for the case and nozzle are described. Next, several analytical thermal analysis programs currently 
employed in thermal design of rocket motors are referenced, and the input parameters are delineated. 
Lastly, a sample thermal design problem involving aerodynamic heating of the motor case wall is 
presented. 

7-7.2 THE ROLE OF HEAT TRANSFER ANALYSIS 

A heat transfer analysis is not an end in itself; rather, it is a tool to use in determining the severity of a 
thermal environment and to aid in the design of thermal protection systems. In the analysis and design of a 
free flight rocket, heat-transfer-related considerations are employed to evaluate the following aspects of 
rocket motor design: 

1. Insulation required on the interior of the combustion chamber (head end, (cylindrical section, and 
aft case) 

2. Insulation required on the igniter 

3. Insulation design of the nozzle (entrance, throat, and expansion section). For some designs, a 
combined thermal stress analysis is required 
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4. Significance of external (aerodynamic) heating to case wall and particularly to fins and 
protuberances 

5. Effects of dump storage temperature cycling on rocket performance and aging 

6 . Effects of plume heating (radiation and flow impingement) on launcher and adjacent missiles 

7. Influence of manufacturing defects and anomalies on motor performance and case integrity 

8 . Significance of thermal effects on static test and flight failures—if they occur 

9. Magnitude of heat losses occurring in combustion chambers and nozzles. This is necessary to scale 
heavy wall test data and component test data to flight conditions. 

7-7.3 PHYSICAL SITUATION 
7-7.3.1 General 

Although numerous scenarios must be considered to evaluate the various thermal design environments 
previously identified in the role of heat transfer analyses, Eig. 7-52 illustrates a typical in-flight design 
condition. In this figure the combined effects on motor case heating from internal and external 
(aerodynamic) heating are shown. Each effect is a very time-dependent function. 

Miny areas of the motor case are protected from internal heating by the presence of propellant attached 
to the case wall for portions of the motor burn operation. During this interval, case wall heating results 
only from external sources. After the propellant has been consumed over parts of the case wall, the case 
wall is exposed to both internal and external heating. Eor these locations, case internal insulation is 
required. 

In some situations (hypervelocity missiles) aerodynamic heating can also be of significance to the case 
heating scenario and, in extreme situations, external insulation will be required. Eor some designs that 
require spin stabilization, heat transfer can be locally enhanced from the spin effects. Eor example, 
internal heating to the head end can be augmented by vortex flows created by spin conditions. Local spots 
of high heat flux and erosion can also be created at the case wall under submerged nozzles and slots in the 
prpellant grain of a free flight rocket. 

In regions of high heating rate (convection, nozzle, etc.), the energy equation frequently is dominated by 
insulation erosion processes. On the other hand, in regions of lesser heating (head end of combustion 
chamber) the energy transfer process is controlled by insulation char formation and attendant heat 
conduction into the substrate materials. This heat conduction process is highly transient and cannot be 
readily scaled in the time domain. 

Heating conditions for all the design scenarios involve convection, conduction, and radiation modes of 
heat exchange with the dominant feature being transient heat conduction. Typically, heat is transferred 
across a thermal boundary layer to a sacrificial wall insulation that regresses proportionally to the heating 
rate (eroding insulation). Thus a time-dependent convective boundary condition with mass addition from 
the eroding insulation develops. Heat conduction occurs from the combustion gases through the ablating 
material to the virgin insulation and ultimately to the case structural components (see Eig. 7-53). This 
process involves heat conduction through a multilayered stack of charring insulation and several virgin 
insulation materials, all of which quite likely have temperature-dependent thermal properties. 

7-7.3.2 External Heating 

Aerodynamic heating to the rocket skin must be considered, particularly by hypervelocity free flight 
rockets. A detailed discussion of equations employed under this condition is beyond the scope of this 
overview. The reader is referred to discussions of external convective flows in Appendix C, computer 
programs B-2.7 and B-2.8 in Appendix B, and in Refs. 47 and 48 of this chapter. Eurther discussions of 
aerodynamic heating are included in a sample problem presented in par 7-7.9. 

7-7.3.3 Internal Heating (Case and Nozzle) 

The greatest sources of heating to be designed for in a free flight rocket occur in the rocket motor 
combustion chamber and nozzle. The length-distribution is depicted in Eigs. 7-.54 and 7-55 for internal 
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Figure 7-53. Physical Situation for Sacrificial Ablative Insulation 


case and nozzle heating. Note that as gas velocities increase down the motor port toward the nozzle, the 
wall heat flux increases and becomes a maximum at the nozzle throat. Radiation remains relatively 
constant throughout the combustion chamber and then decreases as the local static temperature decreases 
in the nozzle. 

Calculations for convective heat transfer coefficient of the nozzle flow are discussed in detail in Ref. 49 in 
which the integral boundary layer approach is employed. Ref. 50 discusses a simplified equation by Bartz 
based on pipe flow correlations to calculate the nozzle heat transfer coefficient. (This reference has wide 
acceptance in the thermal design community.) Further discussions of procedures for calculating 
convective heat transfer coefficients can be found in fundamental heat transfer textbooks such as Refs. 51 
through 54. In essence, convective heating at a given location is determined primarily by motor pressure, 
gas enthalpy (flame temperature), and gas velocity. 

The simplified Bartz turbulent flow correlation of Ref. 50 is shown in Eq. 7-89 in dimensionless form 
expressed as a Stanton Number ST or by the symbol Ch as shown in [he analysis program discussed in 
Appendix B-2.12. 
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where 


h = convective heat transfer coefficient, W/m^*K 
Cp — gas specific heat at constant pressure, kJ/kg'K 
h = enthalpy-based heat transfer coefficient, kg/m^*s 
Re = Dvp/p, Reynolds number, dimensionless 
D = characteristic length dimension, m 
p = gas density, kg/m^ 

V = gas velocity, m/s 
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Pr = ixcp/k, Prandtl number, dimensionless 
H = gas dynamic viscosity, kg/m*s 
k — gas thermal conductivity, J/s-m-k. 

The convective heat flux is then calculated from the following expression involving heat transfer 
coefficient and enthalpy: 

Qconv = h{iR — iw), W/m^ (7-91) 


where 

qconv — convective heat flux, W/m^ 
iR — CpTg recovery enthalpy, J/kg 
iw = CpTw, wall enthalpy, J/kg 
Tg = temp)eralure of gas, K 
Tw = temperature of wall, K. 

The primary source of radiation heat transfer in a rocket motor is from particulate in the combustion 
gases. Classic radiation theory is employed to simulate radiation exchange between the combustion 
products and the case wall. By far, the most influential parameter in radiation is temperature because a 
fourth power relationship exists. 

Ref. 55 covers thermal radiation heat transfer. In addition, commonly used textbooks such as Refs. 48, 
51,52, and 53 can be consulted. The propellant characteristics-flame temperature and weight fraction of 
condensables—are the controlling parameters, followed by emissivities of the particles and the wall 
emissivity/absorptivity/view factor. 

A commonly used equation for calculating the net radiation flux to the internal insulation for 
insulation design purposes is 


qnei rad 


Fg-wo{Tg - Tw), W/m^ 


(7-92) 


where 

qnet rad = net radiation exchange among particles, gas, and wall, W m" 

Fg-w = form factor between gas/particle stream and the wall; it is the shape fac tor (fretiuently 1) 
multiplied by the emissivity factor (primarily controlled by particulates in the How), 
dimensionless 

a = Stefan-Boltzmann constant, 5.67X10 * W/m^'K'* 

Tg = gas/particle temperature, K 

Tw = insulation surface (wall) temjjerature, K. 

The total heat flux q,„,to an insulation is the sum of convection and net radiation as 

qtot qconv Qnet rad, W /m . (7-93) 

The value of q,„,is applied as a boundary condition to a heat conduction model to calculate internal 

temperatures within a case insulation. 

Transient heat conduction is well covered in Refs. 56 and .57. Simplified solutions in graphical form 
have been developed by Schneider (Ref. .58). The major problem with the classic conduction solutions is 
that it is extremely difficult to obtain a general solution to the regressing-boundary transient heat 

conduction scenario for variable boundary conditions of both convection and radiation. Consequently, 

numerical techniques involving finite differences and finite elements have been employed to solve most 
heat transfer problems associated with the design of solid rocket motors. 
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A solution to this transient heat conduction problem essentially involves integration of the following 
energy equation expressed in differential form for a regressing boundary (eroding insulation surface): 


I 



II 



+ pCYe 


III 



where 


c 

t 

T 

k 

Tc 

X 


— insulation densiiv, kg 
= insulation specific heat, kj kg‘K 
= time, s 

= insulation temperature as a function of time and space, K 
= insidation thermal conductivity, W m-K 
= regression rate (erosion) of insulation, m s 
= distance from regressing surface into insulation, m. 


(7-94) 


The thermal properties vary with temperature, and the various terms in Eq. 7-94 have the following 
physical relationships: 

I. Time late of energy accumulation. This term can be related to the temperature rise at a particular 
point. 

IT Energy transfer by thermal conduction in the solid. 

III. Rate of energy convection due to motion of the surface (if a moving coordinate system is used). 

7-7.3.4 Exhaust Plume Heating 

Another thermal discipline required for the design and analysis of free flight rockets is the ability to 
calculate exhaust plume heating. This discipline overlaps supersonic flow field analysis techniques. Erom 
a thermal standpoint the major parameters of interest are plume radiation and supersonic plume 
impingement heating. 

The severity of plume radiation to a given point of concern is primarily controlled by the geometric view 
factor between the plume cloud and the point, the propellant gas and particle cloud temperature, and the 
particle content of the exhaust gases. (Highly aluminized propellants are most severe.) 

Exhaust plume heating to a surface is primarily controlled by the local impingement angle of the 
particles and gas with the surface, the local pressure, and the local Mach number. Ref. 59, a JANNAE 
handbook, contains excellent discussions of the plume heating problem as well as other information on 
rocket exhaust plunes. The computer programs identified in Appendix B as B-2.11 (SEE) and B-2.14 
(BLIMPK) are also recommended sources of information for conducting plume heating calculations. 


7-7.3.5 Propellant Effects 

Propellant gas properties have a significant influence on the severity of heating to the case and nozzle 
walls. Depending on the trade-off between plume signature (minimum smoke) and motor performance, 
the propellant type in a free flight rocket motor can vary from a highly aluminized formulation for 
maximum performance to a nonaluminized, energetic binder system consisting of nitramines (RDX, 
HMX) or double-based (nitroglycerine, nitrocellulose) propellant for minimizing primary and secondary 
smoke emissions. Por example, a highly aluminized (up to 23%) HTPB* propellant has a flame 
temperature of up to 3.560 K and a condensed-phase mass fraction of up to 34%. These characteristics create 
quite severe levels of radiative heating and particle impingement effects on the case wall. In contrast, the 
more benign minimum smoke propellant (nitramine or double-base) with its lower molecular weight, no 
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particulates, and 2000 to 2450 K flame temperatures, produces much lower levels of radiation and particle 
impingement. 

As an intermediate intensity thermal environment, the reduced smoke. HTPB-composite propellants 
contain no aluminum but may have significant amounts of oxidizer. These propellants have a much lower 
flame temperature (2890 K) than the aluminized version and less than 1% condensed-phase particulate. 
However, the oxidation potential (chemical erosion) of the propellant gases, particularly with hydrocar¬ 
bon insulations and liners, is high and frequently offsets the effect of lower flame temperature and mass 
fraction of particulates. 

Calculations for propellant gas properties-flame temperature, molecular weight, specific heat, 
specific heat ratio, gas viscosity, etc. —are usually obtained from equilibrium thermochemical calculation 
programs such as the one presented by Svehla and McBride and referenced in par B-2.10. Appendix B. 

7-7.3.6 Heating Interval 

Significant)" different heating conditions occur between the pressurized interval (motor operation) and 
the coast-to-target interval when stored heat soaks out into the structure. The motor case is highly stressed 
during the pressurized interval and must be kept cool. However, during the coast-to-target stage, only 
flight bending loads apply; therefore, the structural members can tolerate some heating. The amount 
depends on the case material. Designs optimized for cost and performance may result in either a steel (of 
various strength levels), an aluminum, or a composite case. Accordingly, insulation design must be 
compatible with various case materials as well as a range of propellant types. 

7-7.4 MECHANISMS OF THERMAL PROTECTION 

The primary mechanism of thermal protection for internal insulation in a free flight rocket is ablation 
of a sacrificial material as shown in Fig. 7-53. As the material is exposed to high-temperature combustion 
gases, it decomposes into pyrolysis gases that leave the surface and feed into the boundary layer, creating 
some degree of transpirational cooling. 

A char layer is left behind on the surface of the heated insulation. This char layer protects the virgin 
insulation, but the layer is swept away at an erosion rate that depends on a balance between the shear forces 
(Reynolds number) of flow across the surface of the char and the resistance of the char surface to this shear 
force. Char layer resistance to shear forces is very closely related to the integrity of the insulation filler 
material at char temperatures of up to 2800 K. Fiberous materials as fillers provide the greatest erosion 
resistance if the fibers can withstand the elevated temperatures without losing strength. 

Thermal penetration below the char layer is primarily controlled by thermal properties-conductivity 
k, density p, and specific heat c—of the insulation. The entire process is transient so the thermal diffusivity 
k (pc) or a is the controlling thermal property of the material. 

The most desirable thermal characteristics of an insulation would be to have filler materials that provide 
high erosion resistance to the char layer yet maintain the virgin insulation with a low thermal diffusivity 
to minimize thermal penetration. This type of material would provide the most protection with the least 
thickness. 

7-7.5 MATERIALS 

Although a variety of materials are employed as rocket motor insulations, the materials generally can be 
categorized by their ability to withstand certain heating environments and exposure times. For a given 
propellant selection, the heating environment is controlled primarily by motor pressure and local gas 
velocity, whereas exposure time is determined by grain design and motor burn time. With the exception of 
a few locations (such as the aft case), gas velocities are relatively low. in the motor case interior. The low 
velocities rapidly increase to high velocities in the nozzle. Accordingly, rocket motor insulating materials 
can be categorized roughly as case insulations and nozzle insulations. For purposes of describing a 
"typical" free flight rocket, the characteristics of several roctet motor insulations are discussed. However, 
the choice of materials presented is by no means all-inclusive; the selection of insulation material is a very 

empirical process. 
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7-7.5.1 Case Insulations 

Rocket motor cases are coated with a "liner" whose primary function is to bond the propellant to the case 
wall. This liner also serves as a case insulation under conditions in which heating rates are low and 
exposure times are short. A heat transfer analysis must be conducted for exposed portions of the liner to 
confirm that thermal penetration to the case wall is not excessive. Typically, the liner will be composed of 
a polymer having the same characteristics as the propellant but will be filled with fine particulate such as 
carbon black. The material has relatively low thermal conductivity and little erosion resistance. 

In regions of the motor where slots in the propellant grain burn through to the case wall before motor 
web time"^ (for pressure trace-shape control), gas velocities can be high and more erosion-resistant 
insulation materials must be employed. Frequently, a high elongation material such as a rubber will be 
filled with fibers rather than particles to increase erosion resistance over the basic liner material that may 
be used elsewhere. 

Thermal property characteristics of typical rocket motor case insulations (and liners) that can be applied 
at the head end, cylindrical section, and propellant slots are shown in Table 7-16. 

7-7.5.2 Nozzle Insulations 

The aft case and nozzle entrance region are grouped together for discussion purposes. In this entrance 
region, gas velocities rapidly accelerate from a Mach number of around 0.10 in the propellant grain section 
along the case wall to a Mach number of 1.0 in the throat. Furthermore, this converging flow has a wall 
impingement component that can become very significant on heat transfer and erosion in the nozzle 

*Motor web time is the time at which major portions of the burning surgace reach the case wall. After this time the burning surface area rapidly 
decreases. 


TABLE 7-16. TYPICAL INSULATION THERMAL PROPERTIES 
(ROOM TEMPERATURE VALUES) 
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Density 
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entrance region. Consequently, a more erosion-resistant material is needed in the aft case/nozzle entrance. 
At this point hard insulations are used to provide greater shear strength in the char layer. 

Entrance region insulations frequenty consist of a fiber-filled phenolic, which, if erosion resistance is 
adequate, will be fabricated from a molding compound for cost reasons. For a free flight rocket 
application, the design guideline (or constraint) is usually to select the least expensive insulation that will 
provide the necessary erosion resistance and performance reliability) for the heating environment and 
exposure time at the location of concern. In fact, this guideline applies throughout the nozzle including 
the entrance, throat, and expansion sections. 

The throat section is most critical structurally and thermally because heating rates and pressures as well 
as the axial gradients of these parameters are greatest at this point. 

Selection of throat materials requires an interaction with the interior ballistics specialists to decide 
whether the motor design is to be based on a relatively constant throat area or an eroding (increasing with 
time) throat-area concept. Once the throat erosion approach has been established, an appropriate throat 
insert material can be selected. An economical, relatively low erosion rate throat material choice is a 
monolithic graphite or a carbon/carbon (more expensive) insert. If these materials are used, they must be 
backed up with an appropriate, lower conductivity insulation to prevent heat penetration to the nozzle 
structural members during motor operation. Thermal and stress analyses are mandatory for this design 
approach. 

If an "eroding throat" concept is employed in the design, a carbon phenolic or silica phenolic throat 
insert can be used. For this design approach the most important aspect of an analysis becomes the 
prediction of throat erosion. 

Selection of insulation materials for the exit cone will also depend on the throat insert because transition 
to the exit cone material must be compatible with the flow and erosion characteristics of the insert 
material. Otherwise, a supersonic flow downstep will be created at the material interface, resulting in 
performance losses and locally enhanced heating in the expansion section insulation. Typical thermal 
properties for nozzle insert and expansion sections are shown in Table 7-16. It should be noted that these 
thermal properties are highly temperature dependent. Generally, the thermal conductivity and specific 
heat of the phenolics increase with temperature while those of graphites and carbon/carbons decrease at 
elevated temperatures. All values shown in Table 7-16 are for room temperature conditions. 

7-7.6 DESIGN REQUIREMENTS AND CONSTRAINTS 

The first step in the analysis and design of a thermal protection system is to establish clearly the 
insulation design requirements and constraints for the entire missile. For a free flight rocket, as well as 
most rocket motors, the major insulation design requirement will be related to the maximum allowable 
temperature at which structural integrity of the missile system can be maintained. Structural integrity also 
implies that the insulation system should remain intact under all combinations of operating conditions. 
This means that appropriate bond interfaces between adjacent materials and components should main¬ 
tain their integrity. 

Maximum allowable temperatures may be further subdivided into time-dependent limits that apply to 
motor operation when internal pressure loads and possible flight-bending loads are on the case and to the 
postpropulsive coast-to-target stage when only flight-bending loads apply. 

Allowable case and nozzle structural member temperatures will depend on the materials used and the 
stress levels experienced by the materials. A typical value of allowable case temperature for a steel case is 
700 K. Aluminum and composite (Kevlar®) cases lose strength rapidly above 39.5 K. Even though a steel 
case may be able to withstand 700 K, a lower limit may be imposed for a steel case rocket motor because of 
the adhesive used on the rocket to attach launch lugs or to hold insulation in place. A typical adhesive 
would begin to lose strength above 400 K. During the coast-to-target stage, allowable structural tempera¬ 
tures can be higher than for the pressurized interval, but the designer still may not want the adhesives used 
on the system to fail. 

To provide some conservatism to the design, typical design practice is to allow less than a 5-deg C 
temperature rise in the structural parts until motor web time and then to permit the case temperature to rise 
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gradually to a value just below the point of case strength degradation at the end of the longest coast 
trajectory. 

For composite cases, it should be noted that thermal conductivities of the structural case wall are such 
that there will be a very significant temperature gradient through the case wall. In fact, the structure is 
behaving like an insulator in which the case exterior side will not heat up until well after motor operation 
is over (unless aerodynamic heating is also significant). The critical area of concern for a composite case is 
heating toward the case interior side because case fiber strength is so dependent on temperature. 
Consequently, for these case materials the design requirement should be that the case interior temperature 
should not rise above a specified value by some specified elapsed time. 

Although most free flight rockets will not be exposed to severe environments of aerodynamic heating, 
consideration must also be given to the combined effects of internal (motor heating to the case wall) and 
external heating to exposed parts. For the hypervelocity rockets, in particular, the combined heating 
effects can become significant. An approach employed by designers to "uncouple" the effects of combined 
and external heating is to prescribe that no internal heating penetration to the case wall will occur during 
powered flight. In this way the combined effects of heating will only be present on the case wall after 
maximum case stresses have occurred. 

Besides the primary thermal design requirement for maintaining case structural integrity, there are 
usually several design constraints that must be established and assigned priority before proceeding with a 
thermal analysis. Some of the constraints may be subtle, and some must be traded off with other system 
design requirements during the preliminary design phase of the rocket. For example, the thermal design of 
a rocket system might be driven by any one or a combination of the following design constraints on the 
thermal protection system: 

1. Minimum weight cross section of insulation 

2. Minimum thickness (so more propellant can be loaded) 

3. Compliance with a specific margin of safety on insulation erosion or strength 

4. Minimum cost (includes raw materials, fabrication, and insulation) 

5. Insulation pyrolysis contribution to minimum signature (electromagnetic wave interference, 
visible smoke and particulate, afterburning, etc.) 

6 . Insulation reliability, reproducibility, and service life considerations 

7. Chemical and bond compatibility with propellant formulation—i.e., plasticizer migration, etc. 

8 . Processing and installation constraints. 

The relationship between these factors depends greatly upon mission requirements. For a free flight 
rocket motor, however, it is assumed that high production volume, design simplicity, and minimum cost 
will provide the guidelines for establishing the ultimate priority on insulation design constraints. 

7-7.7 APPROACH TO THERMAL ANALYSIS 

Now that the various (considerations have been discussed separately, it is appropriate to discuss the 
sequential approach employed in conducting a thermal analysis in support of insulation system design for 
a free flight rocket. The following tasks must be addressed in more or less the order shown, but it is obvious 
that some of these tasks require interactions and some usually are conducted concurrently: 

1. Establish the design requirements and constraints of the system. 

2. Select critical areas to analyze such as 

a. Case. Specific locations will depend on the propellant grain design. Candidate locations include 
those areas that become exposed during propellant burn back, those areas subjected to high velocity flow 
of combustion gases, and those motor cases subjected to severe aerodynamic heating effects. Typical 
examples are 

(1) Case head end and igniter 

(2) Case midsection. This area is exposed to tail-off heating only and probably requires no 
insulation (just the liner used to bond propellant to case). 

(3) Aft case. This area may contain propellant slots that burn out to expose the case wall to 
high-velocity gas flows. (Note that for some designs the slots may be in the forward part of the case.) 
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b. Nozzle. Specific areas that merit attention are 

(1) Aft case convergence and nozzle entrance section 

(2) Throat (Establish design approach—eroding versus low-eroding throat insert material.) 

(3) Expansion section. 

3. Calculate heating conditions and exposure times for each selected location to be analyzed. This 
requires calculations from propellant thermochemistry for gas transport properties. Conduct aerodynamic 
heating analyses to determine external heating conditions. 

4. Select candidate insulations to analyze. 

5. Obtain thermal and erosion properties for candidate insulations. If the data are not availablr, 
laboratory and subscale testing of insulations must be conducted to obtain needed information. Eor 
example, thermal conductivity}', density, and specific heat of both virgin and char materials are necessary, 
and empirical data to define the insulation erosion rate as a function of heating conditions are required. 

6 . Simulate thermal performance of candidate insulations for selected critical locations by using 
thermal models. Results of the analysis are predictions for temperature versus time at any point in the 
section analyzed, prediction for erosion and char of insulation. 

7. Compare results of thermal analysis with design requirements and constraints. 

8 . Select insulations to be used and calculate final thicknesses to meet all requirements. Optimize 
insulation design from a design constraint priority list. This also requires an interaction with the 
structural designer and the interior ballistics specialist. 

7-7.8 ANALYTICAL TECHNIQUES 
7-7.8.1 General 

Since most thermal processes associated with insulation design and prediction of structural member 
temperatures are extremely complex and highly transient in nature, thermal simulation computer 
programs are employed to consider the time-dependent processes. To be most effective, these programs 
must be calibrated or correlated with experimental data. The experimental data are frequently of two 
kinds-subscale test data and laboratory characterization data defining the insulation decomposition 
characteristics. The thermal simulation program is then used to scale insulation performance from the 
controlled, "calibration" environment of subscale hardware to the rocket motor design conditions of 
concern. This is accomplished generally by employing the conservation equations of mass, momentum, 
and energy. 

Thermal models will vary in complexity from purely empirical, through the semiempirical, to the 
complex analytical types. The empirical types may be satisfactory for interpolative use when bounding 
conditions are known from previous testing. At the other extreme the complex analytical modes are the 
most difficult to use and interpret, but they are the most genera] and can be most effective for extrapolating 
data or making a priori predictions. 

An extensive discussion of analytical techniques for conducting thermal analyses is beyond the scope of 
this handbook. The reader is directed to the references cited in the subparagraphs that follow for detailed 
information. Consequently, the discussion will focus briefly on (1) where to find information on nozzle 
thermal design and (2) the framework of inputs and general approach taken in conducting the most widely 
accepted complex analytical technique for simulating solid rocket motor thermal protection systems. 

7-7.8.2 Nozzle Thermal Techniques 

A general nozzle thermal design handbook has been prepared by Ellis, et al, for NASA (Ref. 60). This 
reference provides an excellent overview of nozzle design including thermal considerations. A good 
summary paper on thermostructural behavior of nozzles is presented in Ref. 61. This paper describes the 
interaction among nozzle aerodynamic analyses, thermal analyses, and finally structural analyses used to 
design a nozzle. The aerodynamic design characteristics are further elaborated in Ref. 62. 

A semiempirical nozzle erosion prediction model used in the nozzle analysis program discussed in Ref. 
63 is an effective technique for predicting nozzle erosion rates and correlating nozzle erosion data for 
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various design conditions. This technique employs a simplified correlation of the more complex analyti¬ 
cal model discussed in par. 7-7.8.3. Erosion rate is defined as a function of the convective heat transfer 
coefficient, material density, and an effective blowing parameter that is related to the propellant oxidation 
potential and flame temperature. The effects of throat material thermal conductivity, initial temperature, 
and surface temperature are approximated. 

7-7.8.3 Complex Analytical Techniques 

To calculate structural member temperature versus time for any thermal protection component of a free 
flight rocket (combustion chamber or nozzle wall), a transient thermal analysis program is necessary. Such 
a computer program simulates the processes of char-forming ablation and erosion while accounting 
individually for various mechanisms and transient energy absorption processes taking place in a 
multilayered material undergoing thermal degradation. Thermal response is calculated from finite- 
difference solutions to the energy equation by incorporating one moving boundary. Both temperature and 
density gradients are considered as the virgin material is allowed to char and erode. In addition, surface 
efects such as the fractional blocking of convective heating due to outgassing (blowing) into the boundary 
layer are considered. 

The most comprehensive thermal simulation program employed in the design and analysis of thermal 
protection systems is described in par. B-2.12, Appendix B. This program, known as the Aerotherm 
CMA3, also requires as input a set of surface thermochemical data generated from the thermochemistry of 
the propellant and insulation species. These data are created by first running ACE, an equilibrium surface 
thermochemistry calculation program described in par. B-2.13, Appendix B. 

An overview of the analysis procedure for running CMA is shown in the flowchart of Eig. 7-56. It can be 
seen that input is required for combustion gas transport properties, gas flow field (both inviscid and 
viscous), and insulation material properties which are temperature dependent. Chemical, convective, and 
radiative boundary conditions are calculated as input to the thermal model. A further breakdown of input 
parameters is listed in Table 7-17. Capabilities of the program are briefly described in par. B-2.12, 
Appendix B. Outputs are primarily the time-dependent surface recession rate, char rate, and temperature 
distribution through the composite layers of insulation and structural members. 

Although the CMA program requires rather extensive experience for proficient use as a design tool, it 
provides the most comprehensive and general framework for making a priori calculations on thermal and 
erosion characteristics of rocket motor insulation materials. 

7-7.9 SAMPLE THERMAL DESIGN PROBLEM FOR AERODYNAMIC HEATING 
7-7.9.1 General 

The objective of this paragraph is to present a relatively simple but representative motor case design 
problem involving aerodynamic heating calculations for a ballistic trajectory that is typical of a free flight 
rocket. Results of example aerodynamic heating calculations are presented for a rocket case at a point near 
the forward end of the solid rocket motor where external heating contributions would be greatest to the 
solid propulsion system. A general schematic of this rocket is shown in Eig. 7-57 where the point analyzed 
is located 2.26 m downstream of the nose. 

The purpose of an aerodynamic heating analysis is to calculate the local enthalpy-based aerodynamic 
heat transfer (coefficient, recovery enthalpy, and hot wall heat flux as a function of time for a prescribed 
body location and a predetermined trajectory of the missile. Eor design purposes, a worst location on the 
missile and a most severe aerodynamic heating trajectory are selected. The designer should be aware that 
frequently more than one trajectory can create a set of worst design conditions. Eor example, a high- 
velocity, low-altitude, short time-to-target trajectory will cause the highest heat fluxes; however, a 
high-altitude, lower velocity, long time-to-target trajectory can create the greatest amount of time for 
external heat to soak into the missile interior. Accordingly, both trajectories should be analyzed during the 
design phases of a missile. A long-range, ballistic flight was selected for illustration purposes in the 
sample problem. 
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Figure 7-56. Analysis Procedure Flowchart 
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TABLE 7-17. INPUT PARAMETERS 
REQUIRED FOR THERMAL ANALYSIS 
OF CHAMBER AND 
NOZZLE INSULATION 


1. Pio[5ellant elemental composition 

2. Piopellant theoretical flame temperature 

3. C>)mbustion chamber operating conditions 

4. Motor and nozzle geometry 

5. Combustion product radiation properties 

6. Surface material elemental chemical composition 
and constituent makeup 

7. Material density 

j 8. Material tbermophysical properties (virgin and 
chan: 

a. Specific beat 

b. Thermal conductivity 

c. Surface emissi\ ity 

j d. Heat erf formation 

e. Decompersition kinetics 



Figure 7-57. Sketch of a Hypothetical Free Flight Rocket Showing Geometry Pertinent to 
External Heating 
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The input parameters from a trajectory required to conduct an aeroheating calculation include missile 
velocity (or Mach number), altitude, and angle of attack as a function of time. The time-dependent output 
heat transfer coefficients and free stream enthalpies from the aeroheating analysis are then applied as a 
boundary condition to a multilayered heat conduction program. This program is used to calculate 
thermal penetration of the external heat (usually radially) into the solid rocket motor components. 

Various body shapes, flow fields, heating methods, and thermodynamic properties fo the fluid can be 
selected to conduct an aerodynamic heating analysis of a rocket motor. The method of analysis selected for 
the sample problem is discussed in the subparagraphs that follow. More detail on solution equations for 
several aerodynamic heating calculation techniques can be found in Appendix C. 

7-7.9.2 Aerodynamic Heating Calculations 

The determination of aerodynamic heating effects at a specified location of a missile requires the 
repetitive, sequential execution of three primary analytical calculations: 

1. Flow field analysis 

2. Aerodynamic heating rate calculations 

3. Wall temperature (and in-depth) temperature calculation. 

The flow field analysis results in the determination of local thermodynamic fluid properties at the edge 
of the boundary layer around the missile. These properties are then used in the prediction of aerodynamic 
heating rates by using a selected set of established semiempirical methods. From the predicted 
aerodynamic heating rates, the wall temperature response can be evaluated. Because the transport 
properties required in aelodynamic heating predictions are wall temperature dependent, a forward 
difference numerical technique is employed to perform aerodynamic heating calculations as a function of 
time. 

For the purposes of the sample problem, supersonic flow over a cone was employed to calculate the flow 
field around the rocket motor. Equilibrium air (real gas) assumptions were used for the determination of 
the air thermodynamic properties from the standard atmospheric model-i.e.. plessure, density, acoustic 
velocity, entropy, and enthalpy. 

Aerodynamic heating calculations were based on the modified Spaulding-Chi method (see par C-3.5. 
Appendix C) which considers turbulent, compressible flow over a flat plate. This calculation procedure 
was selected because experience has shown that this approach is prudent for the analysis of downstream 
sections of a missile at the solid rocket motor location (Fig. 7-57). 

The velocity and altitude versus time upon which aerodynamic heating calculations were based are 
shown in Fig. 7-58. These flight conditions were calculated for a ballistic trajectory of a missile having the 
following specifications: 

Payload mass = 1135 kg 

Propellant mass = 1343 kg 

Total vehicle mass = 2925 kg 

Motor web time = 15 s 

Average chamber pressure = 9.7 MPa 

Launch angle = 50 deg (zero length launch rail) 

Total flight time = 86 s. 

As indicated in Fig. 7-58, maximum velocity was achieved at motor burnout of 15 s. maximum altitude 
was attained at 43 s and ground impact occurred at 86..5 s. This ballistic trajectory of Mach number and, 
altitude versus time was used for making the modified Spaulding-Chi heating calculations. In addition a 
zero angle of attack was assumed for the sample problem. 

Results of the aerodynamic heating calculations are shown in Fig. 7-59 where recovery enthalpy i^and 
enthalpy-based heat transfer coefficient h are plotted versus time. Both of these parameters attain a 
maximum value at motor burnout. The heat transfer coefficient experiences a minimum at the time of 
maximum altitude (43 s) primarily because the density of air is least at the point of maximum altitude. 
Then, as the missile returns to earth and air density increases again, h increases accordingly. 
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Figure 7-58. Ballistic Trajectory Input for Aerodynamic Heating Analysis 


1 lu* values of h and ir from Fig. 7-.59 are used in the following equation to calculate hot wall heat flux 
lo the motor case wall.’ 

Qhw h {ir tw), ^V/m (7-95) 

where 

qh^ = hot wall heat flux, W/m^ 
h = enthalpy-based heat transfer coefficient, kg/m^*s 

/» = rectiverv enibnlnv T/L-or 

-- ! . . t'] • J' ■'?> 

iy, — air enthalpy at wall conditions, J/kg. 
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Figure 7-59. Heat Transfer Output From Aerodynamic Heating Calculations 


Hot wall heat transfer implies that the heated wall temperature is used in Eq. 7-95 to calculate heat flux 
rather than to assume the wall temperature remains constant at the initial (cold wall) temperature. In the 
numerical calculation scheme used to obtain the value of the wall temperature from the previous time 
step is actually used to calculate heat flux because the present value of the wall temperature is not yet 
known. 

At this point in the analysis a numerical solution technique (heat conduction program) is used to 
calculate thermal penetration into the rocket motor. Boundary conditions for this heat conduction 
program are the time-dependent values of i^and h from the aerodynamic heating calculations. Output of 
the heat conduction program are hot wall heat flux, wall temperature, and thermal penetration into the 
motor case and internal insulation. 
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Fig. 7-60 shows the results of the heat conduction calculation for qj^^and motor case wall temperature. It 
can be seen that the maximum heat flux also occurs at motor burnout. Maximum case temperature occurs 
at about 28 s whereupon the heat flux becomes negative, i.e., i„> is, and the motor case is cooled for the 
remainder of the flight. 


800 -1 




3 


K. 

E 




h. 

55 

U 


700- 

600- 

500- 


o 

o 


2 


400 H 


300-1 



Figure 7-60. Hot Wall Heat Flux and Motor Case Temperature Calculated From Aerodynamic 
Heating 


From a designer's standpoint the two case temperatures of greatest concern are 

1. Maximum case temperature achieved during pressurized motor operation (up to motor burnout) 

2. Maximum case temperature achieved during coast-to-target. 

For this sample problem. Fig. 7-60 shows that maximum case temperature during the pressurized interval 
(motor burn) is 481 K and during the coast interval (after motor burnout), 727 K. Since the case material in 
the sample problem is steel, and significant case degradation at elevated temperatures does not occur in 
rapid heating environments below 700 K, the calculated case temperature level of 481 K during motor 
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operation does not present a design problem. Likewise, during the coast interval following motor burnout 
when motor case loads have been significantly reduced, the value of 727 K presents no problem. If, 
however, an aluminum or composite case material had been used in the design, provisions would have to 
be made for external insulation on the motor case. 

Thermal penetration through the case wall into the internal case insulation for various flight times for 
the sample problem is shown in Fig. 7-61. It can be seen that at the 1.5-s time of motor burnout the thermal 
wave has only penetrated about 3 mm into the internal case insulation. This should present no design 
problems. During the coast interval the depth of thermal penetration increases, but it is not a design 
consideration either because internal heating contributions to internal case insulation are far more 
influential at motor burnout anti shortly thereafter. Because case stresses are usually so low (flight bending 
loads) relative to the pressurized case interval, thermal considerations for the case and case insulation are 
not a high priority design concern during the interval involving coast-to-target. 

Note that (his sample problem only illustrates aerodynamic heating considerations. In a real motor 
design scenario a significant number of similar thermal heat conduction analyses also would be made for 
the internal heating from combustion gases to establish the required case and nozzle insulation 
thicknesses. These insulation design conditions were discussed previously in parts of par. 7-7, "Heat 
Transfer". The reader is also referred to par. 7-7.8, "Analytical Techniques", in which semiempirical and 
complex analytical thermal protection system design programs are discussed (also see par B-2.12, 
Appendix B). For some of the extremely high-velocity flight conditions, both internal (rocket motor 
combustion product) heating and external (aerodynamic) heating must be considered concurrently in the 
over-all analysis and design of case thermal protection systems. This design approach assures that the 
motor case and heated structural parts of the missile are maintained within allowable structural/thermal 
limits for all phases of a flight. 

7-8 STRUCTURAL TESTING 

Structural members may be of such a form, or loaded in such a maimer, as to make calculations of the 
stresses and strains very difficult. When uncertainties exist concerning the structural integrity, it is usually 
desirable to verify the structure by subjecting it to a proof test of some sort. This is especially true when the 
complexity of the structure makes structural modeling difficult. 

Structural testing specimens usually are configured for the measurement of strain since this is the most 
direct way to determine the stress induced by a loading environment. This technique is comparatively easy 
to use when the stress is fairly uniform over a consider-able length, but it becomes difficult to use when the 
stress is localized or varies abruptly. Localized stress measurements must then br made over a very short 
gage length and with great precision. Special strain gages and extensometers have been developed for the 
testing of such structures. These devices include electrical strain gages; scratch recording strain gages 
adapted especially for dynamic, vibration, or high-acceleration environments; and magnetic strain gages 
for rapidly varying strains. Other methods include special lacquers that are used as a brittle coating to 
reveal crack pattern locations, optical grating methods, and photoelastic methods. 

Structural tests are classified as destructive if the test item is permanently deformed or fractured and as 
nondestructive if the test item is structurally useful after the test. The cost of destructive tests of full-scale 
motor cases can often be prohibitive. However, destructive testing of properly designed subscale models 
can be used under certain conditions when care is taken to duplicate the structural behavior and load 
conditions. However, it is much better to perform structural testing on full-scale devices. 

Nondestructive testing includes inspection and hydrostatic proof tests. Inspection tests must be defined 
in terms of an overall inspection master plan covering all aspects of motor case fabrication. In planning 
the inspection requirements, particular attention must be given to the design to ensure that proper 
inspection can be implemented during the fabrication process. For example, this planning ensures that 
nonmetallic areas do not mask surface or subsurface defects. Inspection tests include magnetic particle and 
dye penetrant techniques and radiographic and ultrasonic inspections. 

The hydrostatic proof test is used to demonstrate the structural integrity of the case for service. The test 
generally is developed to demonstrate that the case has sufficient structural integrity to sustain the service 
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Figure 7-61. Temperature Gradient Into Motor Case and Internal Insulation From 
Aerodynamic Heating for Various Flight Times 
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pressure cycle. During production, hydrostatic proof tests are used to demonstrate that the cases are 
suitable for use as motor cases. Test pressure, temperature, external loads, and pressurization rates are 
evaluated during motor development. 

Additional information on testing techniques can be found in Refs. 22 and 64 through 67. 

7-9 OTHER STRUCTURAL CONSIDERATIONS 

Chapter 3 demonstrates the relationship between structural mass and payload mass when performance 
(range) is fixed. Savings in structural mass allow additional mass to be used by the payload. However, 
structural designs to minimize mass have a tendency to increase the cost and, sometimes, to decrease 
reliability. Therefore, trade-off studies are generally required to evaluate structural concepts versus 
performance and cost. The cost analysis should include the life cycle costs of research and development, 
manufacturing, storage, etc. Structural trade-off studies should also include the influence on accuracy 
since accuracy influences the effectiveness of the system. Trade-off studies to achieve a fixed level of 
effectiveness at minimum cost may result in simple, low-technology structures. Recent studies of motor 
cases with simple metal tubing and nonmetallic paper-phenolic and plastic closures demonstrate the 
advantage of life cycle cost designs over expensive minimum weight case design concepts. 

Limiting manufacturing asymmetries to improve accuracy requires careful consideration because 
excessive demands for symmetry dramatically increase manufacturing costs. The storage of rocket systems 
is a further consideration since the storage life may be 10 yr or more. During storage, the propellant or case 
materials may creep and take on a permanent set to create asymmetries that degrade the accuracy. The 
storage environment requirements and rotation cycle time of a rocket system directly influence the life 
cycle cost of the rocket system. The service life of a motor can also influence the cost-i.e., if the motor 
service life is short due to the stress level in the propellant or liner bond, then the service life cycle cost of the 
rocket system can be high. Careful attention must be given to the mass, cost, and storage life during 
concept formulation and the preliminary design phase of the structure to ensure that an effective rocket 
system with a minimum life cycle cost is developed. 
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CHAPTER 8 

LAUNCHER CONSIDERATIONS 


An overview of functions that the launcher may provide for the free rocket is presented. Factors that 
impose constraints on the launcher from mission definition and operational requirements viewpoints 
are discussed. Configurational options are Presented with topics relating to the analysis of launcher 
Performance. The Possible interfaces and interactions between the rocket and launcher are Presented, 
including mechanical and electrical inter-faces, exhaust impingement, generation of rocket spin, and 
other design considerations. Launch accuracy is defined, and launch accuracy estimation and mea¬ 
surement are addressed. The effects of rocket flexibility on launch accuracy are presented. 

8-1 INTRODUCTION 

This chapter provides information necessary to understand the interrelationship between the aero- 
dynamically stabilized free flight rocket and its launching device. Rocket launchers are receiving 
increased attention at earlier phases of the rocket system design process—a change from past practices. 
Possible benefits of this approach are improved accuracy and optimization of total system cost. Matu¬ 
ration of the analysis techniques for prediction of launcher and rocket interaction has furthered this 
increased attention. The purpose of this chapter is to introduce the rocket designer to several launcher- 
related topics that may influence the design of the rocket. 

For a period of time following ignition, the aerodynamically stabilized free flight rocket does not 
achieve sufficient velocity to provide the necessary aerodynamic stabilizing forces and moments. Dur¬ 
ing this period the launcher provides the forces necessary to overcome the effects of gravity and rocket 
asymmetry and imbalance. In a real sense the launcher provides initial guidance for the free rocket by 
producing forces that tend to nullify or reduce the effect of rocket disturbances. When referring to a 
free rocket, the launch phase is sometimes referred to as the guidance phase. 

During the guidance phase the launcher and rocket are both part of an interacting dynamic system. 
Manufacturing tolerances, mass asymmetries, and other phenomena produce forces normal to the 
intended path of the rocket. As shown in Chapter 4, many of these normal forces are random in nature. 
A properly designed launcher is capable of reducing the dispersion inherent in the rocket due to the 
random accumulation of tolerances and asymmetries (Refs. 1, 2, and 3). The proper selection of 
launcher structural compliance and control of the launcher motions induced by the rocket can enhance 
the system accuracy at rocket launch. 

8-2 GENERAL 

A rocket is primarily a powered air vehicle. As such, it must have some point of departure, or launch 
point. Rocket launchers have assumed many varied shapes and sizes; the choice depends on system 
requirements and intended uses. Before launching, the launcher supports the rocket and points it in 
the desired direction. During the launch phase, the launcher guides the rocket in its first motion and 
prevents small disturbances from diverting it from the desired path. The launcher can also be used for 
other purposes such as a packaging and shipping case, a transporter, and for imparting other desired 
motions (such as spin) to the rocket during the launch phase. 

The several functions that a launcher may provide and how the system requirements influence 
launcher configuration are discussed in the paragraphs that follow. 

8-2.1 LAUNCHER FUNCTIONS 

There are two primary functions common to all rocket launchers. The first is to support the rocket 
and to point it in the intended direction of flight, i.e., aiming. The second function is to maintain the 
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desired aim until the rocket achieves sufficient velocity to operate without additional support, i.e., 
guidance. 

The launcher may be required to provide many other functions that directly contribute to the 
accomplishment of the free rocket mission. These are discussed in the paragraphs that follow. 

8-2.1.1 Environmental Protection and Conditioning 

The launcher may be required to protect the rocket from the harsh environments it may encounter; 
these include meteorologyical and operational environments. Meteorological environments from which 
the launcher may be required to protect the rocket include rain, hail, and temperature extremes. Opera¬ 
tional environments may include shock and vibration; exhaust from previously launched rockets; mud, 
sand, salt or dirt; as well as electromagnetic, chemical, bacteriologic-al, radiological, and other battle¬ 
field environments. The launcher may also be required to condition thermally all the rockets of a given 
salvo to minimum dispersion due to motor propellant temperature variations. 

8-2.1.2 Test and Checkout 

The operational readiness of a single rocket or multiple rockets can be tested by cormections through 
the launcher. Electrical continuity, warhead type, condition of gas-generating devices, and internal 
temperature are some of the rocket readiness parameters the launcher may sense. This information may 
be displayed for crew considerations or transmitted to automatic equipment for processing. 

8-2.1.3 Transportation 

Launchers may be required to provide transportation of some form for the rocket. Rockets may be 
loaded into the launcher at one site, and the combination moved to another site for firing. Some 
possible forms of transport for the rocket-launcher combination are loading onto another form of 
conveyance such as a rail car or transport aircraft or towing by another vehicle such as a truck, or the 
rocket-launcher combination may be an integral part of a tracked or wheeled vehicle. In each case the 
launcher must provide the means of supporting and restraining the rocket from potentially damaging 
transportation shocks and vibrations. Such devices, sometimes called marching restraints, may be an 
integral part of the rocket supports or they may be separate devices installed at loading and removed 
before firing. 

Some systems are mounted on self-propelled, tracked vehicles to provide maximum cross-country 
capability. The mobility characteristics of the rocket and launcher system are dictated by the system 
requirements and the rocket characteristics. Many medium and large size rocket systems must be air 
transportable. In this case, the designer must be conscious of both weight and size. 

Aircraft systems are mounted on, or are an integral part of, the aircraft. Size, weight, and aerody¬ 
namic (characteristics of the configuration are paramount. A high drag design can slow an aircraft to 
the point at which range and payload are seriously degraded. 

Rocket armament for a tank is also an integral part of its transporter. These systems require serious 
consideration of the available space within the tank and of the burned gases from the rocket. The 
launcher designer must provide the means of exhausting the gases, adequate room for the tank crew to 
operate, and facilities for handling and loading the rockets from within the tank. Considerable inge¬ 
nuity is required to achieve an acceptable balance of space, weight, and safety for systems that are to be 
operated in such closely confined spaces. 

8-2.1.4 Aiming 

The launching device, usually a tube or rail, is supported on an upper carriage through a trunnion 
connection. This is the joint that provides for the angular elevation and depression of the device 
(change in quadrant elevation) necessary to achieve varying ranges for the rocket. If the rocket system is 
large, a means of assisting the elevation change through gear trains, hydraulic pistons, or other suit¬ 
able means, may be necessary. The assist mechanism may be manually operated or may be mechanized 
for remote contro;, faster operation, or for lessening the burden on the launcher crew. 

The launcher rail and upper carriage assembly are mounted on a lower carriage through a vertical 
pin connection around which it can rotate. This provides for changes in azimuth, or direction of fire. 
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Manual operations or mechanized means of assisting the motion may be provided. The lower carriage 
sometimes forms the base of the launcher. It may have wheels mounted to it for towing behind a 
vehicle; it may be mounted on a wheeled or tracked vehicle as a self-propelled unit; or it may, for small 
rocket systems, have legs or a base to stand directly on the ground. 

Launchers may consist of less than these three basic components-rail, upper carriage, and lower 
carriage—but, of course, they must always have the rail or another device for supporting or guiding 
the rocket. For the antitank rocket systems of the M-72 LAW type, for which the launcher is a tube 
supported on the man’s shoulder, the other components do not exist; the man provides the necessary 
motion for changing azimuth and quadrant elevation. In other systems the carriages may not exist as 
such, being reduced to nothing more than pinned joints or very simple support members. When the 
system is self-propelled, the vehicle on which it is mounted may constitute the lower carriage; however, 
it would not be identifiable as such if the launcher were removed. The particular system and the system 
requirements will determine how the launch device is to be supported and how the required motions 
are to be provided. 

8-2.1.5 Ignition, Fuze Setting, and Arming 

The launcher usually is required to provide the energy source necessary to ignite the rocket motor. 
The sequence of ignition for multiple rockets may be determined by the launcher. The number of 
rockets to be fired, accuracy, operational readiness, and warhead mix also may be factors in determin¬ 
ing ignition sequence. Arming the rocket and setting the fuze may be performed prior to, during, or 
after ignition—depending on operational and crew safety considerations. Arming is the remet’al of 
impediments to the function of the rocket ordnance, including the rocket motor and warhead. 

8-2.1.6 Initial Guidance and Spin 

The launcher provides the initial guidance of the rocket until it achieves a velocity at which aero¬ 
dynamic stabilizing forces may be used. The launcher may also be required to spin the rocket to reduce 
dispersion. Initial guidance and spin requirements and effects are discussed in detail in Chapter 4. 
Additional information on producing spin is contained in par. 8-3.5, “Rocket Spin Techniques”. 

8-2.2 SYSTEM CONSTRAINTS ON LAUNCHER 

The selection of a launcher design is strongly influenced by considerations other than accuracy. 
Chapter 1 discussed some of the widely diverse applications of free rockets. Such diversity imposes 
widely different constraints upon the launcher design. 

The degree of launcher mobility is imposed by the mission. By contrast, launchers used for research 
and development usually are fixed installations, while shoulder-fired antitank rockets are man- 
portable and, therefore, highly mobile. Further considerations regarding mobility may dictate whether 
the launcher must be carried, towed, or self-propelled and whether the type of carriage is wheeled, 
tracked, airborne, or man-portable. 

Transportability requirements may impose constraints on launcher size, weight, and external con¬ 
figuration. Transportability constraints are concerned with transporting the launcher as cargo on, or 
within, a separate vehicle such as a truck or transport aircraft. 

Since the rocket and launcher interact as a system during the guidance phase, the accuracy of the 
launching process is affected by both. A properly designed launcher can alleviate the random varia¬ 
tions that are encountered from rocket to rocket. A system trade-off exists between reducing the rocket 
tolerances and the design, analysis, and manufacture of an optimum launcher. Either of these options 
may be at the expense of additional costs or other penalties. A trade-off of rocket costs for launcher 
costs exists when many rockets are fired from one launcher. Rockets are a high density item, and 
modest cost reductions on the rocket may justify additional launcher expenditures. 

8-2.3 LAUNCHER CONFIGURATION 

A wide range of configurational options are available to the rocket launcher system designer. In 
selecting the launcher configuration, the designer must always remain mindful of meeting the system 
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goals. This paragraph delineates the principal configuration options that are of primary importance to 
the system and the factors that influence the choice among such options. 

8-2.3.1 Tactical Considerations 

Operational requirements strong]y affect the selection of the final launcher configuration. The 
environments in which the launcher will be expected to function must be defined in order to assess 
properly the configurational options. 

Meteorological and climatic considerations include temperature, humidity, and air- and water-borne 
abrasive and corrosive particles. Operational considerations include the degree of mobility and trans¬ 
portability required, logistic support, storage requirements, deployability, rapidity of response in 
launching a rocket, serviceability, maintainability, ease of operation, and expected battlefield condi¬ 
tions and survivability. The type of platform on which the launcher is to be placed is a further consid¬ 
eration in determining the launcher configuration. Typical launcher platforms include aircraft and 
helicopter store installation-points, tracked and wheeled vehicles, fixed installations, tripods, and 
humans. 


8-2.3.2 Control of Aiming 

One of the two essential functions of a launcher is supporting and aiming the rocket prior to 
launch. The launcher configuration is strongly influenced by the mass and mass distribution of the 
rocket or rockets to be launched and the degree of aiming accuracy desired. Schemes for control of 
aiming may be categorized as active, passive, or hybrid. A discussion of each scheme follows: 

1. Passive control involves the use of the energy inherent within a system and/or its environment 

along with "natural" feedback to produce a desirable response of the system when acted upon by a 

disturbance. During guidance of a rocket by launcher constraint, the system consists of both the rocket 
and the launcher. Passive design techniques will produce launcher motions due to rocket imperfec¬ 
tions which will compensate for rocket motions after launch due to these same imperfections. This 
compensation can either increase or decrease the impact dispersion (see Refs. 1, 2, and 3). 

2. Active control of rocket aiming is accomplished by the use of a sensor and an external energy 

source to drive the system to a desired aim point and maintain this aim during the launch transient 
period. Active aiming systems are heavier and more expensive than the passive techniques. 

3. Hybrid aiming control systems combine the good qualities of both the passive and active sys¬ 

tems to achieve the desired result. 

In all launcher design problems, passive techniques should be considered first to keep the require¬ 
ments of an active system to a minimum for cost and weight considerations. 

Control of aiming is sometimes referred to as control of launch accuracy. This is correct in the sense 
that elimination of aiming changes during a fire mission eliminates the dispersion that would have 
been introduced by such changes. Control of initial aiming primarily influences bias errors. By way of 
comparison, launcher, guidance techniques (par. 8-3.6) seek to influence precision errors. 

Aiming considerations influence the selection of elevation and traverse mechanisms and their power 
requirements-i.e., manual, electrical, or hydraulic. The use of specific techniques, such as leveling 
jacks and suspension lockouts, also are influenced by aiming considerations. 

8-2.3.3 Research Launchers 

A research launcher is one that is designed to perform basic research in rocket technology. Configu¬ 
rationally, research rocket launchers generally consist of the same group of components as other mil¬ 
itary launchers. 

Research launchers generally are constructed as permanent or semipermanent installations. They 
may provide better rigidity and may be better layed in azimuth and elevation. Weight constraints, 
rapidity of response, and simplicity of operation requirements may be relaxed since mobility is not a 
prime requisite. 

Research launchers may be highly instrumental for testing purposes and may be required to provide 
some protection for any sensing and recording devices employed. 
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8-2.3.4 Tip-Off vs Nontip-Off 

This term tip-off refers to the angular momentum acquired by a rocket due to the action of gravity 
when the forward rocket supports leave the launcher before the aft supports. Nontip-off refers to a 
rocket launch in which the fore and aft supports are released at the same time. Lip-off is a term applied 
to the tip-off effect when the launching device is a plane or trough. Lip-off commences when the 
rocket center of gravity moves off the plane of support. Fig. 8-1 illustrates these terms. 

Care must be taken so that the rotation of the rocket due to tip-off will not cause collision of the 
rocket parts with the launcher. The tip-off effect can be alleviated by increasing the rocket acceleration 
level or the guidance length. Tip-off acts as a bias in the aiming of a rocket as shown in Chapter 4. 

8-2.3.5 Supports 

In launching a rocket, the manner in which the launch device (tube or rail) is supported is deter¬ 
mined by the consideration of several factors. The launch device must possess sufficient structural 
strength to support the rocket without significant deformation (sag) and without being excessively 
heavy. Also the launch device must be sufficiently rigid to avoid excessive vibratory motions and loads, 
and to avoid contact with the rocket during the launching process. In achieving these goals, the launch 
device itself may be constructed to provide these requirements or a system of external supports may be 
used in conjunction with a more lightly constructed tube or rail. 

Straight launch rails may use an external truss or frame system for additional strength and stiffness, 
A helical rail launcher may be attached to a box frame or inside a box tube. Tube launchers may have 
stiffeners, and support and attaching devices combined (see Fig. 8-2). 

A combination of tube and rail design could be affected by forming rails inside the tube during the 
tube extrusion process. The tube could then be twisted to provide a helical rail. 

Smooth bore tube launchers generally are easier to load than rail devices since it is not necessary to 
mate shoes or lugs to rails. While providing more protection to the rocket, tubes make access to the 
rocket difficult once it is loaded. Rail launchers can be constructed so that rocket fins can be accom¬ 
modated in the flight position; tube launchers usually require that the fins be stored and then deployed 
after the rocket leaves the tube. Finally, there are practical limits to the size of a rocket which may be 
launched from a tube due to cost, strength, weight, straightness, and stiffness considerations. 

8-2.3.6 Types of Launchers 

Rockets may be designed and used in an almost unlimited number of ways; consequently, many 
basic launcher configurations have been developed to support this variety of use. Some of the basic 
configurational options are presented in this paragraph. 

One configurational option is whether the launcher will handle single or multiple rounds. Single¬ 
round launchers are meant to launch one rocket. The launcher is then either discarded or reloaded. A 
multiple-round launcher may launch its rocket from multiple tubes or rails, one for each rocket, or it 
may launch a rack of several rockets in succession along the same tube or rail. 

A container launcher may be a completely assembled rocket system or subassemblies that can be 
mated and function as a unit. More is said about container launchers in par. 8-3.3. 

The intended use of a rocket may require that the launcher be man-portable, transportable by nor¬ 
mal weight handling equipment, or airborne. Man-portable launchers are able to be hand carried, 
assembled, and fired in the field. Launchers may be self-propelled, towed, or attached to some other 
propelled vehicle such as a jeep, tank, or aircraft. 

A zero-length launcher is one that supports the rocket but releases it from constraints immediately 
upon first rocket motion, i.e., with zero guidance. The rocket must be adequately supported on the 
launcher and must maintain its aim alignment until it is launched. In practice true zero-guidance- 
length launchers cannot be achieved; however, guidance lengths of no more than a few millimeters 
have been achieved. Mechanical considerations generally will dictate the size and length of the attach¬ 
ing devices which, in turn, determine the actual guidance length in zero-length launchers. 

The zero-length launcher attempts to minimize the interaction of the rocket and launcher and, there¬ 
by, reduces launch errors. Other consequences of very short guidance lengths may be found in Chapter 
4. Figs. 8-3 and 8-4 illustrate some of the combinations of launcher types discussed in this paragraph. 
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(A) Man-Portable, Single-Round, Cxjntainer Launcher 

Figure 8-3. Examples of Launcher Types (cont'd on next page) 
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8-2.3.7 Air-to-Ground Launchers 

Airbrrne rockets often are subjected to a more severe launch environment than their ground- 
launched counterparts. Airborne launchers must be strong to protect the rocket from flight airloads 
and vibrations, light so as not to overtax the capability of the aircraft, possess minimum frontal area to 
minimize the degradation in aircraft performance, and often be inexpensive since they may be jetti¬ 
soned after use. 

Airborne rocket launchers often are separate systems that are attached to the aircraft by lugs (see Fig. 
8-2). The location of the attach point is often dictated by aerodynamic considerations and the availabil¬ 
ity of the ailcraft load-carrying structure. For these reasons, the possibility that flexible effects will 
influence launch accuracy are significant, especially in helicopters. Local airflow effects also act to 
influence launch accuracy. Fig. 8-4 illustrates typical idealized airflow for a fixed and rotary wing 
aircraft. 

Rotary wing aircraft usually impose the more severe vibration environment on the rocket and 
launcher. Tqhis affects accuracy by altering the initial conditions for the rocket (see pars. 4-2.3 and 
4-3.3). The magnitude and frequency content of the titrations are influenced by aircraft speed, 
maneuvering, gross payload being carried and its distribution, the installation location of the rocket 
launcher, and local flow. 

Local flow, i.e., airflow in the vicinity of the rocket launcher, affects accuracy in the same manner as 
ground winds affect a ground launcher (see pars. 4-2.4 and 4-3.4). Factors influencing local flow 
include those that affect the vibration environment. These factors also include random eddies and 
turbulence in the area immediately in front of the launch tube. 

Most airborne free rockets are tube launched. This protects the rocket while in transit and reduces 
the local flow effects of those when the rocket exits the tube. 

Reduction in launch errors caused by vibration and local flow is realized by selecting a high initial 
thrust-to-mass ratio. This has the additional advantage of minimizing the exposure of the aircraft to 
the rocket exhaust. 

8-2.4 LAUNCHER ANALYSIS 

The selection and design of a launcher system can involve a myriad of trade-offs and compromises. 
Fig. 8-5 depicts the launch system analysis process. System requirements, physical data, expected dis¬ 
turbance environment, and other considerations are required as inputs to the analysis process. Basi¬ 
cally, two types of output information are realized. The first type, such as expected variations in rocket 
velocity components and attitude rates, relates to system accuracy. The second type—such as configura¬ 
tion options, reaction times, and launcher reliability- influences the physical characteristics of the 
launcher. 

During the launch of a rocket, the launcher provides forces and moments that direct the rocket along 
the intended path, i.e., launcher initial guidance. Chapter 4 points out that, due to manufacturing and 
assembly tolerances, no two rockets will require the same history of forces and moments to provide the 
needed guidance. The launcher must be able to provide a range of guidance forces and moments to 
accommodate variations in the rocket for which it was designed. Therefore, launcher design analysis 
should be included as one of the primary factors in the system accuracy improvement phase of 
development. 

A well designed launcher can improve the overall accuracy of the system (Refs. 1, 2, and 3). Fig. 
8-6(A) depicts a device analogous to the launcher and rocket system, although much simplified-a 
rail-type launcher with a center-of-gravity (CG) offset. The figure shows a rod, hinged at its base, 
allowing a rotational degree of freedom. The rod is further constrained in its motion by a spring 
(spring 1). The rocket is depicted as a mass that is free to slide along the rod at a point removed from 
the center of gravity of the mass. The mass is moeved along the rod by spring 2, which is also offset 
from the center of mass. When spring 2 is released, the rod will tend to rotate away from spring 1 as 
shown in Fig. 8-6(B). The model might appear as in Fig. 8-6(C) at the instant of mass release. Proper 
selection of the spring constants and the mass distributions can produce changes in the release direc- 
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Figure 8-5. Considerations in the Launcher Analysis Process 
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(C) Fined State 


Figure 8-6. Two-Degree-of-Freedom Launcher Analog 

tion and velocity components that would tend to offset each other. This is passive launch control. 

In extending this model to be more analogous to the case faced by the launcher designer, the consid¬ 
erations that follow must be included. The mass, spring constants, and distances from the center of 
mass to the rod are not precisely known. Each of these parameters, in the rocket analogy, is usually 
describable only in terms of an expected value and a distribution (see Chapter 4). The designer is now 
faced with selecting a spring constant that will eject the mass so that the expected value of the direction 
is along the intended direction of flight. The model may be further refined by the addition of damping, 
modification of the hinge point, inclusion of articulating rods instead of a single rod, additional or 
nonlinear springs, etc. Careful analysis of such modifications should result in a design that would 
substantially reduce the dispersion of the ejection direction (Ref. 2). 

As previously stated, the model used for the rocket and launcher system in this example is a decid¬ 
edly simple one. More elaborate models potentially offer more useful information. This is accomp¬ 
lished by developing an analogous system that more closely resembles the physical system. Another- 
method of elaboration is by increasing the degrees of freedom (DOF) in the model. DOF in this sense is 
any one of tile number of ways in which the space configuration of a mechanical system may change. 
The mechanical analog of Fig. 8-6 possesses 2-DOF i.e., rotation of the mass about the hinge and 
translation of the mass along the rod. 

Pats. 4-5.2 and 4-5.3 plesent examples of analogs of physical systems with 6- and 3-DOF, respec¬ 
tively. Generally, the more DOF a model possesses, the closer the model can be made to represent the 
physical system. 

Low-DOF models are useful in that they can aid in defining the basic motions, amplitudes, and 
magnitudes of forces to be expected. Low-DOF models generally require less knowledge of the system 
parameters and are useful for parametric and trade-off studies. 
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High-DOF models provide more detailed information on the forces and motions expected and 
require that more information about the system be known or estimated. Further, the cause and effect 
relationships in high-DOF models may be less obvious than they are in low-DOF models. 

8-3 INTERFACE CONSIDERATIONS 

In considering the rocket and launcher as an interacting system, there are several interfaces and 
interactions which must be addressed. Interfaces are points at which the rocket and launcher physically 
react with each other. For the purposes of this paragraph, these interfaces are categorized as being 
mechanical in nature, electrical in nature, or resulting from the interaction of the rocket and launcher 
with the rocket exhaust gases. 

An example of a mechanical interface would be rocket supports. The device that transmits the motor 
ignition signal from the launcher to rocket would be an example of an electrical interface. The types of 
interfaces used affect both the launcher and rocket configurations. 

In the subparagraphs that follow several mechanical and electrical interfaces will be defined and 
discussed. Protective container launchers will be discussed as a class of rocket, and the launcher system 
and its functions will be defined. The interaction of the rocket and launcher due to exhaust impinge¬ 
ment will be explained. The effect of impingement on launcher and rocket motion, accuracy, and 
other effects will be discussed. 

A discusson of launcher and rocket motions resulting from mutual interactions is presented in 
Chapter 4. 

8-3.1 MECHANICAL INTERFACES 

Mechanical interfaces between the rocket and launcher are used to accomplish many different func¬ 
tions. Generally, these interfaces restrict the motion of the rocket, such as transportation restraints; 
induce a desired motion, such as helical rails to provide spin; or protect the rocket from damage, such 
as a sleeve in a tube launcher. Several mechanical interfaces will be introduced in this paragrah and 
their intended use or function will be given. Some of the names of these devices have been carried over 
from artillery application, and their current use for defining a specific mechanism is becoming 
imprecise. 

Mechanical interfaces may be used with both tube- and rail-launched rockets. The trade-off process 
for the selection of tube- or rail-launched rockets is influenced by many factors. The most influential of 
these factors is the restraining forces the launcher must supply. Rail launchers usually are required 
when the rockets are more massive, when mechanical devices are used to induce rocket spin, or when 
rigidity is required as for long launcher lengths. Tube launchers usually are employed with smaller 
rockets and usually are from one to several times the length of the rocket. In a tube launcher the rocket 
may be supported by and move along the total inner surface of the tube without other mechanical 
interfacing. 

A rocket support is any device that carries the weight of the rocket. Sometimes the term rocket 
support is used to describe a passive element in the launcher system as illustrated in Fig. 8-7(A). 

A rail is a bar forming a track along which a rocket slides during launch. The rocket is usually 
attached to the rail by a shoe that usually grasps the rail in some fashion. These shoes are either fixed 
to the rocket or are allowed to roll or slide around the rocket circumference. Rails may be twisted into a 
'helical spiral to induce rocket spin. Fig. 8-7(C) illustrates the concept of straight and helical rails and 
shoes. The figure also depicts one form of lug, projection or handle by which something may be 
grasped, as in Fig. 8-2, or it may be a small projecting part of a larger mechanism as in Fig. 8-7(C). 

Both tube and rail launchers may use a device that locks or unlocks a specific movement; such a 
device is called a detent (see Fig. 8-7(B)). 

An umbilical is a servicing electrical and/or fluid line between the launcher or other ground support 
equipment and the rocket. It is usually disconnected immediately prior to, or at the instant of, igni¬ 
tion, but it also may be discormected as the rocket moves along the launcher. 
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Figure 8-7. Examples of Mechanical Interfaces 

Tube launchers may use several devices, subsequently defined, for supporting the rocket in the tube 
or for protecting the rocket from sliding friction. The term bore-rider, usually passive, refers to any 
device that literally rides against the inside of the tube. A sabot, usually discarded when free of the 
tube, is a lightw'eight carrier that positions a subcaliber projectile against a tube and may be used to 
engage grooves to impart spin. Three parts of a sabot, being discarded, can be seen in Fig. 8-3(C). A 
bourrelet is a raised band of material spanning the gap between the rocket and the tube. A bourrelet 
may serve as a gas seal and is usually not discarded after the projectile leaves the tube and in fact may 
be part of the rocket structure. 

other mechanical interfaces serve to protect the rocket by isolating it from the shock and vibration 
environment of launch or to constrain the rocket while it is being transported in mobile launchers. 

8-3.2 ELECTRICAL INTERFACES 

The launcher may provide several electrical functions. These functions, described in the paragraphs 
that follow, may be numerous and varied depending on the particular requirements of the rocket. 

Electrical signals and power may be delivered to the rocket through an umbilical. For the purposes 
of this paragraph, an umbilical is any electrical connection between the rocket and launcher carried by 
wire or cable. The size and shape of the umbilical and its method of attachment to the rocket are 
influenced by the amount of current required, number of functions performed, operational and envi¬ 
ronmental considerations, and method of disconnect. Umbilicals may be disconnected prior to launch 
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or as a part of the launch process. The umbilical may move with the rocket until the cable is payed 
out, at which point the connector is pulled out of the receptacle. An umbilical also may be removed by 
a lanyard at some point prior to launch. Umbilicals that are large or require strong cormectors may be 
discormected by explosive bolts or cut by pyrotechnically activated knives or guillotines. If the umbili¬ 
cal is disconnected prior to launch, all further power requirements are placed upon internal rocket 
power sources such as batteries or gas-powered generator devices. 

The most common electrical function provided by the launcher is rocket motor ignition. Fig. 8-7(B) 
illustrates the principal components of an electrically activated rocket motor ignition system. An elec¬ 
trical connector (not shown) is inserted in the firing circuit receptacle. Simultaneously, the conductor 
spring is forced down, and a cam-lobe on the igniter arm rotates the arm into contact with the igniter 
wires that carry the electrical current to the rocket motor. 

The launcher may interface with the rocket ordnance to provide safing, arming, and fuze setting 
functions. Arming is the act of removing safety devices to enable a dangerous device to operate; this 
action could apply to the operation of the rocket motor or the warhead, or both. An electrical signal 
may initiate the removal of a safing mechanism from the detonation chain of a warhead or the ignition 
chain of a rocket motor. Conversely, safing is the act of returning the dangerous device to an inopera¬ 
ble condition. The launcher may be required to provide safing after an aborted fire mission in which 

the rocket had been previously armed. A fuze is the component that recognizes the optimum time for 

initiation of the explosive elements leading to the detonation of the warhead and initiates such an 

action. The launcher may send electrical signals to start a timer in the fuzing device. After the elapse of 

a predetermined amount of time, the timer emits a signal to detonate the warhead. 

The launcher may be used to perform test and checkout functions for the rocket(s) that have been, or 
are about to be, loaded into it. Equipment associated with the launcher may be used to perform conti¬ 
nuity checks of internal wiring, to detect and to display the condition of internal devices such as 
batteries and gas bottles, and to carry out many other types of checks to determine whether a particular 
rocket is ready for operation. 

With the advent of microprocessors and other low-cost microelectronic devices, the test and checkout 
interface between the launcher and rocket is becoming more extensive and sophisticated. 

8-3.3 CONTAINER LAUNCHERS 

Container launchers are a class of launchers which launch the rocket and provide protection from 
climatic, physical, and mechanical environments during tactical operations, resupply, and storage. 
The container concept is applicable to all classes of rockets from manually handled and shoulder-fired 
to mechanically handled and fired from self-propelled launching platforms (Ref. 4). 

Protective container launchers are particularly applicable to a rocket system designed to be carried 
and fired by an individual gunner or to a system that can be mounted manually on a launching 
platform. Provided the rocket is completely assembled, protective launchers are also applicable to heavi¬ 
er rockets that require weight handling equipment for loading and unloading the mobile launcher. In 
some instances a rocket might be assembled more easily by a sectionalized, protective launcher than by 
conventional methods. A protective launcher may be less attractive when the fielded cost of the protec¬ 
tive launcher approaches the cost of a reusable launcher and conventional containers. The intended 
military characteristics of the system must be considered before a decision can be reached on the use of 
a protective launcher for a particular rocket system. 

The advantages of container launchers are several. The rocket is protected from the elements and the 
shock and vibration of handling and transport, thereby increasing its reliability and useful life expec¬ 
tancy. Handling of rockets is minimized if the container holds several rockets—e.g., external stores on 
an aircraft or large, mechanically loaded mobile launchers. Test and checkout functions and electrical 
ignition can be performed by a single intercormect to the container rather than by several interconnects 
to individual rockets. Container launchers are also attractive as rockets and rocket components, such as 
microelectronics, become more fragile. 

The disadvantages of container launchers include the additional cost, the additional mass of the 
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protective material and container which must be transported, and the difficulty in visual inspection of 
the rockets. 


8-3.4 ROCKET EXHAUST IMPINGEMENT 

The firing of rockets from launchers is accompanied by strong interactions with the walls of the 
launch tubes and other structural elements. The next two paragraphs will discuss these phenomena 
and their impact on launcher related topics. 

8-3.4.1 Internal Exhaust Impingement 

Fig. 8-8 depicts the nozzle exhaust flow in a launch tube that has a gas seal between the rocket body 
and the tube. The flow experts pressure along the walls of the tube; other consequences of this flow are 
heating effects and erosion of the tube material. The patterns of impingement and reflected shock 
waves strongly influence the pressures and temperatures which occur. 

Further computations are introduced because the flow is not exactly axisymmetric, and, therefore, 
shock impingement points may not be perfectly circular around the circumference of the tube. All of 
these effects plus the initial ignition transient (shock) can introduce reaction forces and moments that 
are not precisely deter-minable for each rocket launched. 

Two added phenomena can occur when a gap exists between the rocket and the tube as shown in 
Fig. 8-9. In this case an annual cylinder of space exists between the rocket and the tube, and aspiration 


t 



Centerline of Tube and Nozzle 


Figure 8-8. Elements of Rocket Plume Interaction With Launch Tube 




Figure 8-9. Rocket Exhaust Interaction in a Constrictive, Nontip-Off Tube 
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or blowby may occur (Refs. 5 and 6). Aspiration is the entraining of air into the front of the launch 
tube which flows around the rocket and is ejected with the exhaust through the rear of the tube. 
Blowby occurs when the rocket exhaust encounters adverse pressure gradients and a portion of the 
exhaust flows upstream, around the rocket, and out the front of the launch tube. Both aspiration and 
blowby introduce aerodynamic forces and moments on the rocket. These forces affect accuracy by 
introducing additional motion to the launcher through mechanical interfaces or by translation of the 
rocket itself if the rocket is free of mechanical interfacing within the tube. 

The effect of the flow interactions, the motor ignition shock, the establishment of the shock wave 
pattern in the launch tube, the movement of the rocket and shock wave pattern through the tube, and 
the effects of aspiration and blowby generate a time- and position-related pattern of forces and 
moments which arc transmitted to the launcher. Launcher motion occurs because the launcher cannot 
instantaneously and exactly respond to these disturbances by applying nullifying forces and moments. 
The physical configuration of the launcher and its mechanical compliance and damping characteris¬ 
tics determine the degree and extent of the motion encountered. 

8-3.4.2 External Exhaust Impingement 

For the purposes of this paragraph external impingement occurs when the exhaust gases are not 
constrained, i.e., the gases may expand freely to atmospheric pressure. Fig. 8-3(C) illustrates external 
exhaust impingement on a launcher. A further example of external impingement would be a rail- 
launched rocket for which the rail is supported by an open latticework of simple, structural members. 
Rocket blast loads is a term sometimes used in referring to external exhaust impingement. The princi¬ 
pal effects of external impingement are induced motion of the launcher and erosion of the launcher 
structure. 

In effect, the rocket gases are a high velocity wind flowing around the structure of the launcher. This 
flow induces aerodynamic forces on the affected launcher components to produce launcher motion. 

Rocket exhaust gases have a very high temperature, are very active chemically, and may contain high 
energy particles of aluminum compounds or other solids. These characteristics produce a highly ero¬ 
sive environment for the affected launcher components. Care must be exercised in the design of such 
components so that they can withstand the exhaust environment; otherwise, some form of protection 
must be provided.' 

The accuracy of the rocket launch is affected by the degree of exhaust-induced motion. Also exhaust 
impingement tends to increase the length of time that external forces are being applied to the launcher. 
Residual vibration of the launcher is of concern in determining the timing of multiple launches. A 
further concern in multiple launches is insuring that the second and succeeding rockets are not 
launched into the exhaust environment of a previous rocket. 

Two transient exhaust gas phenomena may occur that can affect the accuracy of rockets. The first of 
these is muzzle blast. As the nozzle exit plane approaches the end of a launch tube (the muzzle), some of 
the exhaust gas will escape in the direction of rocket motion. The circumferential pattern of this 
escaped gas is not generally symmetrical. The exhaust gases interact with the aft end of the rocket to 
alter the local aerodynamics, thereby inducing rocket motions. The second interaction of exhaust gases 
at launch is known as splash back. Splash back is a pressure propagation affecting the rocket plume 
and the aft rocket aerodynamics in much the same manner as muzzle blast, except that it occurs for 
varying distances beyond the nozzle exit point. 

8-3.5 ROCKET SPIN TECHNIQUES 

Spinning a free flight rocket during its boost phase significantly reduces dispersion at the warhead 
event; Chapter 4 discusses this technique of dispersion reduction in detail. Par. 4-4.2.6 describes and 
discusses several spin techniques, their methods of operation, and the consequences of their use. This 
paragraph discusses the impact and consequences to the launcher of the spin techniques described in 
Chapter 4. 

Methods of inducing spin may be divided into two groups by considering whether the spin is 
induced by the rocket or by the launcher. The impact of each technique on the launcher is discussed. 
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Rocket-induced spin usually is accomplished by deflecting the rocket exhaust via jet vanes; by fluted, 
scarfed, or canted nozzles; or by separate rocket motors. Rocket motors, instead of fins, are selected for 
producing launch spin because the fins are relatively ineffective during the launch phase and fins are 
often required to be stowed during launch for packaging and protection consideration. The advantages 
of rocket-inducted spin arise from the consideration that the launcher may be lighter and less complex 
as will be seen from the ensuing discussion of launcher-induced spin. This is an overriding considera¬ 
tion in man-mobile or airborne launchers where heavy, mechanically complex launchers have severe 
limitations. Disadvantages of rocket-induced spin are increased complexity of rocket manufacture and 
a more severe exhaust erosion environment due to transverse components of exhaust flow. 

The most common technique for launcher-induced spin is the helical rail. In this technique, the 
rocket is constrained to follow a rail that has been formed into a helix. The spin rail may be a separate 
device, as shown in Fig. 8-7(C), or the launch rail may be formed into a helix, and the functions of 
launch and spin rails combined. Rails may be extruded on the interior surface of a launch tube, and 
the tube may be twisted into a helical shape. This method seeks to combine the advantages of tube and 
rail launchers. 

Several unique launcher-induced spin methods have been developed or considered. Two such 
methods are prespin automatic dynamic alignment (PADA) and spin on straight rail (SOSR). In both 
of these concepts, prior to ignition, a drive mechanism is used to spin the rocket while on the launcher. 
SOSR is more fully described in par. 4-4.2.6.2, and PADA is described in par. 4-4.2.6.7. 

In launcher-inducted spin systems the launcher must be constructed to accommodate both the spin 
drive mechanism and the reaction forces during spin-up. Therefore, these launchers must be stronger 
and heavier than rocket-induced spin launchers. For systems in which the rocket spin is drive by belts 
or gears, a power source and drive train add additional weight and complexity to the launcher. 

8-3.6 LAUNCHER GUIDANCE SCHEMES 

During the initial motion along or through the launcher, the rocket produces forces and moments 
which tend to displace the rocket from its intended path. The launcher must provide forces and 
moments which tend to cancel or to minimize those producted by the rocket. The action of sensing and 
providing these reactive forces may be categorized as providing guidance to the rocket. 

Guidance may be provided via active or passive sensing of rocket disturbance. Passive launcher 
guidance, in principal, does not attempt to sense the disturbances directly. Rather, the rocket distur¬ 
bances are allowed to act on the physical components of the launcher and, thereby, produce launcher 
motion. The physical components of the launcher are so designed and arranged that, when displaced, 
they produce an opposing action to minimize the motion or its effect. 

Active launcher guidance provides some means of sensing unintended rocket motion and produces a 
nullifying set of forces on the rocket with a magnitude or duration predetermined by the careful analy¬ 
sis and design of a guidance law. The essential difference is that active guidance uses an external 
source of energy other than the rocket motor in producing the corrective forces. 

Both active and passive guidance techniques seek to influence the precision errors in the rocket 
weapon system. By way of comparison, active and passive controls of aiming (par. 8-2.3.2) seek to 
influence system bias errors. 

8-3.7 ROCKET FIN CONSIDERATIONS 

The size and shape of a rocket fin is determined primarily by aerodynamic considerations. The fin 
must provide the required stability at tolerable drag levels. Several other factors-such as stability 
tailoring requirements, packaging, and transportation—influence the final fin shape and sire. Chapter 
5 discusses fin application in detail. 

Since fins increase the overall diameter of the rocket configuration, stowing—followed by eventual 
deployment of the fins- is a common technique. Fig. 8-10 illustrates some of the methods in which 
fins may be stowed and deployed. 

Stowing the fins during launch has a beneficial effect on the launcher because it minimizes the size 
and may allow a simpler structural configuration. Fig. 8-7(C) shows a rocket with fixed fins. In this 
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(B) Wrap-Around Fins 






Figure 8-10. Fin Deployment Schemes 


technique clearance must be provided for the fins within the launch box. Clearance problems are 
further complicated if spin is required during the launch phase. 

Deployable fins usually are designed so that the overall diameter of the stowed fins does not exceed 
the overall rocket diameter. This allows the use of cylindrical tubes as launch devices. Rockets also 
may be more closely spaced in multirocket launchers when the fins are initially stowed. 

In most rocket configurations fins are located in the same general area as the motor and nozzle. This 
competition for space has produced the variety of deployment schemes, illustrated by Fig. 8-10, to be 
considered. 

Fins may be relatively fragile, and any damage to them in the launching process, however slight, 
may produce unacceptable performance of the rocket. 

Fins are usually deployed by a preloaded spring mechanism upon release of a detent device. The 
release may be initiated by a timed electrical signal or by a trip mechanism as the rocket leaves the 
launcher. The launch tube may be used as the restraining mechanism, and the fins are deployed as they 
leave the tube. 


8-19 



MIL-HDBK-762(MI) 


8-4 LAUNCH ACCURACY 

In Chapter 4, accuraty was defined as the measure of the ability of the rocket system to position the 
payload at a given point at the warhead event. Pars. 4-2.2 and 4-2.3 defined the prelaunch and launch 
phases of flight and discussed sources of dispersion and their effects on system accuracy. For the pur¬ 
poses of this paragraph launch-phase accuracy is defined as the measure of the ability of a launcher to 
position a rocket, at the end of the launch phase of flight, in a specified direction and with a specified 
angular rate about a transverse rocket axis. This definition is consistent with the principals introduced 
in par. 4-2.3. 

The reader is referred to par. 4-2.1 for a general discusson of error sources and definitions, and to 
par. 4-4.1 for important considerations in maintaining a balanced approach to the reduction of 
launcher and rocket errors and dispersion. 

8-4.1 MAJOR FACTORS AFFECTING LAUNCH ACCURACY 

In general, aiming errors can be discussed in one or more of the following categories: 

1. Icomplete knowledge or incorrect determination of the location of the launcher or the target 

2. Incomplete knowledge or incorrect determination of the environment to which a given rocket 
will be subjected during its flight from launcher to target 

3. Inability to point precisely the launch device in a predetermined direction. This category is the 
only one of the three which is universally applied to the launcher (see par. 4-4.6). Rocket pointing 
errors are influenced by the mechanization of the traversing and elevation elements of the launcher, 
structural sag in the tube or rail elements, and accuracy of the elevation and azimuth measurement 
devices. Systematic measurement and testing of the launcher can significanty reduce fixed biases, e.g., 
a misaligned launch tube with respect to the sighting device. Other pointing error sources, such as 
asymmetric heat expansion of a launcher due to the sun or previous rocket launches, are not as easily 
accounted for. However, careful attention to manufacturing procedures and basic structural design can 
reduce the effect of these random bias errors. 

It is useful to approach the launch phase errors by visualizing the rocket and launcher as an interact¬ 
ing system. Each rocket will possess specific thrust and mass characteristics that make it slightly differ¬ 
ent from the previous, or next, rocket launcher. These characteristics produce differences in accelera¬ 
tion level, static and dynamic imbalance, and thrust misalignment. Movement is induced in the 
launcher based on the magnitude and orientations of the rocket characteristics, and the dictates of thee 
launcher design. Proper launch design can result in significant improvement in the accuracy of the 
overall system at payload disposition. 

A balanced approach between launcher design and the rocket dispersion reduction techniques of 
Chapter 4 allows more flexibility in system accuracy design than the use of the Chapter 4 techniques 
alone. Fig. 8-5 illustrates the complex interaction of requirements in launcher analysis, of which accu¬ 
racy is only one. Launcher and rocket costs, operational requirements, and intended application must 
be considered in providing an effective launcher and rocket system. 

8-4.2 LAUNCH ACCURACY ESTIMATION 

The analytic estimation of launch accuracy has most often been accomplished by defining the accu¬ 
racy at the and of the launch phase. Extension of the accuracy estimate to the termination of flight is 
then accomplished by statistically combining this estimate with independent estimates for the boost 
and ballistic phases. A second technique involves simulation of the launcher and rocket from ignition 
to flight termination and the recording of the termination points. The accuracy estimates would then 
be described by the statistical distribution of the recorded points. Parameters other than those asso¬ 
ciated with the launcher and rocket—such as ground and ballstic winds and atmospheric variability- 
should be excluded from the analysis since the are more pertinent to system accuracy than to launch 
accurary. Chapter 4 pointed out that a statistical (combination of the accuraty results during each flight 
phase requires statistical independence of the errors among the three flight phases. However, when the 
level of launch accuracy analysis involves dynamic simulation of the launcher, statistical independence 
between the launch and boost phases becomes questionable. Chapter 4 showed thrust misalignment 
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and mass imbalance to be major error sources for both the launch and boost phases. The combination 
of the launch and boost motions due to these sources may act in a manner that tends either to amplify 
or to cancel each other in producing burnout dispersion. Improperly accounting for such effects in the 
statistical combination method may produce overly conservative accuracy estimates. 

Refs. 7, 8, and 9 present some typical findings for a multiple-rocket launcher for which the launcher 
mass is much larger than that of an individual rocket. These results indicate that low cost, accurate, 
smooth-bore launchers may be feasible, and that the influences of expensive nontip-off guide rails may 
not be required. 

Dynamic simulation of the launch process offers further benefits in the selection of spin rates, in 
tube versus rail selection, in launcher carriage selection, and in definition of desired structural charac¬ 
teristics for the launcher. 

The depth of launcher analysis is influenced by the system design phase. Several factors invite more 
detailed analysis of launch accuracy prediction to begin earlier in the design phases, namely, 

1. The cost of simulation analysis is continuously being reduced through advances in computing 
machines and equipment. 

2. Knowledge of the dynamic behavior of complex launchers continues to advance as evidenced by 
Refs. 1, 2, 8, 10, 11, and 12. 

8-4.3 MEASUREMENT OF LAUNCH ACCURACY 

The accuracy of a given rocket or rocket and launcher system can be measured by several methods 
during actual firings. Such testing involves specifically prepared rockets, launchers, launch sites, and 
test equipment. Once the basic launch data have been recorded, they must be mathematically processed 
to account for known sources of error. This processing is known as data reduction. Some random type 
errors may be estimated and reduced by numerical smoothing, curve fitting, filtering, or other numeri¬ 
cal procedures. The final data represent a best estimate of the parameter being measured. These data 
may be numerically processed further to define derived parameters not directly measured, e.g., angular 
rate from angle data or velocity and acceleration from position data. 

There are three general methods by which launch accuracy is measured, namely, 

1. Direct Photographic Method. The rocket is photographed by high-speed motion picture cam¬ 
eras to some point beyond end of guidance. The rocket is photographed against a reference back¬ 
ground, and the launch angles are measured directly from the film frames. Two or more cameras are 
usually employed, vertically oriented cameras photograph the yaw component of launch angle while 
horizontally oriented cameras photograph the pitch angle. Measurements are taken from each camera 
frame at the same time sequence. Mallaunch rates are derived by numerically processing this sequence 
of angular measurements. Rocket launch velocity also can be derived from position readings taken 
from the film. This is the least expensive method of measurement of rocket angular and velocity data. 
Unfortunately, inherent inaccuracies in the methods of taking data from film make this method the 
least accurate for determining mallaunch rates. 

2. Optical Lever Method, This technique may employ photographic or other methods for the 
collection of data. The optical lever refers to a geometric configuration of a camera, a target board, and 
a mirror affixed to the nose of the rocket. The camera and target board are placed downrange of the 
launcher and on opposite sides of the intended plane of flight. As the nose of the rocket moves in 
response to launch dynamics, the camera records sequential positions of the target board which 
become vsible in the nose-mounted mirror. From this and other data, the rocket angular excursions 
can be derived. Another version of the optical lever replaces the camera with an illumination source 
such as a laser. The apparent excursions of the illumination source at the target board position are 
then recorded, and the rocket nose motion is similarly derived. The optical lever is a highly sensitive 
method of taking angular rocket data. The construction of the apparatus is relatively expensive and 
may be subject to considerable risk from malfunctioning rockets. Optical levers may be so sensitive as 
to record excursions of the nose caused by transverse rocket vibration; this could lead to misinterpreta¬ 
tion of launch accuracy if the data were not properly processed (Ref. 13). 
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3. Launcher or On-Board Mounted Instrucmentation. On-Board acceleration sensors may measure 
the rocket dynamic state and transmit this information by telemetry to rocording equipment (Ref. 14). 
Alternately, an on-board transmitter may provide a specialized signal that is altered by the rocket 
motion (Ref. 15). Sensitive reveivers record these altered signals and infer the rocket motion from the 
type and degree of signal alteration. These on-board techniques require careful attention in order to 
match the mass and balance of the instrumented rocket with that of the production version of the 
rocket. The accuracy of launch data is highly dependent on the method of data acquisition, instrument 
calibration procedures, and careful attention to the interpretation of results. 

Ref. 16 provides an overview of the data collection process and prey'ides some acturacy estimates on 
an automatic tracking laser technique. 

8-4.4 FLEXIBLE ROCKET EFFECTS 

Flexible rocket effects can influence launch accuracy in several ways. Significant flexible effects arise 
when the rocket is sufficiently weak in bending with respect to the bending forms and moments to 
which the rocket is subjected. These effects are most pronounced in very slender rockets, i.e., rockets 
with a length-to-diameter ratio of approximately 15 or more. 

When a rocket is stored with insufficient support along its length for a long time, elastic creeping of 
the structural and propulsion elements may occur. This tends to cause the rocket to sag and may result 
in a permanent set to its shape. Such a set would affect rocket static and dynamic balance, thrust 
alignment, and aerodynamics. Rocket launcher clearances and reaction forces also could be seriously 
affected. Launch performance degradation would be more pronounced for the unbalanced rockets 
launched with high spin rates. 

Other ways in which the flexible rocket can affect launch accuracy occur during the launch process 
itself. One such way is the manner in which a rocket is bent due to thrust misalignment as shown in 
Fig. 8-11. Thrust misalignment produces a force component normal to the missile longitudinal axis. 
When the rocket is supported at two or more points in the launcher, the rocket will bend in a manner 
analogous to a simply supported beam with a force acting at one end. In each case, the induced shape 
of the rocket is dictated by the type of supports employed and their locations. Ref. 17 identifies several 
other ways in which bending is induced during rocket launch, e.g., transverse frictional force and 
motor ignition transients. 

Rockets rarely will take on a steady deflected shape during the launch and boost phases. Rather, a 
complex vibration is achieved between the flexible rocket and flexible launcher. A recent analysis (Ref. 
18) identified a transverse angular vibration rate at end of guidance as 70 mrad/s for one rocket. These 
results indicate that flexible effects can influence both the launch process itself and attempts to mea¬ 
sure launch accuracy by the methods of par. 8-4.3. 



Supports 

Figure 8-11. Rocket Bending Due to Thrust Misalignment 
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APPENDIX A 
ATMOSPHERIC DATA 

This appendix presents an overview of the more significant sources of atmospheric data available to the 
rocket designer. Commonly used and availables sources are identified. Some of the relationships most likely 
to be of interest to the designer are explored. Frequently used data and parameters are provided. References 
containing additional or more detailed material are cited. The diverse objectives for which aerodynami- 
cally stabilized free rockets could be designed are recognized, and thus a wide range of data is presented and 
referenced. 

A-0 LIST OF SYMBOLS 
Cs = speed of sound, m s 
e = \’apor pressure of water present, Pa 
Cs = saturated vapor pressure, Pa 

go = 9.80665 m s‘, standard sea level gravitational constant 
go' = local sea level gravitational constant, m/s^ 

/go'\ 

H — 1 — 1 2) ’ g^opotential altitude, m 

h = height measured from a level grade around the site, or at the top of heavy vegetation 
such as wheat, corn, or heavy brush, m 
A 4 = 6.022169X10^^ kmol Avogadro’s number 
P = atmospheric pressure. Pa 

Po — 101,325 Pa, standard sea level atmospheric pressure 
/?o = local equivalent earth radius, m 
RH = relative humidity, % 

R* = 8.31432X10^ J/kmol*K, universal gas constant 
S = 110.4 K, constant in Sutherland’s viscosity equation 
T = thermodynamic temperature, K 
AT = lapse rate, K km 
Ti = 273.15 K, ice point temperature 
Ty = virtual temperature, K 

To = 288.15 K, standard sea level atmospheric temperature 
IPiom = measured extreme wind speed at 10 m, m s 
IPioin = measured mean wind spaced at 10 m, m/s 

= extreme wind speed at height in question, m/s 
Wh = mean wind speed at height in question, m/s 
Z = geometric altitude, m 

P = 1.458X10”^ kg/s*m*K* ", constant in Sutherland’s viscosity equation 
y = 1.4 dimensionless, ratio of specific heats of air 
p = atmospheric density, kg/m^ 

Po = 1.2250 kg/m^ standard sea level atmospheric density 
Oa = 3.65X10 '®m, mean collision diameter for air 
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A-1 INTRODUCTION 

Atmospheric characteristics—especially the speed of sound, density, and wind-are important considera¬ 
tions in the design of rockets. For example, the atmospheric density and the speed of sound are required to 
compute the aerodynamic forces on the rocket. Wind profiles and wind shear data are necessary for 
structural design and accuracy studies. Because of the variability of the atmosphere, statistical methods 
normally are employed for the presentation, analysis, and use of the data. Because of the complexity of 
atmospheric perturbations, meteorologists have deleloped synthetic standard profiles representing the 
mean values of available data. In addition, profiles of the deviations of the data from the mean for various 
latitudes and seasons have been developed. 

This Appendix presents an overview of the more significant sources of atmospheric data available to the 
rocket designer. However, it does not specify how the designer should use atmospheric data in regard to a 
specific rocket system since the requirements of each system are unique. 

A-2 ATMOSPHERIC PROPERTIES 

The atmosphere of the earth is a mixture of gases which may be assumed to be dry, to be in hydrostatic 
equilibrium, and to follow the Ideal Gas Law. The molecular mass and composition may be assumed 
constant from sea level to 90 km. 

A-2.1 BASIC RELATIONSHIPS 

In a dry atmosphere, the density p is related to pressure and temperature by the Ideal Gas Law 

p = 3.483676X10 ' kg/m' (A-i) 


where 

P = atmospheric pressure. Pa 
T = thermodynamic temperature, K 
p = atmospheric density, kg/m/ 

In a moist atmosphere, the relationship of Eq. A-1 still holds if the thermodynamic temperature T is 
replaced by the virtual temperature T^ 


Tv 


T 

1 - 0.379 (e/P) 


,K 


(A-2) 


where 

e = vapor pressure of water present. Pa. 

If the saturated vapor pressure eps used, the vapor pressure e may be determined by 


e — Cs 


RH 

100 


, Pa 


(A-3) 


where 

RH = relative humidity, % 
es = saturated vapor pressure. Pa. 

The US Standard Atmosphere, 1976, (Ref. 1) is a dry atmosphere for which Eq. A-1 holds. The 
moisture conditions in the lower atmosphere were used in the formulations of the US Standard 
Atmosphere Supplements, 1966, (Ref. 2) and the Range Reference Atmospheres (Ref. 3). For all practi¬ 
cal purposes, T^= T above 5 km. 
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Geopotential altitude H is used in the construction of the various standard atmospheres. The rela¬ 
tionship between geometric altitude Z and geopotential altitude H is given by 


H = 


i go ) 

\ go I + Z) 


m 


(A-4) 


where 

Z == geometric altitude, m 

go = standard sea level gravitational constant, m/s^ 
gj = local sea level gravitational constant, m/s^ 

/?,) = local equivalent earth radius, m. (Note: This is not the true radius but is a ficticious radius 
combining both the actual radius and the centrifugal effect of rotation. For further discus¬ 
sion, see Refs. 2 and 4.) 

For Z = 30,000 m, H varies from 29,779 m at the equator to 29,937 m at the poles. 

Table A-1 presents local gravitational constants and local equivalent earth radii at three latitudes. 


TABLE A-1 . REPRESENTATIVE VALUES OF g'„AND R'„ 


Laiilude, deg 

a', m/s^ 

R^,m 

0 (F.quaior) 

9.78036 

6,334,984 

4.5 (~ Paris) 

9.80665 

6,356,360 

90 (Pole) 

9.83208 

6,377,862 


If the temperature changes linearly between two geopotential altitudes, Hjand H^, the density pjat 
the top of the layer may be computed from the density pjat the bottom of the layer by the relationship 

\ [ I-I-(0.0341632/AT)] 

^ , kg/m^ (A-5) 


where 

Tvi and T ^2 = virtual temperature at bottom and top of layer, respectively, K 
AT — lapse rate, K/km. 

The speed of sound Cs may be calculated from the virtual temperature Tv by 

C, = 20.04677 T'J\ m/s. (A-6) 

For purposes of computation of values of the US Standard Atmosphere, 1976, it was necessary to 
establish numerical values for various constants appropriate to the atmosphere of the earth. Table A-2 
lists the numerical constants adopted for the necessary computations. 

A-2.2 SOURCES OF THERMODYNAMIC DATA 
A-2.2.1 US Standard Atmosphere, 1976 (Ref. 1) 

The US Standard Atmosphere, 1976, is an idealized, middle latitude, steady-state representation of 
the atmosphere of the earth from the surface to 1000 km which is assumed to exist during periods of 
moderate solar activity. This Standard Atmosphere includes a realistic description of the atmosphere 
above altitudes of conventional aircraft operation. Up to 32 km, the US Atmosphere, 1962, is identical 
to the US Standard Atmosphere, 1976. The Committee on Space Research (COSPAR) International 
Atmosphere, which is used in Europe, agrees in general with the US Standard Atmosphere, 1976, but 
has differences in details. The Air Research and Development Command (ARDC) Model Atmosphere, 
1959, (Ref. 5) agrees with the US Standard Atmosphere, 1976, up to 20 km altitude. 
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TABLE A-2. CONSTANTS USED IN CALCULATION OF US STANDARD 
ATMOSPHERE, 1976 (Ref. 1) 


Symbol 

Metric Units 

Po 

101,325 Pa 

pc 

1.2250 kg/m’ 

To 

15°C 

go 

9.80665 m/s^ 

S 

110.4 K 

Ti 

273.15 K 

P 

1.458X10'‘kg/s-m*K''^ 

y 

1.40, dimensionless 

Oa 

3.65X10 '® m 


6.022169X10^" kmol ' 

R* 

8.31432X10’J/ kmoFK 


Table A-3 gives US Standard Atmosphere, 1976, values of temperature, pressure, density, and speed 
of sound for each kilometer of altitude from sea level to 30 km. 

The US Standard Atmosphere, 1976, should be used as the primary reference in ballistic studies. A 
computer subroutine of these data has been made a part of many advanced atmospheric and aerody¬ 
namic computer program libraries. 

A-2.2.2 US Standard Atmosphere Supplements, 1966 

Before' the US Standard Atmosphere, 1976, was published, the Committee on Extension of the 
Standard Atmosphere (COESA) published the US Standard Atmosphere Supplements, 1966. These 
supplements to the US Standard Atmosphere, 1962, contain nine atmospheric models that provide 
idealized representations of tropical, subtropical, temperate, subarctic, and arctic atmospheres from sea 
level to 120 km. Data are given for each climatic zone for cold (January) and hot (July) periods except 
for the tropic zone. Generally, the same methods were used in the preparation of these tables as were 
used in the preparation of the US Standard Atmosphere, 1976. Sea level values of the data are defined 
along with layers on constant temperature lapse rate. 

The US Standard Atmosphere Supplements, 1966, should be used whenever the average difference 
between climatic zones or between cold or hot conditions is important. 

Figs. A-1 through A-5 show representative density profiles from the US Standard Atmosphere Sup¬ 
plements, 1966. Specifically, these figures show mean density deviations from the standard density 
model established in the US Standard Atmosphere, 1962. These deviations are shown as a function of 
geopotential altitude H. Profiles for several latitudes and months are shown. 

A-2.2.3 Range Reference Atmosphere Documents 

In 1960, the Inter-Range Instrumentation Group (IRIG), Meteorologic-al Working Group of the 
Range Commander's Council, organized the IRIG Rantge Reference Atmosphere Committee with 
representatives from the US Air Force, US Army, National Aeronautics and Space Administration, US 
Navy, and the National Oceanographic and Atmospheric Administration to formulate realistic atmo¬ 
spheric models for each of the major missile-test ranges. These models are published in two parts. Part 
I provides data from the surface to 30 km; Part II, from 2.5 km to 70 km. Monthly tables of thermody¬ 
namic quantities, scalar winds, and zonal and meridional wind components are given. At present, 13 
Part I and 4 Part 11 models have been published. 

These model atmospheres are computed in a manner similar to that used in the US Standard 
Atmosphere, 1976, except adjustments to the geopotential heights of the standard pressure levels and 
the temperature lapse rates were determined statistically from measured data at each reference range. 
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TABLE A-3. TEMPERATURE, PRESSURE, DENSITY, AND SPEED OF 
SOUND VS GEOPOTENTIAL ALTITUDE: 

US STANDARD ATMOSPHERE, 1976 (Ref. 1) 


Geopotential 

Altitude, 

km 

Temperature T, 

K 

Pressure P, 

Pa 

Density p, 
kg/m' 

Speed of 
Sound c^, 
m/s 

0 

288.1.50 

101,325 


340.29 

1 

281.650 

88,699 



2 

275.150 

79,495 

1.0065 


3 

268.650 

70,108 

0.90912 

328.58 

4 

262.150 

61,640 

,0.81913 

324.58 

5 

2.55.650 

54,019 

0.73612 

320.53 

6 

249.150 

47,181 

0.65970 

316.43 

7 

242.650 

41,060 

0.58950 

312.27 

8 

236.150 

35,599 

0.52517 

308.06 

9 

229.650 

30,742 

0.46635 

303.79 

10 

223.150 

26,436 

0.41271 

299.46 

11 

216.50 

22,632 

0.36392 

295.07 

12 

216.650 

19,330 

0.31083 

295.07 

13 

216.650 

16,510 

0.26548 

295.07 

14 

216.650 

14,101 

0.22675 

295.07 

15 

216.650 

12,044 

0.19367 

295.07 

16 

216.650 

10,287 

0.16542 

295.07 

17 

216.650 

8,786.6 

0.14129 

295.07 

18 

216.650 

7,504.8 

0.12068 

295.07 

19 

216.650 

6,410.0 

0.10307 

295.07 

20 

216.650 

5,475.8 

0.088035 

295.07 

21 

217.650 

4,677.8 

0.074874 

295.75 

22 

218.650 

3,999.7 

0.063727 

296.43 

23 

219.650 

3,422.4 

0.054280 

297.11 

24 

220.650 

2,930.4 

0.046267 

297.78 

25 

221.650 

2,511.0 

0.039466 

298.45 

26 

222.650 

2,153.0 

0.033688 

299.13 

27 

223.650 

1,847.4 

0.028777 

299.80 

28 

224.650 

1,586.2 

0.024599 

300.47 

29 

225.650 

1,362.9 

0.021042 

301.14 

30 

226.650 

1,171.8 

0.018012 

301.80 


A-2.2.4 Military Standard Climatic Extremes, MIL-STD-210 

MIL-STD-210 (Ref. 6) provides temperature profiles for high, low, and one-percent risk tempera¬ 
tures at each altitude and the corresponding actual values of density associated with the extreme 
temperature values. The table of high and low density values given are based on these temperature 
extremes. The negative correlation of density with altitude between the surface and 10 km to 15 km 
altitude is neglected, so the use of such profiles may lead to biased results. 

A-2.2.5 The NASA/MSFC Global Reference Atmosphere Model—Mod 3 

The NASA/MSFC Global Reference Atmosphere Model (Ref. 7) permits generation of mean and 
departure profiles of density, temperature, and pressure from 0 to 700 km altitude for any latitude, 
longitude, and month. 
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gure A-1. Density Deviations from the US 
Atmospheric Model of 1962 at 15°N 
Latitude 
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Figure A-2. Density Deviations from the US 
Atmospheric Model of 1962 at 30°N 
Latitude 
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Figure A-3. Density Deviations from the US 
Atmospheric Model of 1962 at 45°N 
Latitude 
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Figure A-4. Density Deviations from the US 
Atmospheric Model of 1962 at 60°N 
Latitude 
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Figure A-5. Density Deviations from the US 
Atmospheric Model of 1962 at 75°N 
Latitude 


A-2.2.6 Other Regional-Seasonal Atmospheric Data 

In 1965, Essenwanger and Dudel (Ref. 8) published tables for 20 density and temperature profiles to 
2.5 km altitude derived from radiosonde statistics for tropical, subtropical, temperate, and polar loca¬ 
tions. In addition to summer/winter mean conditions, this collection contains seasonal one-sigma 
profiles. 

The Terrestrial Environment (Climatic) Criteria Guidelines for use in Aerospace Vehicle Develop¬ 
ment (Ref. 9) has tables of density versus altitude at three locations for cold and hot atmospheres. 
These locations are Kennedy Space Center, EL; and Vanderburg and Edwards Air Eorce Bases, CA. 

A-3 WIND 
A-3.1 WIND SPEED 

The atmosphere may be divided into three sections, i.e., 

1. Surface layer (from the ground to 10 m) 

2. Boundary layer (from 10 m to about 2 km) 

3. In-flight layer (above 2 km). 

Each of these sections is discussed in the paragraphs that follow. 

A-3.1.1 The Surface Layer 

Wind in the surface layer (from the ground to 10 m) changes rapidly from zero at the ground surface 
(or top of the surface roughness layer) to some value at 10 m. The standard height for surface wind 
measurements is 10 m; therefore, wind speed values at 10 m are available for design use. Extreme wind 
speed and mean wind speed values are both commonly used in design. Refs. 9 and 10 present addi¬ 
tional infommtion on the use of these design values. 

Points on the extreme wind speed profile can be determined from 

= 0.93 m/s (A-7) 
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where 


= extreme wind speed at height in question, m s 
W lom — measured (or determined) extreme wind speed at 10 m, m s 

h — height measured from a level grade around the site or at the top of heavy vegetal ion 
such as wheat, corn, or heavy brush, m. 


The mean wind speed profile below 10 m can be determined from 


Wh - 0.40 Wxom ^ m/s 


(A-8) 


where ^ 

Wh — mean wind speed at the height in question, m/s 
fViom = measured mean wind speed at 10 m, m/s. 

A-3.1.2 The Boundary Layer 

Wind speed in the boundary layer increases with height to about 2 km. At about 2 km, the surface 
friction no longer has effect on the wind speed, and the wind speed is equal to the geostrophic wind 
speed. 

Eq. A-7 is also valid for determining the extreme wind speed profile above 10 m by using appro¬ 
priate values of h greater than 10 m. 

To determine the mean wind speed profile Wh for values above 10 m, the following equation should 
be used: 


Wt = 0.72 Wmmh'’ ". m/s. 


(A-9) 


A-3.1.3 The In-Flight Layer 

Wind speeds in the in-flight layer are above the effects of surface friction. The wind speed in this 
layer is a result of the atmosphere pressure field (highs and lows). Wind speeds in this layer are usually 
presented in the form of wind speed profiles as shown in Fig. A-6. 

A-3.2 SOURCES OF WIND SPEED DATA 

Wind speed data sources are 

1. Engineering Handbook on the Atmospheric Environmental Guidelines for Use in Wind Tur¬ 
bine Generator Development. This handbook (Ref. 11) provides discussions on methods of using wind 
as a design parameter and also provides much data on values of wind speed to use in design. It 
especially treats effects of local surface features. 

2. Range Reference Atmosphere Documents. These documents (Ref. 3) contain values of scalar 
winds and wind components for each of the major missile test ranges. 

3. Military Standard Glimatic Extremes, MIL-STD-210. This document (Ref. 6) provides surface 
wind speed extremes and also wind profile extreme data. 

4. NASA MSEC Global Reference Atmosphere Model-Mod 3. This document (Ref. 7) provides 
worldwide wind profile data. 

5. Terrestrial Environment (Climatic) Criteria Guidelines for Use in Aerospace Vechicle Develop¬ 
ment. This document (Ref. 9) includes detailed discussions on designing for wind effects as well as 
extensive tables of winds for use in design. 

A-3.3 WIND SHEAR 

Wind shear is the difference between wind speeds in two specific altitude layers. The magnitude of 
the wind shear varies considerably with the stability of the atmosphere; therefore, consideration of the 
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Figure A-6. Steady-State Scalar Wind Speed 
vs Altitude for Two Risk Levels for All 
Locations 


atmosphere stability- stable, neutral, or unstable—may be required if wind shear is an important 
design parameter. Ref. 9 contains a detailed discussion of this subject. 

A-3.4 TURBULENCE 

Under most conditions, atmospheric winds are fully developed turbulent flows. Spectral methods are 
particularly, useful in representing the turbulent effects of the wind environment (Refs. 9 and 10). 

A-4 ENVIRONMENTAL TEST METHODS 

MIL-STD-810, Environmental Test Methods, (Ref. 11) establishes uniform environmental test 
methods for determining the resistance of equipment to the effects of natural and induced environ¬ 
ments peculiar to military operations. This material may also be of use in design. 
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APPENDIX B 
COMPUTER PROGRAMS 

Selected computer Programs applicable to the design of free flight rockets are Presented and 
described. 

B-1 DISCUSSION 

Appendix B contains information concerning computer programs applicable to the design of free 
flight rockets. Although not exhaustive, the programs represent a sampling of the engineering software 
available to the rocket designer. 

Each program is identified by the most common title, name, or mnemonic. An abstract is included 
which describes the most prominent and distinguishing features of the program or mathematical 
method. A reference is cited where more detail can be found. The primary program language is identi¬ 
fied with a computer on which the program has been implemented. 

Further, the digital computers are classified as being mainframes, minicomputers, or microcompu¬ 
ters. While this common classification is not precise, it does provide some insight into the size, speed, 
and equipment requirements of the program. The applicable handbook chapters are cited, and an 
agency is referenced which is knowledgeable in the use of the program. 

B-2 PROGRAMS 

B-2.1 PROGRAM NAME. AERODRAG 

Abstract. The program estimates aerodynamic force and moment coefficients for unguided ballistic 
rockets. Rocket configurations are limited to ogive-cylinder or cone-cylinder forebodies, conical-flare 
or conical-coattail afterbodies with in-line wings and/or tail fins which may be deflected. Wing and 
tail effectiveness includes all interference factors. Body and control surface skin-friction drag is calcu¬ 
lated for laminar or turbulent flow. Fin and wing effectiveness includes all interference factors. Fin and 
wing wave-drag calculations are included. Power-on and power-off estimates of base drag are made, 
with some estimates being interpolation from data tables based on experiment and theory. Data are 
confined to the linear region of the coefficient curve with angle of attack. The Mach range is from zero 
to high supersonic with some restrictions in the transonic region. 

Reference. J. C. Craft, A Digital Computer Program for Estimating Aerodynamic Force Coefficient 
for Unguided Ballistic Rockets, MICOM Report RD-TR-69-9, US Army Missile Command, Redstone 
Arsenal, AL, 30 June 1969. 

Machine Implementation: 

Interdata 8/32 (FORTRAN IV) 

Digital Minicomputer. 

Applicable Chapters. Aerodynamics and Performance. 

Cognizant Organization: 

US Army Missile Laboratory 
US Army Missile Command 
Redstone Arsenal, AL 35898. 

B-2.2 PROGRAM NAME. AERODSN 

Abstract. The program estimates static stability and damping derivatives at zero angle of attack in 
the Mach range from zero to 4.5. Rocket configuration with wings and/or tail fins and a conical 
boattail segment are allowed. Calculations are performed for a "+" roll orientation of fins as opposed 
to an "X" orientation, and the wings and fins must be in-line with no control surface deflections. A 
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limited amount of experimental body-alone data are included (ogive-cylinder and cone-cylinder); how¬ 
ever, body-alone table input can be selected as an option. The program does not estimate drag. 

Reference. W. D. Washington and C. L. Adams, Computer Program for Estimating Stability Deriva¬ 
tives of Missile Configuration, MICOM Report RD-76-25, US Army Missile Command, Redstone 
Arsenal, AL, 13 May 1976. 

Machine Implementation: 

Interdata 8/32 (FORTRAN IV) 

Digital Minicomputer. 

Applicable Chapter. Aerodynamics. 

Cognizant Organization: 

US Army Missile Laboratory 
US Army Missile Command 
Redstone Arsenal, AL 35898. 

B-2.3 PROGRAM NAME. NAVYAERO 

Abstract. The program combines theoretical and empirical procedures to compute static and 
dynamic aerodynamics for missiles, projectiles, and rockets. Reasonably accurate dynamic stability and 
performance estimates are made for tactical weapons up to Mach number 8 and 180-deg angle of 
attack. Pointed and blunt-nosed bodies and sharp or blunt wing and fin leading edges are allowed. 

References: 

F. G. Moore and R. C. Swanson, Aerodynamics of Tactical Weapons to Mach Number 3 and Angle 
of Attack 15°; Part I—Theory and Application, NSWC Report TR-3584, Naval Surface Weapons Cen¬ 
ter, Dahlgren, VA, February 1977. 

F. G. Moore and R. C. Swanson, Aerodynamics of Tactical Weapons to Mach Number 3 and Angle 
of Attack 15°; Part II—Computer Program and Usage, NSWC Report TR-3600, Naval Surface Wea¬ 
pons Center, Dahlgren, VA, March 1977. 

F. G. Moore, et al.. Aerodynamic Design Manual for Tactical Weapons, NSWC Report TR-81-156, 
Naval Surface Weapons Center, Dahlgren, VA, July 1981. 

L. Devon, Aerodynamics of Tactical Weapons to Mach Number 8 and Angle of Attack 180°; Par-t I, 
Theory and Application, NSWC Report TR 80-346, Naval Surface Weapons Center, Dahlgren, VA, 
October 1980. 

Machine Implementation: 

CDC 6700 and Interdata 8/32 (both FORTRAN IV) 

Digital Mainframe and Digital Minicomputer, respectively 

Applicable Chapters. Aerodynamics, Performance, and Accuracy. 

Cognizant Organization: 

Naval Surface Weapons Center 
Dahlgren Laboratory 
Dahlgren, VA 22448. 

B-2.4 PROGRAM NAME. POINT MASS TRAJECTORY PROGRAMS 

Abstract. The cited reference describes two digital computer programs. The first program computes 
two degree-of-freedom (range and altitude) rocket trajectories that may possess boost, sustain, and coast 
phases. The second program possesses three degrees of freedom (range, altitude, and flight path angle). 
Two constant thrust levels and up to three drag tables may be used. Both programs assume a flat earth 
with altitude variant atmospheric properties. Listings and sample outputs are included in the refer¬ 
ence. Operator intervention is required. 

Reference. J. Burt, Jr., and M. P. Stamps, Description of Point Mass and Three-Degree-o/-Freedom 
Trajectory Programs, MICOM Report TR-RD-73-31, US Army Missile Command, Redstone Arsenal, 
AL, 18 September 1973. 
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Machine Implementation: 

HP 9830A (BASIC) 

Digital Microcomputer. 

Applicable Chapter. Performance. 

Cognizant organization: 

Systems Simulation and Development Directorate 
US Army Missile Laboratory 
US Army Missile Command 
Redstone Arsenal, AL 35898. 

B-2.5 PROGRAM NAME. AER06D 

Abstract. This six-degree-of-freedom unguided rocket flight path prediction program is useful in 
configuration redesign studies, sensitivity analysis, and flight test evaluation of free flight rockets. The 
standard body-fixed equations of motion of Etkin are used with a fourth order Runge-Kutta numerical 
integration routine. Rocket motor performance is represented by a thrust table lookup. Atmospheric 
properties can be input, or computed, by a standard atmosphere routine built into the program. Linear 
aerodynamics are read into tables as a function of Mach number. Nonlinear aerodynamics can be built 
in with a system of subroutines. 

Reference. W. D. Washington, A 6D0F Flight Simulation Program for Free Flight Rockets, MICOM 
Technical Report RD-82-9, US Army Missile Command, Redstone Arsenal, AL, 12 March 1982. 
Machine Implementation: 

Interdata 8/32 (FORTRAN IV) 

Digital Minicomputer. 

Applicable Chapter. Performance. 

Cognizant Organization: 

US Army Missile Laboratory 
US Army Missile Command 
Redstone Arsenal, AL 35898. 

B-2.6 PROGRAM NAME. TRAJ 

Abstract. The program computes the flight of aerodynamically and inertially symmetric missiles 
from initial conditions and tabular representation of aerodynamics. The program is especially efficient 
for high spin rate projectiles. Nonaxisymmetric thrust may be used. 

Reference. B. Barnett, Trajectory Equations for A Six-Degree-of-Freedom Missile Using a Fixed- 
Plane Coordinate System, Technical Report 3391, Mathematical Analysis Division, US Army Arma¬ 
ment R&D Command, Dover, NJ, June 1966. 

Machine Implementation: 

CDC 600017000 (FORTRAN IV and FORTRAN 77) 

Digital Mainframe. 

Applicable Chapters. Performance and Accuracy. 

Cognizant Organization: 

Large Caliber Weapons Systems Laboratory 
US Army Armament R&D Center 
Dover, NJ 07850. 

B-2.7 PROGRAM NAME. NUMERICAL FLOW FIELD PROGRAM FOR 
AERODYNAMIC HEATING ANALYSIS (AERHET) 

Abstract. The computer program calculates laminar, transitional, and turbulent aerodynamic heat 
transfer rates of arbitrary, three-dimensional vehicle configurations at angles of attack in supersonic 
flows. The program requires 120K of core memory and/or overlay capability. 
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Reference. H. }. Fivel, Numerical Flow Field Program For Aerodynamic Heating Analysis, Vol. 
I—Equations and Results, Vol. II — User's Manual, AFFDL Report TR-79-3128, USAF Flight Dynam¬ 
ics Laboratory, Wright-Patterson AFB, OH, December 1979. 

Machine Implementation: 

CDC CYBER 75 (FORTRAN IV) 

Digital Mainframe. 

Applicable Chapters. Aerodynamics and Structures. 

Cognizant Organization: 

US Air Force Flight Dynamics Laboratory 
Wright-Patterson AFB, OH 45433. 

B-2.8 PROGRAM NAME. FDL/FSI PARABOLIZED NAVIER-STOKES CODE 

Abstract. The program is a factorable, fully implicit finite difference program to solve the parabol¬ 
ized Navier-Stokes equations for supersonic and hypersonic flow about complex vehicle configura¬ 
tions. The program requires a separate blunt body program to generate starting plane data for blunt 
configurations. Approximately 400K words of core memory required. 

Reference. S. P. Shanks, G. R. Srinivasan, and W. E. Nicolet, AFWAL Parabolized Navier-Stokes 
Code: Formulation and Users Manual, AFWAL Report TR-82-2024, USAF Flight Dynamics Labora¬ 
tory, Wright-Patterson AFB, OH, June 1982. 

Machine Implementation: 

CDC CYBER 750, CDC 7600, CRAY (scalar only) 

Digital Mainframes. 

Applicable Chapters. Aerodynamics and Structures. 

Cognizant Organization: 

US Air Force Flight Dynamics Laboratory 
Wright-Patterson AFB, OH 45433. 

B-2.9 PROGRAM NAME. SUPERSONIC-HYPERSONIC ARBITRARY BODY 
PROGRAM (S/HABP) 

Abstract. The program is capable of calculating the supersonic and hypersonic aerodynamic charac¬ 
teristics of complex, arbitrary three-dimensional shapes. The program consists of a combination of 
techniques and capabilities including vehicle geometry preparation, calculation of surface pressures 
using a variety of pressure calculation methods, shielding of one part of a vehicle by another, and 
calculation of skin-friction forces. 

Reference. A. E. Gentry et al.. The Mark IV Supersonic-Hypersonic Arbitrory-Body Program, 
AFFDL Report TR-73-159, Three Volumes, USAF Flight Dynamics Laboratory, Wright-Patterson 
AFB, OH, November 1973. 

Machine Implementation: 

CDC CYBER 74, IBM 360, PRIME 550 
Digital Mainframes. 

Applicable Chapter. Aerodynamics. 

Cognizant Organization: 

US Air Force Flight Dynamics Laboratory 
Wright-Patterson AFB, OH 45433. 

B-2.10 PROGRAM NAME. COMPUTER PROGRAM FOR CALCULATION OF 
COMPLEX CHEMICAL EQUILIBRIUM COMPOSITIONS, ROCKET 
PERFORMANCE, INCIDENT AND REFLECTED SHOCKS, AND 
CHAPMAN-JOUGET DETON ATIONS—PACK II 

Abstract. The program may be used to calculate chemical equilibrium for assigned thermodynamic 
states, theoretical rocket performance for both equilibrium and frozen compositions during expansion, 
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incident and reflected shock properties, and Chapman-Jouget detonation properties. These options are 
available for condensed phase species as well as gaseous phase species. The propellant gas equilibrium 
chemical composition is determined by minimizing free energy. Minimization of free energy is per¬ 
formed on (1) the Gibbs free energy if the thermodynamic state at a particular location in a rocket is 
specified in terms of temperature and pressure, and (2) the Helmholtz free energy if the state is specified 
in terms of temperature and volume (or density). 

Referance. S. Gordon and B. J. McBride, Computer Program for Calculation of Complex Chemical 
Equilibrium Compositions, Rocket Performance, Incident and Reflected Shocks, and Chapman-Jouget 
Detonations, NASA Report SP-273, National Aeronautics and Space Administration, Lewis Research 
Center, Cleveland, OH, 1971. 

Machine Implementation: 

Univac 1108 (FORTRAN) 

Digital Mainframe. 

Applicable Chapters. Propulsion and Structures (Heat Transfer). 

Cognizant Organization: 

National Aeronautics and Space Administration 
Lewis Research Center 
Cleveland, OH 44135. 

B-2.11 PROGRAM NAME. THE JANNAF STANDARD PLUME FLOW FIELD 
MODEL (SPF) 

Abstract. This program is a two-dimensional or axisymmetric model that predicts the gas-dynamic 
structure of either purely gaseous or two-phase exhaust plumes below 70 km altitude. The program 
can be used to calculate the wave structure in plumes implementing characteristic or finite-difference 
techniques and shock-capturing or shock-fitting procedures. It can also be used to calculate the near¬ 
field variable pressure mixing-afterburning region of the plume as well as the constant pressure 
mixing-afterburning parts of the plume. The program can handle real or ideal gases, solid or free 
boundaries, and over- or underexpanded nozzles. 

Referance. S. M. Dash and H. S. Pergament, The JANNAF Standard Plume Flow Field Model (SPF), 
MICOM Technical Report RD-CR-82-9, US Army Missile Command, Redstone Arsenal, AL, April 
1981. 

Machine Implementation: 

CDC 7600 (FORTRAN) 

Digital Mainframe. 

Applicable Chapter. Propulsion. 

Cognizant Organization: 

US Army Missile Laboratory 
US Army Missile Command 
Redstone Arsenal, AL 35898. 

B-2.12 PROGRAM NAME. CHARRING MATERIAL THERMAL RESPONSE 
AND ABLATION PROGRAM (CMA3) 

Abstract: 

The Am-other-m Charring Material Ablation Code (CMA3) is an implicit, finite-difference computa¬ 
tional procedure for computing the transient thermal and ablation response of a charring insulation 
material structure. The program is for one-dimensional bodies that can ablate from a front face and 
decompose in-depth but can treat a variety of shapes which include planes, cylinders, spheres, and 
more general thermal "stream-tube" bodies. The program can treat complex systems including a main 
ablation material, five charring backup materials, and three noncharring material backup structures. 

Inputs to CMA include complex tabular surface thermochemical data from ACE, time-dependent 
convective heat transfer as calculated by BLIMPK, pyrolytic and coking reaction rate coefficients, spe- 
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cific heat, thermal conductivity, and density as a function of temperature for virgin and char material, 
nodal position tabulations, thermal contact resistance surface definition, back-side convection coeffi¬ 
cients, radiation and convection temperature time-histories, gaseous radiation heating, char swelling 
parameters, and blowing rate factors for convection coefficient correction. 

Reference. C. B. Mayer and M. R. Wool, Users Manual, Aerotherm Charring Material Thermal 
Response and Ablating Program, Vols. 1 and 2, Report AFRPL-TR-70-92, USAF Rocket Propulsion 
Laboratory, Edwards AFB, CA, April 1970. 

Machine Implementation: 

Univac 1108 (FORTRAN) 

Digital Mainframe. 

Applicable Chapter. Structures (Heat Transfer). 

Cogniant Organization: 

US Air Force Rocket Propulsion Laboratory 
Edwards AFB, CA 93523. 

B-2.13 PROGRAM NAME. EQUILIBRIUM SURFACE THERMOCHEMISTRY 
COMPUTER PROGRAM (ACE) 

Abstract. The Aerotherm Equilibrium Surface Thermochemistry Computer Program (ACE) com¬ 
putes the equilibrium or mixed frozen/equilibrium thermodynamic state of general chemical systems. 

Closed (fixed mass) molecular compositions are evaluated from relative elemental quantities. Diffusive- 
mass flux-dependent states (open system) are defined from surface equilibrium considerations. 

Reference. Mitchell R. Wool, Users Manual, Aerotherm Equilibrium Surface Thermochemistry 
Computer Program, Version 3, Vols. 1 and 2, Report AFRPL-TR-70-93, USAF Rocket Propulsion 
Laboratory, Edwards AFB, CA, April 1970. 

Machine Implementation: 

Univac 1108 (FORTRAN) 

Digital Mainframe. 

Applicable Chapter. Structures (Heat Transfer). 

Cognizant Organization: 

US Air Force Rocket Propulsion Laboratory 
Edwards AFB, CA 93523. 

B-2.14 PROGRAM NAME. BOUNDARY LAYER INTEGRAL MATRIX 
PROCEDURE WITH KINETICS (BLIMPK) 

Abstract. The program is a procedure for obtaining numerical solutions of the nonsimilar multi- 
component laminar and/or turbulent boundary layer with arbitrary equilibrium or nonequilibrium 
homogeneous or heterogeneous chemical systems, unequal diffusion and thermal diffusion coefficients 
for all species, radiation absorption and emission, second-order transverse curvature effects, and a vari¬ 
ety of surface boundary conditions including intimate coupling with transient charring, ablation 
energy, and mass balanced plus surfaces of arbitrary catalycities. 

Reference. H. Tong et al.. User's Manual, Nonequilibrium Chemistry Boundary Layer Integral 
Matrix Procedure, Vols. 1 and 2, AFRPL Report TR-70-92, USAF Rocket Propulsion Laboratory, 
Edwards AFB, CA, July 1973. 

Machine Implementation: 

Univac 1108 (FORTRAN) 

Digital Mainframe 

Applicable Chapter. Structures (Heat Transfer). 

Cognizant Organization: 

US Air Force Rocket Propulsion Laboratory 
Edwards AFB, CA 93523. 
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APPENDIX C 

HEAT TRANSFER EQUATIONS 


Equations are presented for calculating heat conduction, convection, and radiation by finite difference 
techniques applicable to computer programs of thermal network analyzers. Methods of calculating forced 
convective heat transfer to two- or three-dimensional shapes are briefly discussed. Empirical data for 
calculating aerodynamic heating to the exterior of various geometries are discussed. 


C-0 


LIST OF SYMBOLS 

A = surface area normal to heat flow path of nodal element, m^ 

Ai = correlation parameter, defined by Table C-1, accounting for change in local 
body angle, dimensionless 
C = contact conductance at interface, W/m^*K) 

C/ = compressible skin-friction coefficient, dimensionless 
Cfi = incompressible skin-friction coefficient, dimensionless 
Cn = mass fraction of nitrogen, dimensionless 
Co = mass fraction of oxygen, dimensionless 
Cp = specific heat at constant pressure, J/(kg*K) 

Cpj = specific heat at constant pressure of Node 1, J/kg’K 
Cv = specific heat at constant volume, J/kg*K 
D = mass diffusivity, mVs 
ly = diameter, m 

F = radiation shape factor, dimensionless 

Fc = parameter for transforming incompressible skin friction to compressible values, 
dimensionless 

Fri^ = parameter transforming incompressible length Reynolds number to compressi¬ 
ble values, dimensionless 

Fr^ = parameter for transforming incompressible momentum thickness Reynolds 
number to compressible values, dimensionless 
go = 9.80665 m/s^, acceleration due to gravity 
H = total specific enthalpy, J/kg 
Flaw = specific adiabatic wall enthalpy, J/kg 
Hd = dissociation specific enthalpy of air, J/kg 
He = specific enthalpy at edge of boundary layer, J/kg 
Hn = specific dissociation enthalpy of nitrogen, J/kg 
Ho = specific dissociation enthalpy of oxygen, J/kg 
Hs = stagnation specific enthalpy, J/kg 
Hw = wall specific enthalpy, J/kg 
H* — reference specific enthalpy, J/kg 

hpR = Fay-Riddell enthalpy-based convection heat transfer coefficient, kg/m^*s 
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h,= 

hs = 

hsi 

h, = 
k = 
kx = 
ki = 
L = 
Le = 
1 = 
1 = 

M» = 
Nu = 
Pr = 
PTw = 

P = 
Pe = 
ps = 

poo — 

Q = 
Q/^r ~ 
<ls = 
Qa=o = 
q = 

qc = 

q/p ~ 

qi\,o 2 
qm\,i\ 
qm\,m2 
qo2,m2 
qr = 

q\ = 
q\ = 
<712 = 
Re = 
Ret = 
Rea = 
Reg = 


laminar convection heat transfer coefficient, W m^*K 

stagnation convection heat transfer coefficient, W m‘‘k 

stagnation line convection heat transfer coefficient, \V^ m“*k 

turbulent convection heat transfer coefficient, VV^ m’*k 

thermal conductivity, W/m-K 

thermal conductivity of Material 1, W/m*K 

thermal conductivity of Material 2, W/m*K 

heat flow path length, m 

Dpcp/k, Lewis number, dimensionless 

length, m 

axial length of Node 1, m 
Mach number, dimensionless 
free-stream Mach number, dimensionless 
hD*/k, Nusselt number, dimensionless 
Cpfx/k, Prandtl number, dimensionless 

Prandtl number evaluated at wall temperature, dimensionless 
pressure, Pa 

modified Newtonian pressure. Pa 
pressure at edge of boundary layer. Pa 
stagnation pressure. Pa 
free-stream pressure. Pa 
heat flux, w/m^ 

Fay-Riddell stagnation point heat flow rate, W/m^ 
stagnation heat flux, W/m^ 

stagnation line heat flux at zero yaw angle, W/m^ 
heat flow rate, W 

longitudinal conduction heat flow rate, W 
flat plate heat flux, W/m^ 

heat flow rate inside surface of Node 1 to outside surface of Node 2, W 

heat flow rate middle of Node 1 to inside surface of Node 1, VV^ 

heat flow rate middle of Node 1 to middle of Node 2, VV 

heat flow rate outside surface of Node 2 to middle of Node 2, VV 

radial heat flow rate, VV^ 

heat flow rate into Node 1, VV' 

heat accumulation rate for spherical Element 1, m 

heal flow rate from Node 1 to Node 2, V\^ 

put /p, Reynolds number, dimensionless 

local compressible Reynolds number based on length L, dimensionless 
incompressible Reynolds number based on length L, dimensionless 
local compressible Reynolds number based on momentum thickness d, dimen¬ 
sionless 
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^^ 0 , = incompressible Reynolds number based on incompressible momentum thickness 
6i, dimensionless 

Re* = Reynolds number based on reference enthalpy, dimensionless 
r = radius of sphere, m 
Ycyi = radius of cylinder, m 
r, = radius measured to inside of a node, m 
r,i = radii measured to inside of Node 1, m 
r,i = inner radius of Element 1, m 
r ,2 = radii measured to inside of Node 2, m 
Tm = radii measured to middle of a node, m 
rm\ = radii measured to midpoint of Node 1, m 
Ymi = radii measured to middle of Node 2, m 
Tn = nose radius, m 

To = radii measured to outside of a node, m 
Toi = radii measured to outside of Node 1, m 
Yoi = outer radius of spherical Element 1, m 
Yo 2 = radii measured to outside of Node 2, m 

S = inverse of Von Karman-Reynolds analogy factor, dimensionless 
St = h/{pCpu), Stanton number, dimensionless 
T = temperature at time t, K 
AT = (T| — Ti), tempjerature difference, deg K 
Tb = bulk fluid temperature of source/sink, K 
Te = temp)erature at edge of boundary layer, K 
Ti — temperature at time t for Node i where i = 1 or 2, K 
Til = temperature at inside of Node 1, K 
Tmi = temperature at middle of Node 1, K 
Tmi = temperature at middle of Node 2, K 
To 2 = temperature at outside of Node 2, K 
Ts = temperature of radiation source/sink, K 
TI = present temperature, K 
T' = temperature at time f + A/, K 

T'i = temperature at time t + At for Node i where i = 1 or 2, K 
t = time, s 

At = time increment, s 
U = overall heat transfer coefficient, W/K 

(UA)r„i,m 2 = overall heat transfer coefficient area product between middle of Node 1 and mid¬ 
dle of Node 2, W/A^ 


u = velocity, m/s 

Ue = velocity evaluated at boundary layer edge, m/s 
Woo = free-stream velocity, m/s 

= differential increment of velocity ratio, dimensionless 
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V = volume, 

Vi = volume of Node i where f = 1 or 2, m^ 

X = surface distance along body in flow direction, m 
X = running length from nose stagnation point, m 
,y,z = coordinate system 
Z = compressibility factor, dimensionless 

Ze = compressibility factor based on boundary layer edge conditions, dimensionless 
y = Cp/Cv, specific heat ratio, dimensionless 
yo» = Cp/€v, free-stream specific heat ratio, dimensionless 
8 = 7r/2 — 8 body slope, rad 
€ = emissivity, dimensionless 
O = longitudinal angle, rad 

©,2 = longitudinal angle measured to inside of Node 2, rad 
Om = longitudinal angle measured to middle of Node, rad 
0wi = longitudinal angle measured to middle of Node 1, rad 
0m2 = longitudinal angle measured to middle of Node 2, rad 
0oi = longitudinal angle measured to outside of Node 1, rad 
01 = longitudinal angle measured to Surface 1, rad 
02 = longitudinal angle measured to Surface 2, rad 
6 = cylindrical wedge angle, rad 
6 = local body angle, rad 

6 = angular distance around cylinder from stagnation line in a plane normal to 
cylinder axis, rad 

6 = angular distance around a sphere from stagnation point (see Eq. C-48), rad 
A = yaw or sweep angle, rad 
H = absolute dynamic viscosity, N‘s/m^ 

fie = absolute dynamic viscosity evaluated at edge of boundary layer, N*s/m^ 

fis = absolute dynamic viscosity of air at stagnation conditions, N*s/m^ 

2 

fiyv = absolute dynamic viscosity of air at wall, N*s/m 
fi* = absolute dynamic viscosity evaluated at reference enthalpy, N-s/m^ 
p = density, kg/m^ 

pe = density of air at edge of boundary layer, kg/m^ 
ps = density of air at stagnation conditions, kg/m^ 

Pw = density of air at wall, kg/m^ 

Pi = density of Node 1, kg/m’ 

p* = density of air based on reference enthalpy, kg/m 
a = Stefan-Boltzmann constant, W/m^*K‘* 

Tm = Mangier transformation, dimensionless 
if/ = latitudinal angle, rad 

if /,2 = latitudinal angle measured to inside of Node 2, rad 
ijjmi = latitudinal angle measured to middle of Node 1, rad 
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j/fm 2 = latitudinal angle measured to middle of Node 2, rad 
ifjoi = latitudinal angle measured to outside of Node 1, rad 
if/i = latitudinal angle measured to Surface 1, rad 
if /2 = latitudinal angle measured to Surface 2, rad 

C-l INTRODUCTION 

This appendix deals with the development in differential form of heat transfer equations employed in 
the analyses of external flows and aerodynamic heating associated with the design of a free flight rocket 
motor. 

A free flight rocket designer will probably use automated thermal design programs that incorporate 
many of the equations presented in this appendix. Consequently, it is beneficial for the designer to develop 
an understanding of the geometries and equations used in these programs to construct the input and 
interpret the output properly. 

The appendix begins with a discussion of the most important geometric shapes of concern for modeling 
external flows, namely, cylinders and spheres. It is of interest in aerodynamics heating analyses to evaluate 
the influence of asymmetries and protuberances on the external surface. Therefore, an understanding of 
heat conduction in the radial, circumferential, and axial directions of a general cylindrical body is of 
interenst. Frequently, a singular direction of heat flow dominates, and, therefore, the analyst can by 
judicious seelection keep the design calculations one-dimensional. Accordingly, equations are presented to 
describe one-dimensional heat conduction in each of these directions. The differential form of each 
equation is shown because this best represents a general element of the computerized numerical analysis 
programs. The equations also include the presence of a contact resistance in the direction of heat flow. 

A similar treatment of spherical coordinates is presented because this geometry relates to the nose section 
of the rocket and to other complex geometries-such as spherical segments, ogives, and cones—in which a 
radial dimension and two angles are required to define an element of the geometry. General equations for 
conduction, convection, and radiation in each of the primary directions—radial, longitudinal, and 
latitudinal-are presented. 

The latter paragraphs of this appendix present many of the various empirical techniques used for 
calculating aerodynamic heating to the external surfaces of a free flight rocket motor. The calculation 
sequence is discussed and is followed by a presentation of various calculation techniques. Since external 
flows are complex, the analyst usually divides the complex geometry of the rocket into a series of simple 
body shapes including sphere-cone-cylinders, sphere-ogive-cylinders, swept cylinders, and flat plates. 
Accordingly, equations are presented for aerodynamic heating of these basic shapes. Heat transfer 
coefficient correlations are presented for laminar and turbulent flow, stagnation point heating, heating to 
yawed cylinders, flat plates, and the hemispherical distribution of aerodynamic heating. Extensive 
primary references are listed to provide the analyst with direct source information on the calculation of 
postshock properties for conical, oblique, normal and parallel shocks, thermodynamic properties, and 
transport properties of external flows over free flight rockets. 

C-2 THERMAL MODELING 

This paragraph prevents a general form of modeling heat flow equations. The modeling is applicable to 
computer programs of thermal network analyzers. The heat flow modes involved include conduction, 
convection, and radiation. The methods presented express the heat flow as finite difference equations. The 
models provide geometric and mathematical descriptions of the cylindrical and spherical coordinate 
options available with the NHEAT program (Ref. 1). 

C-2.1 CYLINDRICAL COORDINATE THERMAL MODELING 
C-2.1.1 Cylindrical Thermal Storage Model 

The general heat storage rate q for thermal model elements of cylindrical geometry is of the form 
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q\ = plCp^Vl{T{ — Tx)/At, VV 


(C-1) 


where 


qi = heat flow rate into an element, Node 1, VV 
V\ = volume of Node 1, m’ 




g~\f 1 V rr / m ' 


Cp^ = specific heat at constant pressure of Node 1, J/kg-K 
Tf = temperature at t + At, K 
T\ = present temperature, K 
At = time increment, s. 


Note that Eq. C-1 represents the heat being accumulated by an element rather than passing through the 
element. The temperature difference (T' — T) represents a change in temperature of the element in time 
At. This is contrasted with the concept of steady heat flow through a medium in which the temperature 
difference represents a temperature potential. 

The nomenclature for cylindrical heat flow elements is shown in Fig. C-1. By use of this nomenclature, 
the general heat storage rate equation becomes 


(l\ = 


Pi^pi 


le \ 

2 Aril - r^iXn-Ti) 


At 


. W 


(C-2) 


where 

t = axial length of Node 1, m 
r_i = radius measured to outside of Node 1, m 
r,i = radius measured to inside of Node 1, m 
6 = cylindrical wedge angle of Node 1, rad. 



NOTE: On Figures C-1 through C-12, • denotes the center of the designated surface. 


Figure C-1. Cylindrical Heat Storage Model for Node 1 


C-2.1.2 Cylindrical Radial Heat Conduction Model 

Radial heat conduction between two concentric cylinders of different materials-identified as 1 and 
2—through an interface is shown in Fig. C-2. The development of the radial heat flow rate conduction 
equation is presented here. The steps in the development are applicable to the axial and circumferential 
equations presented. For a steady heat flow rate 

Qml,i\ Qi\,o2 Qo2,ni2t • (C-3) 
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Figure C-2. Cylindrical Radial Heat Conduction Model for Node 1 to Node 2 



For the three paths indicated, the heat flow rates are 


CfmX.iX — 

kxOt{TmX ~ Ti\) 

(C-4) 


ln(r„i/r,i) 


(JiX.ol 

Cro2et{Tix - To2), W 

(C-5) 

(Jo2,m2 

k20i{To2 ~ Tm2) 

(C-6) 


\n{ro2/rm2) 



where 

C = 
= 

ki — 

— 

rm\ = 

Tml = 

r,i = 
y'ol = 
Tm\ — 
Tm2 — 
Tn = 
To2 = 


(omac i (onductance at interface, W/m^"K 

thermal conductivity of Material 1, W/m*K 

thermal conductivity of Material 2, W/m*A^ 

heat flow rate middle of Node 1 to middle to Node 2, W 

heat flow rate middle of Node 1 to inside surface of Node 1, W 

1 __f_f O T47 

ian» l lU UUIMUC ^UliclCC Ui i^OUC VV 


heat flow rate outside surface of Node 2 to middle of Node 2, W 

radii measured to midpoint of Node 1, m 

radii measured to middle of Node 2, m 

radii measured to inside of Node 1, m 

radii measured to outside of Node 2, m 

temperature at middle of Node 1, K 

temperature at middle of Node 2, K 

temperature at inside of Node 1, K 

temperature at outside of Node 2, K. 


The temperature difference between nodes may be written as 

Tmi — Tmi = {Tm\ ~ 7',i) + (T/i “ Toi) + {Toi ” Tmi), dcg K 


(C-7) 


T™, - T„2 ^ ^ 

( UA 


(C-8) 
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where 

(UA)ml,m2 = overall heat transfer coefficient area product between middle of Node 1 and middle of 
Node 2, W/K. 


Solve Eqs. C-4 through C-6 and C-8 for the temperature differences and substitute into Eq. C-7, i.e., 

Qml.ml — ^ 11 ) _ Qi\,o2 

(ua)„i .„2 k,e\ cmoi 


I <7o2.ffi2ln(To2/ Tml) 

kiOl 


(C-9) 


Solve Eq. C-9 for (UA)ml,m2 and make use of Eq. C-3, i.e.. 


{UA)m\.m2 — 


1 


1 


In(rwi/r,i) _j_ 

kidt CroiBt 


+ 


ln(ro2/rw2] 

kiBt 


, W/K. 


(C-IO) 


Then from Eq. C-8 


q \2 = 


_ SUTi - Tr) _ 

+ —!—+. \n{ro2/rm2) 

k\ Cro2 k2 


. W. 


(C-ll) 


where 

q \2 = heat flow rate from Node 1 to Node 2, W 
Ti = temp)erature at time t for Node 1, K 
Ti = temp)erature at time t for Node 2, K 
d = cylindrical wedge angle, rad. 


C-2.1.3 Cylindrical Circumferential Heat Conduction Model 

Circumferential heat conduction in a cylindrical segment between two nodes of different materials and 
through a contact interface is illustrated in Eig. C-3. The heat flow rate q^ between Nodes 1 and 2 is 


qn = 


(T, - T 2 ) 


, W. 


0/2 


1 


0/2 


kitn{ro/ri) Ci{ro — r,) ^2^ n(ro/r,) 


(C-12) 


where 

r, = radius measured to inside of a node, m 
To — radius measured to outside of a node, m. 

C-2.1.4 Cylindrical Axial Heat Conduction Model 

Axial heat conduction in a cylindrical segment between two nodes of different materials and through a 
contact interface is illustrated in Eig. C-4. The heat flow rate q^ between Nodes 1 and 2 is 

q\2 = ~ ~ T 2 } 

1/ki, + 2/C -\-t/k2 


C-8 


(C-13) 
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Contact Interface 


Figure C-3. Cylindrical Circumferential Heat Conduction Model For Node 1 to Node 2 



C-2.1.5 Cylindrical Heat Convection Model 

Convection Heat flow into or out of a cylindrical segment is illustrated in Fig. C-5. The general heat flow 


q — hA(Tb — T\], \\ (C-14) 

A\ lure 

.1 = surface area normal to heat flow path of nodal element. m‘ 
h = convective heat transfer coefficient. \V m'*k 
q = heat flow rate. W 

Th = bulk fluid temperature of source sink. K. 

In terms of the nojnenc lature of Fig. C-5 

q\ = hroBi(Tb — T\), W. (C-15) 

C-2.1.6 Cylindrical Heat Radiation Model 

Radiation heat flow into or out of a cylindrical segments is illustrated in Fig. C-5. The general heat flow 
rate q into or out of Node 1 may be expressed as 
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-q = oiFA^T" - 7l). \V 


(C-16) 


where 

—q = heat flux out of body. \V 
a — Stefan-Bohzmann constant. \V m *K' 
e = emissiviiy. dimensionless 
F = radiation shape factor, dimensionless 
T = temperature at time i. k 
r. = temperature of radiation source sink. K. 

In terms of the nomenclature of Fig. C-5 


-r/i = atFYo6((T\ — T^s). W. (C-17) 

C-2.2 SPHERICAL COORDINATE THERMAL MODELING 
C-2.2.1 Spherical Thermal Storage Model 

The genelal heat storage rate q for thermal model elements of spherical geometry (Fig. C-6) is of the form 
given by Eq. C-1. i.e.. 


q = p(pJ'(T’ — T) Ai. W 


rvheie 

(.p = specific heat at constant pressure. J kg-K 
q = heat flo^^ rate. \\ 

T’ = temperature at time t ^ At. k 
J' = \ c)lume. m 
p = densit\ . kg m . 

The nomenclature for spherical heat flow elements is sho\\n in Fig. C^-b. I he general heat storage rate 
equation, applving the indicated nomenclature, becomes 




PiCp, - ^^(>01 — r'/illTi' — TiXcosOi — cosB:i 


At 


. \V 


(C-18) 
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Figure C-6. Spherical Heat Storage Model 


wluTi* 


r/,i = s|K‘( ili( luat at ( onstant pressure of spherical Element 1, J/kg*K 

r/i = heat ac< umulation rate for spherical Element I, VV 

r„i = outer radius of spherical Element 1, m 

r,[ = inner radius of spherical Element 1, m 

(•)i = latitudinal angle measured to Surface 1, rad 

(-): = latitudinal angle measured to Surface 2, rad 

i/fi = longitudinal angle measured to Surface 1, rad 

tp: = longitudinal angle measured to Surface 2, rad. 


C-2.2.2 Spherical Radial Heat Conduction Model 

Heat flowing radially in a spherical segment can be illustrated as shown in Fig. C-7. The model 
described here can be used where each layer of the sphere segment is homogeneous and it is desired to 
calculate heat flow into or out of the segment in the radial direction. The equations can be developed in a 
manner similar to that described for cylindrical heat flow. Heat flowing radially experiences a change in 
conduction area proportional to r\ The heat flow rate between Nodes 1 and 2 in Fig. C-7 may be 
expreessed as 


qn = 


{\Ji2 — </ri)(cOS0| — COS02)(T2 — T\) 

1 - 1 \ ^ 1-1 
1 


r,\ 


Tml 


+ 


Croi 


+ 


. w. 


r.2 


^m2/ 


(C-19) 
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Figure C-7. Spherical Radial Heat Conduction Model 


C-2.2.3 Spherical Longitudinal Heat Conduction Model 

Heat flow longitudinally in a spherical segment can be modeled as provided by Fig. C-8. The equations 
for heat flow in the longitudinal direction between Nodes 1 and 2 can be derived similarly to that for flow 
in the radial direction. Expressions describing the heat flow path length L, the surface area normal to heat 
flow path .4, and the heat flow rate through that area are provided by Eqs. C-20, C-21, and C-22, 
respectively. 


L 0ml)> 01 


(C-20) 


where 

L = heal flow path length, m 
Ym = radius measured to center of a node, m 
0mi = longitudinal angle measured to center of Node 1, rad 
0m2 = longitudinal angle measured to center of Node 2, rad. 


A = 


(rl- 


r]) 


sin0w(«/t2 — «Ai). 


where 

0m = longitudinal angle measured to center of a node, rad. 

C-12 


(C-21) 
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X 

Figure C-8. Spherical Longitudinal Heat Conduction Model 


r, , , , -r 1 • /( ln[tan(0c,i 2) tan(0,„i 2j] } 

qr. = [(ro - riHij/: - ilnHT: - Ti)] - W- 

, r C(ro + r,)sin0oi 1 , (lnrtan(0m: 2) tan{0,: 2)11\ ... 

"L—^^ r - 7 ,— 


(C-22) 


uiuTf 

(*)„i = longitudinal angle measured to outside of Node 1. rad 
0: = longitudinal angle measured to inside of Node 2. rad. 

C-2.2.4 Spherical Latitudinal Heat Conduction Model 

Heat flow latitudinally in a spherical segment can be modeled as provided by Fig. C-9. Expressions 
describing the heat flow path length L, the surface area normal to the heat flow path A, and the heat flow 
rate ql2 through that area are provided by Eqs. C-23, C-24, and C-25, respectively. 

L = r«sin0m(«Am: — «Ami), m (C-23) 


where 

xlim\ — latitudinal angle tneasured to center of Node 1. rad 
= latitutlinal angle measured to center of Node 2, rad. 


•> *> 



(C-24) 
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where 

li/,: = laiiiiiclinal angle measured to inside ol Node 2. rati 
l^ol = latitudinal angle nieasured to outside ot \oile 1. rati. 

C-2.2.5 Spherical Heat Convection Model 

Convection heat flow rate in the radial direction through a spherical segment is illustrated in Fig. C-10. 
The confection heat flow rate Pi, into or out of Node 1, is also derived by Eq. C-14, i.e., 

qi = }iA{ Tb~T\), \\. 

In terms of the nomenclature of Fig. C-10, this expression for convection heat transfer becomes 

q\ = hrl\ (COS01 — cos02)(ti>: — ^l/iKTb — T\), \V. (C-26) 

C-2.2.6 Spherical Heat Radiation Model 

Radiation heat flow rate in the radial direction through a spherical segment is illustrated by Fig. C-10 
The radiation heat flow rate Pi, into or out of the surface of Node 1, is by Eq. C-16 
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Figure C-10. Spherical Heat Convection and Radiation Model 



q, = atFA(T\ - 7l), W. 

In terms of the nomenclature of Fig. C-10, the expression for radiation heat transfer becomes 

qi = aeFrh (cos0i — cos© 2 )(«/r 2 — \}t\){T\ — 7l), W. (C-27) 

Q-1.1.7 Spherical Modeling for Nonhomogeneous Spherical Elements 

C-2.2.7.1 General 

In some special cases it may be desirable to model thermal elements in spherical coordinates to allow 
latitudinal heat flow (Ref. 2). The detailed study, described in Ref. 2, modeled heat flow in elements of 
spherical slices as shown in Fig. C-11. Particular packaging configurations may require development of 
particular equations or the use of one of the general coordinate finite element computer programs to solve 
for heat transfer characteristics. 

C-2.2.7.2 Derivation of Area, Volume, and Heat Transfer Equations for a Spherical Slice 

The spherical slice shown in Fig. C-l 1 is defined by the angles \li\, i{t 2 , ©i and 02, and the radii r, and To. 
T hese angles and radii are defined specifically by Fig. C-l2 in which 
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Figure C-11. Spherical Slice Model 


0 < 01 < 02 < TT 
0 < r, < To. 

The surface area integral is 

^ r^^rlsin&d0dilf, 

il/i 01 

which may be integrated directly since the three coordinates are independent of each other as 

A = To (COS01 — COS02)(02 — «Ai), nil 

The volume integral of a concentric slice is 

y = rl sin(dd&dil/dr, 

•'n >1 •'01 

which, upon integration, gives 

{rl — r!)(cos 0 i — cos 02)(<A2 — </^i) m\ 

The basic conduction equation is given by 


(C-28) 

follows: 

(C-29) 

(C-30) 

(C-31) 


C-16 






MIL-HDBK-762(MI) 


Setting up the conduction heat rate transfer q, in the radial direction yields 

dA = r^sinSdQdtl/, 
dt = dr, m 


where 

r = radius of sphere, m 

and by substituting these expressions into Eq. C-32, we have 


= kATsinSdediff, W 
r ^1 01 


where 

q ^ = radial heat flow rate, W 
which may be integrated to give 


qr 



(COS01 — COS02)(<A2 ~ W. 


(C-33) 


(C-34) 


Setting up the conduction heat transfer rate qpn the latitudinal direction yields 

dA = rdBdr, 
dC = rsinSdil/, m 


and, by substituting these expressions into Eq. C-32. 

1^1 01 r, sin 0 


(C-35) 


where 

q^ = latitudinal conduction heat flow rate, W 


which may be integrated to give 


qc = 


kAtjro — r,) 
(»A 2 - iff\) 


In 


■t a . n ( 0 2/.2 }1 ^ 
ran(0i/2) ’ 


(C-36) 


Eqs. C-34 and C-36 maybe replaced by Eqs. C-19 and C-25, respectively, where conduction occurs between 
spherical nodes of different materials or a contact resistance occurs between elements. 


C-3 FORCED CONVECTION HEAT TRANSFER TO ROCKET MOTOR 
EXTERNAL SURFACES 

The effects of aerodynamic heating rates to the external surface of a rocket motor influence the design of 
the vehicle external and internal thermal protection systems. This paragraph presents many of the 
empirical techniques used for calculating external, forced convection, and heat transfer (aerodynamic 
heating) to rocket motor surfaces. These calculations arc performed in a series of steps as follows: 


C-18 



MIL-HDBK-762(MI) 


1. The aerodynamic heating to a complex body is analzyed by dividing the body into simple 
shapes —i e., sphere-cone-cylinders, sphere-ogive-cylinders, swept cylinders, flat plates, etc. 

2. Local surface pressures are obtained for each shape based on body geometry, attitude, free stream 
Mach number using two-dimensional flowfield methodologies such as the modified Newtonian (Ref. 3), 
Tangent Wedge and Parallel Shock, (Refs. 4 and 5), Tangent Cone, (Refs. 6 through 13) and Prandtl Meyer 
Expansion (Ref. 14) Theories. 

3. A normal, parallel, oblique or conical shock is selected as applicable for each body shape for 
calculating postshock flow conditions. Schlieren - or shadowgraph-measured shock structure definition 
can be used if available for selecting the correct shock shape. The postshock total pressure/enthalpy are 
isentropically expanded to the selected local body pressure to obtain the other local boundary layer edge 
properties. 

4. The boundary layer edge properties, free stream properties, and postshock properties are used in 
empirical aerodynamic heating calculations for the different vehicle shapes. 

5. Steps 1 through 4 are repeated for selected time intervals along the rocket motor trajectory. 

Heat transfet to an axisymmetric spherical stagnation point can be calculated using the method of Fay 

and Riddell (Ref. 14). The distribution around a sphere or ogive to the sonic point (approximately 30 deg 
off the nose) can be calculated using Lees' distribution method for laminar flow (Ref. 15). The Lees, Detra, 
and Hidalgo (Ref. 16) hemisphere method provides a method for calculating turbulent heating from the 
sonic point rearward on a sphere or ogive. The heat flux aft of the sphere-cone or sphere-ogive junction can 
be calculated by using the method of Eckert (Ref. 17) for laminar flow and Spalding and Chi (Ref. 18) for 
turbulent flow. The heating rate to flat plates and cylinders at small angle of attack can also be calculated 
using the Eckert or Spalding and Chi methods. The heat transfer to a swept leading edge provided by 
rocket motors at large angles of attack can be predicted by using the theory of Beckwith and Gallagher (Ref. 
19) for either laminar or turbulent flow. 

The methods of Fay and Ridden; Lees; Lees, Detra, and Hidalgo; Eckert; Spalding and Chi; and 
Beckwith and Gallagher are presented in the subparagraphs that follow. The laminar method of Sayano 
and Greenwald (Ref. 20) is sometimes preferred to that of Beckwith and Gallagher for laminar heating to a 
yawed cylinder. This method is also presented. 

The prediction of the thermal characteristics of weapons operating in high-speed flight requires 
knowledge of certain thermodynamic and transport properties for air. Several methods for calculating 
these properties and comparisons to measured data are presented in Ref. 21. Ref. 22 presents properties of 
air which are useful in calculating the thermal characteristics of air. 

The concept of stagnation point and stagnation line aerodynamic heating theories is discussed in texts 
such as Refs. 23 and 24. 

'I-his paragraph presents methods of estimating the forced convection heat transfer to the surface of 
various configurations. Methods are presented for laminar and turbulent boundary layers. 


C-3.1 SPHERICAL STAGNATION POINT HEATING 

The essential equations of stagnation heating based on the theory of Fay and Riddell are 


^ iVu / lduc \lH, - HJ\ 2 
OfR = -7=- /pH Mu I-— —- , VV/m 

VKe V 1 \ / 

hpR — Qfr (Hs ~ Hv.), kg/m“*s 


(C-37a) 


(C-37b) 


where 

Iifr = Fay-Ridclell emhalpy-basecl eonveclion heat transfer coefficient, kg m'*s 
//, = stagnation spet ific enthalpy, J kg 
//„ = wall sjxc ifit enthalpy, J kg 
i\u = Xnsselt nmnber, dimensionless 
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Re = Reynolds number, dimensionless 
OfR = Fay-Riddell stagnation point heat flow rate, \V m‘ 
Ptw = Prandtl number at wall teitiperature, dimensionless 
Ue = velocity evaluated at boundary layer edge, m s 
X = surface distance along body in flow direction, m 
= absolute dynamic \'iscosiiv of air at wall, N*s m" 

Ph = density of air at wall, kg m’ 


Nu 

\fR€ 


= 0.76 




I + 



dimensionless 


Hd — dissociation specific enthalpy of air, J kg 
Le = Lewis number, dimensionless 

Us = absolute dynamic viscosity of air at stagnation conditions, N*s m‘ 
ps = density of air at stagnation conditions, kg in' 


and 


dui_= i_ /li^ -jor a sphere and A/»> 1.22, s ' 

dx Tn V f>s 

= —^ , for a cylinder and A/oc > 1.12, s ' 

v Pj 


—” (1.5 — 0.378 A/i — 0.02625 A/of), for a sphere and 

Tn 

A/«< 1.22, s'* 


(2.0 - 0.782 A/i - 0.328 A/i), for a cylinder and 

Tn 

A/» < 1.12, s ' 


where 

r„ = nose radius, m 

Mac = free-siream Mach number, dimensionless 
ps = stagnation pressure. Pa 
pac = free-stream pressure, Pa 
Uoc = free-stream velocity, m s. 


The dissociation specific enthalpy Hd of air is 

Hd = CoHo + CnHn, J/kg 


(C-38) 


(C-39) 


(C-40) 


(C-41) 


(C-42) 


(C-43) 


where 

Co — mass fraction of oxygen, dimensionless 

C'n — mass fraction of nitrogen, dimensionless 

Ho — 15.135IX10^ J kg, specific dissociation enthalpy of oxygen 

//n = 33.62111X10*’ J kg, spec ific dissociation enthalpy of nitrogen. 
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C-3.2 LEES' HEMISPHERICAL DISTRIBUTION, LAMINAR FLOW 

Lees' heating distribution over a sphere for an ideal gas in laminar flow is 


20sin0 


~Q^ 


1 - 


1 




lcos‘0 + 


1 


yMi_ 


hs 




■, dimensionless 


(C-44) 


where 


- isiim+ i-cos(4e)j 

-\ - - —[e* — 0sin(20) + ^ ~ dimensionless (C-45) 

7 ^/' L 2 J 

Q,s = stagnation heat flux. W nr 

Its = stagnation (oinec tion luat transfer coefficient, \V m'-R 
M = Mat h number, dimensionless 
7 = liee-stream specific heat ratio, dimensionless 
6 = local body angle, rad 

where the subscript s denotes the stagnation condition determined by any suitable method, e.g., 
Fay-Riddell. 


C-3.3 DETRA-HIDALGO HEMISPHERICAL DISTRIBUTION, TURBULENT FLOW 

The Detra and Hidalgo heating distribution over a sphere for an ideal gas in turbulent flow is 


Q = (H„., - 

\Pr '/\x/\ fic ) 
fl + 0.58 (—ll, \V nr 

L VHr/J 


where ' is e\aluatecl by 


/(6)° “ = iA,S\ dimensionless 


(C-46) 


(C-47) 


wheie the .i, are gi\en in i able C-i. and 


6 = TT 2 — 6, body slope, rad 


(C-48) 


where' 

\ = running length frc>m nose stagnation point, m 
II = total specific enthalpy, J kg 
//o» = spec ific adiabatic wall enthalpy, J kg 
8 = IcKal bexly slope, rad 

/u, = absolute dynamic \ isccjsity evaluated at edge of boundary layer, N*s 
p. = density of air at edge cjf boundary laser, kg m’ 

6 = angular distance around a sphere from stagnation point, rad. 


m‘ 
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TABLE C-1. COEFFICIENTS OF EXPANSION FOR 

m''- 



toi 6 <i l 2’> ilt ' v ’ 

ti)i 6 ^ 2’' lU si 

t 

/ 

.1 

1 

1.037.)3 

0.96451 

2 

0.0043776 

0.01107 

3 

-0.6187 X 10' 

0. S 12,* x *>8 X 10' 


C-3.4 ECKERT LAMINAR FLAT PLATE HEATING METHOD 

Eckert's laminar flat plate heating expression for the convection heat transfer coefficient hps 


h,= 


3768 / p*u.. \ 

Pr~ ' / 


(p. \V 


111*’A' 


(C-49) 


where 

Re = p*=u.\ p*. Reynolds number evaluated at relerence conditions, dimensionless. The reter- 
ence conditions are obtained from the reference specific enthalpv /y*and the edge pressure p.. 
p* — dciisity of an based on reference entiialpy. kg m 
p* = absolute dynamic viscosity evaluated at leference enthalpv. N*s m* 

Tm — Mangier transformation, dimensionless 


and 


H* = H, = OMH. - He) + 0.22 {Ha.- He), J kg 


(C-50) 


where 

He — specific enthalpy at edge of boundary layer. J kg. 

For geometries other than a flat plate, the dimensionless Mangier transformation r„,. mav be interpreteil as 
Tm = 1. for a flat plate 
Tm — 2. for a cylinder 
Tm = 3, for a cone. 

C-3.5 MODIFIED SPALDING-CHI METHOD 

The modified heating calculations due to Spalding and Chi refer to real-gas heat transfer for a turbulent 
boundary layer flow. 

Cary (Ref. 25) investigated a large body of skin-friction and heat-transfer data (two-dimensional and 
conical) obtained in high-speed wind-tunnel flows to evaluate which of the more promising engineering 
prediction methods most accurately and consistently correlates the data. 

Cary's general approach was to compare flat-plate experimental data with analytical prediction 
methods and to transform the data to the incompressible plane (according to each prediction scheme) and 
then to compare the transformed data with classical incompressible predictions. The Spalding and Chi 
method, using Von Karman-Reynolds analogy, was shown to give the best predictions based either on 
length or momentum thickness Reynolds number when the proper virtual origin was specified. 

The dimensionless parameters F, , Fro, and F/?^, respectiv ely, are used to transform from the imc ompres- 
sible flow skin-friction coefficient C/,. incompressible momentum thickness Reynolds number Ree,. and 
incompressible length Reynolds number Rei,, to corresponding compressible v alues as follows: 
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C/, = (l 2)fcC/. dimensionless 

(C-51) 

= Fr/Ic^, dimensionless 

(C-52) 

Rcli = FriRcl, dimensionless 

(C-53) 


where 

C/ = compressible skin-friction coefficient, dimensionless 
Re^ = local compressible Reynolds number based on momentum thickness 6, dimensionless 
/\r/. — local compressible Reynolds number based on length L, dimensionless. 

These parameters are functions of Mach number, ratio of wall-to-total enthalpy, and recovery factor 
only. The parameters T, Fr^ F/?^are calculated using Eqs C-54 through C-58 as follows: 


C = 




, dimensionless 


where 


ZT = l(H, p..), KiRef. 21) 
pc = pressure at edge of boundary layer. Pa 
Tc = temperature at edge of boundary layer, K 

^ LctLiui* uiiiiciiMUiiiCb^ 

Zc = compressibility factor based on boundary layer edge conditions, dimensionless 
d- = differential increment of velocity ratio, dimensionless 

Uc 


(C-54) 


(C-55) 


H — Hh + (Ha^v ~ H^,)\ 


(Haw He) 


.J 


f,, , dimensionless 

— Fr^ Fc, dimensionless. 


(C-56) 

(C-57) 

(C-58) 


I he (ompressible skin-frit tion c oeffic ieni C/and Stanton number St are calculated using Eqs. C-59and 
lespet liwiy. 


10 

1 2)CVC = (1 2)exp< 1 A, 

\i=i 


, |ln 

( L \ ’’w /J) 


Fr^ } ), dimensionless (C-59) 


ST = -, dimensionless 

2FS 


(C-60) 


where 


•S — inveise of the \ on Karman-Reynolds Analogy Factor, a factor showing the similarity between 
the nansptJi t of mass, heal, and momentum, dimensionless 


and the A, values, found in I'al)le C-2, are constants. 
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TABLE C-2. COEFFICIENTS FOR THE 31 MODIFIED SPALDING-CHI METHOD 


{ 

1 

1 

9.280863.') 

‘) 

-4.7310218 


6.68 .>8663 X10“ 

1 

-4.1876614X10“- 

3 

—.>.30.> L>77X 10 ■ 

6 

2.8367291X10“' 

7 

-2.1249608X10“' 

8 

8.0162000X10"' 

0 

-l..')90t.H98.')X10 ' 

10 

-1.32363.>0X10“ 


C-3.6 LAMINAR CIRCUMFERENTIAL HEATING ON A YAWED CYLINDER 

The method presented here is the Beckwith and Gallaglier laminar windwaid t ire umteiential lieating 
calculations for a cylinder. The con\ection heat transfer coefficient h, at some t ircumferential angle d is 
related to the Fay-Riddell stagnation line coinection coefficient h,. as follows s: 



(C-61) 

and the modified Newtonian pressure p is 

= 1 — /^^{cos dr H. dimensionless 

ps \ps) p. 


\\heie 

6 = angular distance around c \ linder Ironi stagnation line in a jilane noi nial to i \ liiuli i a\is. rati 
ps = stagnation line pressure. X m: 

By use of E(}s. C-61 and Ci-62. the Itx al stagnation line heat iransler toeffic ient i.iiio ma\ lie t oinputetl lor 
a range of 0< 80 deg. The P'ay-Ritltlell stagnation line comet tion toeffit ient is etpial to0.707 times the 

P'a\-Riddell stagnation point convection t oeffit lent. Lhe stagnation point tomeition toeflit ient is 
prot ided by Eq. C-37b. 
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C-3.7 TURBULENT STAGNATION LINES HEATING ON A YAWED CYLINDER 

The Beckwith and Gallagher turbulent, real-gas yawed cylinder stagnation line heat flux is 

hs. = 0.0323 

where 

K-v)!"'-’' 

list = siagnation line con\ection heal transfer coefficient, VV/m'*K 
r.,/ = radius of t ylinder, in 
V = distante from stagnation line, m 
A yaw (sweep) angle, rad 

and the superscript indicates that the parameters are to be evaluated at Eckert's reference enthalpy and 
edge presssure (see par. C-2.4). 

A second method of stagnation line heating estimation is the method of Sayano and Greenwald. The 
method is based on the Fay-Riddell spherical stagnation heating q,, described in par C-2.1. The method is 
defined by the empirical relationship 

—j(sin^A) + cos'^^A, dimensionless (C-65) 
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Q.\=o — 0.707 Qfr, VV/in‘ 


(C-66) 


Q,, = stagnation heat flux on a yawed cylinder, \V in’ 

OfR = Fay-Riildell spherual stagnation point heat flux, \V in' 
Qj,, = flat plate heal flux, W in' 

Q\=o = c ylinder heat flux at zero sweep (zero yaw), W in'. 
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INDEX 


A 

Accelerations 
angular, 7-42 
axial, 7-43 
normal, 7-42 
Accuracy, 4-4 

Accuracy computation, 4-48 
Accuracy trade-offs, 2-14 through 2-16 
Aerodynamic 
coefficients, 5-7, 5-9 
axial force, 5-8 
drag, 5-8,5-43,5-44 
lift. See Normal force 
normal force, 5-10 
pitching moment, 5-10 
restoring moment, 5-7 
forces, 5-10 
axial, 5-8, 5-13, 5-57 
drag, 5-8, 5-43 through 5-56 
lift. See Normal force 
magnus, 5-43 
nonlinear, 5-40, 5-41 
normal, 5-7 
heating, C-18, C-19 
stability 

dynamic, 5-41, 5-42 
margin, 5-7 through 5-10 
static, 5-7 through 5-10 
Aerodynamic testing, 5-67 through 5-72 
free flight, 5-67 
rocket sled, 5-67 
wind tunnel, 5-67 through 5-72 
Aerodynamically stabilized free rockets, 1-1 
Aerodynamics, system design, 7-29 through 7-32 
nonlinear. See Nonlinear aerodynamics 
Aging 

propellant, 7-68 
Aiming 
control of, 8-4 
active, 8-4 
passive, 8-4 
hybrid, 8-4 
definition, 8-1 
Airborne launchers, 8-10 
Airload distributions, 5-57, 5-67 
axial force, 5-57 
cone-cylinder, 5-57 
cone-cylinder-boattail, 5-57 
cone-cylinder-flare, 5-57 
ogive-cylinder, 5-57 
normal force coefficient gradient, 5-57 
Air, thermodynamic properties, C-19, C-20 
Air-to-Surface Rockets, 1-5 


Allocated baseline, 2-24 
Angle-of-attack. See Fig. 5-2 
average, 5-25 
effective, 5-25 

Area ratio, 6-18, 6-19, 6-20, 6-29, 6-42 
Arming, definition, 8-15 
Aspect ratio, 5-15 
definition, 5-15 

Auxiliary devices, system design considerations, 
2-19 through 2-21 
Axes 
body, 5-7 
stability, 5-7 
wind, 5-7 

Axial force, 5-8, 5-13, 5-57 

B 

Ballistic coefficient, 4-22 
definition, 3-5 
eqn., 3-9 

variation, 2-14, 2-15 
Bourrelet, definition, 8-14 
Bending, system design, 2-17 
Bending moment, 7-27, 7-28 
Biaxial factors, 7-51 
Boattails, 5-9, 5-12, 5-47, 5-53 
Bodies of revolution, 5-10 
Body geometry in aerodynamic heating, C-19 
Booster mass ratio, p, 3-4, 3-17 
Bore-rider, definition, 8-14 
Boundary layer, 5-68, 5-69, C-19 
Burning rate, 6-10, 6-11, 6-29, 6-36, 6-38, 6-42 

C 

Caliber, 5-10, 7-12 
Canards, 5-27 
Case thickness, 7-75 
Carriage 
upper, 8-2 
lower, 8-2 

Center of gravity, 5-3, 5-8, 5-9, 7-13 
Center of pressure, 5-3,5-7,5-9 
total rocket, 5-22 

Characteristic exhaust velocity, 6-6, 6-46, 6-49 
Chi-square statistic, 4-57 
Circular probable error, definition, 4-58 
Classes of rockets, 1-1 through 1-4 
Closure 
design, 7-30 
flat, 7-53 
mass, 7-76 

Combustion instability, 6-32, 6-39 
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Committee on Extension of the Standard Atmosphere 
(COESA), A-4 

Committee on Space Research (COSPAR), A-3 
Component constraints, in comcept selection, 2-4, 2-5 
Compressibe flow skin friction, C-22, C-23 
Computer codes 

design programs, B-1 through B-6 
heat transfer, C-5 

Concept selection, 2-1 through 2-2, 2-4 through 2-7 
Contact conductance, C-8 
Conduction, C-6 
spherical model latitudinal, C-13 
Confidence intervals, definition, 4-57 
Configuration management, 2-28 
Container launcher, 8-5 
defined, 8-15 
Continuity equation, 6-12 

Control of launch accuracy. See Aiming, control of 
Cure temperature, 7-35 
Cylinders, C-5 
Cylindrical 

anial heat conduction model, C-8 
circumferential heat conduction model, C-8 
coordinates, thermal modeling, C-6 
heat Convection model, C-9 
heat radiation model, C-9 
radial heat conduction model, C-6 
segment, in thermal modeling, C-8 
thermal storage model, C-5, C-6 

D 

Deflection error probable, definition, 4-60 
Degree of freedom, definition, 8-12 
DeLaval. See Nozzle 
Density, atmospheric, A-2 through A-6 
measureing devices, 2-19, 2-20 
reationship, 6-17 through 6-18 
Design, process, the four steps, 2-24 
documentation, 2-24 through 2-25 
Detent, definition, 8-13 
Dispersion reduction 
definition, 4-24 

Dispersion reduction factor, definition, 4-30 
Drag 

base, 5-43, 5-50 through 5-55 

boattail, 5-51 through 5-52, 5-54 
coefficient, 5-43, 5-44, 5-51, 5-54, 5-55 
fin, 5-55 
flare, 5-51 

power-ff, 5-51 through 5-52 
power-on, 5-52 through 5-54 
ringtail effect, 5-56 
fiction, 5-43, 5-49, 5-50 
system design, 2-12, 2-13 
tatal, 5-55, 5-56 
wave, 5-43, 5-44 through 5-49 
boattail, 5-47, 5-51, 5-52, 5-53 
conical frustum, 5-48 
fin, 5-48, 5-49 
flare, 5-48, 5-49 


forebody, 5-44 through 5-47 
Me'plat, 5-46 
midbody, 5-47 
ogites, 5-45 
split petal, 5-52 
zero lift, 5-43, 5-44 
Dynamic aiming, definition, 4-46 
Dynamic imbalance 
effect of launch error, 4-19 
related to inertias, 4-53 
Dynamic pressure, 5-9, 6-23 
Dynamics system design, 2-14 through 2-17 
simulation, 2-14 
trajectory analysis. 2-14 

E 

Earth radius, local equivalent, A-3 
Edge pressure, C-19, C-21, C-22 
Effective exhaust velocity, 6-6 
Enthalpy, 6-15 through 6-17, 6-32. See also Specific 
enthalpy 

dissociation, C-20 
reference, C-22 
Equations of motion 
six degree of freedom, 4-49, 4-51 
three degree of freedom, 4-53 
pitch plane, 4-54 
linearized, 4-22, 4-54 
Equation of state. See Ideal gas equation 
Erosion. See Nozzle erosion and Erosive burning 
(coefficient, 6-36 
Erosive burning, 6-32, 6-36 
Errir budget, in system design, 2-16 
Error source, definition, 4-5 
Error sources 

ballistic phase, 4-5, 4-11 through 4-14, 

4-22, 4-23 

boost phase, 4-5, 4-9 through 4-11, 4-22 
effects of, 4-14 through 4-17 
launch phase, 4-5, 4-7, 4-8, 4-17 
prelaunch phase, 4-5, 4-6, 4-17 through 4-21 
preliminary design, 2-2, 2-6, 2-7, 2-14 through 2-16 

Errors 

bias, 2-14, 4-5 
precision, 2-14, 4-5 
random, definition, 4-5 
Exhaust impingement, 8-16, 8-17 
Expansion deflection nozzle, 6-21 
External configuration, 5-1 through 5-9 
bodies of revolution, 5-10 
necked-down centerbody, 5-13 
nose cylinder, 5-11, 5-12, 5-13 
noses. See Eorebody configuration 

F 

Eailure 
brittle, 7-61 
ductile, 7-61 
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composite. 7-61 
in propellant grains. 7-68 

Field and artillery meteorological acquisition system 
(FAMAS), 2-20 

Filament wound motors, 7-51, 7-52, 7-60 
Fin-body gaps, 5-27 
effect of, 5-27 

Fineness ratio, 5-7, 5-12, 7-12 
definition, 5-13 
high fineness ratio, 5-13 
Finite difference equations, C-5 
Fins, 5-8, 5-9, 5-14 through 5-17, 5-22 through 5-26 
aspect ratio, 5-14, 5-15 
coplanar, 5-14, 5-15 
cruciform, 5-14, 5-24 
drag. See Drag, base and Drag, wave 
launcher considerations, 8-18 
stowing, 8-18, 8-19 
structural analysis, 7-56 
structural design, 7-37 
tangential, 5-14, 5-16 
taper ratio, 5-16 
thickness ratio, 5-16 
triform, 5-14 

wraparound (WAF), 5-14, 5-16, 5-17 
Firing table, typical contents of listed, 4-6 
Flared afterbody, 2-12, 2-13, 5-53, 5-54 
solid, 5-17, 5-18, 5-47, 5-48 
split petal, 5-18, 5-47, 5-48, 5-52 
Flat plate, C-19, C-22 
Flight phases, 4-5 
Flow visualization, 5-70, C-19 
interferometry, 5-70 
Schlieren, 5-70, C-19 
shadowgraph, 5-70, C-19 
Forced convection, C-18, C-19 

Forebody configuration, 5-11, 5-12, 5-44 through 5-47 
cones, 5-11,5-45,5-46 
flat face, 5-45, 5-46 
oversize heads, 5-13 
parabolic, 5-45 
power series, 5-45 
secant ogive, 5-12,5-45,5-46 
spikes, 5-12, 5-47 
tangent ogive, 5-11, 5-12, 5-46 
volumetric efficiency, 5-8, 5-46 
Fractures, 7-51 

Free-flight rockets, 1-1,1-4,1-6 
Free-stream flow, definition, 5-9 
Fundamental frequency, 7-78, 7-80 
Functional baseline, 2-2, 2-22, 2-23 
Fuze 

definition, 8-15 
setting equipment, 2-21 

G 

Geometric altitude, A-3 
Geopotential altitude, A-3 
Grain asymmetries, 6-26 


Gravitational constant 
standard sea level. A-3 
local, A-3 

Growth factor, Q, 3-4, 3-19 
Guidance, launcher. 8-18 

H 

Heat transfer, system design, 2-18, 2-19, C-5 
Heating 

aerodynamic, 7-87, C- 18, C-19 
internal, 7-87 
interval, 7-94 
exhaust plume, 7-93 
external, 7-87 
propellant effects, 7-93 
High speed flight, C-19 

I 

Ideal velocity, 3-17, 6-25, 6-47 
Ideal gas equation, 6-11 
Ignition, 6-32 
Ignition systems, 2-20 
Impulse, 2-14, 6-5 

Incompressible flow skin friction, C-22, C-23 
Initial guidance, definition, 8-2 
See also Launcher guidance 
Inspection, structural, 7-106 
Instability, structural, 7-30 
Interference effects, 5-10, 5-22 through 5-26 
body-fin, 5-23 through 5-24 
fin-body, 5-22 through 5-24 
fin-fin, 5-24 through 5-26 
modified fin-fin, 5-26 
total, 5-24 

Internal ballistics, 6-10 through 6-13 
Internal energy. 6-15 through 6-16 
Inter-range Instrumentation Group (IRIG), A-4 
Isentropic flow, 6-13 

J 

Jet clamping, definition, 4-42 
Jet exit Mach number, 5-37,5-52 through 5-54 
Jet momentum flux, ratio, 5-52, 5-53 
Jet pressure ratio, 6-23 
Justification of Major System New Starts 
(JMSNS) 2-1, 2-2, 2-7 

K 

Kill 

mechanisms, 2-9 
probability, 2-8, 7-70 

L 

Laminar circumferential heating, C-24 
Laminar flow heating, methods of calculating, 
C-21 through C-24 
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Launch accuracy 

definition and discussion, 8-20 through 8-22 
estimation, 8-20, 8-21 
Measurement, 8-21, 8-22 
Launcher 
airborne, 8-5 
container, 8-5, 8-15 
non-tipoff, 8-5 
zero length, 8-5 
Launch guidance 
active, 8-18 
definition, 4-16 
passive, 8-18 

Laying and sighting errors, definition, 4-6 
Letter of agreement (LOA), 2-2 
Lewis Number, C-20 
Loads, 7-22 
airload, 7-42 
axial, 7-26, 7-48 
bending moment, 7-47 
center of pressure, 7-42 
dynamic, 7-39, 7-77, 7-84 
flight, 7-25 
launch, 7-25 

long-term static, 7-38, 7-77 
repeated, 7-38 
shear, 7-43, 7-44 
short-term static, 7-38, 7-77 
transportation and handling, 7-25 
ultimate, design, 7-22 
Lug 

definition, 8-13 

M 

Mach number, 5-4, C-20, C-21, C-23 
See also Jet exit Mach number 
definition, 5-4 
critical, 5-44 

wind tunnel test ranges, 5-68 
Magnus effects, 5-43 
force, 4-44, 5-43 
moment, 5-43 
Mallaunch, definition, 4-7 
Mangier transformation, C-22 
Manufacturing techniques, 7-62 
Marching restraints, definition, 8-2 
Mass, 7-9, 7-42 
Lumped, 7-78 
mass and cost, 7-64 
mass and size stimating, 7-70 
ratio, 6-25, 6-47 
Materials, 7-79 through 7-62 
alloy steels, 7-60 
aluminum, 7-60 
glass fiber, 7-60 
insulations, 7-94, 7-95 
maraged steels, 7-60 

motor design considerations, 6-13, 6-15, 6-34 
paper phenolics, 7-61 


selection, 7-59, 7-96 
strip wrap, 7-61 

system design considerations, 2-17 
titanium, 7-60 

Maximum expected operating pressure, 6-34, 6-48 
Mean, 4-56 

Method of characteristics, 6-20 
Mission objective, 2-3 through 2-5, 2-7 
Modulus 
equilibrium, 7-33 
bulk, 7-66 
Moments, 5-10 
destabilizing, 5-22 
induced roll, 5-16, 5-17 
pitching, 5-7, 5-20 

pitching moment gradient, 5-10, 5-20 
roll, 5-16, 5-17 
Moment of inertia, 7-22 
mass, 7-40 

parallel axis theorem, 7-22 
roll moment of inertia, 7-22 
Monte Carlo technique, 2-7, 4-48 
Motor, system considerations. See also Propulsion 
case design, 7-29 
case thickness, 7-30 
design, 2-11, 2-12 

performance characteristics, 2-11, 2-12 
physical characteristics, 2-11 
propellants, 2-12 

N 

Necked-down center body, 5-13 
Newtonian pressure, C-19, C-24 
Nonlinear aerodynamics, 2-13, 5-7, 5-40 through 5-41 
Nontip-off launcher, definition, 8-5 
Normal force, 5-10 
boattail, 5-47 
coefficient gradient, 5-10 
flare, 5-8 
noses, 5-10 

nose cylinders, 5-11 through 5-12 
Nose-cylinder configuration, 5-11 through 5-12 
Nose shapes, 7-9. See also Forebody configuration 
ogives, 7-11 
Parabolic series, 7-9 
Power Series, 7-9 
Sears-Haack series, 7-13 
Von Karman, 7-13 
Nozzle, 6-13 through 6-24 
alignment, 6-15 
analysis, 6-39 through 6-43 
angle correction factor, 6-19 
cost, 6-13, 6-15 
DeLaval, 6-15, 6-19 
design, 6-13, 7-31 
erosion, 6-22, 6-23, 6-28 
expansion factor, 6-17 
materias, 6-13, 6-15 
Nusselt Number, C-19, C-20 
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O 

Ogives, 5-11, 5-12, 5-44 through 5-46, 7-11 
equations for, 5-45, 5-46 
secant, 5-11, 5-45, 7-11 
tangent, 5-11, 5-12, 5-45, 5-46, 7-11, 7-12 
Oversized heat configurations, 5-13 

P 

Parametric studies, in concept selection, 2-5, 2-6 
in system validation, 2-23 
Payload, rocket, 7-70 
structure, 7-36 
volume, 7-71 

Payload, warhead, rocket preliminary design 
considerations, 2-8, 2-9 
Performance, definition, 3-3, 3-4 
estimates, 2-19 

parameters in concept and selection, 

2-5 through 2-7, 2-19 
Pitch roll resonance, 5-42 
Plane-strain analysis, 7-54 
Planform area, 5-9, 5-20 
definition, 5-9 
effective, 5-25 
exposed fin, 5-20,5-25 
Plug nozzle, 6-21 

Plume effects, 2-11, 5-9, 5-28, 5-37 through 5-40, 
6-23,6-43 

simulation, 5-39 through 5-40 
Poisson's ratio, 7-66 
Postshock, C-19 
Precision errors, 2-14 
Preliminary design phase, 2-2, 2-7, 2-8 
Pressure, aerodynamic 
base, 5-28, 5-37 
dynamic, 5-9 
free-stream, 5-9 

Pressure, atmospheric, A-2 through A-6 
Pressure, nozzle 
internal, 7-54 
jet, 5-52 through 5-54 
plateau, 5-37 
Probability of hit, 4-61 
Probable error, 4-56, 4-57,4-60 
Program requirements baseline, 2-22, 2-23, 2-24 
Propellant 
case bonded, 7-59 
grain support, 7-32, 7-33, 7-59 
mass, 7-72 

mass fraction, 3-4, 3-19, 6-34, 6-47, 7-77 
preliminary design, 2-12 
types, 2-12 

viscoelastic behavior, 7-59 
volume correction factor, 6-31, 6-32 
volumetric loading, 7-72 

Propulsion, preliminary design, 2-10 through 2-12 
burning, thrust/time profile, 2-10 
energy management, 2-10, 2-11 


plume effects, 2-11, 6-43 
solid propellant, 2-10, 2-12 
Protuberances, 5-56, 5-57 


R 

Radial displacement, 7-50 
Radial thrust coefficient, 5-38 through 5-39 
Range error probable, 4-60 
Reaction principle, 6-6 
Reference area, 5-9, 5-19 through 5-21 
Reference length, 5-9, 5-20, 5-21 
Reference point, 5-20, 5-21 
Required Operational Capability (ROC), 2-3 
Requirements, in preliminary design, 2-3, 2-4 
Reynolds number, 5-50, C-20, C-22, C-23 
definition, 5-50 
test matching, 5-68 
Ringtails, 5-8, 5-9, 5-14, 5-18, 5-19 
Roberts' law, 6-36, 6-42 
Rocket flexibility, effect on launch, 8-22 
Rocket propulsion systems, 6-4 
Rocket support, definition, 8-13 
Roll dynamics, 5-42 
breakout, 5-42 
equilibrium, 5-42 
induced, 5-16 through 5-17 
lock-in, 5-42 

moment, 5-16 through 5-17 
torque, 5-17, 5-42 

Roll moment, 5-16 through 5-17, 5-42 
induced, 5-16 through 5-17 
Roll resonance, 4-40, 5-42 

S 

Sabot, 8-14 
Safety, 6-35 
factors, 7-68 
margin, 7-69 

Sample drag calculation, 5-56 
tables for, 5-57 through 5-66 
Sample stability calculation, 5-28 
tables for, 5-29 through 5-36 
Scaling, 5-68, 5-69, 6-44 through 6-48 
Scarf nozzle, 6-24, 6-43 
Schlieren, C-19 
Shipping containers, 2-21 
Shoe, 8-13 

Shrinkage, propellant cure, 7-34, 7-68 
Simulation 
in system design, 2-14 
in system integration, 2-28 
Six degree of freedom trajectory program, 2-6 
Skin friction coefficient, C-22, C-23 
Slowly Uniformly Decreasing Spin (SUDS), 4-36 
Solid propellant, 6-7, 6-8 
composite double base, 6-8, 6-10 
composite (heterogeneous), 6-8, 6-11 
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double base (homogeneous), 6-8, 6-11 
rocket, 6-7 

Sound speed, as function of virtual temperature, 

A-3, A-4 
velocity, 6-17 

Specific enthalpy, C-19, C-20 
Specific heat 

constant pressure, 6-15, 6-17 
constant volume, 6-15 
specific heat ratio, 6-15, 6-17 
Specific impulse, 3-17 through 3-19, 

6-5, 6-6, 6-28, 6-29 
Specifications, baselines, 2-22, 2-23 
general requirements and characteristics of, 2-24 
Spherical 

convection, conduction, radiation models, C-10 
through C-18 
stagnation point, C-19 
thermal modeling, C-5, C-10 
Spin, 4-27 through 4-41, 8-17, 8-18 
Spin-Buck, 4-38 
Spin stabilized free rockets, 1-1 
Stability 

conbustion, 7-33 

complete configurations, 5-19 through 5-22 
dynamic, 2-13, 5-41 through 5-42 
margin, 5-7, 5-8, 5-10 
margin definition, 5-10 
plume effects, 5-27, 5-28, 5-38, through 5-39 
static, definition, 2-13, 5-9 
structural, 7-30 
tailoring, 5-26 through 5-27 
transonic increase, 5-27 
Stabilizing devices, 5-8, 5-14 through 5-18 
boattails, 5-12 
fins, 5-14 through 5-18 
flares. See Flared afterbody, solid 
ringtails, 5-14, 5-18, 5-19 

split-petal flares. See Flared afterbody, split petal 
Stagnation, condition, 6-11, C-20, C-21 
line, C-24 
point, C-20, C-24 
Standard deviation, 4-56 
Stanton number, C-23 
Static condition, 6-11 
Static margin, 2-13 
effect on dispersion, 4-43 
effect on wavelength of yaw, 4-10 
Statistical methods, 4-56 
Student's t-statistic 

used to determine confidence interval for the mean, 
4-57, 4-58 
Strain 

endurance, 7-68 
mechanical, 7-33 
thermal, 7-34 
Stress, 7-49, 7-50 
hoop, 7-50 
meridional, 7-50 


Stress-strain, 6-24, 6-34, 6-35, 6-41, 6-48, 6-49 

Structural discontinuities, 7-50 

Structural sizing, system design considerations, 

2-17, 2-18 

Subsystem design optimization, 2-19 
Surface-to-air rockets, 1-5 
Surface-to-surface rockets, 1-5 
Sweep angle, 5-16 
leading edge, 5-16 
trailing edge, 5-16 
System design, phases, 2-1 
System development phase, 2-3 
System integration, 2-8, 2-21, 2-22, 2-28 
System selection, 2-7 
System specification, 2-2, 2-7, 2-8, 2-22 
System validation phase, 2-2, 2-3, 2-23, 2-28 

T 

Temperature, atmospheric, A-2 through A-6 
control devices, 2-20 
relationship, 6-17, 6-18 
sensitivity, 6-12, 6-13 
virtual, A-3 

Temperature-time shift factor, 7-66 

Test planning, 2-23 through 2-28, 5-67 through 5-70 

Testing 

aerodynamic. See aerodynamic testing 
environmenal, 2-25 
flight, 2-26, 2-27 

propulsion, 6-27, 6-28, 6-48 through 6-51 
static, 2-25 
structural, 7-106 

system validation phase, 2-25, 2-28 
wind tunnel, 2-26. See wind turmel testing 
Thermal 

analysis, 7-68, 7-97 
coefficient of expansion, 6-34, 6-49 
conductivity, 6-34, 6-49, C-6 through C-10 
modeling, C-5 
network analysis, C-5 
protection, 7-31, 7-86, 7-94, 7-96 
storage, 7-33 
strain, 7-34 
stress, 7-33, 7-55 
Thrust, 64, 6-5 
chamber, 6-24 
coefficient, 5-37, 6-6, 6-49 
misalignment, 2-14, 2-15 
Tip-off, 4-7, 8-5 
Total impulse. See impulse 
Trajectory analysis, in system design, 2-14, 2-15 
Transformation factors, C-22 
Trim, 5-42 
angle, 5-42 
definition, 542 
Turbulance, A-9 
flow, C-19, C-22, C-25 
stagnation line, C-24, C-25 
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Two dimensional flow field, C-19 

U 

Unbilical 

definition, 8-13, 8-14 
functions, 8-14, 8-15 

V 

Vapor pressure, A-2 
Variance, 4-56 

f'chicle shapes, heat transfer, C-19 
Vibration, system design, 2-17 
Virtual temperature, A-3 
Von Karman-Reynolds analogy, C-22, C-23 
Van Karman nose shape, 7-13 

W 

Warhead 

blast fragmentation, 2-9 

fleshettes, 2-9 

penetration, 2-9 

performance characteristics, 2-9 

physical characteristics, 2-9, 2-10 

rocket preliminary design, 2-7 through 2-10 

sating, arming, fuzing, 2-10 

self-forging, 2-9 


Wavelength of yaw. See Yaw oscillation distance 
Weight, 6-24 

Wetted area, definition, 5-49, 5-50 
Wind, A-7, A-8, A-9 
measuring devices, 2-19, 2-20 
shear, A-8 
speed, A-7, A-8 

Wind tunnel testing, 5-67 through 5-72 
boundary layer control, 5-68 through 5-69 
dynamic tests, 5-70, 5-71 
flow visualization, 5-70 
instrumentation, 5-67, 5-70 
jet plume simulation, 5-71, 5-72 
model design, 5-68, 5-69 
model scale, 5-68 through 5-69, 5-70 
model support, 5-69, 5-71, 5-72 
rocket plume effects, 5-71 through 5-72 

Y 

Yaw of repose, 4-14 

Yaw oscillation distance, 4-7 

Yawed cylinders, heat transfer, C-19, C-25 


Z 

Zero-length launcher, 8-5 
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